r 


AD-A040  012 


UNCLASSIFIED 


ARMAMENT  DEVELOPMENT  «NO  TEST  CENTER  EGLIN  AFB  FLA  F/6  17/7 

PROCEEDINGS  OF  THE  BIENNIAL  GUIDANCE  TEST  SYMPOSIUM  C8TH)  HELD  — ETC(U) 
MAY  77 


A0TC-TR-77-3-V0L-1 


NL 


ix 

*.  • — 

1 - 

• • 

j 

s 

1 

1 — 

1 

jpj  1 

J- 

L 

i 

1 

Tvi  m 

J. 

It 

1 

L . 

\ 

| 

i 

1 

1- 

RH|  ■ 

jMRWt;  . 

§ 

. 

L 

1 

1- 

•,\Jl 

I 

r 

* 

— — 

.‘^CLASSIFIED 

|TV  Cl  AltinrATlAk 


SECURITY  'CLASSIFICATION  OF  THIS  RAGE  Dote  Entered) 


REPORT  DOCUMENTATION  PAGE 

READ  INSTRUCTIONS 
BEFORE  COMPLETING  FORM 

1 NCPONT  NUMOCN  2.  GOVT  ACCESSION  NO 

adtc  tr  77-3  (Vol  I)  ^ 

3 RECIPIENT'S  CATALOG  NUMBER 

* T . TLC  (and  Sobrltlo) 

Eighth  Guidance  Test  Symposium  Proceedings 

£j2  -t-  X _ „ 

5.  TYPE  OF  REPORT  6 PERIOD  COVERED 

Symposium  Proceedings 

6 PERFORMING  ORG  REPORT  NUMBER 

TR  77-3  (Vol  1) 

1 AUTmORHJ, 

1 1 -A. 

As  indicated  on  individual  papers. 

• CONTRACT  OR  GRANT  NUMBER/#) 

• PERFORMING  ORGANIZATION  NAMC  AND  ADDRESS 

6585th  Test  Group/GD  * 

Holloman  AFB,  New  Mexico  88330 

10  RROGRAM  ELEMENT.  PROJECT.  TASK 
AREA  6 WORK  UNIT  NUMBERS 

• 1.  CONTROLLING  OPPlCC  NAMC  ANO  ADDRESS 

6585th  Test  Group/GD 

Holloman  AFB,  New  Mexico  88330 

12.  REPORT  DATE 

Hay  1977 

11.  NUMBER  of  PAGES 

_Z22 

U MONITORING  AOInCY  NAMC  A ADORCSSf/f  dltlonnt  tram  Controlling  Olllco) 

IS.  SECURITY  CLASS.  (0 1 tble  report) 

Unclassified 

15«.  oeclassification  downgrading 
SCHEDULE 

16  DISTRIBUTION  ST ATCMCN T (0 1 <#»!•  Report) 

DISTRIBUTION  statement  a j 
Approved  foi  public  release;  | 

Distribution  Unlimited  , 

It  sumlementarv  hotci 


19  KEY  WO  AOS  (Continue  m r*m««  el4o  II  NNNNqi  and  Identity  by  block  number) 

Gyroscopes,  accelerometers,  modeling,  guidance,  Inertial,  navigators 


u 


AOSTA  ACT  (Continue  on  roeoroo  el  4m  M nommeoory  mn4  I4mntlty  by  block  number) 

These  proceedings  contain  papers  included  in  the  Eighth  Biennial  Guidance  Test 
Symposium.  This  symposium,  hosted  by  the  Central  Inertial  Guidance  Test 
Facility,  is  directed  toward  the  exchange  of  Information,  stimulation  of  new 
ideas,  and  discussion  of  recent  developments  In  the  field  of  guidance  testing. 
The  papers  presented  in  these  proceedings  Include  such  topics  as  aircraft 
inertial  navigators,  strapped-down  guidance  systems,  component  evaluation,  and 
analysis  techniques.  The  included  papers  were  those  presented  in  the  \, 

^ | V 


00  i jZTn  1473 


COITION  or  I NOV  ••  It  OOtOLCTC 


UNCLASSIFIED 


SBCUNIT  V CLASSIFICATION  OP  THIS  NAG*  fMim  Dal.  Entered) 


VOLUME  I 


■ 


FOREWORD 


i 

* 


The  Eighth  Biennial  Guidance  Test  Symposium  was  held  at  Holloman 
Air  Force  Base  11-13  May  1977.  These  symposiums  are  hosted  by  the 
Central  Inertial  Guidance  Test  Facility  (CIGTF).  These  meetings  bring 
together  approximately  **50  people  from  industry,  educational  institu- 
tions, foreign  governments,  the  Department  of  Defense,  and  other 
Government  agencies.  The  goal  is  to  provide  a forum  for  the  exchange 
of  technical  information  and  the  stimulation  of  new  ideas  related  to 
the  testing  of  guidance  systems  and  components. 

Many  excellent  papers  were  received  for  presentation  at  this 
meeting,  but  due  to  the  time  available  only  a portion  of  those 
submitted  could  be  included.  The  Paper  Review  Committee,  headed  by 
Dr  Fred  F.  Kuhn  of  the  Central  Inertial  Guidance  Test  Facility, 
included:  Colonel  Robert  S.  Ziernicki,  HQ  USAF ; It  Col  James  W.  Cox, 

Air  Force  Armament  Laboratory;  Major  Dino  Lorenzini,  Space  and 
Missile  Systems  Organization;  Dr  Harold  L.  Pastrick,  US  Army  Missile 
Command;  Mr  William  Laubendorfer , Aeronautical  Systems  Division; 

Mr  Thomas  E.  Sanders,  Naval  Air  Development  Center;  Mr  Nick  Schneider, 
Naval  Weapons  Center;  Colonel  Leonard  R.  Sugerman,  USAF  (Retired), 
Physical  Science  Laboratory,  New  Mexico  State  University;  and 
Mr  Duane  R.  McKanna  (Retired),  formerly  of  HQ  USAF. 

In  addition  to  those  listed  above  and  the  contributing  authors, 
a large  number  of  people  contributed  to  the  success  of  this  meeting; 
and  I wish  to  express  my  appreciation  to  each  for  his  efforts.  Any 
suggestions  you  may  have  for  future  such  meetings  may  be  given  to  me 
or  our  Symposium  Manager,  Mr  Fred  P.  Ray,  Jr. 

This  document  is  published  only  for  the  exchange  and  stimulation 
of  ideas.  Its  publication  does  not  constitute  Air  Force  approval  of 
the  document's  findings  or  conclusions. 

;(l  i"  ■ •">  H • -s 

RICHARD  H.  BOIVIN,  Lt  Col,  USAF 
Director,  Guidance  Test  Division 
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ABSTRACT 

These  proceedings  contain  papers  included  in  the  Eighth 
Biennial  Guidance  Test  Symposium.  This  symposium,  hosted  by 
the  Central  Inertial  Guidance  Test  Facility,  is  directed 
toward  the  exchange  of  information,  stimulation  of  new  ideas, 
and  discussion  of  recent  developments  in  the  field  of  guidance 
testing.  The  papers  presented  in  these  proceedings  include 
such  topics  as  aircraft  inertial  navigators,  strapped-down 
guidance  systems,  component  evaluation,  and  analysis  tech- 
niques. The  included  papers  were  those  presented  in  the 
unclassified  sessions  of  the  symposium.  Papers  presented  in 
the  classified  portion  of  the  meeting  are  being  published  as 
Volume  I I . 
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I.  INTRODUCTION 


The  state-of-the-art  in  guidance  systems  technology  has  been  advancing 
at  an  incredible  rate.  The  ever  increasing  accuracy  of  the  systems  now 
being  developed  is  challenging  our  ability  to  test  their  accuracy.  Me  are 
faced  with  the  task  of  investing  considerable  time,  effort  and  resources  in 
the  development  of  adequate  test  facilities  or  to  develop  alternate  tech- 
niques which  allow  system  evaluation  with  existing  facilities.  In  particular, 
the  high  speed  sled  test  track  at  Holloman  Air  Force  Base,  New  Mexico,  is 
the  best  surveyed  and  best  instrumented  facility  available  for  testing  pre- 
cision inertial  guidance  systems.  Yet  systems  now  being  designed  will  sur- 
pass the  accuracy  of  the  track  reference  system  if  all  the  design  goals  are 
met.  One  technique  proposed  to  overcome  the  gap  in  accuracy  is  dual-system 
sled  testing. 

Dual-system  testing  implies  the  testing  of  two  (usually  identical) 
systems,  one  against  the  other,  in  order  to  determine  the  accuracy  of  both. 
Such  an  approach  trades  sophistication  of  equipment  for  sophisticated 
analysis.  Although  considered  feasible  for  some  time,  a detailed  study  of 
dual-system  testing  parameters  and  effectiveness  is  required  to  validate  its 
practicality. 

It  is  expected  that  dual-system  testing  will  generate  solutions  for  error 
coefficients  which  could  not  be  recovered  using  conventional  test  methods 
unless  the  accuracy  of  the  reference  system  can  be  improved  by  two  or  more 
orders  of  magnitude.  There  is  no  intent  to  suggest  all  development  of 
reference  systems  should  cease;  only  that  we  may  be  able  to  extract  adequate 
information  about  the  systems  without  requiring  the  classic  minimum  of  one 
order  of  magnitude  superiority  of  reference  instrumentation  over  test  system. 

The  purpose  of  this  study  was  to  demonstrate  the  practical  aspects  of 
dual-system  testing  and  to  develop  the  analysis  tools  required  to  implement 
such  a concept.  The  study  was  limited  to  the  coefficient  recovery  process 
while  recognizing  other  significant  problem?  need  addressing  before  the 
concept  can  become  a procedure.  A secondary  purpose  was  to  identify  addi- 
tional topics  which  must  be  addressed. 

The  approach  used  in  the  study  was  based  on  digital  simulation.  Although 
the  system  models  were  kept  as  general  as  possible,  the  numerical  computa- 
tions used  values  typical  of  the  next  generation  Minuteman  Guidance  System 
(MX).  Where  actual  values  were  not  available,  an  "educated  guess"  was  made 
based  on  recent  developments  in  component  technology.  Two  systems  were 
simulated  under  the  influence  of  a typical  rocket  sled  acceleration  profile; 
the  resultant  outputs  were  then  used  as  inputs  to  the  dual -system  analysis 
procedure  in  order  to  recover  original  error  coefficients.  These  steps  are 
defined  more  precisely  in  the  next  section. 
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II.  DEFINITION  OF  THE  PROBLEM 
A.  Acceleration  Profile 

The  first  task,  that  of  defining  a typical  sled  acceleration  pro- 
file, was  hampered  by  the  non-technical  problem  of  there  not  beina  a typical 
profile.  Each  test  program  with  its  unique  hardware  and  unique  test  ob- 
jectives also  has  a unique  acceleration  profile.  The  profile  selected  was 
typical  of  a Minuteman  II  sled  test  program  on  the  assumption  the  MX  guidance 
system  would  not  be  too  much  different.  The  selected  profile  was  represented 
by  52  straight  line  segments  of  the  form 

a i ( t ) = aoi  + a.t,  i = 1 , 2 , . . . , 52. 


This  form  is  a compromise  between  a larger  number  of  segments,  higher  order 
polynominal  segments,  and  computation  time  vs  accuracy.  A plot  of  the 
acceleration  profile,  along  with  the  resultant  velocity  and  position,  is 
presented  in  Figure  1.  Mote  that  in  addition  to  matching  an  actual  sled 
test  profile  in  acceleration,  velocity,  and  position  the  coefficients  were 
adjusted  to  maintain  continuity  in  acceleration. 

3.  Error  Equations 

The  basic  simulation  of  the  system(s)  to  be  tested  was  accomplished 
in  the  velocity  error  domain.  The  velocity  error  observed  by  the  system 
includes  errors  due  to  the  SFIR  (Specific  Force  Integrating  Receiver,  i.e. 
accelerometer),  SFIR  misalignments,  platform  misalignment  and  platform  drift 
due  to  TGG  (Third  Generation  Gyro)  errors.  These  are: 


Av  = rk.f.+s  v -r  v 
x xj  xj  pxz  y xy  z 

* Vy  - "yvz 

* (/ay*Zdt)x  - <''Vydt>x 
4vy  " £kyjfyj  * Vz  ' eyzv* 


* Vz  - Vx 


+ (/Vxdt)y  - (^Vzdt)y 
lvz  = rkzjfzj  + <Vx  ■ llzxvy 


+ a V - u V 
y x xy 

+ ('vydt)z  - (^yxdt)z 
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FIGURE  1.  ACCELERATIO:,',  VELOCITY  AND 
DISTANCE  OF  SLED  VS  TIME 
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jtJl  coefficient  of  the  SFIR  sensing  in  i-direction 
jth  sensitivity  function  of  the  i-SFIR 


ijVk 


Vk 


(/a^dt)  • 


component  of  k-velocity  sensed  by  the  i-SFIR  due  to 
its  misalignment  around  the  j-axis 

component  of  k-velocity  sensed  by  the  i-SFIR  due  to 
platform  misalignment  around  the  j-axis 

component  of  k-velocity  sensed  by  the  i-SFIR  due  to 
TGG  platform  drift  <j>  around  the  j-axis 


The  gyro  drift  rates  are  modeled  up  through  second  order  acceleration 
sens i ti vi ties . 

*x  ■ CFx  * Dxlax  - DxOay  ' DxSaz  * DxIIax2 

+ Dx(iOay2  + 0xSSaz2  ' DxIOaxay  " DxISaxaz 
* °x05ayaz 


DF  + D Ta  - D ra  - D ca  + D T7a 
y yl  y yC  z yS  x y 1 1 y 

2 2 

+ 0 ,,„a  + D - D Ina  a - D Tr-a  a 

yOO  z ySS  x y 10  yz  yIS  x y 

+ D ^a  a 
yCS  x z 


DFz  + Dzlaz  ‘ DzOdx  " DzSay  + DzIIaz 
2 2 

+ D + D cca  - D TOa  a - D Tca  a 

zOO  x zSS  y zIO  x z zIS  z y 


+ DzOSaxay 


In  the  above,  x,  y,  z refer  to  the  platform  axes  or  more  precisely 

the  gyro  associated  with  that  axis;  I,  0,  S refer  to  the  Input,  Output  and 

Spin  axes  of  the  gyro  and  a , a , a denote  acceleration  in  the  indicated 

x y z 

platform  axis.  These  gyro  drift  equations  are  modified  to  account  for  drift, 
compensation  during  "prel aunch-cal ibration" . Specifically,  the  terms  such 
as  DxIUx)  and  DxSS(az2)  are  replaced  with  DxJ (ax  - gx)  and  Dx$s(azz  - g^) 

where  gx  and  gz  are  the  x-  and  z-  components  of  gravity.  At  the  launch 
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pad  gx  = 0 by  definition  of  the  local  tangent  plane  and  az  = gz>  Clearly 

DxSS^az  ~ van^shes  at  launch  pad.  Note  that  gz  varies  along  the 

track  and  gx  grows  proportional  to  Dx/R  where  Dx  is  distance  along  track 

and  R is  the  earth  radius.  Both  variations  are  assumed  small  compared  to 
the  nominal  input  for  the  respective  axis. 


The  assumed  error  model  for  the  SFIR  includes  bias,  scale  factor 
error,  and  input  axis  and  cross  axis  non-linearities.  Note  a linear  cross 
axis  sensitivity  is  indistinguishable  from  SFIR  misalignment. 

Incorporation  of  the  above  component  error  models  into  the  system 
error  model  results  in  the  set  of  equations  depicted  in  Figures  2,  3,  and  4. 
These  equations  containing  48  unknown  coefficients  represent  the  error 
model  for  but  one  of  the  systems  under  test.  For  dual-system  test  simula- 
tion it  is  necessary  to  combine  two  such  sets  of  equations,  one  for  each 
system,  in  such  a way  that  the  differenced  output  leads  to  a solution  for 
the  unknown  coefficients  of  each  system.  This  is  the  problem  of  defining 
a consistent  set  of  platform  orientations. 

C.  Platform  Orientations 


The  platform  orientations  have  a very  significant  effect  on  the 
accuracy  of  the  results,  number  of  sled  runs  required,  and  computational 
effort  required.  One  scheme  is  to  rotate  one  platform  45  degrees  about  the 
down-track  (x)  axis  to  place  an  equal  component  of  gravity  in  the  y-  and  z- 
axes.  This  effects  recovery  of  more  TGG  coefficients  per  run,  however  due 
to  high  correlation  of  the  inputs,  the  accuracy  of  the  coefficients  is 
greatly  reduced. 

Afte~  considerable  trial  and  error,  the  following  scheme  for 
selecting  platform  orientations  was  selected  (Table  1).  Each  orientation 
has  two  axes  in  the  local  tangent  plane  (LTP),  that  is,  all  rotations  are  0, 
+90,  or  180  degrees.  Reserving  x,  y,  z for  platform  axes  and  using  1,  2,  3 
to  denote  down-track,  cross-track,  and  vertical,  the  group  code  xly2z3 
represents  a platform  orientation  with  x down-track  (fore  or  aft),  y cross- 
track (right  or  left),  and  z vertical  (up  or  down).  Clearly,  in  order  to 
maintain  a right-handed  coordinate  system  only  two  may  be  selected  independ- 
ently. Thus  group  1,  code  xly2z3  contains  2x2=4  orientations,  each  system 
can  be  positioned  in  6x4=24  unique  orientations,  and  two  systems  present 
24x24=576  possibilities.  Fortunately  not  all  are  required  to  obtain  a 
solution. 


The  approach  to  defining  the  required  orientations  was  to  look  for 
a set  which  would  effectively  extract  SFIR  coefficients  assuming  no  TGG 
errors.  This  leads  to  the  selection  of  pairs  of  parallel  and  anti-parallel 
orientations  with  each  axis  along-track.  Any  such  set  of  six  orientation 
pairs  will  identify  the  24  SFIR  coefficients  and  misalignment  errors  in  the 
absence  of  TGG  errors.  The  presence  of  gyro  errors  may  camouflage  results 
somewhat  requiring  the  selection  of  alternate  orientations. 
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’ DxO^/azvydt  ’ yaztdt>  ‘ DxS^/azvzdt  ' 9/aztdt) 
+ DxII(/a/axdtdt  - gx/aztdt) 

+ DxSS(/az/azdtdt  - gz/aztdt) 

* DxOO(/Vaydtdt  ‘ 9y/4ztdt) 

- ‘>xI0(JV4x4ydtdt  - gxgy/a2tdt) 

- °xIS(/WZdtdt  ‘ Waztdtl 
+ DxOS(/az/ayazdtdt  ‘ 9y9z/aztdt) 


- DFz/axtdt  - DzI(/axvzdt  - gz/axtdt) 

+ CzO(/axvxdt  - Vaxtdt>  + DzS^axvydt  * Vaxtdt) 

- D2n^ax/azdtdt  " 9z/axtdt) 

‘ DzSS(/ax/aydtdt  ‘ yraxtdt) 

• DZ00</Vaxdtd'  ’ 9x/axtdt> 

* °ZIO(/ax/aXaZdtdt  - Vz/axtdt> 

+ DzIS(/ax/aya zdtdt  ’ 9y9z/axtdt^ 

- °ZOS(/ax/axaydtdt  - Vyraxtdt> 

FIGURE  3 

SYSTEM  Y-AXIS  VELOCITY  ERROR  MODEL 
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,aZ*xdt 
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Drift 

Error 

-/ax$zdt 
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avz  ■ kzo‘  * kzlvz  * kz2/azdt  * kz3/(ax  * ay)dt 

* (ezy  * °y>\  -,(8zx  + ax)vy 

+ DFy/axtdt  + DyI^/aXVydt  ‘ 9y/axtdt} 

' °yO(/Vzdt  - Wdt>  ' DyS(/axv«dt  ' Vaxtdt> 

* °yll</ax/aydtdt  ‘ V'axtdt> 

* DySS</ax/axdtdt  • 9x/axtdt> 

* °yOO(/ax/azdtdt  ‘ 9z/axtdt) 

' DyIO(/axfVzdtdt  " 9y9z/axtdt) 

- °ylS(/Vaxaydtdt  - Waxtdt) 

* DyOS</ax/axazdtdt  ‘ Vz/axtdtl 

- DF/ydt  - OxI(/ayvxdt  - 9„/aytdt) 

+ Dxo^/ayvydt  " gy/aytdt^  + DxS^/ayvzdt  ’ gz/aytdt^ 

- Dxll(/ay/axdtdt  ■ gx/aytdt) 

- DxSS(/ay/a^dtdt  - g*/aytdt) 

- DxOO(/ay/aydtdt  • gy/aytdt) 

+ DxIO(/ay/axaydtdt  ' 9x9y/aytdt) 

+ DxIS(/ay;axazdtdt  " 9x9z/aytdt) 

■ DxOs(;Vayazdtdt  ■ 9y9z/aytdt) 

FIGURE  4 

SYSTEM  Z-AXIS  VELOCITY  ERROR  MODEL 


Gyro 

Drift 

Error 

'Vydt 


Gyro 

Drift 

Error 

-/ay}xdt 
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ORIENTATION 

GROUP 


ORIENT 

NO. 


STATIONS  (DEGREES) 
AZ  PITCH  ROLL 


GROUP  CODE 


I 

X1Y2Z3 

1 

0 

0 

0 

2 

180 

0 

0 

3 

180 

180 

0 

4 

0 

180 

0 

2 

X1Y3Z2 

1 

0 

0 

90 

2 

0 

0 

- 90 

3 

180 

0 

- 90 

4 

180 

0 

90 

3 

X2Y1Z3 

1 

- 90 

0 

0 

2 

' 90 

0 

0 

3 

- 90 

0 

180 

4 

90 

0 

180 

4 

X2Y3Z1 

1 

90 

0 

90 

2 

- 90 

0 

90 

3 

- 90 

0 

- 90 

4 

90 

0 

- 90 

5 

X3YIZ2 

1 

0 

- 90 

- 90 

2 

0 

- 90 

90 

3 

0 

90 

90 

4 

0 

90 

- 90 

6 

X3Y2Z1 

1 

0 

90 

0 

2 

180 

90 

0 

3 

0 

- 90 

0 

4 

180 

- 90 

0 

TABLE  1. 

LTP  AXES 

ROTATION 

SCHEME 
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Some  rules  for  selection  and  subsequent  adjustment  of  orientations 
are  as  follows:  The  orientation  for  system  1 and  system  2 may  but  need  not 

necessarily  be  from  the  same  group  (Table  1).  Within  its  group  there  are 
4 orientations  for  each  system  allowing  the  choice  of  1 in  16  orientations 
once  the  groups  are  selected.  Within  a group  the  same  set  of  coefficients 
is  always  excited,  only  the  sign  of  the  excitation  differs. 

D.  Simulation  Set-Up 

Although  primarily  a tool  in  this  study,  the  dual-system  simulation 
is  an  essential  element.  The  major  simulation  steps,  depicted  in  Figure  5 
are  as  follows:  The  acceleration  profile  is  integrated  to  obtain  velocity 

and  again  integrated  to  obtain  sled  position.  Separate  coordinate  transfor- 
mations (T-j  and  T^)  are  applied,  one  for  each  system.  Thirty-six  sensitiv- 
ity functions  are  generated  in  the  system  coordinate  frame.  The  sum  of  the 
products  of  error  coefficients  and  sensitivity  functions  is  formed  and 
transformed  Dack  into  tne  LTP  coordinate  system.  Finally,  the  differences 
in  error  functions  are  output  from  the  simulation  and  constitute  inputs  to 
the  coefficient  recovery  algorithm. 

hote  only  the  vertical  and  down-track  error  functions,  denoted  Dvz 

and  Dvx  are  differenced.  The  cross  track  components  vy-| , vv/2  sensed  by  the 

two  systems  are  processed  as  single-system  test  data  which  "has  some 
advantages  in  the  coefficient  recovery  process. 

III.  ERROR  COEFFICIENT  RECOVERY 

A.  Cross  Track  Data 


The  basit  premise  of  dual -system  testing  is  to  form  the  difference 
of  two  systems'  outputs  to  eliminate  errors  of  the  reference  system.  How- 
ever, the  cross-track  velocity  is  precisely  known  to  be  zero  plus  the 
integral  of  Coriolis  effects.  Therefore,  there  is  little  advantage  to 
differencing  cross-track  outputs  and  furthermore,  coupling  of  coefficients 
which  results  from  conoining  the  output  of  two  systems  may  actually  be 
avoided. 

Consider  the  case  with  both  systems  orientated  x down-track,  y cross- 
track, and  z vertical -down,  (Group  1,  Orientation  3,  Table  1).  Then  the 
cross-track  output  is  precisely  as  given  in  Figure  3 for  Avyl  and  Avy2«  The 

output  error  Av  , is  fit  in  the  least  squares  sense  to  the  coordinate  func- 

t y 2 

tions  of  time,  t,  down-track  velocity,  v^-p  and  /aDTdt,  that  is 
Avyl  = Y01-t  + Y1 1 • vpT  + Y3WapTdt 

Comparison  with  the  equation  of  Figure  3,  ignoring  gyro  terms,  and  recognizing 
v2  = 9-t.  v = vDT,  / a^dt  = /a^ydt,  and  f a|dt  = g’t  leads  one  to 
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Y01  = ky01  + (3yxl  + axl)g  + ky 31 9 


Y 1 1 = - 

Y 31  = k 


( S , + u , ) 

' yzl  zr 


A similar  set  exists  for  system  2,  y-axis.  The  coefficients  are  beginning  to 
emerge. 

3.  SFIR  Coefficients 

A similar  process  is  followed  in  the  down-track  and  vertical 
directions  fitting  to  the  differenced  error  data  Dvx  = Av^  - avx2  and 

Dvz  = avz1  - avz2  derived  from  Figures  2 and  4,  respectively.  The  results 

are: 

X0  = kx01  ‘ kx02  + (‘6xyl  + 8xy2  ' ayl  + ay2)g 


xo  = 

1 

o 

X 

-X 

kx02 

+ <Kx31 

- k 

XI  = 

kxll  - 

kxl2 

X2  = 

1 

CVI 

X 

-X 

kx22 

ZO  = 

kz01  ' 

kz02 

Z3  = 

kz31 

l(z32 

,l2)g  + (kz2i  - kz22)g' 


We  are  now  faced  with  selecting  the  orientations  for  the  second 
sled  test  which  will  aid  in  separating  the  above  coupled  coefficients. 
Specifically  we  seek  to  reverse  the  sign  of  the  terms  of  system  2 along  the 
x and  z axes,  exciting  the  same  coefficients.  We  must  select  both  orienta- 
tions from  group  1.  If  orientation  3 is  again  selected  for  system  1, 
orientation  2 (group  1)  must  be  selected  for  system  2.  The  simulation  is 
repeated  and  resultant  errors  fit  to  the  same  coordinate  functions  of  time, 
down- track  velocity,  and  /a^dt.  The  corresponding  equations  are 


kx01  + kx02  + (:*yl 
+ *kx31  + kx32)g2 
'kxll  + kxl2 
kx21  + kx22 


6 „ + a , - a „)g 
xy2  yl  y2/y 
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Y01  ' 

— 

ky01  + 

(Syxl  + “xl)g  + ky31g 

Y02  ’ 

* 

ky02  + 

(lyx2  + ax2^9  + ky32g 

Yir 

= 

" (eyzl 

+ azl} 

Y1 2 ' 

s 

’ ^yz2 

+ az2) 

Y31  ' 

= 

ky31 

Y32 ' 

s 

ky32 

ZO' 

= 

kz01  + 

kz02  + (kzll  ' kzl2)g 

Z3 ' 

= 

kz31  + 

kz32 

By  inspection  of  these  and  the  previous  set  of  equations  it  is  easily  seen 
that  the  signs  of  the  coefficients  are  as  required  for  separation,  except 
the  equations  for  XI  and  XI1  provide  no  additional  information  for  the 
separation  of  k^  and  k^.  Likewise,  the  equations  for  ZO  and  ZO ' contain 

a double  sign  reversal  making  separation  not  completely  possible.  Further- 
more, since  platform  misalignments  may  be  expected  to  vary  from  sled  test  to 
sled  test,  the  equations  containing  these  terms  are  not  entirely  useful. 

Selection  of  additional  pairs  of  dual-system  sled  orientations  with 
y-axis  down-track  and  then  a pair  with  z-axis  down-track,  six  sled  runs  in 
total  provides  sufficient  information  to  extract  all  coefficients  except 
explicit  scale  factor  errors. 

The  reason  scale  factor  errors  are  always  obtained  as  the  difference 
in  coefficients  can  be  explained  as  follows:  Neglecting  bias  and  non- 

linearities,  the  output  of  any  instrument  can  be  related  to  its  input  by  the 
relation 

out  = ^[in] 

We  determine  a measure  of  the  input  quantity  by  multiplying  the  instrument 
output  by  the  appropriate  scale  factor,  SF.  Suppose  our  knowledge  of  the 
scale  factor  is  in  error  by  the  amount  k^-SF,  i.e.,  we  use  ( 1 +k^ ) • S F instead 

of  SF,  then  our  measurement  is  given  by 

meas  = in  + k.|  • [in] 

Using  two  instruments  to  sense  the  same  input: 

meas1  = in  + • [in] 
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in  + k^'Ein] 


meas^  = 

Differencing  to  eliminate  the  input  gives 

meas1  - meas^  = (k^  - k^)-[in] 

If  instrument  1 is  a test  specimen  and  instrument  2 is  a precision  reference, 
then  k.|2  <<  and  mea$2  = ref  = in,  therefore 


meas-j  - ref  = k-^Cref] 

If  the  available  reference  is  of  insufficient  accuracy  or  the  instruments  are 
nearly  identical  the  above  is  not  useful.  We  are  led  to  a second  test  of  the 
instruments  with  one  of  the  sensors  reversed,  say  #2,  then: 

meas^  = in  + k^  • [in] 


meaS2  = -in  + k^  [-in] 

Summing  to  eliminate  the  input  yields 

meas1  + meas2  = (k^  - k^J’tin] 

which  still  provides  a difference  in  scale  factor  error.  Note  this  algebraic 
sum  is  really  a numerical  difference  since  meas2  * -in  = meas^ . 


A remedy  to  the  separation  problem  is  to  look  at  the  ratio  of 
measurements  as  well  as  sums  and  differences.  Consider 


R = 


meas2  1 + k^ 


meas 


1 


T~rr 
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from  which 


Ml 


_ 1 


- R . k12 

■r~  + nr 


Suppose  we  have  XI  s k^  - k^  computed  from  the  difference  of  measurements 
then,  with  some  algebra 


XI 


1 - R , *12  v 
R “IT  12 


M2 


XI R 

T“TT  - 1 


and 


Ml 


XI 


- 1 
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In  practice  it  is  expected  that  the  ratio  R will  be  computed  from 
pre-  and  post-run  calibration  data  where  neglecting  higher  order  non-linear 
terms  is  a reasonable  approximation.  Even  so,  the  value  of  R may  be  close 
to  1 causing  great  difficulty  in  estimating  k^  and  k^. 

C.  TGG  Coefficients 


The  procedure  for  recovery  of  gyro  coefficients  is  not  unlike  the 
procedure  for  recovery  of  SFIR  coefficients  and  in  fact  is  carried  out 
simultaneously.  As  with  the  SFIR  coefficients,  certain  gyro  coefficients 
appear  explicitly  in  the  solution,  notably  DF,  Djj  and  Dqq,  and  are  recover- 
able from  single  sled  tests.  The  remainder  appear  in  combination  with  like 
coefficients  of  its  dual -system  and  therefore  require  judicious  choice  of 
system  orientations  for  satisfactory  isolation. 

The  platform  orientations  previously  selected  for  recovery  of  SFIR 
coefficients  is  the  starting  point  for  TGG  coefficient  recovery.  The  first 
observation  is  that  the  down-track  and  vertical  dual -system  error  functions 
contain  common  terms  due  to  drift  of  the  horizontal  (cross-track)  gyro; 
therefore,  only  the  down-track  and  cross-track  errors  will  be  analyzed. 

Recall  sled  test  one  has  both  systems  orientated  x-axis  down-track 
z-axis  down.  Fitting  the  function  /aztdt  = v^t  - Sz  to  the  error  Dvx  derived 

from  the  equation  in  Figure  2 yields 

GX1  = - DFy-j  + DFy2 

Fitting  the  function  /a^dt  yields 

GX2  = DySl  ' DyS2  + ( DyOS 1 ' DyOS2* 9 
where  the  identity  / a /a  a dtdt  = g/a  v dt  has  been  used.  Fitting  to 

r\  Z X Z Z X 

/a^ajdtdt  yields 


GX3 


'DySSl  + DySS2 


The  cross  axis  terms  are  evaluated  separately  as  single  system 

data  would  be  processed.  In  order  to  reduce  correlation  of  the  sensitivity 

functions  which  leads  to  an  ill-conditioned  least  squares  matrix  the  following 

observations  are  made:  fa  tdt  = v t - S and  fa  v dt  = qS  both  contain 

x x x z x 3 x 

terms  proportional  to  Sx>  therefore  instead  of  fitting  to  /axtdt,  the  function 
v t alone  is  used.  Then  S is  used  only  once  in  the  fitting  process  greatly 
reducing  the  correlation.  The  same  arguments  apply  to  /aytdt  and  /aztdt. 

However  in  the  vertical  direction  v t will  yield  only  one-half  the  expected 

2 z 12 
coefficient  since  vzt  = gt  , whereas  faz tdt  = ^gt  . 
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Following  the  above  procedure  the  six  tests  identified  as  appropri- 
ate for  SFIR  coefficient  recovery  provide  information  on  the  TGG  coefficients 
defined  in  Tables  2a,  2b,  and  2c.  Note  the  column  headings  correspond  to 
Table  1 group  designation  followed  by  the  orientation  number  for  system  1 
and  system  2,  separated  by  a conrna. 


Our  inspection  of  the  table  reveals  all  60  TGG  coefficients  have 
been  excited  but  several  are  still  coupled.  The  next  task  is  to  identify 
additional  tests  which  will  aid  in  separation  of  coefficients.  In  particular, 
the  following  coefficients  cannot  be  separated  (i  = x,  y,  z). 


D 

- D 

- D 


i SSI 

DiSS2  in  6X3 

ill 

- Di IS1 g in  GY31 

iOl 

- Diioi9  in  GY41 

as  well  as  three  of  the  four  terms  in  GX2. 

Additional  information  can  be  obtained  from  additional  t^sts  in 
orientations  within  the  same  groups  in  order  to  specifically  excite  the 
same  coefficients.  The  following  orientations  are  selected. 

SYSTEM  1 SYSTEM  2 

GROUP  ORIENTATION  ORIENTATION 

1 1 3 

5 1 3 

4 1 3 

The  solutions  found  from  these  additional  sled  tests  are  as  follows: 


From 

GP1 : 1,  3: 

GX2 

* 

- 

DySl  " DyS2  + 

(DyOSl  ' ^yOS2^9 

GX3 

• 

+ 

DvSSl  + °ySS2 

GY  31 

s 

- 

Dxll  + DxISl 9 

‘ DFzl/9 

GY  41 

= 

+ 

Dz01  + DzI01 9 

From 

&05:  1,3: 

GX2 

= 

- 

DzSl  ‘ DzS2  + 

(+  DzOSl  ’ DzOS2^9 

GX3 

s 

+ 

DzSSl  + °zSS2 

GY31 

* 

- 

Dy I 1 + DyISl9 

- DFxl/9 

GY41 

s 

+ 

Dx01  + DxI01 9 

■■■■■■ 


TABLE  2a 

GYRO  COEFFICIENTS  RECOVERABLE 
FROM  SLED  TESTS  1 AND  2 (SCHEME  1) 


TABLE  2b 

GYRO  COEFFICIENTS  RECOVERABLE 
FROM  SLED  TESTS  4 AND  5 (SCHEME  1) 


GYRO  COEFFICIENTS  RECOVERABLE 
FROM  SLED  TESTS  7 AND  8 (SCHEME  1) 


From  GP4:  1 , 3: 


GX2 

DxSl 

" °xS2  * *DxOSl  ' Dx0S2 

GX3 

= + DxSSl 

* DxSS2 

GY  31 

= Dzll 

* 0zISl9  ' DFyI/9 

GY41 

= + Dy01 

* DyI019 

The  GYnl  terms  above  apply  to  system  1.  There  are  an  equal  number  of  GYn2 
terms  for  system  2. 

2 

Processing  the  above  equations  leaves  six  q -terms  still  coupled. 
Three  additional  tests  are  required  to  separate  these  coefficients.  The 
required  orientations  are: 

SYSTEM  1 SYSTEM  2 

ORIENTATION  ORIENTATION 


GP3: 1 
GP6 : 4 
GP2:1 


GP4 : 1 
GP1  :1 
GP5:1 


With  these  orientations,  the  following  equations  are  obtained,  respectively: 


GX2  = 

"Dx01 

- °xS2  * 

( DxOSl 

+ Dx0S2 

GX2  = 

0 

1 

- DyS2  * 

(DyOSl 

+ DyOS2 

GX2  = 

_Dz01 

■ DzS2  + 

(0zOSl 

+ °z0S2 

It  would  appear  that  recovery  of  these  coefficients  are  rather 
expensive,  requiring  three  additional  runs  to  separate  six  additional  coeffi- 
cients. In  fact,  these  runs  also  provide  substantiating  data  on  coefficients 
already  extracted,  thereby  substantiating  their  validity. 

D.  Pate  of  Recovery 

Although  there  are  several  factors  usually  considered  in  the 
efficiency  of  a computational  algorithm,  in  the  case  of  dual-system  sled 
testing  the  principal  factor  is  nunfcer  of  sled  runs.  Several  schemes  for 
selecting  dual-system  orientations  were  investigated.  These  schemes  differ 
in  the  sequence  of  runs  using  the  same  set  of  orientations.  The  results  of 
the  various  schemes  are  displayed  in  Figure  6.  It  can  be  seen  scheme  1 has 
a higher  recovery  rate,  however,  the  total  number  of  runs  required  to 
recover  all  coefficients  is  the  same  for  both  schemes. 
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I ■ * “ 

I 

1 Scheme  1 


Scheme  2 


t 1 ' 1 1 1 1 1 1 1 1~ 

1 2 3 4 5 6 7 8 9 10  11  12 

FIGURE  6a.  NUMBER  OF  SFIR  COEFFICIENTS 

RECOVERED  VS  NUMBER  OF  SLEO  RUNS 


Scheme  1 

Scheme  2 


T 

1 


T 


2 3 4 5 


~i r 

6 7 


T 1 1 1 t — 

8 9 10  11  12 


FIGURE  6b.  NUMBER  OF  TGG  COUPLED  COEFFICIENTS 
RECOVERED  VS  NUMBER  OF  SLED  RUNS 
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E.  Smallest  Recoverable  Coefficients 


Errors  propagating  into  the  coefficients  estimated  from  dual -system 
testing  are  the  result  of  systematic  and  random  errors.  Systematic  errors 
arise  mainly  from  inadequate  or  improper  modeling  and  by  imperfections  of 
computational  algorithms.  These  error  sources  are  disregarded  in  this  study. 
Random  errors  consist  of  probabilistic  errors  propagated  into  the  solution 
by  the  least  squares  fitting  process,  and  the  uncertainty  of  coupled 
coefficients  propagated  by  the  coefficient  separation  process. 


Least  squares  fitting  results  in  a coefficient  uncertainty, , in 

the  ith  coefficient  determined  by  or.  = ((LS)T^o^  where  LS  is  the 

Li  i res 


least  squares  matrix.  It  was  assumed  the  dominant  noise  in  system  measure- 
ments is  SFIR  servo  loop  noise  having  a value  of  0.003  ft/sec  for  a single 
system  (cross-track)  and  using  ore$  = .003»^  ft/sec  = .00424  ft/sec  for 

dual  system  data.  The  resulting  coefficient  uncertainties  are  strongly 
dependent  on  the  correlation  of  functions  used  in  the  fitting  process. 

Highly  correlated  functions  result  in  large  uncertainties  in  the  coefficients 
associated  with  both  functions. 


The  separation  of  coupled  coefficients  may  be  viewed  as  a process 
of  matrix  inversion.  That  is,  the  set  of  equations  relating  error  model 
coefficients  to  least  squares  fit  coefficients  being  a set  of  linear  equations 
can  be  represented  in  matrix  form:  AX  = B,  X = the  vector  of  error  model 

coefficients,  B = the  vector  of  fit  coefficients.  The  solution  X = A_1B 

-1  2 1/2 

also  describes  the  propagation  of  errors:  o . = [A  oD].'  . 

XI  D 1 

Some  typical  results  are: 


SFIR  Bias 

SFIR  Scale  Factor 

SFIR  Non-linearity 

T66  g-sensitivity 

2 

TGG  g -sensitivity 


kxO  = 

• 99ug 

kxl  = 

.95  ppm 

kx2  = 

.16ug/g2 

DyS  = 

.037  deg/hr/g 

DylO  = 

.045  deg/hr/g 

Although  there  are  60  coefficients  it  is  not  necessary  to  invert  a 60x60 
matrix  either  for  the  solution  or  for  error  propagation.  In  practice  2x2 
or  3x3  partitions  may  be  used  for  both  steps. 


The  benefit  of  dual-system  testing  in  the  form  of  reduced 
uncertainty  in  the  recovered  coefficients  depends  on  the  quality  reference 
system  we  are  trying  to  overcome.  The  ratio  of  coefficient  uncertainty 
from  dual-system  results  to  the  uncertainty  from  single  system  recovery  is 
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If  the  system  and  reference  are  equally  accurate,  no  advantage  is  gained. 
(This  assumes  we  take  care  to  separate  reference  errors  from  system  errors, 
otherwise  we  allow  systematic  errors  to  accumulate.) 


IV.  CONCLUSIONS 


The  investigation  of  dual -system  sled  tests  leads  to  the  following 
conclusions : 

Valid  procedures  exist  for  recovering  error  coefficients  from  dual- 
system  tests. 

The  dual -system  approach  is  applicable  to  down-track  and  vertical 
directions.  Cross-track  data  should  be  evaluated  by  applying  standard 
single-system  procedures. 

Six  properly  chosen  sled  tests  yield  24  SFIR  coefficients  (6  SFIRs) 
and  12  misalignment  angles. 

Twelve  (six  additional)  tests  yield  60  gyro  drift  coefficients  (6  TGGs). 
Most  gyro  coefficients  (90%)  are  recovered  after  nine  sled  tests. 

Dual -sys tern  tests  and  single-system  tests  yield,  on  the  average,  the 
same  number  of  coefficients  per  sled  run.  Platform  orientations  selected 
for  dual-system  tests  are  also  applicable  to  single-system  tests. 

Dual-system  tests  require  pre-launch  calibration  data  to  determine  the 
ratio  of  SFIR  coefficients.  Ratios  near  unity  may  prevent  recovery  of  both 
scale  factor  errors.  The  recovery  of  other  SFIR  error  coefficients  and  TGG 
coefficients  are  not  affected  by  this  limitation  should  it  occur. 

Extensions  to  this  study  will  be  required  to  answer  additional  questions 
before  dual -system  sled  testing  is  a practical  test  approach. 

Can  an  external  reference  such  as  space/time  data  be  incorporated  to 
advantage? 

Is  there  a dependence  on  the  acceleration  profile,  and,  if  so,  how  can 
an  advantage  be  made  from  this  dependence. 

What  effect  does  random  vibration  and  relative  motion  between  platforms 
have  on  the  effectiveness  of  dual -sys tern  sled  testing  for  component  error 
coefficient  recovery? 


1 


V. 
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ABSTRACT 

The  testing  and  checkout  of  current  navigation  systems  is 
an  increasingly  complex  task.  The  multiplicity  of  sensor 
subsystems,  the  sophisticated  level  of  navigation  algorithms, 
the  integrated  nature  of  the  system  itself,  all  conspire  to 
decrease  the  direct  observability  of  any  particular  error  source 
which  may  cause  poor  system  performance. 

Extensive  test  standards  and  procedures  have  been  developed 
to  qualify  each  of  the  system  components  prior  to  the  initia- 
tion of  field  testing.  These  tests  normally  entail  driving  the 
system  with  simulated  inputs  or  with  those  inputs  which  can  be 
generated  in  a laboratory  environment.  These  tests  do  not 
provide  a complete  system  checkout  due  to:  1)  possible  lack  of 

fidelity  of  simulator  models  to  the  real  world;  and  2)  failure 
to  exercise  the  full  range  of  possible  environmental  conditions. 

This  paper  attempts  to  develop  a methodical,  generalized 
data  analysis  procedure  for  the  isolation  of  errors  from 
processing  of  flight  test  recorded  data.  A "top-down"  analysis 
of  a generalized  navigation  system  is  outlined.  The  system 
consists  of  one  or  more  sensor  packages  with  appropriate  inter- 
faces, a minicomputer  or  microprocessor,  the  navigation  software 
which  operates  on  the  sensor  data  to  compute  the  navigation 
solution  (position,  velocity,  etc.),  and  possibly,  feedback 
paths  from  the  software  to  the  sensors. 

The  error  isolation  problem  is  then  disassembled  into  two 
functionally  separate  procedures:  1)  analysis  of  the  quality 

of  sensor  output  data,  and  2)  analysis  of  the  processing 
algorithm  performance. 

The  first  procedure  is  implemented  through  resource  to 
optimal  estimation  techniques.  We  define  an  Error  Isolation 
Filter  computer  program  which  analyzes  sensor  performance  and 
provides  a measure  of  the  adequacy  of  postulated  sensor  models. 
As  a by-product,  the  outputs  of  this  computer  program  can  be 
utilized  for  sensor  calibration  or  possibly,  as  a higher 
accuracy  reference  trajectory  for  evaluation  of  real-time  navi- 
gation system  performance. 


This  work  was  sponsored  in  part  by  General  Dynamics  Electronics 
Division,  San  Diego,  California,  under  US  Air  Force  Contract 
F04701-75-C-0001  for  the  development  of  the  Phase  1 NAVSTAR  GPS 
Control  and  User  Segments. 


The  second  procedure  is  implemented  by  a computer  program 
which  executes  the  real-time  software  in  the  post-test 
environment.  We  define  a Post-Flight  Processor  which  is  able 
to  duplicate  the  onboard  processing  by  operating  on  flight 
recorded  data.  This  computer  program  offers  the  ability  to 
analyze  intermediate  computation  variables,  evaluate  the  impact 
of  different  computation  parameters  or  algorithms,  or  introduce 
compensation  for  off-nominal  error  source  performance. 

The  specification  of  variables  to  be  recorded  during  the 
test  flight  flows  naturally  from  the  requirements  of  the  two 
above  defined  computer  programs. 

The  above  outlined  error  isolation  procedures  are 
illustrated  by  application  to  the  Global  Positioning  System  (GPS) 
User  Segment  Test  Program.  We  present  a discussion  of  the  test 
environment,  the  capabilities  incorporated  into  the  data  analysis 
computer  and  the  envisioned  data  analysis  procedure. 


1.  INTRODUCTION 


The  testing  and  evaluation  of  a navigation  system  is  an 
integral  part  of  a new  system  development.  The  test  program 
exhibits  system  design  and/or  implementation  errors,  and 
provides  an  assessment  of  system  performance.  This  latter 
function  would  ideally  include  both  evaluation  of  total  system 
navigation  error  and  quantification  of  individual  significant 
error  sources  for  error  budget  construction. 

We  can  visualize  the  test  program  as  being  divided  into 
three  sequential  phases,  as  defined  in  Figure  1. 


. Test  Planning 

. Error  Isolation  ("shakedown") 
. Performance  Evaluation 


The  test  planning  activity  defines  the  procedures  to  be 
implemented  to  fulfill  the  test  program  objectives.  The  error 
isolation  activity  constitutes  the  first  period  of  actual 
testing  and  is  characterized  by  an  intensive  system  shakedown 
effort,  where  design  deficiencies,  "bugs",  and  component 
malfunctions  are  isolated,  identified  and  corrected.  The  test 
program  then  gradually  moves  into  the  performance  evaluation 
period,  where  uncorrupted  test  data  is  collected  and  analyzed. 

The  usual  approach  to  the  Error  Isolation  process  relies 
on  the  use  of  some  external  reference  data.  The  computed 
navigation  solution  is  differenced  with  a reference  trajectory 
to  generate  error  plots.  An  experienced  analyst  then  "eyeballs" 
the  error  curves,  and  postulates  possible  causes  of  the  observed 
poor  performance.  The  analyst  may  make  use  of  data  processing 
aids  in  his  effort.  He  may  use  a simulator  to  attempt  to 
recreate  the  observed  performance  by  exercising  suspected  error 
characteristics.  He  may  exercise  detailed  data  analysis 
programs  (e.g.,  regression  analysis)  to  attempt  to  quantify 
individual  error  sources.  In  general,  the  analyst  will 
encounter  severe  observability  problems  due  to  data  recording 
limitations  during  the  test  flight  and  to  the  correlation  of 
error  sources  contributing  to  the  total  system  error.  The 
error  tracing  effort  will  usually  be  a tedious  and  drawn  out 
procedure,  absorbing  significant  time  of  senior  experienced 
personnel. 


The  primary  purpose  of  this  paper  is  to  describe  a 
methodical,  generalized  error  isolation  procedure  which  can 
efficiently  lead  to  the  identification  of  the  cause  or  causes  of 
observed  poor  system  performance.  We  will  first  analyze  a 


Figure  1 Test  Program  Phase 


generalized  navigation  system  model.  The  model  will  then  be 
disassembled  into  functionally  distinct  components,  and  the 
analysis  procedures  to  be  applied  to  each  will  be  derived. 
Finally,  we  will  particularize  the  proposed  methodology  by 
illustrating  its  application  to  the  checkout  of  the  NAVSTAR 
Global  Positioning  System  (GPS)  User  Segment. 


2.  ERROR  ISOLATION  PROCEDURE  DEVELOPMENT 


2 . 1 Generalized  Navigation  System  Model 

The  top-level  view  of  the  navigation  system  model  is  shown 
in  Figure  2.  The  system  is  assumed  to  consist  of  from  one  to 
n sensor  subsystems,  a computation  medium,  and  a display  unit. 
For  test  program  purposes,  a tape  unit  would  be  added  to  record 
desired  test  data.  A software  module  is  assumed  to  be  resident 
in  the  computation  medium;  the  module  accepts  data  from  the 
sensors  in  order  to  compute  the  navigation  solution  and 
generates  appropriate  display  and  tape  records.  In  addition, 
the  software  may  "close  the  loop"  by  generating  commands  to  the 
sensors,  as  indicated  by  the  feedback  paths  in  the  figure. 

The  differentiation  between  sensor  and  computation 
medium  is  functional,  rather  than  related  to  hardware  vs.  soft- 
ware, measurement  vs.  computation,  or  other  concepts,  and  the 
boundary  between  these  two  "black  boxes"  will  yield  to  the  test 
procedure  designer's  viewpoint. 


To  illustrate  these  ideas,  consider  an  inertial  navigation 
system  (INS) . We  may  consider  the  INS  to  be  composed  of  three 
different  modules:  1)  the  Inertial  Measurement  Unit  (IMU) , 

with  associated  Power  Supply;  2)  the  Airborne  Computer,  whose 
software  implements  the  INS  navigation  equations;  and  3)  the 
Time  Base  Generator  (TBG) . 

In  one  analysis  approach,  the  IMU  would  constitute 
Sensor  #1,  providing  as  outputs  accelerometer  readings  and 
gimbal  angles.  The  TBG  would  constitute  Sensor  #2,  providing 
time  marks.  The  navigation  software  resident  in  the  airborne 
computer  would  then  combine  these  two  data  sources  to  generate 
the  navigation  solution  and  feedback  signals  to  the  IMU  in  the 
form  of  gyro  torque  commands. 


Figure  2 


Navigation  System  Model 
Top-Level  Diagram 


Alternately,  the  sensor  boundary  could  be  drawn  to 

include  all  three  components.  The  INS  sensor  would  then 
generate  outputs  of  aircraft  position,  velocity,  and  attitude. 
The  sensor  could  constitute  the  navigation  system  by  itself, 
in  which  case  this  analysis  approach  would  view  the  navigation 
software  as  a direct  pass-through  of  display  data.  On  the  other 
hand,  the  INS  outputs  could  be  combined  with  other  sensor 
outputs  in  a further  algorithm,  (e.g.,  Kalman  filter),  which 
would  then  generate  the  navigation  solution,  and,  possible, 
corrections  to  the  INS  computed  solution.  Note  that,  in  this 
case,  the  INS  navigation  equations  and  the  Kalman  filter 
algorithm  could  very  well  be  resident  on  the  same  computer, 
without  obviating  the  chosen  sensor  boundary. 

The  above  error  model  is  included  to  provide  a formal 
structure  in  which  to  treat  the  error  isolation  problem.  The 
following  sections  will  provide  the  motivation  for  drawing  the 
sensor/software  boundary,  and  address  specialized  procedures  to 
be  applied  to  each  component. 

2.2  Functional  Partition 


Modern  estimation  theory  provides  a mathematical  framework 
for  the  development  of  analysis  tools  for  the  evaluation  of 
navigation  system  test  data.  Optimal  filters  and  smoothers  can 
be  designed  which  incorporate  high  order  state  vectors, 
appropriately  modeled  time-varying  error  sources,  and  do  not 
encounter  numerical  difficulties  in  the  presence  of  highly 
correlated  error  sources.  The  application  of  optimal  estimation 
techniques  offers  significant  advantages  over  the  commonly  used 
regression  and  other  analysis  procedures. 

To  apply  optimal  estimation  to  recorded  test  data,  a 
stochastic  linearized  error  model  of  the  form 


x = Fx  + w + u (1) 

must  be  developed  for  the  system  under  test,  where 

x State  vector  comprised  of  all  the  dynamics  and 
static  random  error  sources 

F Fundamental  matrix  of  the  state  differential 
equation 

w White  noise  disturbance  vector 

u Known  deterministic  forcing  function 

This  requirement  defines  the  separation  of  sensor  vs.  software 
components.  Software  errors  tend  to  be  deterministic,  highly 


non-linear  error  sources,  and  would  therefore  not  be  appropri- 
ately represented  by  a model  of  the  form  of  Equation  (1). 

Note  that  the  above  statement  represents  a necessary  but 
not  sufficient  condition  for  component  separation.  That  is, 
if  high  confidence  exists  that  a software  module  represents  an 
errorless  implementation  of  a correct  algorithm  (e.g.,  one 
validated  in  a previous  test  program) , it  may  well  be  included 
within  the  sensor  boundary,  as  long  as  it  does  not  prevent  the 
sensor  performance  from  being  described  by  a model  of  the  form 
of  Equation  ( 1 ) . 

The  component  boundary  specification  is  then  driven  by 
additional  considerations,  such  as 

. Data  accessibility 

. Error  Model  detail 

. Computational  burden,  etc. 

Having  drawn  the  component  boundary,  we  define  two  functionally 
distinct  error  isolation  procedures:  1)  analysis  of  the  quality 

of  sensor  data,  by  application  of  optimal  estimation  techniques 
to  the  sensor  outputs,  and  2)  analysis  of  the  navigation 
algorithm  performance. 

The  two  distinct  procedures  are  implemented  by  recourse  to 
two  data  processing  computer  programs: 

1.  Error  Isolation  Analysis  Filter  (EIAF)  - an  "optimal" 
filter  and/or  smoother  program,  which  combines  the 
sensor  data  with  available  reference  system  data  in 
order  to  generate  "optimal"  estimates  of  operating 
sensor  error  sources. 

2.  Post-Test  Processor  (PTP)  - a program  which  re-executes 
the  operational  system  software  over  the  sensor 
generated  data.  The  availability  of  this  program  allows 
observation  of  intermediate  computation  variables, 
"tuning"  of  algorithm  parameters,  and  evaluation  of 
alternate  computational  modules  using  actual  flight  data. 

From  this  differentiation  of  analysis  procedures,  the  following 
critical  rule  can  be  derived 

"All  dynamic  data  crossing  the  sensor/software 
boundary  is  to  be  recorded  for  post-flight  analysis." 

The  minimum  set  of  flight  recorded  data  is  thus  required  to 
include  all  sensor  outputs  and  all  feedback  signals  sent  from 
the  software  to  the  sensors. 


2 . 3 Error  Isolation  Analysis  Filter 


The  EIAF  combines  sensor  data  with  available  reference 
data  in  a high  order  filter/smoother  to  generate  "optimal" 
estimates  of  the  sensor  operating  error  sources.  The  key 
issues  in  the  formulation  of  this  computer  program  lie  in  the 
areas  of 


. Data  Requirements 
. Sensor  Models 
. Solution  Validation 

Primary  inputs  to  the  EIAF  consist  of  sensor  outputs  and  feed- 
back signals.  The  sensor  outputs  constitute  the  basic 
processing  data  from  which  the  error  source  estimates  are 
derived.  In  addition,  if  the  sensor  data  does  not  constitute 
a sufficient  data  set  (in  the  sense  that  it  provides  observa- 
bility of  the  desired  error  sources) , external  tracking  data  is 
required.  In  such  a case,  a time  synchronization  medium  (such 
as  IRIG  time  reference)  is  a necessary  addition  to  the  input 
data . 


The  software  generated  feedback  signals  to  the  sensors 
constitute  an  external  disturbance  to  the  propagation  of  the 
linearized  sensor  error  model  comprised  in  Equation  (1).  The 
known  disturbance  vector  u in  that  equation  provides  the  means 
by  which  the  EIAF  can  compensate  the  effect  of  these  external 
forcing  functions  and  maintain  the  integrity  of  its  error 
propagation  model. 

The  EIAF  implements  a Kalman  filter/smoother  to  process 
the  available  input  data.  The  Kalman  filter  will  generate  the 
"optimal"  (in  the  minimum  variance  sense)  set  of  error  model 
parameters  (modeled  error  sources)  to  fit  the  set  of  observa- 
tions generated  by  comparing  sensor  outputs  against  each  other 
or  against  an  available  reference  data  set. 

The  discrete  form  of  the  optimal  estimation  equations  is 
included  in  Table  1.  In  applying  this  technique  to  navigation 
sensor  testing,  a critical  step  is  the  selection  of  an  appropri 
ate  set  of  state  variables.  The  choice  of  states  depends  on 
the  objectives  of  the  test,  observability  of  error  sources, 
and  the  accuracy  of  reference  data. 

If  the  test  requirements  dictate  that  only  an  evaluation 
of  total  sensor  error  is  required,  the  state  vector  dimension 
will  be  small,  as  only  errors  in  the  output  quantities  need  be 
estimated.  On  the  other  hand,  if  a detailed  sensor  analysis  is 
required,  the  state  dimension  will  grow,  as  multiple  individual 
error  sources  must  now  be  estimated. 


t 


Table  1 

Discrete  Optimal  Estimator  Equations 


Subscripts  s,  f,  b indicate  smoother,  forward  filter 
backward  filter  computed  solutions 


If  the  test  environment  and  sensor  characteristics  are  such 
that  error  sources  are  known  to  be  highly  correlated,  these 
sources  should  be  excluded  from  the  error  state  and  only  their 
linear  combination  estimated.  While  the  filter  will  not 
encounter  numerical  difficulties  in  the  face  of  high  state 
correlations,  computation  time  will  be  wasted  due  to  the 
unnecessarily  large  state  dimension.  A related  issue  is  that, 
if  other  error  sources  have  an  error  effect  comparable 
to  desired  error  coefficients,  it  will  become  necessary  to 
include  them  in  the  state  vector.  Otherwise,  process  noise 
will  have  to  be  exercised  to  cover  the  effect  of  the  neglected 
states.  The  noise  input  will  then  prevent  the  recovery  of 
the  desired  error  sources. 

A similar  consideration  applies  to  treatment  of  reference 
system  data.  If  the  reference  system  is  significantly  more 
accurate  than  the  sensors  under  test,  reference  system  error 
sources  can  be  neglected.  Otherwise,  reference  system  errors 
will  have  to  be  included  in  the  state  vector. 


An  alternate  approach  would  be  to  delete  the  reference 
trajectory  data  from  the  estimation  process  entirely.  Even 
though  the  natural  reaction  is  to  utilize  all  the  available 
data,  the  test  procedure  designer  should  carefully  weigh 
whether  the  increase  in  error  source  observability  is  worth  the 
increased  computational  burden.  Many  navigation  systems  today 
provide,  by  themselves,  high  error  source  observability,  such 
that  the  improvement,  if  any,  afforded  by  consideration  of 
reference  system  data  clearly  is  not  cost-effective.  The  role 
to  be  played  by  the  reference  instrumentation  solution  is  then 
that  of  an  outer  bound  check  on  the  estimation  process. 
Consistency  between  the  estimator  and  reference  solutions 
provides  the  first  confidence  level  in  the  EIAF  returned 
estimates . 

A critical  issue  in  the  implementation  of  this  error  isola- 
tion procedure  is  the  validation  of  the  EIAF  solution.  As  the 
program  contains  a high  order  model  and  utilizes  a large 
segment,  if  not  all,  of  the  available  data,  it  will  usually 
generate  the  highest  accuracy  estimates  obtainable.  The  check 
on  the  EIAF  solution  validity  must  therefore  rely  on  internal 
filter  consistency.  We  have  in  the  past  utilized  hypothesis 
testing  techniques  with  satisfactory  results.  The  hypothesis 
to  be  tested  is  that  the  actual  sensor  errors  are  consistent 
with  the  EIAF  model.  As  an  example,  we  can  compare  actual 
observation  residuals  with  the  EIAF  computed  measurement 
residual  variance.  The  measurement  residual  can  be  expressed  as 


Az  = z - 


(2) 


The  measurement  residual  variance,  as  computed  by  the  Kalman 
filter,  is  given  by 

o2  = hTPh+r  (3) 

z — — 

If  the  filter  model  is  appropriate,  we  would  expect  the 
measurement  residuals  to  have  zero  mean  and  variance  equal  to 
oz2.  we  can  therefore  monitor  the  performance  of  parameters 
such  as 
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in  order  to  establish  confidence  in  the  program  solution.  Any 
deviation  of  these  parameters  from  their  expected  values  would 
indicate  a need  to  re-evaluate  the  filter  model. 

Note  that,  as  the  series  of  observation  residuals  is 
theoretically  uncorrelated,  the  sums  of  n successive  ratios 
Az2/oz2  should  exhibit  a Chi-Square  distribution  with  n degrees 
of  freedom.  Thus,  by  application  of  standard  statistical 
techniques,  we  can  compute  confidence  levels  for  the  observed 
values  of  the  parameter  J in  Equation  (4),  and,  by  association, 
obtain  similar  confidence  levels  for  the  returned  filter 
estimated. 


2.4  Post-Test  Processor 


The  functional  partition  of  the  error  isolation  process, 
addressed  in  Section  2.2,  directed  the  implementation  of 
different  data  processing  computer  programs  for  analysis  of  the 
functionally  distinct  navigation  system  components.  The  previous 
section  briefly  discussed  the  application  of  optimal  estimation 
techniques  to  the  evaluation  of  navigation  sensor  data.  This 
section  will  address  characteristics  of  the  computer  program  to 
be  applied  to  analysis  of  navigation  software  performance. 

The  PTP  is  a computer  program  capable  of  re-executing  the 
operational  software  in  the  post-flight  environment.  As  a 
non-real-time  program,  it  allows  detailed  evaluation  of  inter- 
mediate computation  variables,  repeated  execution  of  the 
software  with  different  system  parameters,  input  of  compensation 


values  for  isolated  sensor  error  sources,  and  evaluation  of  the 
performance  of  alternate  computation  modules  operating  over 
actual  flight  data. 

A top-level  view  of  the  PTP  structure  is  shown  in  Figure  3. 
An  initialization  module  sets  up  the  initial  PTP  state  to  a 
condition  compatible  with  that  of  the  real-time  software  at  the 
selected  time.  A cyclic  loop  is  then  entered,  where  sensor 
data  is  first  read  from  the  flight  data  tape  and  desired 
compensations  are  applied  to  it.  The  data  is  then  passed  to 
the  "operational  software"  module,  which  computes  the  new 
navigation  solution.  An  output  module  then  displays  the 
regenerated  solution  and/or  comparisons  of  it  vs.  the  recorded 
onboard  computed  values  or  vs.  a set  of  reference  trajectory 
values . 

Based  on  the  deterministic  nature  of  computation,  it  can  be 
stated  that,  given  a sufficient  representation  of  the  state  of 
onboard  computation  at  one  point  in  time,  a PTP  will  be  able  to 
regenerate  the  computation  state  at  any  future  point  in  time 
based  solely  on  the  sensor  inputs  and  operator  inputs,  if  any, 
through  the  control  unit.  Alternately,  as  stable  navigation 
systems  intrinsically  deweight  the  value  of  old  data,  it  will 
usually  be  possible  to  approximately  regenerate  the  computation 
state  at  any  point  in  time  as  long  as  it  is  sufficiently  far  from 
the  time  of  PTP  execution  initiation,  even  though  a sufficiently 
complete  computation  state  representation  was  not  recorded.  The 
PTP  will  therefore,  by  being  able  to  reproduce  the  values  of 
internal  computation  variables,  reduce  the  test  data  recording 
requirements  while  actually  increasing  the  analyst's  visibility 
into  the  computation  process.  The  test  procedure  designer  may 
still,  however,  wish  to  record  some  amount  of  intermediate 
computation  results  in  order  to  check  the  validity  of  PTP 
solution  reconstruction. 

By  being  able  to  re-execute  the  operational  software  over 
actual  flight  data,  the  PTP  serves  as  an  ideal  platform  from 
which  algorithm  tuning  and  parametric  analysis  can  be  under- 
taken on  the  basis  of  a single  or  limited  number  of  test  flights. 

A useful  feature  easily  incorporated  into  the  PTP  structure 
is  related  to  the  compensation  of  sensor  errors.  The  usual  case 
is  that,  if  it  is  determined  that  a sensor  exhibited  abnormal 
error  behavior  during  a test  flight,  the  test  data  is  lost  in 
terms  of  its  usefulness  for  further  system  checkout.  The  PTP 
offers  the  capability  to  apply  compensations  for  identified 
error  coefficients  to  the  flight  recorded  data  prior  to 
processing  by  the  operational  software.  In  this  fashion, 
utilization  of  test  data  can  be  improved,  with  consequent 
reduction  on  test  fligt  requirements. 


2 . 5 Data  Processing  Overview  and  Summary 


We  have  analyzed  a generalized  navigation  system  model  with 
the  purpose  of  motivating  an  error  isolation  procedure  which 
operates  on  flight  recorded  data.  A classification  of  system 
components  into  two  distinct  groups  has  been  developed,  based  on 
their  susceptibility  to  be  represented  by  a linearized  stochastic 
model  of  the  form  of  Equation  (1).  Two  distinct  analysis 
procedures  have  been  described  in  terms  of  the  test  data 
processing  computer  programs  which  implement  them.  In  the  course 
of  this  discussion,  we  have  identified  the  data  recording  require 
ments  for  implementation  of  this  analysis  approach.  The 
identified  data  recording  requirements  can  be  listed  as  follows: 


System  Navigation  Solution 
Sensor  Outputs 
Sensor  Feedback 
Operator  Inputs 

The  utilization  of  the  EIAF  and  PTP  program  in  a 
generalized  error  isolation  procedure  is  illustrated  in  Figure  4. 
It  is  assumed  that,  prior  to  execution  of  this  procedure,  some 
gross  or  "quick-look"  evaluation  (e.g.,  comparison  of  navigation 
solution  to  reference  trajectory)  has  taken  place  to  establish 
abnormal  system  performance. 

The  inputs  to  the  process  consist  of  a flight  recorded 
data  tape  and  a tape  of  reference  trajectory  data.  The  EIAF  is 
first  executed  to  establish  validity  of  the  sensor  data.  If 
so,  detailed  examination  of  intermediate  PTP  computation 
variables  is  undertaken  to  search  for  possible  software  errors. 

If  none  are  found,  then  tuning  of  the  navigation  algorithms  or 
parameters  is  required. 

If  anomalous  sensor  errors,  or  software  errors » are 
discovered,  the  PTP  can  be  executed  with  appropriate  compensa- 
tion to  establish  the  validity  of  the  new  solution.  If  abnormal 
performance  persists,  the  process  can  be  re-entered  at  the 
appropriate  point  until  all  anomalies  have  been  eliminated. 


Figure  4 - Error  Isolation  Procedure  Overview 
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GPS  USER  SEGMENT  ERROR  ISOLATION  PROCEDURES 


The  NAVSTAR  Global  Positioning  System  (GPS)  is  being 
developed  by  the  Department  of  Defense  to  provide  a world-wide, 
continuous  navigation  capability  suited  to  the  needs  of  a wide 
class  of  potential  users.  The  system  will  enter  its  test 
phase  in  the  near  future. 

Extensive  preparations  have  been  undertaken  to  ensure  a 
successful  GPS  test  program.  The  following  sections  deal  with 
one  phase  of  that  effort:  the  development  of  error  isolation 

procedures  for  the  User  Segment  (US) . As  an  introduction,  a 
brief  description  of  the  system  concept  and  the  test  environment 
is  included. 

3 . 1 GPS  Description 

The  GPS  concept  envisions  a constellation  of  24  satellites 
placed  in  12-hour  orbits,  such  that  direct  line-of-sight 
coverage  is  afforded  world-wide  by  at  least  4 satellites  at  any 
point  in  time.  The  satellites  will  continuously  transmit 
signals  from  which  suitably  equipped  users  can  derive  range, 
range-rate  (delta-range)  and  satellite  positional  information. 
Ranges  to  the  satellite  are  obtained  from  precise  measurements 
of  the  phase  delay  of  a user-borne  clock  synchronized  to  the 
GPS  transmitted  signal.  Range-rates  are  obtained  by  measure- 
ment of  the  integrated  doppler  shift  of  the  received  signal  over 
a specified  interval.  Normally,  three  range  measurements  to 
known  points  would  be  sufficient  for  user  position  fixing.  In 
GPS,  however,  a fourth  measurement  is  required  in  order  to 
separate  a user  clock  error  relative  to  GPS  time  from  the  signal 
time-of-tr avel  (which  contains  the  ranging  information) . 

The  satellites  are  tracked  by  a network  of  Control 
Stations [2]  placed  at  various  surveyed  locations  within  the 
United  States.  An  Upload  Station  regularly  uploads  to  the 
satellite  updated  satellite  ephemeris  and  satellite  clock 
correction  parameters  for  transmission  to  users.  Thus,  pertur- 
bations of  satellite  orbits  and  drift  of  satellite  clocks  are 
prevented  from  compromising  the  system  accuracy. 

The  constellation  of  satellites  is  denoted  as  the  GPS  Space 
Segment.  The  network  of  ground  tracking  stations  is  denoted  as 
the  GPS  Control  Segment.  The  User  Segment  then  consists  of  the 
required  equipment  for  a user  to  receive  the  satellite  signals 
and  utilize  them  to  compute  its  navigation  solutions. 

Various  versions  of  User  Equipment  (UE)  are  being  developed 
by  different  contractors.  The  baseline  UE  development  effort 
(as  addressed  here)  includes  two  GPS  receiver  sets,  X and  Y. 


X sets  are  four  channel  receivers  capable  of  simultaneously 
tracking,  and  taking  measurements  to,  four  different  satellites. 

V sets  are  single-channel  receivers  which  track  satellites  in 
sequential  fashion. 

Both  aided  and  unaided  UE  configurations  are  being  developed, 
where  the  denomination  indicates  the  presence  or  absence  of 
an  Inertial  Measurement  Unit  (IMU)  as  an  aiding  sensor  to  GPS. 

The  GPS  UE  navigation  software  [3]  blends  the  GPS  signals 
with  available  additional  sensor  data  in  Kalman-type  estimators 
to  generate  navigation  solutions  and  estimates  of  the  user  clock 
phase  and  frequency  offsets  from  the  GPS  reference  clock. 

3.2  GPS  Test  Environment 

The  GPS  system  concept  will  be  tested  at  the  U.S.  Army 
Yuma  Proving  Grounds  (YPG) , in  Yuma,  Arizona.  The  initial  test 
configuration,  the  Inverted  Range  (IR) , consists  of  four  ground 
transmitters  (GT) , located  on  the  range,  which  simulate  the  GPS 
navigation  signals  as  would  be  generated  by  the  satellites  [4]. 
This  GT  configuration  is  monitored  and  controlled  by  the 
Inverted  Range  Control  Center  (IRCC)  in  order  to  maintain  synchro- 
nization of  the  GT  time  references. 

As  GPS  satellites  are  launched  and  activated,  they  will  be 
incorporated  into  the  test  program.  The  UE  versions  will  thus 
be  required  to  operate  with  an  all-GT  configuration,  an  all- 
satellite configuration,  and  a hybrid  configuration  consisting 
of  both  GTs  and  satellites,  as  shown  in  Figure  5. 

Several  trajectories  and  vehicle  types  will  be  utilized 
during  the  test  program.  The  latter  will  include  transport  and 
high  performance  aircraft,  helicopters,  and  ground  vehicles. 

The  primary  YPG  reference  instrumentation  system  consists 
of  a network  of  laser  trackers,  which  provide  measurements  of 
range,  azimuth  and  elevation  to  the  test  vehicle  at  a high  rate, 
and  associated  data  processing  algorithms.  Two  reference 
trajectory  solutions  can  be  generated  for  each  test  flight: 

1)  a Real-Time  Estimate  (RTE) , representing  a coarse,  fast- 
turnaround  solution,  and  2)  a Best  Estimate  of  Trajectory  (BET) , 
representing  a fine  solution,  but  with  attendant  delays  in  its 
availability. 

The  test  and  evaluation  of  the  various  GPS  segments  will  be 
accomplished  separately.  That  is,  the  GPS  Monitor  Stations 
will  monitor  the  performance  of  the  Control  and  Space  Segments. 
They  will  track  the  GPS  signals  during  the  user  tests  and 
generate  post-test  estimates  of  what  the  actual  satellite 
ephemeris  and  clock  drifts  were.  This  solution  will  be  of  a 
higher  accuracy  than  the  predicted  ephemeris  and  clock  model 


Figure  5 - Hybrid  Inverted  Range  Configuration 
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parameters  transmitted  to  the  user  during  the  test  period, 
higher  accuracy  estimates  will  be  used  to  back-out  Control 
Segment  errors  from  the  UE  navigation  solution,  thus  separating 
the  effect  of  Control  and’  User  Segment  errors. 

A similar  consideration  will  apply  to  the  Inverted  Range. 
The  IRCC  will  monitor  the  GT  signals  and  observe  the  GT  clock 
drift.  However,  due  to  the  fixed  IR  geometry,  it  is  expected 
that  GT  clock  phase  offsets  from  the  IRCC  reference  time  will 
not  be  separable  from  delays  due  to  signal-path  induced  errors 
(multipath,  tropospheric  refraction,  etc.).  The  identification 
of  these  offsets  will  be  left  as  a task  for  the  User  Segment 
Error  Isolation  procedure. 

In  addition,  when  operating  in  hybrid  IR  configuration,  it 
will  be  required  to  syncnronize  the  GT  clocks  to  the  master  GPS 
clock.  Analogously  as  above,  a fine-tuned  estimation  of  this 
offset  will  be  undertaken  in  the  User  Segment . frror  Isolation 
Process . 


3 . 3 Application  of  Navigation  System  Model  to  GPS  UE 

Figure  6 presents  a diagram  of  GPS  UE  configuration.  The 
configuration  consists  of:  1)  a GPS  receiver  (either  X or  Y 

set) ; an  inertial  measurement  unit  (IMU) ; an  air  data  unit  (ADU) 
a time  base  generator  (TBG) ; a time  code  generater  (IRIG) , a 
control  and  display  unit  (CDU) ; and  a navigation  data  processor. 
In  addition,  for  test  purposes,  an  instrumentation  computer  is 
attached  to  the  navigation  data  processor  to  control  the 
recording  of  flight  test  data. 

The  GPS  receiver  obtains  and  decodes  the  GPS  signals.  It 
provides  the  measurement  data  and  satellite  ephemeris  parameters 
to  the  navigation  data  processor,  and  accepts  software  generated 
commands  for  transmitter  acquisition  and  tracking,  and  for 
sequencing  of  the  measurement  process. 

The  IMU  and  ADU  are  only  present  in  the  aided  UE  configura- 
tions. Together  with  a set  of  inertial  navigation  equations 
implemented  in  the  navigation  data  processor,  they  provide  a 
stand-alone  baro- inertial  navigation  capability. 

The  TBG  provides  the  basic  navigation  cycle  timing.  The 
TBG  is  a distinct  unit  from  the  user  time  reference  used  for 
synchronization  to  GPS  time;  this  latter  unit  is  an  integral 
part  of  the  GPS  receiver  configuration. 

The  IRIG  provides  the  link  between  UE  and  the  range 
instrumentation.  It  therefore  allows  comparison  of  UE  naviga- 
tion solution  with  a reference  trajectory  through  use  of  a 
common  time  base. 


The  CDU  provides  outputs  in  real  time  of  UE  navigation 
parameters  and  allows  limited  inputs  of  operator  commands. 

The  navigation  data  processor  contains  the  navigation 
software,  which  operates  on  the  processor  input  data  to  compute 
and  display  the  navigation  solution.  Top  level  views  of  the 
unaided  and  aided  X-set  UE  software  structure  are  respectively 
given  in  Figures  7 and  8. 

By  application  of  the  principles  of  Section  2 to  the  GPS 
UE  configuration  described  by  Figures  6,  7,  and  8,  we  define  the 
navigation  system  model: 


Sensors : the  model  sensors  consist  of  a baro-inertial 

navigation  system,  comprising  the  IMU,  ADU  and  inertial 
navigation  equation  code;  and  a GPS  receiver  and  clock 
assembly.  This  latter  sensor  is  defined  to  include  the 
effect  of  signal  path  errors,  plus  a possible  transmitter 
clock  phase  offset  from  reference  time  (as  discussed  in 
Section  3.2). 

Software : the  navigation  software  is  configured 

differently  for  X/Y  aided/unaided  configurations. 
Referring  to  Figure  7,  the  software  module  to  be 
analyzed  includes,  for  the  unaided  configuration,  the 
following  functions: 

. Kinematic  Navigation  Equations 

. Navigation  Filter 

. Predicted  Measurement  Equations 


Referring  to  Figure  8,  the  following  functions  are 
included  for  aided  navigation  software  analysis: 

. Error  Dynamics  Equations 
. Navigation  Filter 
. Predicted  Measurement  Equations 
. Rectification  Equations 


In  accordance  with  the  error  isolation  methodology,  we  must 
therefore  define  an  EIAF  computer  program  to  analyze  the  quality 
of  the  baro-INS  and  GPS  receiver  and  clock  data,  and  a PTP  to 
re-execute  the  above  identified  software  functions  by  operating 
on  the  recorded  data. 


Figure  7 - Unaided  Navigation  Software 
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As  a first  step  to  implementation  of  this  procedure,  we 
need  to  specify  the  test  data  to  be  recorded  in  flight. 

Keeping  in  mind  the  considerations  of  Section  2,  the  data 
recording  specification  listed  in  Table  2 has  been  generated. 

The  primary  inputs  to  the  error  isolation  process  are 
comprised  of  data  block  #2,  containing  the  baro-INS  outputs 
(aided)  and  timing  information;  data  block  #6  containing  the 
raw  GPS  measurements;  data  block  #8  containing  the  satellite 
position  and  clock  correction  descriptors;  data  block  #9, 
containing  manually-entered  baro-altitude  measurements 
(unaided);  data  block  #14,  containing  operator  control  inputs; 
and  data  blocks  #24-28  (unaided)  or  #30-36  (aided)  containing 
the  UE  software  data  base  at  execution  initiation. 

In  addition,  data  blocks  #2,  7,  8,  10,  and  11  contain 
either  UE  navigation  solution  parameters  or  intermediate  compu- 
tation variables  for  evaluation  of  inflight  performance. 

3 . 4 GPS  User  Segment  Error  Isolation  Filter 

A top-level  view  of  the  EIAF  processing  is  given  in 
Figure  9.  The  program  accepts  as  inputs,  the  recorded  flight 
data  tape,  a BET  tape  containing  reference  trajectory  data,  and 
a Control  Segment  compensation  tape  used  to  back-out  satellite 
position  and  timing  errors  from  the  GPS  measurements.  The 
input  data  is  processed  by  a Kalman  filter/smoother  to  generate 
"optimal"  estimates  of  the  operating  error  sources.  Although 
contained  in  the  same  program,  two  different  error  models  are 
mechanized,  corresponding  to  aided  and  unaided  system  configura- 
tions. 

The  aided  state  vector  is  listed  in  Table  3.  The  first 
eleven  states  represent  a model  of  baro-INS  output  errors. 

States  14  and  15  model  the  user  clock  errors  relative  to  the 
GPS  master  clock.  States  16  through  19  represent  pseudo-range 
errors  to  the  four  currently  active  transmitters;  the  main 
error  effects  modeled  by  these  states  consist  of  signal-path 
induced  errors,  possible  receiver  channel  specific  biases,  and, 
in  IR  operation,  possible  transmitter  clock  phase  offsets.  The 
remaining  six  state  elements  model  IMU  error  sources,  and  are 
included  for  the  purpose  of  allowing  undisturbed  observation 
of  delta-range  errors  during  maneuvering  flight. 

This  system  state  representation  has  been  selected  to 
yield  error  isolation  down  to  the  subsystem  level;  thus,  a 
detailed  model  of  IMU  error  sources,  for  example,  has  not  been 
included  in  the  state  formulation. 

For  the  unaided  configuration,  all  baro-INS  related  states 
are  deleted,  and  the  state  vector  is  reduced  to  six  elements 
(states  14  through  19  in  Table  3) . 


Table  2 Data  Recording  Specification 


BLOCK 

NUMBER 

BLOCK  DESCRIPTION 

X 

Spare  (not  to  be  used) 

2 

Solution  data  plus  filter  estimates  - solution 
inputs  and  outputs 

3 

IMU  data 

4 

CDU  output  data 

5 

Aided  alignment  velocity  data 

6 

Measurement  data 

7 

Measurement  incorporation  process  data  - filter 
covariance  square  root  matrix  following  measurement 

8 

Satellite  position  data 

9 

Manually- entered  baro  altitude  data 

10 

Range  measurement  data  recording  statistics 

11 

Delta  range  measurement  data  recording  statistics 

12 

Extension  of  block  2 

13 

Spare 

14 

CDU  mode  selection 

15 

Receiver  data  group  IV  - satellite  or  antenna 
changing  directives 

16 

Receiver  data  group  V - track  aiding  information 

17 

Fault  data 

18 

Bombing  mission  data 

19 

Fault  data 

20 

Satellite  data  for  channel  1 

21 

Satellite  data  for  channel  2 

22 

Satellite  data  for  channel  3 

23 

Satellite  data  for  channel  4 

24 

Unaided  data  baae 

25 

Unaided  data  baae 

26 

Unaided  data  base 

27 

Unaided  data  base 

28 

Unaided  data  base 

29 

Reserved  for  test 

30 

Aided  data  base 

31 

Aided  data  base 

32 

Aided  data  base 

33 

Aided  data  base 

34 

Aided  data  base 

35 

Aided  data  base 

36 

Aided  data  base 

t 
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ADDI'.'IONAL  DATA  RECORDS 
REDUCTION  ANALYSIS 


The  F.IAF  program  outputs  include  a tape  of  estimated  states 
and  their  associated  covariance.  In  addition,  a time  history 
of  computed  measurement  residual  statistics  is  generated. 

Analysis  of  these  parameters  will  expose  the  validity  of  the 
program  error  model  when  compared  with  actual  test  data.  Note 
that  one  of  the  assumptions  of  the  model  is  that  delta-range 
measurement  errors  are  purely  random  (no  delta-range  error 
states  are  included  in  the  state  vector) . Analysis  of  delta- 
range  computed  residual  mean  values  will  indicate  whether  this 
assumption  is  justified. 

3 . 5 GPS  User  Segment  Post-Test  Processor 

The  different  UE  software  configurations  have  dictated  the 
generation  of  a series  of  PTP  programs  compatible  with  GPS  UE 
X/Y  aided/unaided  versions.  The  additional  consideration  of 
target  host  machine  has  directed  a duplication  of  PTP  versions 
for  each  configuration.  It  would  ideally  be  desired  to  host 
the  PTP  on  a similar  computer  to  that  which  hosts  the  operational 
software,  as  computational  precision  and  round-off  considerations 
would  not  affect  comparison  of  PTP  and  UE  solutions.  However, 
core  and  peripheral  unit  limitations  on  normal  airborne  computers 
would  then  unnecessarily  constrain  PTP  capabilities.  It  has 
therefore  been  decided  to  generate  two  PTP  versions  for  each  UE 
configuration:  one  resident  on  a flight-type  computer,  and  one 

resident  on  a more  powerful  general  purpose  machine.  The  flight 
computer  resident  version  is  capable  of  exactly  regenerating  the 
onboard  computed  solution,  given  the  required  data.  The  general 
purpose  computer  resident  version  is  capable  of  regeneration  only 
to  the  level  allowed  by  thedifferent  precision  machine  capabili- 
ties; however,  it  allows  for  the  use  of  a Control  Segment 
compensation  tape  to  back-out  satellite  position  and  clock  errors 
from  the  UE  navigation  solution.  Top-level  views  of  the  PTPs 
processing  are  given  in  Figure  10. 

Both  program  versions  allow  the  operator  to  access  internal 
computation  variables  during  the  run,  provide  error  source 
compensation  values,  modify  desired  program  parameters,  and 
provide  comparisons  of  the  UE  generated  navigation  solution  with 
that  computed  by  the  PTP. 

3.6  GPS  Error  Isolation  Overview 


The  interactive  use  of  the  PTP  and  EIAF  programs  in  the 
GPS  error  isolation  procedure  is  illustrated  in  Figure  11. 

Inputs  to  the  process  consist  of  the  UE  flight  recorded  data  tape, 
and  desired  operator  interventions. 

It  is  assumed  that,  prior  to  implementation  of  this  procedure, 
a quick-look  evaluation  of  system  performance  has  been 
accomplished,  and  that  anomalous  navigation  accuracy  has  been 


Figure  10  - PTP  Target  Environments 


established.  It  is  therefore  desired  to  identify  and  remove 
the  cause  of  the  observed  poor  performance  by  recourse  to  the 
error  isolation  process. 

The  first  step  in  the  process  consists  of  a UE  solution 
exact  regeneration  attempt  by  utilizing  the  flight  computer 
resident  PTP.  If  a non-zero  difference  is  detected,  it  can  be 
concluded  that  some  effect  not  observable  through  the  recorded 
test  data  is  driving  one  of  the  solutions  (e.g.,  a computer 
failure).  In  this  case,  further  application  of  these  procedures 
will  not  yield  reliable  results. 

The  next  step  involves  assessment  of  Control  Segment 
induced  errors.  If  comparison  of  the  CS  post-test  generated 
satellite  ephemeris  with  the  predicted  values  transmitted  to 
the  user  is  not  deemed  satisfactory,  the  general-purpose 
computer  resident  PTP  can  be  executed  utilizing  Control  Segment 
compensation  data.  If  the  navigation  performance  is  still  not 
acceptable,  the  EIAF  is  executed  to  evaluate  sensor  performance. 
If  the  sensor  data  is  of  the  expected  quality,  a UE  software 
error  or  design  deficiency  must  then  be  present.  Isolation  of 
this  error  source  is  then  accomplished  through  the  internal 
variable  observability  and  parameter  or  algorithm  tuning 
capabilities  afforded  by  the  PTP. 

On  the  other  hand,  if  excessive  sensor  errors  are  present 
in  the  recorded  data,  the  PTP  can  be  re-executed  with  appropriate 
sensor  compensation  and  the  new  solution  evaluated.  The  process 
is  continued  until  the  obtained  performance  is  compatible  with 
the  expected  system  error  levels. 


4.  SUMMARY  AND  CONCLUSIONS 

We  have  described  a navigation  system  checkout  methodology 
which  imposes  a systematic  and  orderly  procedure  for  isolation 
of  system  errors  during  flight  test.  The  focus  of  the  develop- 
ment has  been  an  attempt  to  bring  powerful  modern  estimation 
techniques  to  bear  on  the  analysis  of  flight  test  data. 

We  have  disassembled  a generalized  navigation  system  model 
into  functional  components,  based  on  this  premise.  We  have 
defined  as  "sensors"  those  system  components  whose  error 
characteristics  are  appropriately  described  by  a linearized, 
stochastic  model.  We  have,  on  the  other  hand,  recognized  that 
software  error  responses  cannot  be  modeled  with  linear 
equations,  and  thus,  require  different  analysis  technique®.  We 
believe  that  most,  if  not  all,  navigation  system  implementations 
are  compatible  with  this  viewpoint. 


Based  on  the  above  distinction,  we  have  formulated  error 
isolation  procedures  for  each  of  the  system's  two  functional 
components.  The  procedures  are  implemented  through  two  computer 
programs:  an  Error  Isolation  Analysis  Filter  (EIAF),  for 

analysis  of  sensor  data,  and  a Post-Test  Processor  (PTP) , for 
analysis  of  navigation  software  performance.  In  the  course  of 
the  procedure  formulation,  we  have  identified  data  recording 
requirements  to  support  the  approach. 

The  EIAF  analyzes  the  sensor  performance  through  recourse 
to  optimal  estimation.  The  estimator  model  can  be  formulated 
to  yield  any  level  of  analysis  detail  desired  by  the  tester. 

Given  the  right  error  source  excitation,  the  program  will  yield 
high  accuracy  estimates  of  the  desired  error  coefficients.  In 
addition,  the  technique  is  capable  of  implementing  self- 
consistency  checks  to  yield  confidence  levels  on  the  formulated 
error  models. 

The  PTP  supports  analysis  of  the  navigation  software 
performance  by  providing  high  observability  into  the  computation 
process  and  the  capability  for  parametric  design  and  tuning  over 
actual  flight  data. 

We  recognize  that  application  of  these  procedures  will  not 
result  automatically  in  a successful  test  program.  The  real- 
world  continuously  offers  surprises  which  only  the  flexibility 
of  the  man-in-the  loop  approach  can  conquer.  The  above 
described  procedures  do,  however,  represent  powerful  tools  in 
the  checkout  process,  and  their  appropriate  application  will 
result  in  a significantly  faster,  more  cost-effective  and 
reliable  effort. 

Finally,  we  have  illustrated  the  methodology  by  describing 
its  application  to  the  checkout  of  the  NAVSTAR  GPS  User 
Segment,  which  is  about  to  enter  its  test  program  phase.  The 
complexity  of  the  User  Equipment  configurations  and  the  potential 
high  accuracies  involved,  require  the  implementation  of 
powerful  analysis  techniques,  in  order  to  reach  a successful 
program  completion.  The  developed  error  isolation  programs 
described  offer  that  promise. 
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ABSTRACT 


A wide  variety  of  simulation  tools  have  been 
employed  at  TASC  to  aid  in  the  initial  concept  formu- 
lation, design  and  testing  phases  of  radar  system 
development.  The  cost  of  simulation  development 
and  usage  increases  dramatically  as  simulation 
complexity  increases.  For  this  reason,  the  objec- 
tives of  a proposed  simulation  and  the  benefits  to 
be  derived  from  it  must  be  carefully  assessed  and 
weighed  against  the  projected  costs.  This  paper 
discusses  the  utility  of  simulations  in  the  design, 
test  and  evaluation  of  airborne  radar  systems.  Re- 
sults of  correlation  guidance  (i.e.,  map  matching) 
radar  sensor  studies  are  presented  to  illustrate 
the  application  of  simulation  techniques.  Simula- 
tion development  techniques  which  increase  simula- 
tion utility  by  maximizing  computational  efficiency 
are  illustrated  for  the  case  of  the  APQ-144  radar 
in  a ground  imaging  mode.  Two  techniques,  used 
extensively  in  simulation  models  developed  at 
TASC,  which  reduce  the  computational  require- 
ments associated  with  Monte  Carlo  performance 
analysis  by  a factor  of  approximately  ten  thous- 
and (for  an  example  case  in  which  100  Monte 
Carlo  trials  are  simulated)  are  discussed. 


INTRODUCTION 


1 . 


With  the  steadily  rising  cost  of  flight  testing 
developmental  hardware,  it  is  clear  that  test  hardware  de- 
signs, software  specifications  and  flight  test  experimental 
plans  must  be  carefully  controlled  to  minimize  the  cost  of 
achieving  test  objectives.  System  simulations  can  offer  an 
effective  tool  for  the  control  of  flight  test  costs  and  can 
magnify  the  benefits  derived  from  test  data  by  offering  a 
structured  framework  within  which  test  results  can  be 
interpreted. 

A wide  variety  of  simulation  tools  have  been  employed 
to  aid  in  the  initial  concept  formulation,  design  and  testing 
phases  of  radar  system  development.  Simulations  can  vary  in 
complexity  from  the  simple  digital  implementation  of  the 
basic  radar  range  equations  and  formulas  for  detection  prob- 
ability to  hybrid  computer  simulations  employing  some  of  the 
radar  system  components  in  the  analog  portion  of  the  simula- 
tion. The  cost  of  simulation  development  and  usage  increases 
dramatically  as  simulation  complexity  increases.  For  this 
reason,  the  objectives  of  a proposed  simulation  and  the  bene- 
fits to  be  derived  must  be  carefully  assessed  and  weighed 
against  the  projected  costs.  In  Section  2 of  this  paper, 
the  utility  of  simulations  in  the  design,  test  and  evaluation 
of  airborne  radar  systems  is  discussed.  In  particular,  re- 
sults of  correlation  guidance  (i.e.,  map  matching)  radar 
sensor  studies  are  presented  to  demonstrate  the  application 
of  simulation  techniques.  Section  3 describes  examples 
of  techniques  which  have  been  used  to  overcome  the  huge  com- 
putational burden  normally  associated  with  the  simulation  of 
a ground-imaging  radar  system. 


SIMULATION  OBJECTIVES 


A useful  distinction  can  be  made  between  simulations 
whose  principal  objective  is  the  analysis  of  integrated  sys- 
tem performance  (e.g.,  the  performance  of  an  entire  weapon 
system  including  the  radar,  inertial  system,  data  processing 
system,  etc.  ) and  simulations  which  focus  on  the  performance 
of  the  radar  system  in  its  role  within  the  context  of  the 
overall  system.  Figure  2-1  illustrates  the  complementary  roles 
played  by  simulations  satisfying  these  two  objectives.  One 
can  view  these  simulations  as  being  used  in  an  iterative  fash- 
ion. The  integrated  system  simulation  first  generates  the 
initial  system  context  (often  with  covariance  analysis  (Ref.  1) 
and  error  budget  techniques,  Fig.  2-2).  Examples  of  parameters 
included  in  the  system  context  would  be  the  statistics  of; 
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INTEGRATED  SYSTEM  SIMULATION 


• Velocity  uncertainties 

• Antenna  pointing  errors 


Once  these  uncertainties  (both  differences  from  pre-mission 
nominals  and  real  time  estimation  errors)  are  combined  with 
knowledge  of  the  nominal  range  of  operating  parameters,  the 
radar  simulation  can  generate  data  indicating  the  measurements 
performance  levels  attained  by  the  radar.  The  statistics  of 
the  measurements  are  returned  to  the  integrated  system  simu- 
lation and  position,  velocity  and  pointing  error  uncertainties 
are  updated.  The  radar  simulation  then  uses  this  information 
to  predict  subsequent  radar  system  performance  and  the  process 
continues . 


Integrated  system  and  radar  system  simulations  are 
useful  throughout  the  entire  period  of  system  development. 
The  development  period  can  be  broken  down  as  follows: 
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Overview  of  System-Level  Covariance 
Analysis  Methodology 
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Initial  Design 

Flight  Test  Planning 

Flight  Testing 

Test  Data  Reduction  and 

Simulation 

Validation 

Extrapolation  of  Flight 

Test  Results 

and  Finalization  of  System  Design. 

It  should  be  noted  that  these  periods  often  overlap  (e.g.  , 
data  reduction  will  occur  during  the  flight  test  period) 
and  therefore  the  conclusions  reached  in  one  phase  can  (and 
should)  influence  the  conduct  of  the  concurrent  phase(s). 


Initial  Design 

In  the  initial  design  phase,  it  may  be  found  that  the 
system  context  predicted  by  the  integrated  system  simulation 
is  not  consistent  with  the  radar  technology  being  employed 
(e.g.,  position  and/or  pointing  uncertainties  are  so  large 
that  the  radar  scan  or  data  processing  capabilities  are  ex- 
ceeded). Clearly  a reassessment  of  the  radar  technology 
being  employed  (e.g..  mechanical  or  electronic  beam  steering; 
and/or  the  inertial  components  and  mission  profiles  must  be 
undertaken.  On  the  other  hand,  it  may  be  found  that  an  unex- 
pected performance  margin  exists  and  that  the  mission  profiles 
can  be  expanded,  less  expensive  technology  can  be  employed  to 
meet  original  mission  goals  or  some  combination  of  the  two 
approaches  considered.  Figure  2-3  illustrates  the  concepts 
discussed  above.  In  this  figure  the  time  history  of  system 
velocity  errors  (output  of  the  integrated  system  simulation) 
is  illustrated  for  an  airborne  synthetic  aperture  radar  sys- 
tem during  the  periods  of  coherent  imaging.  Two  different 
quality  inertial  navigation  systems  (ore  characterized  by  a 
1 nm/hr  position  error  growth  rate  and  the  other  by  a 4 nm/hr 
growth  rate)  were  considered.  Since  the  peak  velocity  errors 
attained  during  the  map  formation  periods  for  the  4 nm/hr 
system  exceeded  the  maximum  allowable  errors,  the  more  accur- 
ate navigator  was  recommended.  Alternatively,  a shorter 
coherent  imaging  period  would  have  satisfied  the  velocity  error 
requirement  at  the  expense  of  lower  resolution  images. 

The  use  of  radar  and  integrated  system,  simulations  in 
the  design  process  does  not  eliminate  the  need  for  an  analyti- 
cal design  effort.  Rather,  it  affords  a verification  of  the 
design  process  and  provides  a tool  for  the  evaluation  of 
design  trade-offs  in  the  integrated  system. 
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Figure  2-3  Evaluation  of  INS  Requirements  for  an 

Airborne  Synthetic  Aperture  Radar  System 
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i light  Testing  Planning 

The  development  of  radar  system  flight  test  plans 
is  greatly  enhanced  by  the  availability  of  radar  simulations 
capable  of  predicting  performance  for  a variety  of  flight 
test  conditions.  The  ability  to  generate  detailed,  quantita- 
tive flight  test  performance  estimates  makes  it  possible  to 
isolate  those  parameter  variations  which  greatly  affect  system 
performance.  Since  one  of  the  primary  purposes  of  a flight 
test  program  is  to  verify  that  the  system  design  is  capable 
of  satisfying  mission  req iurements , regions  of  high  system 
sensitivity*  should  be  singled  out  for  extensive  testing. 

The  test  program  for  the  Pulse  Doppler  Map  Match 
(PDMM)  system  offers  a typical  example  for  a correlation  guid- 
ance sensor.  PDMM  is  a synthetic  aperture  radar  sensor  which, 
during  its  approach  to  a target,  images  an  area  of  terrain 
containing  a uniquely  shaped,  high  contrast  ratio  edge.  A 
template  matching  scheme  is  employed  to  locate  this  edge  in 
the  sensed  image  and  the  vehicle’s  position  is  updated  based 
on  the  measured  range  and  range-rate  (both  available  in  the 
SAR  image)  to  a point  having  known  coordinates.  To  assess 
the  impact  of  these  error  sources  on  PDMM  performance, 

TASC  has  developed-  a Synthetic  Aperture  Radar  Simulation 
(SARSIM).  Investigations  employing  SARSIM  have  indicated 
that  the  reliability  and  accuracy  of  the  edge  correlation 
process  depends  on  edge  shape,  contrast  ratio  and  imaging 


*In  some  cases  system  sensitivity  can  be  reduced  through  re- 
design; in  others  the  sensitivity  is  to  environmental  effects 
over  which  the  designer  has  little  or  no  control. 

rAir  Force  Contract  No.  F04701-75-C-0084 . 
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errors  such  as  interference  levels,  aspect  angle  etc. 

Although  errors  due  to  aspect  angle  variations  can  be  controlled 
to  some  extent  through  hardware  design  improvement s (i.e.  . 
improved  inertial  systems  could  be  employed),  it  is  less 
costly  to  decrease  system  sensitivity  to  this  error  source  by 
insuring  that  the  map  matching  software  is  insensitive  to 
aspect  angle  variation  (over  the  range  of  variations  expected 
during  operational  missions).  On  the  other  hand,  edge  contrast 
ratio  variations  due  to  environmental  effects  (e.g..  snow 
cover  or  precipitation)  could  significantly  affect  system 
performance.  For  this  reason, the  PDMM  flight  tests  being 
planned  for  1977  and  1978  are  placing  major  emphasis  on  the 
collection  of  sensor  data  under  a wide  variety  of  weather  and 
seasonal  conditions. 

Radar  sensor  simulations  can  aid  in  the  process  of 
specifying  the  quantities  which  should  be  measured  during 
flight  testing.  TASC  is  currently  in  the  process  of  specify- 
ing a test  plan  for  the  flight  testing  of  a low  altitude 
radar  correlation  guidance  system.  As  shown  in  Fig.  2-4.  this 
system  mixes  correlation  data  from  the  APQ-144  scanning  radar 
and  the  APN-194  radar  altimeter  (terrain  profile  matching)  to 
create  a position  update  for  an  aircraft  navigation  system. 

As  a part  of  this  program*,  a simulation  of  an  advanced  ver- 
sion of  the  APQ-144  radar  was  developed.  Further  discussion 
of  this  simulation  will  be  given  in  Section  3.  This  simula- 
tion has  been  used  to  predict  system  performance  under  a wide 
variety  of  conditions  and  is  being  used  as  the  primary  tool 
for  identifying  the  data  to  be  collected  during  the  proposed 
flight  test  program. 


Flight  Testing 

Once  the  flight  test  program  is  planned,  specific 
performance  prediction  for  key  tests  should  be  made  using 
tne  system  simulation.  Simulation  predictions  should  be 
made  for  one  of  the  early  tests  of  the  flight  program  to 
generate  data  to  be  used  for  both  model  validation  and  test 
hardware  checkout.  The  process  of  investigating  any  discrep- 
ancies between  simulation-predicted  and  actual  system  perfor- 
mance will  not  only  build  confidence  that  the  model  predict- 
ions are  meaningful , but  also  provide  a methodology  for  con- 
firming that  the  hardware  under  test  and  the  instrumentation 
configuration  are  functioning  properly.  If  modifications  to 


•Air  Force  Contract  No.  F33C15-76-C-1252 . 
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Figure  2-4  Overview  of  TASC ’ s Correlation  System 
Configuration  for  Strategic  Aircraft 
Position  Updating 

the  simulation  or  design  are  required,  the  flight  test  plans 
should  be  reviewed  based  on  the  latest  system  performance 
predictions.  The  ability  to  process  flight  test  data  rapidly 
and  interpret  the  results  in  the  context  of  an  integrated 
system  model  insures  that  changes  in  the  design  and/or  flight 
test  plan  are  made  as  early  as  possible  in  the  program  and 
that  problems  with  the  flight  test  equipment  are  quickly 
isolated.  Such  a capability  minimizes  the  possibility  of 
significant  program  delays  and  the  attendant  increases  in 
cost,  duplication  of  effort,  etc. 


Since  flight  testing  can  only  be  carried  out  under 
a limited  set  of  different  conditions,  the  direct  results  of 
a flight  test  program  are  measurements  of  system  performance 
at  selected  points  in  a multidimensional  space  of  possible 
test  conditions.  Due  to  the  vast  number  of  possible  param- 
eter combinations,  even  the  results  of  an  extensive  flight 
test  program  contain  data  at  only  a fraction  of  the  points 
of  interest.  Therefore,  one  of  the  primary  functions  of  the 
system  simulation  is  to  tie  the  flight  test  data  to  an  inte- 
grated theoretical  framework  so  that  system  performance  at 
other  points  in  this  multidimensional  space  can  be  predicted. 
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Simulation  Validation 


Before  the  radar  system  simulation  can  be  used  for 
general  performance  predictions,  it  must  be  validated  (i.e., 
the  simulation  predictions  must  be  consistent  with  the  test 
data  obtained).  While  a detailed  discussion  of  the  model 
validation  process  is  beyond  the  scope  of  this  paper,  two 
points  should  be  made.  First,  it  is  often  difficult  to  deter- 
mine the  source  of  discrepancies  between  model  predictions  and 
test  flight  results.  One  cause  of  this  problem  is  that  several 
modeling  errors  may  give  rise  to  the  same  discrepancy  (i.e., 
an  observability  problem).  In  some  cases,  the  measurement  of 
additional  parameters  or  careful  structuring  of  the  test  config- 
uration will  aid  in  sorting  out  which  portions  of  the  model 
are  in  error.  For  example,  Fig.  2-5  identifies  a technique 
("open  loop”  testing)  which  breaks  the  feedback  loops  of  an 
integrated  multisensor  system  in  a manner  that  effectively 
isolates  the  performance  of  the  individual  sensors  while  main- 
taining (in  the  system  software)  the  integrated  system  be- 
havior. "Open  loop"  testing  has  the  added  cost-saving  advan- 
tage of  allowing  test  missions  to  be  "reflown”  on  the  ground 
to  evaluate  the  effects  of  filter  design  changes. 
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Dotted  lines  ihcm  data  collection  oaths  ana  teeaoacir  procedures  lot  "open  loop"  test  configuration. 


Figure  2-5  Example  of  "Open  Loop”  Test  Design 
and  Data  Collection 
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Another  approach  is  to  isolate  the  possible  problems 
by  adding  tests  which  specifically  exclude  the  possiblity  of 
certain  error  sources  contributing  to  the  test  results.  The 
possibility  that  errors  in  the  flight  test  instrumentation 
are  the  cause  of  the  discrepancies  must  also  be  considered. 

The  isolation  of  a single  critical  instrumentation  problem 
early  in  the  test  program  (based  on  the  analysis  of  discrep- 
ancies between  model  prediction  and  preliminary  flight  test 
results)  can  itself  pay  for  the  simulation  development. 

Second,  specific  attention  should  be  directed  toward 
the  planning  of  data  collection  procedures  so  that  model  vali- 
dation can  be  effectively  carried  out.  To  accomplish  this,  a 
detailed  plan  for  the  model  validation  procedure  is  required. 
Figure  2-6  illustrates  the  procedure  which  TASC  has  proposed 
for  the  validation  of  its  PDMM  fix  accuracy  performance  model. 
The  outputs  of  this  process  can  be  used  to  assess  the  accuracy 
of  simulation  models  for  signature  prediction  errors,  scin- 
tillation/clutter statistics,  hardware  biases  and  correlator 
performance . 

Figure  2-7  illustrates  the  results  obtained  using  a 
similar  procedure  for  validating  a simulation  of  the  Range 
Only  Correlation  System  (ROCS)  based  on  flight  test  data  col- 
lected by  Goodyear  Aerospace.  The  figure  illustrates  the 
difference  between  preflight  signature  predictions  (produced 
by  a simulation  of  the  ROCS  sensor)  and  the  average  flight 
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test  video  data.  These  differences  are  believed  to  arise  from 
the  misprediction  of  scene  reflectivity  (receiver  noise  ef- 
fects are  assumed  to  have  been  averaged  out).  A comparison 
of  simulation-predicted  correlation  performance  and  ROCS 
flight  test  data  indicates  that,  with  the  exception  of  errors 
ascribed  to  imperfect  reflectivity  prediction,  the  predicted 
and  measured  correlation  errors  are  in  agreement  to  within 
the  limitations  of  the  test  instrumentation. 


Extrapolation  of  Flight  Test  Results 

Following  the  completion  of  system  flight  testing 
and  simulation  model  validation,  the  simulation  can  be  con- 
sidered an  embodiment  of  the  available  theoretical  and  ex- 
perimental information  which  relates  directly  to  overall  sys- 
tem performance.  (Clearly,  the  simulation  will  not  explicitly 
contain  the  detailed  theory  concerning  the  functioning  of  in- 
dividual components,  but  it  will  contain  the  abstract  models 
which  relate  component  or  subsystem  performance  to  system 
level  performance.)  The  validated  simulation  can  therefore 
be  used  with  much  greater  confidence  to  predict  system  perfor- 
mance for  a specific  operational  mission  than  can  techniques 
based  on  the  average  flight  test  performance  or  the  identifica- 
tion of  test  results  which  were  obtained  under  conditions  "most 
nearly  approximating"  the  proposed  operational  mission. 
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When  the  operational  mission  includes  conditions 
which  are  significantly  outside  the  realm  of  the  test  environ- 
ment (or  design  changes  are  considered),  the  availability  of  a 
system  model  is  even  more  important.  The  framework  offered 
by  the  simulation  model  often  allows  the  addition  of  a theor- 
etical model  to  account  for  the  new  conditions  without  aflect- 
ting  the  bulk  of  the  system  performance  simulation.  In  this 
way,  the  extrapolated  predictions  need  only  be  parameterized 
over  the  region  of  uncertainty  of  the  added  theoretical  model. 
By  way  of  example,  the  aircraft  and  helicopter  flight  tests 
for  the  PDMW  and  ROCS  sensors  will  not  evaluate  plasma  effects 
(which  will  be  present  if  these  sensors  are  used  in  reentry 
environments).  Once  the  validated  models  for  these  sensors 
have  been  modified  to  account  for  the  effects  of  plasma  atten- 
uation, interference  and  phase  distortions,  the  resulting  pre- 
dictions will  be  as  good  as  the  plasma  models  utilized.  In 
this  case,  the  results  of  "plasma  experiments"  specifically 
conducted  to  measure  these  effects  can  be  utilized  to  validate 
the  added  theoretical  models. 


3.  SIMULATION  DEVELOPMENT 

Figure  3-1 ’ illustrates  the  basic  components  of  a 
correlation-updating  sensor  simulation.  The  complexity  and 
computational  requirements  of  such  a simulation  are  typically 
dominated  try  the  radar  sensor  model  (depending  on  the  level 
of  detail,  a model  of  the  reference  data  preparation  process 
can  also  make  a major  contribution). 

In  this  section,  a simulation  of  the  APQ-144  radar 
developed  by  TASC  for  a low  altitude  correlation  updating 
application  (see  Fig.  2-4)  will  be  used  to  illustrate  several 
techniques  which  can  be  employed  to  reduce  these  requirements 
for  a ground  imaging  radar  simulation.  This  simulation  was 
developed  to  aid  in  the  design,  performance  analysis,  and 
flight  testing  of  a correlation  system  based  on  the  APQ-144 
radar.  It  has  been  designed  specifically  to  perform  the 
functions  outlined  in  the  previous  section  of  this  paper. 
While  the  simulation  development  techniques  discussed  here 
may  not  be  direcly  applicable  to  the  simulation  of  other 
radar  systems  it  is  expected  that  similar  concepts  can  be 
applied . 


Before  discussing  the  specific  simulation  development 
techniques,  a re.view  of  the  APQ-144  radar  system  and  an  assess- 
ment of  the  simulation  requirements  will  be  given.  Table  3-1 
summarizes  the  characteristics  of  the  APQ-144  radar  system 
when  operating  in  the  ground  imaging  mode.  To  insure  reasonable 
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Figure  3-1 


Overview  of  Correlation  Updating  Simulation 


TABLE  3-1 

APQ-144  RADAR  CHARACTERISTICS 
(GROUND  IMAGING  MODE) 


PARAMETER 

VALUE 

Scan  Limits 

±10  or  ±45  deg 

Scan  Rates 

20  or  74  deg/sec 

Azimuth  Beam  Width 

'1.3  deg  (3  dB  one  way) 

Pulse  Repetition 
Frequency  (PRF) 

2022  pulses  per  second 

RF  Frequency 

16.2  GHz 

Elevation  Beam  Pattern 

csc^  cos 

Maximum  Power 

65  kW 
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simulation  fidelity,  the  model  used  to  specify  the  ground 
truth  data  (i.e.,  reflectivities  and  terrain  heights)  must 
have  greater  resolution  than  the  sensor  being  simulated. 

Based  on  the  range  resolution  offered  by  the  APQ-144  and 
using  a ground  truth  model  specifying  reflectivities  and 
terrain  heights  on  a somewhat  finer  grid  (a  factor  of  two 
offers  good  simulation  fidelity)  leads  to  the  processing  of 
between  250  and  500  ground  reflectors  for  each  transmitted 
pulse  (a  much  greater  number  would  be  needed  for  a high 
altitude/longer  range  application).  Using  a pulse  repetition 
frequency  of  2022  pulses  per  second,  the  fastest  scan  rate 
and  smallest  scan  limits  (i.e.,  74  deg/sec  and  ±10  deg) 
leads  to  approximately  550  pulses  per  scan  and  a resulting 
total  processing  burden  of  between  138  and  275  thousand 
reflectors  per  scan.  Since  the  correlation  configuration 
being  considered  for  the  APQ-144  utilizes  three  scans,  a 
Monte  Carlo  analysis  based  on  100  trials  would  require  the 
processing  of  40  to  80  million  reflectors.  At  the  conclusion 
of  this  processing,  reasonably  good  statistics  would  be  avail- 
able for  one  terrain  signature  under  a particular  set  of 
imaging  conditions  (i.e.,  imaging  geometry,  environmental 
conditions,  attitude  errors,  etc.).  Clearly,  this  approach  to 
radar  system  simulation  is  unacceptable  even  at  low  altitudes, 
limited  scan  angles  and  fast  scan  rates.  Two  improvements  to 
this  approach  will  be  described  which  together  reduce  this 
computational  load  to  a reasonable  level. 

The  first  technique  effectively  moves  the  reflector 
processing  (i.e.,  ground  imaging)  outside  of  the  Monte  Carlo 
loop  (i.e.  , it  allows  the  reflector  processing  to  be  done 
just  once  for  a given  imaging  geometry).  If  the  reflector 
statistics  are  assumed  to  have  a Rayleigh  distribution 
(Refs.  2 through  5),  the  predetection  video  signal  for  the 
£th  pUise  and  kth  range  gate  can  be  expressed  as 


V 


kSL 


Re 


W 


(3-1) 


where  environmental  and  receiver  noise  effects  have  been 
temporarily  neglected  and 
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represents  the  sum  over  the  reflectors 
n (subscripted  by  n)  which  contribute  to 
the  kT h range  gate 

K represents  a gain  dependent  on  radar 
R parameters,  reflector  location,  antenna 
parameters,  slant  range,  imaging  geo- 
metry, etc. 

R.(>  ) is  a Rayleigh  distributed  random  number 
which  models  the  statistical  character- 
istics of  the  magnitude  of  the  return 
from  the  nrh  reflector 

Y is  the  reflectivity  associated  with  the 
n nth  reflector 

; . models  the  phase  of  the  nth  reflector 
’n  and  is  assumed  to  be  uniformly  distri- 
buted from  zero  to  2~ 


Equation  3-1  can  be  rewritten  as 


K 

n ' n 


K£n(0*1) 


(3-2) 


where  N;n(0,l)  is  a zero  mean,  normally  distributed  number 
with  unit  variance.  (Note  that  the  real  part  of  R^( > n )e J 
is  normally  distributed.)  Equation  3-2  can  be  further  sim- 
plified by  noting  that  the  sum  of  many  normally  distributed 
random  numbers  is  also  normal  and  therefore 


(3-3) 


-2  A 

The  coefficient,  ( l K Yn)  . represents  the  square 

n 

root  of  the  signal  power  returning  on  the  pulse  for  the 

kth  range  bin  (i.e.,  p| ) . Based  on  Eq . 3-3,  a deterministic 
simulation  can  be  developed  which  calculates  the  mean  pow-er 
returned  for  each  pulse  (associated  with  each  range  bin)  and 
stores  these  powers  for  later  use  within  the  Monte  Carlo  simu- 
lation. In  the  Monte  Carlo  simulation,  sample  video  signals 
can  be  generated  using  Eq . 3-3. 


14 


A more  general  version  of  Eq . 3-3  which  incorporates 
environmental  effects  and  receiver  gain  variation  can  be 
written  as 


Vkt  * Gk  + <Kck+VNR)iNU<0’1)t  <3'4> 


where 

is  an  attenuation  factor  which  models 
the  signal  propagation  losses  for  the 
kth  range  bin  (e.g.,  radome,  weather,  etc.) 

Nq  is  the  power  associated  with  the  clutter 
k interference  in  the  ktk  range  bin  (including 
both  ground  clutter  through  unmodeled  side- 
lobes  and  weather  clutter). 

Nj  is  the  jamming  power  level 

Np  is  the  receiver  noise  power  level 

is  a receiver  gain  which  may  vary  with 
range  (i.e.,  time  after  pulse  transmission) 
and  therefore  may  be  different  from  range 
bin  to  range  bin  (e.g.,  Sensitivity  Time 
Control  ( STC ) ) 


The  correlation  of  one  return  with  subsequent  returns 
(depending  on  the  degree  of  frequency  agility  employed)  can 
easily  be  simulated  by  creating  a correlated  sequence  of  ran- 
dom numbers,  N^(0,1),  having  a pulse-to-pulse  correlation 
coefficient  given  by  (Ref.  6 ) 


I 


where 


P ( Af ) 


sin(2rAf /B) 
(2tAf /B) 


(3-5) 


Af  is  the  frequency  difference  between 
the  two  pulses  under  consideration 

B is  the  receiver  bandwidth 


The  second  technique  employed  to  lower  the  computa- 
tional burden  reduces  the  number  of  transmitted  pulse'  which 
must  be  simulated  by  deriving  an  integrated  power  for  each 
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cell  of  the  map  generated  by  the  digital  scan  converter. 

Figure  3-2  illustrates  the  sampling  logic  and  pulse-return 
assignment  logic  used  by  the  digital  scan  converter.  If  a 
pulse-by-pulse  simulation  of  the  APQ-144  were  to  be  conducted, 
it  would  be  necessary  to: 

• Set  the  range  gate  limits  based  upon 
the  pulsewidth  and  estimated  range 

to  Cjj  (plus  an  error  related  to  range 
gate  timing) 

• Set  the  true  antenna  azimuth  direction 
for  the  fcth  pulse  of  N. . pulses  to  be 
simulated. 
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Figure  3-2 


Imaging  Control  by  APQ-144  Digital 
Scan  Converter 
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• Weight  each  of  the  reflectors  within 

the  range  gate  limits  bv  the  azimuth 
beam  pattern  for  the  pulse 

• Repeat  this  for  each  of  the  N-jj  pulses 
and  sum  the  results. 

This  procedure  can  be  symbolically  represented  by 


N. 

l r 2 

: 1 

1=1 

l \ ga 

1 n 

pulse 

reflector 

sum 

sum 

where 

2 

G^(d)  is  the  two-way  antenna  gain  pattern 
( azimuth ) 

Yn  represents  a reflector  within  the  range 
gate  limits 

6C'tn  is  the  azimuth  direction  of  the  nth 

reflector  relative  to  the  antenna  bore- 
• sight  bn  the  £th  pulse 


Equation  3-6  can  be  rewritten  as  follows: 


(3-7) 


The  inner  sum  can  be  viewed  as  a convolution  of  the  two-way 
beam  pattern  as  illustrated  in  Fig.  3-3.  Since  the  nominal 
configuration  for  the  APQ-144  correlator  uses  a ±10  degree 
scan,  Nij  is  approximately  the  same  for  each  cell  within 
the  jth  column  of  the  sensed  map  (sensed  map  cells  with 
approximately  the  same  range  from  the  aircraft,  see  Fig.  3-2). 
Therefore,  a convolved  beam  pattern,  Gj  . ($),  can  be  computed 
just  once  for  each  column,  j,  of  the  sensed  map,  tabulated 
over  the  range  of  interest  (e.g.,  over  a range  of  $ for  which 
Grj(C)  2.  0.01  G"j(0))  and  then  used  for  each  sensed  ceil  at 
that  range  as  follows 
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Figure  3-3  Illustration  of  Beam  Pattern 

Convolution  for  N.  . = 5 

ij 


where  <f>jj  is  the  azimuth  angle  to  the  center  of  Cjj  and  $n 
is  the  azimuth  angle  to  the  n^h  reflector.  Calculation 
of  Cij  now  involves  only  one  computation  for  every  reflec- 
tor within  the  range  and  azimuth  limits  associated  with  Cij 
instead  of  one  computation  per  reflector  assigned  to  the 
(i.j)  cell  for  each  transmitted  pulse. 

Since  approximately  100  pulses  are  integrated  for 
each  cell,  C^ j , a reduction  in  computational  burden  of 
approximately  100  has  been  achieved  through  the  use  of  this 
technique . 

By  combining  both  techniques  a reduction  in  compu- 
tational burden  of  approximately  ten  thousand  has  been  achieved 
(100  each  for  the  examples  cited).  The  number  of  reflectors 
processed  for  100  Monte  Carlo  trials  has  been  reduced  from 
40  to  80  million  to  4 to  8 thousand.  The  utility  of  the  re- 
sulting simulation  has  been  vastly  improved  and  a wide  range 
of  imaging  geometries,  scene  signatures  and  environmental 
conditions  can  now  be  reasonably  simulated. 
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4 . SUMMARY 

The  objective  of  this  paper  has  been  to  outline 
the  general  role  of  simulations  in  a radar  flight  test  pro- 
gram and  to  illustrate  this  role  through  the  use  of  examples 
taken  from  the  simulation  and  flight  testing  of  radar  sensors 
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used  for  correlation  guidance.  Since  the  efficiency  of 
radar  simulations  can  seriously  impact  their  utility,  a dis- 
cussion of  the  development  of  a ground  imaging  radar  simu- 
lation, created  to  aid  in  the  design  and  flight  testing  of 
a viable  sensor  configuration,  has  been  presented. 

A central  theme  of  this  paper  is  that  the  simulation 
of  radar  sensors  leads  to  an  improved  understanding  of  the 
relative  importance  of  different  system  error  sources,  thus 
allowing  limited  design  and  testing  resources  to  be  effec- 
tively concentrated  on  those  error  sources  which  pose  the 
greatest  threat  to  successful  program  completion.  Since 
simulations  are  initially  developed  through  the  integration 
of  theoretical  analyses  of  numerous  system  components,  they 
offer  the  only  "general"  theory  with  which  to  predict  and 
explain  system  performance  (both  prior  to  and  after  system 
testing).  Performance  predictions  generated  in  advance  of 
testing  allow  the  development  of  efficient  test  plans  which 
explore  all  of  the  crucial  areas  of  system  operation.  As 
test  data  is  collected,  discrepancies  between  model  pre- 
dictions and  test  results  force  a reexamination  of  simula- 
tion model  assumptions,  test  equipment  and  test  procedures. 

Past  experience  has  shown  that  the  development  and  use  of 
simulations  provides  insights  into  the  characteristics  and 
consequences  of  the  major  system  error  sources.  Therefore, 
hardware  problems  which  do  arise  are  often  uncovered  more 
quickly  than  would  have  been  the  case  in  the  absence  of 
simulation  experience.  Finally,  after  testing  has  been 
completed,  the  successfully  validated  simulation  models  can 
be  used  to  extend'  system  performance  predictions  to  impor- 
tant cases  not  covered  by  the  test  program  and  for  pre- 
dicting tne  improvements  in  system  performance  which  could 
be  obtained  through  design  modifications. 

Simulation  development  techniques  which  increase 
simulation  utility  by  maximizing  computational  efficiency 
are  illustrated  for  the  case  of  the  APQ-144  radar  in  a ground 
imaging  mode.  The  two  techniques  discussed  in  this  paper 
reduce  the  computation  requirements  associated  with  Monte 
Carlo  performance  analysis  by  approximate^'  ten  thousand  (for 
an  example  case  in  which  100  Monte  Carlo  trials  are  simulated). 


19 


AHLiflL 


REFERENCES 


Gelb,  A.,  Editor.  Applied  Optimal  Estimation. 

Press,  Cambridge,  Mass.,  April  1974. 

Ament,  W. , MacDonald,  F. , and  Sheubrodge , R.,  "Radar 
Terrain  Reflections  for  Several  Polarizations  and 
Frequencies,"  Trans,  of  the  1959  Symposium  on  Radar 
Returns,  Part  II,  11  and  12  May  1959. 

Guinerd,  N . W . , Ransone,  J.T.,  Loing  M.B.,  and  Hearton 
L.E..  NRL  Terrain  Clutter  Study  Phase  I.  Naval 
Research  Laboratory  Report  No.' 6487,  10  May  1967. 

Long,  M.W.,  Radar  Reflectivity  of  Land  and  Sea.  D.C. 
Heath  L Co. , Lexington.  Mass. , 1975. 

Linell,  T.,  "An  Experimental  Investigation  of  the 
Amplitude  Distribution  of  Radar  Terrain  Return," 

Conf . of  the  Swedish  National  Committee  on  Scientific 
Radio,  13  March  1963. 

Ray,  H. , "Improving  Radar  Range  and  Angle  Detection 
with  Frequency  Agility,"  Microwave  Journal  . May  1966. 


20 


EIGHTH  BIENNIAL  GUIDANCE  TEST  SYMPOSIUM 


DESIGNING  WEAPON  SYSTEM  TEST  TRAJECTORIES  FOR 
GUIDANCE  ERROR  SOURCE  OBSERVABILITY 


AUTHORS:  S.  M.  ARCHER 

C.  L.  BOWMAN 
N.  N.  GURWELL 


LOGICON,  INC. 

SAN  PEDRO,  CALIFORNIA 


ABSTRACT 


The  area  of  experimental  design  has  long  been  a subject 
of  much  concern  to  statisticians  and  engineers  alike. 

Here,  a weapon  system  flight  test  reentry  trajectory  is 
designed  in  order  to  improve  guidance  system  pe: formance 
evaluation.  The  evaluation  is  performed  from  a simulated 
post  flight  analysis  of  the  measurements  made  by  radar/ 
camera  ground  sensors  and  a reentry  vehicle  inertial  mea- 
surement unit.  A result  of  this  evaluation  is  the  covari- 
ance matrix  of  the  error  in  estimating  the  various  reentry 
guidance  system  error  sources.  The  measure  of  the  improve- 
ment provided  by  a trajectory  design  is  a weighted  trace 
of  this  covariance  matrix,  where  the  weights  are  the  re- 
lative importance  of  the  principal  error  contributors  of 
the  operational  trajectory.  Two  modified  constrained 
optimization  techniques  are  developed  to  solve  this  pro- 
blem. The  results  show  that  significant  improvement 
in  the  observabi 1 i ty  of  guidance  system  error  param- 
eters can  be  attained. 


INTRODUCTION 


This  paper  considers  the  problem  of  weapon  system  flight  test  trajectory 
design  for  the  purpose  of  improving  operational  system  performance 
evaluation.  It  is  shown  that  the  observability  of  the  principal  reentry 
guidance  system  errors  can  be  substantially  enhanced  by  trajectories 
designed  for  this  purpose. 

The  principal  weapon  system  reentry  vehicle  inertial  measurement  unit 
(IMU)  error  sources  were  determined  from  error  analyses  performed  on  a 
candidate  operational  trajectory.  Using  this  identification  of  the 
principal  error  contributors  and  their  corresponding  weights,  a search 
for  a reentry  trajectory  which  minimized  the  weighted  trace  of  the 
measured  principal  error  source  covariance  matrix  was  performed.  The 
measurements  are  a difference  between  those  of  the  reentry  IMU  and 
radar/camera  ground  sensor  position  measurements  with  existing  geometry 
near  the  impact  at  Kwajalein.  The  ground  sensors  are  modeled  as  having 
bias  and  scale  factor  errors.  The  covariance  analysis  of  the  IMU  and 
ground  sensor  error  parameters,  simulating  post  flight  data  processing, 
was  performed  using  an  extended  Kalman  filter.  The  refinement  of  the 
reentry  trajectory  assumed  a standard  boost  and  freeflight  as  launched 
from  SAMTEC  and  was  restricted  to  satisfy  energy,  vehicle,  and  instru- 
mentation constraints  during  reentry. 

To  obtain  a solution  to  this  input  design  problem,  the  standard  Cramer- 
Rao  lower  bound  on  the  covariance  of  an  unbiased  estimator  was  used, 
however  the  usual  "eigenvalue"  input  design  solution  was  not  applicable. 
As  a result,  two  modified  constrained  optimization  techniques  were 
developed  and  each  used  to  obtain  an  improved  trajectory.  Both  of  the 
improved  trajectories  showed  a significant  improvement  in  the  estimation 
of  the  principal  reentry  IMU  error  sources. 

The  discussion  of  these  investigations  is  presented  in  four  sections. 

In  Section  1,  the  assumed  operational  system  is  described.  Section  2 
documents  the  identification  of  the  principal  weapon  system  performance 
contributors.  Section  3 describes  the  flight  test  reentry  trajectory 
design  process,  and  Section  4 presents  the  performance  attained  with  the 
derived  trajectories. 
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1. 


OPERATIONAL  SYSTEM  DESCRIPTION 


The  operational  system  considered  consists  of  an  aerodynamical ly  con- 
trolled reentry  vehicle  and  a full  three  degree-of-freedom  stabilized 
reentry  inertial  measurement  unit  ( R I MU ) deployed  from  a Minuteman  III 
booster  with  a NS-20  guidance  system.  The  NS-20  is  modeled  with  the 
error  sources  shown  in  Table  1 and  error  source  uncertainties  corres- 
ponding to  current  accuracy  estimates. 

At  launch,  the  RIMU  is  assumed  coarsely  aligned  in  azimuth  using  the 
azimuth  gimbal  resolver,  and  is  aligned  about  the  level  axes  using  the 
platform  accelerometers.  The  RIMU  navigates  from  launch  and  is  updated 
by  comparison  of  the  RIMU  navigated  state  with  that  of  the  more  accurate 
NS-20  at  the  end  of  Stages  I and  II  and  prior  to  deployment,  using  a 
Kalman  filter. 

The  reentry  navigation  system  is  reinitialized  at  reentry  with  a state 
vector  mapped  from  the  estimated  state  at  deployment  and  navigates 
through  the  reentry  phase  of  the  mission.  The  RIMU  platform  axes  are 
aligned  to  a downrange,  crossrange,  and  up  orientation  at  launch  and  the 
accelerometer  and  gyro  input  axes  are  as  shown  in  Figure  1. 

RIMU  Error  Models 


The  RIMU  is  modeled  with  accelerometer,  gyro,  gimbal  mass  unbalances, 
and  platform  compliance  errors. 

Accelerometer  Error  Model 


The  acceleration  error  for  each  accelerometer  is  modeled  by: 
AAi  s Ko  + KiAi  + Ks  lAi  + K0I  + Kdsign(Ai  + Ko) 


+ K?A.2  + K,A.3  + K.  A.A  + K.  A.A 
£ 1 0 1 ip  1 p 10  TO 


+ K A + KA  + e An  + Y A 

p p 0 0 p '0 


The  coefficients  for  the  error  model  and  their  description  are: 
KQ  - bias 

- scale  factor 
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Table  1.  NS-20  Error  Sources 
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V ' I'  ' II  HI  .«  ' 


i ’ MAH' 


kip 

(io 


absolute  scale  factor 
hysteresis  bias  shift 
quadratic  nonlinearity 
cubic  nonlinearity 
pendulous  cross  axis  scale  factor 
output  cross  axis  scale  factor 
Kp  - pendulous  cross  axis  bias 

Kq  - output  cross  axis  bias 

B - input  axis  toward  pendulous  axis  misalignment 

Y - inpu\  axis  toward  output  axis  misalignment 

and  the  subscripts  ( i , p,  o)  denote  the  input  pendulous,  and  output  axes 
of  the  accelerometer. 

Gyro  Error  Model 

The  drift  rate  error  about  the  gyro  input  axis  is  modeled  by: 

VV  DiAi  * DoAo  * Ds\  * D1iAi2  * D1oAlAo 

* °isA1As  + °ooAo2  * °ssAs2  + °osAoAs 


The  coefficients  of  the  gyro  error  model  are: 


Di 


11 

}io 


'is 


fixed  drift 

input  axis  mass  unbalance 
output  axis  mass  unbalance 
spin  axis  mass  unbalance 
compl iance 
compliance 
compl iance 
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Doo  - 

compliance 

°ss  - 

compl iance 

1 

CO 

O 

O 

compliance 

where  the  subscripts  (i,  o,  s)  denote  the  input,  output  and  spin  axes  of 
the  gyro. 

Gimbal  Mass  Unbalance  Model 


The  gimbal  mass  unbalances  give  rise  to  misalignments  about  the  platform 
x,  y,  and  z axes  of  the  forms: 


Misalignment  ( exy  *Kxy  Ay 
about  x axis  | 0xz  = Kxz 


Misalignment  ( ®yx  ” Kyx  Ax 
about  y axis  \Qyz  = 'KyzAz 


Misalignment  ) 6zx  ’ "Kzx  Ax 
about  z axis  | ©zy  = Ay 


Where  the  A , A , A are  in  platform  coordinates. 

a y L 

Platform  Compliance  Model 

Deformation  of  the  platform  caused  by  g loading  causes  the  accelerometers 
to  be  misaligned  with  respect  to  their  theoretical  input  axes.  The  er- 
rors in  acceleration  caused  by  this  deformation  are  modeled  as: 


KukAA 


where 

A,|  Is  the  acceleration  error  along  the  ith  axis  caused  by 
the  Aj  and  Afc  accelerations. 


Platform  Alignment 


The  platform  is  misaligned  at  launch  by  the  angles  4>  , <p  , <p  about  the 

x y z 

platform  axes.  The  acceleration  error  due  to  the  platform  misalignment 
is  given  by 


AA(t) 


X Mt) 


where  A and  AA  are  in  platform  coordinates. 


Trajectory 


The  operational  trajectory  assumed  for  this  analysis  is  a northerly 
launch  azimuth,  4250  nmi  range,  -27.5  degree  reentry  angle  boost  tra- 
jectory with  a mixture  of  yaw  maneuvers  and  coasts  for  the  reentry 
trajectory  depicted  in  Figure  2.  The  impact  point  is  approximately  2 
nmi  downrange  and  4 nmi  crossrange  from  the  ballistic  impact  point. 
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Figure  2.  Operational  Analysis  Trajectory 


2. 


IDENTIFICATION  OF  PRINCIPAL  PERFORMANCE  CONTRIBUTORS 


The  operational  accuracy  of  a strategic  missile  system  is  calculated 
from  an  error  source  budget  since  the  system  accuracy  cannot  be  measured 
directly  in  an  operational  environment  and  with  operational  trajectories 
because  of  differences  in  launch  azimuth,  reentry  conditions  and  range. 
Thus,  an  error  source  budget  is  estimated  in  testing  activities  and  the 
system  performance  is  calculated  with  error  analysis  techniques  for  the 
operational  case. 

Therefore,  the  accuracy  of  the  operational  performance  estimates  depends 
on  the  fidelity  of  the  error  source  budget  determined  from  testing  acti- 
vities and  the  sensitivity  of  the  calculated  operational  performance  to 
variations  in  the  error  source  magnitudes.  This  sensitivity  depends 
both  on  the  magnitude  of  the  particular  error  source  val  i in  comparison 
to  the  remainder  of  the  error  sources  and  on  the  error  sensitivity  of 
the  particular  source.  For  example,  in  a system  where  the  budget  ac- 
curacy is  dominated  by  a single  error  source,  a small  change  in  the 
magnitude  of  that  source  will  cause  significant  change  in  the  calculated 
accuracy.  At  the  same  time  for  one  of  the  smaller  contributions,  even 
though  it  might  have  a large  individual  error  sensitivity,  the  same 
percent  change  will  have  a much  smaller  effect  on  calculated  accuracy. 

The  criterion  for  selecting  the  principal  performance  contributors  in 
this  analysis  has  been  the  sensitivity  of  system  CEP  to  variations  in 
the  error  source  magnitudes  about  a priori  budget  values. 

The  system  sensitivities  were  evaluated  using  the  Logicon  System  Error 
Analysis  Program  (SEAP)  which  uses  an  extended  Kalman  filter  to  pro- 
pagate system  errors  and  to  simulate  the  system  measurement  updates  of 
an  aided  system.  SEAP  operates  as  shown  in  Figure  3 to  evaluate  the 
performance  of  an  optimal  system  mechanization. 

In  the  system  under  consideration,  the  reentry  system  errors  consist  of 
the  navigated  position  and  velocity  plus  the  87  RIMU  error  sources, 
while  the  navigation  aid,  the  NS-20,  is  modeled  by  78  error  source 
states  in  a filter  state  vector  because  of  correlations  from  measurement 
to  measurement.  The  SEAP  state  vector  is  shown  in  Figure  4. 

The  system  sensitivities  were  calculated  by  perturbing  the  error  source 
magnitude  by  a factor  of  10  (making  the  magnitude  larger)  and  calculatng 
ing  the  resulting  change  in  CEP. 

The  system  sensitivities  were  first  evaluated  in  groups  to  eliminate 
possible  error  sources  from  contention.  The  groups  were  formed  based 
upon  the  results  of  linear  error  analyses  of  the  RIMU  over  the  boost  and 
reentry  phases  of  the  mission.  For  those  groups  not  eliminated,  the 
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Figure  3.  System  Error  Analysis  Program 


contributing  error  sources  were  determined  using  subdivisions  of  the 
groups  and  finally  individual  system  CEP  sensitivities  were  determined. 
For  the  system  and  a priori  error  budget  under  consideration,  the  system 
sensitivity  magnitudes  are  dominated  by  15  error  sources.  The  15  error 
sources  with  the  largest  sensitivities  and  their  sensitivities  are  given 
in  Table  2.  These  significant  sensitivities  arise  during  the  reentry 
phase  since  the  effects  during  boost  are  estimated  by  the  inflight  mea- 
surements. Error  sources,  such  as  azimuth  alignment  which  might  be 
expected  to  appear  among  the  largest  contributors  do  not  because  they 
are  estimated  by  the  inflight  measurements. 


Table  2.  Principal  Performance  Contributors 


Source  Number  Description  % CEP  Change  at  Impact* 


1 

Gimbal  Mass  Imbalance  About  Z by  Y 

71.0 

2 

Y-Gyro  Djj 

37.4 

3 

X-Accelerometer  Bent  to  Y by  Y 

30.6 

4 

Z-Gyro  D^s 

26.5 

5 

Z-Gyro  DjS 

14.3 

6 

X-Accelerometer  Bent  to  Y by  X 

7.7 

7 

X-Gyro  D$s 

7.1 

8 

Gimbal  Mass  Imbalance  About  X by  Y 

5.9 

9 

Y-Gyro  Dj0 

5.8 

10 

X-Accelerometer  Bent  to  Z by  Z 

5.8 

11 

Y-Gyro  D00 

5.7 

12 

Y-Gyro  Fixed  Drift 

5.4 

13 

X-Gyro  Fixed  Drift 

4.2 

14 

Z-Gyro  D^ 

3.7 

15 

Z-Gyro  DQS 

3.7 

* 1000%  increase  in  uncertainty 


I 
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3. 


FLIGHT  TEST  REENTRY  TRAJECTORY  DESIGN 


Flight  Test  System 

The  system  assumed  for  the  flight  test  experiment  is  the  reentry  vehicle 
deployed  from  a Minuteman  I booster  on  a SAMTEC  to  Kwajalein  trajectory. 
For  this  analysis  the  reentry  vehicle  impact  is  assumed  to  be  in  the 
lagoon  where  adequate  ground  sensor  coverage  is  possible.  The  flight 
test  boost  trajectory  has  a -26.5  degree  reentry  angle. 

The  boost  guidance  system  is  the  NS- 10  guidance  set  and  the  RIMU  is  a 
less  mature  version  of  the  operational  RIMU  with  some  error  source  mag- 
nitudes budgeted  larger  than  those  for  the  operational  version.  The 
flight  test  RIMU  error  model  form  is  identical  to  the  operational  model 
described  earlier. 

In  this  analysis,  the  emphasis  has  been  to  design  trajectory  maneuvers 
to  facilitate  the  identification  of  the  RIMU  error  source  magnitudes. 

To  this  end  a single  set  of  sensors  has  been  chosen.  Figure  5 shows  the 
locations  of  the  sensors  and  the  assumed  impact  point.  To  reduce  com- 
puter expenditures  in  this  exploratory  study,  the  three  sensors  are  each 
assumed  to  be  a composite  of  a radar  (for  range  measurement)  and  a 
camera  (for  angle  measurements)  located  at  the  sites  shown  in  Figure  5. 
Ground  sensor  measurement  accuracy  is  assumed  to  be  20  ft  lo  in  range 

and  .003°  lo  in  azimuth  and  elevation  angles.  The  initial  estimate  of 
the  reentry  vehicle  state  at  reentry  is  assumed  to  be  derived  from  the 
ground  sensor  data. 

The  assumed  vehicle  is  a bank-to-turn  vehicle  so  that  the  controls 
available  are  normal  acceleration,  an>  and  bank  angle,  <)>.  The  acceler- 
ation due  to  aerodynamic  drag  on  the  vehicle  is  partially  a function  of 
the  normal  acceleration.  The  vehicle  is  subject  to  constraints  on 
normal  acceleration  magnitude,  integral  of  acceleration,  and  impact  Mach 
number. 

The  Identification  Problem 


The  RIMU  and  ground  sensor  state  error  variables  are  taken  to  be  of  the 
bias  form,  i .e. , 


where  the  vector  0RIMU  contains  the  RIMU  error  parameters  to  be  iden- 
tified and  the  vector  eSENS0R  contains  the  ground  sensor  non-random 
error  parameters. 


-15- 


La t = 9 23.  75 
Lon  = 167°  28' 


Figure  5.  Ground  Sensor  Geometry 


The  measurement  equation  Is 

Z(t)  = H(t,  u)  0 + v(t) 

where  T 

E(v(t)  vT(t'))  = R(t)6(t  - t') 

It  is  instructive  to  examine  the  form  of  the  RIMU  observables.  The  RIMU 
error  sources  can  be  divided  into  gyro  and  non-gyro  errors.  In  platform 
coordinates,  the  RIMU  acceleration  errors  can  be  shown  to  be  of  the  fol- 
lowing forms.  For  the  input  non-gravitational  acceleration,  A(t),  the 
error  in  RIMU  sensed  acceleration  is  KA{ t),  where: 


Non-Gyro  Errors 


Nj : AAi(t)«0i 

N2:  AA.(t)  « 6.Ak(t) 

N3:  AAi (t)  « 0iAk(t)A£(t) 
Gyro  Errors 


G y AA.(t) 
G2:  A^i (t) 


0itBiA(t) 

0i  f A. (x )dr  B.A(t) 
J0 


G3:  AAi (t) 


Ak(x)A£(T)dT  Bi A( t) 


where  Ak  and  A^  are  the  k and  l components  of  the  acceleration  A and 


0 

4J3 

-*12 

6J3 

0 

6j2 

•Jjl 

0 

is  a misalignment  matrix  corresponding  to  a rotation  about  a predefined 
jth  axis  for  the  ith  error  source. 
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If  a velocity  measurement  is  to  be  made,  the  observable  for  the  ith  RIMU 
error  source  is 

t 

AA.j  (x)dx 

and  for  a position  measurement 


ARi (t)  = I I AA^sJdsdt 
0 0 

The  non-gravitational  acceleration  in  platform  coordinates  is  a function 
of  the  normal  acceleration  and  bank  angle  control. 

A(t)  = F(an(t),  $(t)) 

At  the  time  of  maneuver  initiation  on  the  flight  test  trajectory,  the 
vehicle  drag  is  nearly  along  the  platform  negative  z-axis  and  yaw  maneu- 
vers will  produce  platform  y-accelerations  while  pitch  maneuvers  produce 
x-accelerations. 

Figure  6 indicates  the  output  channel  sensitivities  to  various  combina- 
tions of  input  accelerations.  Figure  7 depicts  the  non-gravitational 
acceleration  in  platform  coordinates  for  the  flight  test  trajectory 
equivalent  to  the  assumed  operational  trajectory  (a  yaw-maneuvering 
trajectory).  For  the  yaw-maneuvering  trajectory,  drag  and  the  yaw- 
accelerations  produce  primarily  a^  and  az  inputs  to  the  RIMU  error 

dynamics.  From  Figure  6 it  can  be  seen  that  for  ten  of  the  error  sources, 
including  the  five  most  important,  little  separation  in  the  output 
channel  can  be  achieved  by  the  yaw-maneuvering  trajectory.  On  this 
trajectory  error  sources  6 and  15  have  virtually  no  output.  In  contrast, 
for  a combined  ax>  az  (pitching  maneuver),  a threeway  channel  separation 

can  be  achieved  for  five  of  the  error  sources.  This  observation,  coupled 
with  the  realization  that  a pitch-up  maneuver  tends  to  extend  flight 
time  and  thus  the  number  of  measurements,  suggests  that  pitching  maneu- 
vers may  be  advantageous.  It  is  also  clear  that  more  output  channel 
separation  would  be  achieved  by  the  use  of  maneuvers  which  induce 
accelerations  along  all  three  platform  axes. 

Input  Design  Techniques 

The  problem  under  investigation  here  is  to  improve  the  identification  of 
the  RIMU  error  sources  by  varying  the  test  flight  trajectory,  and  as 
such,  is  a type  of  input  design  problem.  This  problem  area  has  been  the 
subject  of  much  statistical  and  engineering  literature.  A common 
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(Platform  Coordinates) 


Accelerations  in  Platform  Coordinates 
Yaw-Maneuvering  Trajectory 


approach,  which  is  somewhat  independent  of  the  estimator  invoked,  is  to 
use  the  Fisher  information  matrix,  M,  as  a measure  of  the  information  on 
9 provided  by  a feasible  input.  The  reason  for  its  use  is  that  it  is 
computationally  attractive  and  its  inverse,  termed  the  Cramer-Rao  lower 
bound,  provides  a "good"  lower  bound  on  the  covariance  of  9 for  all 
regular  unbiased  estimators.  (Here,  regular  refers  to  certain  modest 
regularity  assumptions  on  the  distribution  of  the  observations,  Rao  [1].) 
The  solution  then  sought  to  the  input  design  problem  is  an  input  which 

optimizes  some  objective  functional  of  M or  M*1,  for  example  a weighted 
trace  or  determinant,  Mehra-Gupta [2] . 

A general  problem  considered  in  the  literature  is  of  the  form 

X = F(t,6)X  + G(t,0).u  ; Y = H(t,0)X+v  (1) 

where 

X is  the  state  vector 

u is  the  input  control  vector 

6 is  the  vector  of  unknown  parameters 

v is  a white  noise  vector  with  zero  mean  and  covariance  R.  . 

Making  use  of  the  additive  type  control,  various  objective  functionals 
can  be  expressed  as 

J(u)  = | < Tu,  u >| 

where  u belongs  to  some  Hilbert  spaced  and  Mull  <_  1 and  T is  some 
normal,  compact  bounded  linear  operator  on  Mf.  An  optimal  input  u then 
is  sup  J(u),  which  is  satisfied  by  the  u corresponding  to  the  largest 
ue* 

eigenvalue  (in  absolute  value)  of  T (see  Rudin  [3]  , Gupta  and  Hall  [4]). 

The  problem  considered  here  does  not  fall  into  the  form  of  (1)  since  it 
Is  not  linear  in  the  control  u.  Consequently,  it  cannot  be  solved  by 
applying  the  above  technique.  In  fact,  here  H is  a function  of  u and 
is  sufficiently  nonconvex  in  u so  as  not  to  guarantee  convergence  to  an 
optimal  input  of  any  general  optimization  algorithm.  As  a result, 
optimization  techniques,  based  on  certain  necessary  conditions  for  solu- 
tion, are  used  in  the  present  problem. 

Commonly,  a linear  functional  of  the  Information  matrix  M is  chosen  for 
the  objective  functional,  since  for  the  general  problem  (1),  M is  a 
quadratic  function  of  u.  The  drawback  with  maximization  of  diagonal 
elements  of  M Is  that  the  off-diagonal  elements  can  become  large,  in 

which  case  the  diagonal  elements  of  M"*  can  increase.  This  fact,  in 
conjunction  with  the  nonconvexity  of  H in  u for  the  problem  here,  caused 
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the  choice  of  a weighted  trace  of  the  covariance  matrix  as  the  objective 
functional  to  be  minimized.  This  functional  is  defined  in  the  next 
section. 

Trajectory  Performance  Criterion 

The  performance  function  chosen  for  the  trajectory  design  problem  here 
is 


J = tr  (WTWPf)  = WPfWT 

where  P^  is  the  final  covariance  of  the  RIMU  error  parameters  after 

estimation,  and  W is  a row  vector  of  weights  derived  in  the  identifi- 
cation of  the  operational  principal  performance  contributors  which 
describe  the  relative  importance  of  the  error  parameter  estimates. 

Table  3 gives  the  weights,  which  are  derived  from  the  sensitivities  of 
Table  2.  Since  the  Fisher  information  matrix  and  its  inverse  for  a 

trajectory  can  be  computed  with  less  effort  than  the  covariance  Pf,  the 
• . * 
following  performance  function  based  on  the  Cramer- Rao  lower  bound  is 
used  in  the  optimization  process. 

JCR  * 

where 

M = Mq  + j HT(t,u)R"1H(t,u)dt 
*0 

Once  a trajectory  design  is  found  using  JCR,  the  estimation  process  is 
then  used  to  calculate  the  actual  J. 

A comparison  of  the  relative  improvement  shown  by  the  J^R  and  J perfor- 
mance measures  for  a 15-state  system  is  given  in  Table  4 for  the  yaw- 
maneuvering  trajectory  and  two  trajectories  developed  in  this  study.  The 
difference  between  JCR  and  J is  caused  by  numerical  effects  since  JCR  was 

calculated  with  double  precision  and  J with  single  precision.  These 
results  show  that  the  trajectories  have  a consistent  relative  perfor- 
mance with  respect  to  Jj.R  and  J,  and  thus  is  an  adequate  alternate 

performance  measure  for  trajectory  design  purposes. 
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Table  3.  Performance  Criterion  Weights 
Error  Source  Weight 


1 

.302 

2 

.159 

3 

.130 

4 

.113 

5 

.061 

6 

.033 

7 

.030 

8 

.025 

9 

.025 

10 

.025 

11 

.024 

12 

.023 

13 

.018 

14 

.016 

15 

.016 
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Table  4.  Cramer-Rao/Estimator  Comparison 
(15-State  System) 


Trajectory 

J * 
JCR 

J* 

Yaw-Maneuvering 

1.00 

1.00 

Trajectory 

Design  A 

.703 

.692 

Design  B 

.578 

.570 

* Normalized  to  the  Yaw-Maneuvering  Trajectory 


Trajectory  Selection  Algorithms 


Two  techniques  using  the  C-R  lower  bound  performance  index  have  been 
used  In  attempting  to  arrive  at  a trajectory  design  In  the  present  case. 
The  first  method  is  a combination  of  engineering  judgement  and  the  use 
of  gradients  of  JCR  with  respect  to  the  control  variables  an,  and  q>  to 

Iterate  for  refinement  of  the  trajectory.  This  method  involves  esti- 
mating the  gradient  at  a point  and  then  pivoting  in  a modified  direction 
of  steepest  descent  until  no  further  Improvement  or  a boundary  is  at- 
tained. At  this  point,  another  gradient  Is  taken  and  the  process  is 
repeated. 

The  second  method  Is  a modified  method  of  local  variations.  This  method 
does  not  require  the  calculation  of  a gradient.  It  is  based  on  a pro- 
gressively finer  partitioning  of  the  set  of  feasible  inputs.  From  an 
initial  input  and  an  initial  step  size,  one  pivots  to  adjacent  vertices 
of  the  partition  which  decrease  the  value  of  the  objective  functional. 
When  such  an  improvement  is  no  longer  possible  the  step  size  is  cut  down 
and  the  algorithm  pivots  on  this  finer  partition.  Under  certain  condi- 
tions, the  method  is  known  to  converge  to  points  with  a zero  gradient. 
This  algorithm  is  defined  as  follows: 

Step  0:  Select  an  Initial  feasible  control  u eRn.  Select  an 

o 

Initial  step  size  r > 0.  Select  m directions  of  variation 
djeRn  such  that  for  any  point  XeRn 
m 

x = £ A.d.  where  A.  > 0. 

j=l  J J J 


Step  1: 

Set  i = 0.  Compute  J^iu). 

Step  2: 

Set  j = 0. 

Step  3: 

Set  j * j ♦ 1.  If  j * m + 1,  then  j * 1. 

Step  4: 

Set  u * u^  and  K * K + 1.  If  K * m + 1,  then 
and  go  to  Step  2. 

r = r/4 

Step  5: 

If  u + rdj  Is  a feasible  control,  compute  J(u 
Otherwise,  go  to  Step  3. 

* "V- 

Step  6: 

If  J(u  + rdj)  < J(u),  set  u^+j  = u + rdj,  1*1  + 1, 
and  K * 0 and  go  to  Step  4.  Otherwise,  go  to  Step  3. 

-25- 

-25- 


Here  an  input  control  u is  specified  as  a set  of  normal  acceleration  and 
bank  angle  commands  at  selected  time  intervals  during  reentry.  Thus, 
with  n/2  selected  intervals,  a control  function  u(t)  is  determined 

through  the  vehicle  simulation  from  an  input  control  ueRn.  The  set  of 
feasible  input  controls  are  defined  as  those  which  generate  trajectories 
which  satisfy  the  given  constraints.  The  efficiency  of  this  algorithm 

depends  on  the  choice  of  the  d.eRn.  Here,  m = (3/2)n  d's  were  chosen 

J J 

such  that  n of  them  were  directed  "nearly"  along  the  boundary  of  the  set 
of  feasible  controls,  in  an  effort  to  encourage  pivoting  along  the 
boundaries.  The  remaining  n/2  were  chosen  so  as  to  satisfy  the  require- 
ment given  in  Step  0 above.  The  purpose  of  this  requirement  in  the 
algorithm  is  to  enable  convergence  to  a "desired"  solution,  such  as 
indicated  in  the  following  theorem. 

Theorem:  If  {u  | J(u)  < J(uQ)}  is  feasible  and  bounded  and  J(u)  is 

continuously  differentiable,  then  every  accumulation  point 
u*  of  { u . } generated  by  the  above  algorithm  satisfies 

VJ(u*)  = 0. 

The  proof  of  this  theorem  uses  the  mean  value  theorem  to  show  that 
< VJ(u*),  dj  > > 0 for  all  dj.  Consequently,  due  to  the  requirement  on 

the  dj 's,  VJ(u*)  = 0. 

The  problem  considered  here  is  a constrained  minimization  problem,  so 
the  solution  is  not  expected  to  satisfy  7J(u*)  s 0 and  in  fact  (u|J(u)  < 
J ( uQ ) } is  not  contained  in  the  set  of  feasible  trajectories.  But  the 

accumulatioi  points  of  the  above  algorithm  are  expected  to  be  "good" 
candidates  for  a solution  which  is  as  much  as  can  be  said  here  due  to 
the  nonconvexity  of  J(u). 

Trajectory  Development 

An  improved  trajectory  was  developed  using  each  of  these  techniques  and 
the  method  of  development  of  the  trajectories  is  outlined  below. 

Modified  Steepest  Descent:  After  an  initial  try  at  optimizing  starting 

from  the  yaw-maneuvering  trajectory  shown  in  Figure  5,  a second  tra- 
jectory developed  by  considering  the  output  channel  sensitivities  of 
Figure  6 was  used  as  a starting  point.  This  trajectory  has  the  approx- 
imate gradients  of  JCR  shown  in  Table  5.  From  the  gradient  data  for 

this  trajectory  it  Is  clear  that  the  largest  payoff  would  be  derived 
from  perturbations  In  the  bank  angle  in  the  middle  of  the  trajectory. 
Several  small  Increments  were  made  in  the  direction  indicated  by  the 
gradient  after  which  a new  gradient  was  evaluated  and  the  process  re- 
peated. In  the  process,  a low  g normal  acceleration  was  applied  for  the 
final  trajectory  phase. 
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Table  5.  Approximate  JCR  Gradient 
For  Modified  Steepest  Descent 


Time 

17.0 

18.0 

19.0 

20.0 

21.0 

22.0 

23.0 

24.0 

25.0 

26.0 

27.0 

28.0 

29.0 

30.0 

31.0  ' 

32.0  ' 

33.0 

34.0 

35.0 

36.0 


* Zero  sensitivity  for  = 0 

**  No  perturbations  evaluated  < 
t Relative  to  J = 1.0 


iN+  - g"1  aJ/a«j>+  - deg 


-.00418 

-.00414 

-.00009 

-.00413 

-.00015 

.00020 

.00065 

.00006 

.00096 

-.00787 

.00116 

-.00824 

** 

-.00737 

** 

-.00290 

-.00026 

-.00295 

-.00011 

-.00209 

.00002 

* 

-.00004 

-.00007 

★ 

-.00011 

★ 

-.00012 

★ 

-.00012 

k 

-.00010 

* 

- . 00006 

★ 

-.00004 

* 

Max  g's 


-27- 


Once  the  neighborhood  of  the  energy  constraint  was  reached,  use  of  the 
steepest  descent  perturbations  caused  energy  constraint  violations,  so 
the  design  was  refined  along  less  steep  directions. 

The  acceleration  in  platform  coordinates  for  the  final  trajectory  ver- 
sion, Design  A,  is  presented  in  Figure  8.  The  trajectory  commands  for 
the  Design  A trajectory  are  given  in  Table  6. 

Modified  Method  of  Local  Variations:  The  modified  method  of  local 

variations  was  initialized  at  an  initial  trajectory  where  the  commanded 
normal  acceleration.  A,  and  bank  angle, $ , are  as  defined  in  Table  7. 

The  initial  step  size  was  rQ  = (5g's,  3°).  Six  time  segments  were 

chosen  for  the  commands,  so  the  dimension  used  was  n = 12.  A total  of  m = 18 
pivoting  directions  were  chosen.  The  commands  for  the  trajectory,  Design 
B,  which  resulted  soon  after  the  step  size  was  cut  down  is  shown  in 
Table  8. 

When  other  more  adhoc  initial  trajectories  were  tried,  about  half  of  the 
Design  B improvement  in  the  cost  functional  was  generally  easy  to  accomplish 
and  the  corresponding  trajectories  were  approaching  a trajectory  with  high 
g's  and  "near"  yaws  as  in  the  Design  B trajectory.  The  acceleration  in 
platform  coordinates  for  the  Design  B trajectory  is  shown  in  Figure  9. 
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Figure  8.  Accelerations 
Design  A 


Table  6. 


Design  A Trajectory  Commands 


Time  (sec) 

A(%  Max  g's) 

» (deg) 

18.0 

6 

0.0 

19.0 

10 

0.0 

20.0 

13 

180.0 

21.0 

0 

180.0 

22.0 

64 

-78.8 

24.0 

100 

102.0 

26.0 

82 

-86.5 

28.0 

7 

-85.0 

i 

I 
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Table  7.  Local  Variations  Initial  Trajectory  Commands 


T (sec)  A(%  Max  g's)  <»(deg) 


20 

0 

-90 

22 

80 

-90. 

23 

80 

-90. 

24 

100 

90. 

26 

80 

-90. 

28 

0 

-90 
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Table  8.  Design  B Trajectory  Design 


' (sec) 

A(%  Max  g's) 

f (deg) 

21.6 

0 

-69.5 

22 

62 

-69.5 

23 

67 

-74 

24 

100 

108 

25 

100 

103 

26 

91 

-86 

28 

13 

-84 

30 

0 

-84 
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ESTIMATION  PERFORMANCE 


The  yaw-maneuvering  trajectory  (the  flight  test  counterpart  to  the  weapon 
system  trajectory)  and  the  Design  A and  B trajectories  were  used  to 
determine  actual  estimator  performance.  The  estimator  used  is  a version 
of  the  USAF/ABRES  post  flight  data  reduction  Extended  Kalman  Filter 
estimator  operating  in  a covariance-only  mode  so  that  synthetic  data  is 
not  required.  Estimation  performance  was  evaluated  for  two  suboptimal 
filters  and  the  full,  optimal  filter. 

Estimator  Definition 


The  estimator  used  in  this  analysis  uses  the  standard  Kalman  formulation 
with  the  error  states  assumed  to  be  constant  bias  states,  i.e. , 


i+1 


(I  - 


Ki+lHi+l>P‘ 


i+1 


Estimator  performance  was  evaluated  using  the  state  vector  definitions 
shown  in  Figure  10.  The  first  suboptimal  filter  state  vector  includes 
only  the  15  principal  error  sources,  the  second  includes  the  principal 
error  sources  plus  the  ground  sensor  error  states.  The  full  filter 
state  vector  includes  the  87  RIMU  error  sources,  the  ground  sensor 
error  states  and  six  states  for  initial  position  and  velocity  errors. 

Estimation  Results 

The  performance  of  the  three  estimators  for  three  trajectories  under 

consideration  will  be  presented  in  terms  of  the  figure  of  merit  J = WP^WT 

defined  earlier.  The  estimator  performance  in  terms  of  this  figure  of 
merit  is  presented  in  Table  9 with  the  yaw  maneuvering  trajectory  and 
the  full  state  vector  estimator  as  the  reference.  As  would  be  expected, 
as  the  estimator  state  vector  size  is  increased  the  estimator  performance 
degrades  but  the  relative  performance  versus  trajectory  is  generally 
consistent  with  the  15-state  estimator  (or  the  Cramer-Rao  lower  bound). 

The  percent  improvement  in  the  performance  figure  of  merit  is  shown  in 
Table  10.  The  relative  improvement  in  J exhibited  by  the  two  Design  tra- 
jectories as  the  sensor  error  states  are  included  indicates  that  these 
trajectories  are  better  for  the  estimation  of  sensor  errors  than  the 
yaw-maneuvering  trajectory.  Similar  behavior  is  exhibited  regarding  the 
estimation  of  the  error  sources  not  Included  in  the  15-state  model.  In 
this  case,  however.  Design  A turns  out  to  be  a better  trajectory  than 
Design  B for  the  estimation  of  the  secondary  RIMU  error  sources. 


Table  11  shows  the  percent  change  in  the  estimated  lo  error  source  magni- 
tudes from  the  a priori  values  versus  trajectory  for  the  principal  error 
sources.  The  estimation  improvements  on  an  individual  error  source 
basis  of  the  Design  A and  B trajectories  over  the  yaw-maneuvering 
trajectory  are  not  as  large  as  indicated  by  the  figure  of  merit  based 
on  the  covariances.  This  indicates  that  some  of  the  improvement  indi- 
cated by  J is  in  the  form  of  correlations  set  up  between  error  sources 
and  thus  additional  experimental  sources  of  information  would  be  required 
to  obtain  improvements  in  the  lo  estimates  equivalent  to  those  indicated 
by  the  performance  measure  J.  In  addition.  Table  11  shows  that  error 
sources  12  and  13  are  not  significantly  estimated.  These  are  fixed  gyro 
drift  error  terms  which  contribute  primarily  to  alignment  errors  at 
reentry  through  drift  during  f reef light  and  have  small  observability 
during  reentry. 
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Conclusions 


An  approach  to  the  design  of  flight  test  trajectories  for  the  observa- 
tion of  guidance  system  errors  has  been  formulated.  Using  this  approach, 
trajectories  which  improve  the  ability  to  estimate  the  principal  error 
sources  over  that  possible  with  a flight  test  analog  of  the  weapon  sys- 
tem trajectory  have  been  designed  and  show  a 52%  to  59%  improvement. 

In  this  study  the  trajectory  optimization  efforts  were  terminated  when 
reasonable  improvements  were  found  so  that  further  improvement  in  the 
design  of  the  trajectories  with  the  given  constraints  is  certainly  pos- 
sible. This  effort  has  concentrated  only  on  the  reentry  portion  of  the 
flight  test  trajectory  for  one  ground  sensor  type  and  future  efforts  are 
planned  to  investigate  other  facets  of  the  problem.  Other  areas  for 
study  include  the  inclusion  of  tracking  and  booster  guidance  system  data 
during  boost,  variations  in  reentry  guidance  system  orientation,  relaxa- 
tion of  vehicle  constraints,  and  variations  in  the  geometry  and  types  of 
ground  instrumentation.  It  is  to  be  expected  that,  even  when  these  varia- 
tions in  the  problem  definition  are  considered,  other  sources  of  data 
would  still  be  required  to  obtain  good  individual  error  source  estimates. 
Thus  a complementary  combination  of  flight  and  ground  tests  would  be 
required  to  obtain  good  error  source  magnitude  estimates  for  the  prediction 
of  operational  system  accuracy. 
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ABSTRACT 


To  achieve  accuracy,  certain  non-ideal  characteristics  of  iner- 
tial sensor  outputs  which  are  known  to  be  stable  must  be  measured 
and  compensated.  For  strapdown  inertial  systems,  this  calibra- 
tion process  involves  a series  of  measurements  taken  in  a test 
facility.  Once  the  strapdown  system  is  installed  in  the  missile 
or  aircraft,  full  calibration  is  not  feasible. 

It  is  usually  too  costly  to  duplicate  strapdown  calibration  test 
equipment  at  remote  facilities.  Returning  the  system  to  the 
factory  to  resolve  out-of-specification  performance  may  be  oper- 
ationally unsatisfactory.  Building  the  system  to  allow  a no- 
test sensor  replacement  adds  cost,  and  the  procedure  compromises 
performance  and  reliability.  For  these  reasons,  less  expensive 
and  operationally  simpler  techniques  for  providing  calibration 
measurements  have  been  examined.  The  result  has  been  the  defini- 
tion of  an  attractive  process  called  slab  calibration. 

Slab  calibration  features  low  cost  test  equipment,  simple  manual 
operations,  and  relatively  sophisticated  data  processing.  The 
tests  are  accomplished  on  a nearly  level  flat  granite  slab  with 
the  inertial  sensor  assembly  mounted  in  a holding  fixture  which 
has  six  calibrated  nearly  orthogonal  surfaces.  The  holding  fix- 
ture is  placed  on  each  surface  with  both  static  and  turn  tests 
made,  collecting  and  processing  the  sensor  outputs  in  a support 
computer.  Considerations  in  developing  the  process  have  included 
handling,  safety,  surface  wear,  accuracy,  procedural  simplicity 
and  redundancy.  Data  processing  involves  a maximum  likelihood 
batch  process  estimator  which  results  in  a display  of  coeffi- 
cients, standard  deviations,  and  residuals. 

Intended  for  the  more  rugged  tactical  missile  strapdown  systems, 
slab  calibration  was  first  applied  in  July  1976  on  the  Honeywell 
H700-2  system,  which  features  the  GG1328  ring  laser  gyro  and  the 
Sundstrand  QFLEX  accelerometer.  This  paper  describes  the  test 
equipment,  procedures,  accuracy,  data  collection  and  processing 
software,  and  the  results  of  the  evaluation  tests. 
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Any  inertial  system,  regardless  of  precision,  must  be  calibrated. 
This  may  be  accomplished  by  adjustments  during  the  sensor  build 
process,  special  trimming  during  the  system  assembly  cycle,  or  a 
final  trim  after  installation  in  the  vehicle.  Because  the  in- 
stalled system  must  remain  in  one  position,  this  latter  option 
is  mostly  unavailable  for  strapdown  inertial  systems.  Whether 
the  output  of  the  calibration  process  is  a variety  of  mechanical/ 
electrical  adjustments  or  the  determination  of  compensation  co- 
efficients in  a flight  computer  is  a trade  of  considerable  impor- 
tance affecting  cost,  performance,  and  operations. 

Accuracy  of  computer  compensation  is  only  limited  by  the  quality 
of  the  calibration  testing  and  of  the  inertial  sensor  assembly 
(ISA).  Its  reliability  is  as  good  as  that  of  the  flight  com- 
puter, and  its  costs  involve  those  of  establishing  the  coeffi- 
cients, and  the  costs  of  time  and  memory  within  the  flight  com- 
puter. The  strapdown  compensation  equations  are  typically  a 
computer  burden  of  the  same  magnitude  as  the  attitude  algorithm; 
significant,  but  acceptable.  Since  no  disassembly  is  required 
for  either  the  calibration  measurements  or  corrections,  reli- 
ability and  accuracy  are  enhanced.  This  widens  the  tolerance 
of  acceptable  sensor  trending,  avoiding  unnecessarily  identify- 
ing units  as  failed.  Possibly  the  greatest  benefit  from  the 
use  of  computer  compensation  is  derived  from  the  simplifying  of 
processes  and  testing  associated  with  the  build  and  assembly  of 
the  ISA.  Machining  tolerance  can  be  widened,  and  costly  and 
vulnerable  trim  circuitry  can  be  eliminated. 

Although  the  requirement  for  system  trimming  establishes  the 
primary  need  for  calibration  testing,  experience  has  shown  that 
performance  monitoring  is  the  most  frequent  use,  with  an  impor- 
tant secondary  role  of  supporting  the  repair  cycle.  Repair  of 
a failed  strapdown  system  involves  detection,  identification, 
replacement,  calibration,  and  verification.  In  many  cases  the 
test  equipment  needed  for  identification  is  exactly  the  same  as 
that  needed  for  calibration  and  for  verification.  Also,  the 
best  verification  tests  are  the  same  ones  used  in  calibration, 
allowing  this  operation  to  be  simultaneous.  From  the  standpoint 
of  mechanical  design  and  assurance  of  correct  and  complete  iden- 
tification of  the  problem,  it  is  not  feasible  to  replace  a sensor 
without  moving  the  ISA  to  some  sort  of  test  facility.  Once  this 
happens,  calibration  becomes  a minor,  but  essential  part  of  the 
subsequent  tests,  greatly  enhancing  the  confidence  in  the  newly 
assembled  unit  as  well  as  improving  the  accuracy. 
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Calibration  is  accomplished  by  conducting  a series  of  tests  in 
which  the  physical  inputs  to  the  ISA  are  varied  sufficiently  to 
excite  and  isolate  each  of  the  model  terms.  These  physical  in- 
puts are  the  acceleration  from  gravity  and  ISA  turning  rates  in- 
cluding Earth  rotation.  In  the  past,  the  emphasis  has  been  on 
tests  in  which  as  few  terms  as  possible  are  allowed  to  influence 
the  data  of  a single  test,  and  in  which  the  term  sought  is  the 
dominant  effect  in  the  data.  Such  data  was  often  referred  to 
optical  surfaces.  The  approach  allowed  simple  computations, 
clarity  and  traceability  of  data,  and  often  a very  protracted  and 
tedious  data  collection  process.  This  resulted  from  the  need 
for  repeated  optical  setups,  demanding  a highly  skilled  operator. 

Precision  multiaxis  tables  with  arc-second  positioning  and  con- 
stant turn  rate  control  can  remove  the  optical  requirement  (if 
there  are  no  optical  surfaces  on  the  ISA) . Aside  from  installa- 
tion, removal,  and  calibration  of  essential  ISA  optical  surfaces, 
fully  automatic  calibration  testing  can  be  accomplished  on  such 
tables.  These  tables  also  may  protect  sensitive  devices,  such 
as  gas  bearing  gyros,  from  a potentially  damaging  handling  en- 
vironment. Such  features  as  linearity  testing  on  both  the  accel- 
erometer and  gyro  can  be  included  in  the  sequence.  The  process 
can  be  accurate  and  efficient.  The  major  difficulty  with  the 
precision  tables  is  availability  and  cost.  The  strapdown  system 
manufacturer  has  such  tables,  as  does  many  of  his  users;  but  not 
all  users  have  made  this  investment.  It  should  be  noted  that 
investment  in  such  a facility  involves  not  only  the  cost  of  the 
table,  but  the  interface  equipment,  the  support  computer  and 
software,  the  control  equipment,  the  operator,  and  the  cost  of 
maintenance.  Maintenance  includes  assuring  the  calibration  of 
the  table. 

The  choice  between  a cumbersome  procedure  demanding  highly 
skilled  operators  and  a more  automatic  process  with  expensive 
test  equipment  has  led  to  such  concepts  as  the  normalized  sen- 
sor. In  this  case,  the  calibration  parameters  are  carried  with 
the  sensor,  and  the  sensor  is  designed  to  retain  the  same  char- 
acteristics, whether  tested  as  a single  unit  or  a part  of  an  ISA. 
If  we  disregard  the  arguments  stated  above  about  the  strapdown 
repair  cycle,  this  approach  has  clear  operational  advantages. 

The  weakness  is  added  cost,  to  perform  calibration  six  times 
instead  of  once,  added  parts  and  machining,  and  the  lack  of  a 
valid  confidence  check  after  assembly.  Experience  has  shown 
that,  while  many  strapdown  systems  are  built  to  avoid  the  need 
for  system  calibration,  this  requirement  almost  always  becomes 
important.  For  these  systems,  the  price  is  paid  twice. 

The  solution  has  been  to  reexamine  the  test  facility  to  deter- 
mine what  is  essential  to  the  calibration  task.  The  result  was 
an  observation  that  in  spite  of  the  great  capability  of  the 
precision  tables,  calibration  testing  usually  required  only  a 
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series  of  static  positions  and  a series  of  constant  rate  turns. 
The  most  common  sequence  was  to  place  each  sensor  axis  up  and 
down,  for  a total  of  six  static  positions,  with  plus  and  minus 
turn  rates  about  each  axis.  Although  simple,  this  sequence  of 
tests  proved  adequate  for  most  strapdown  systems,  including  the 
precision  H-408  system  used  for  AGENA  guidance,  the  rugged  H-478F 
system,  and  the  ATIGS  XO  system.  The  major  requirement  for  these 
tests  were  very  precise  angles  between  positions,  a stable  base 
during  static  testing,  a good  north  reference,  a constant  turn 
rate,  and  an  accurate  starting  and  stopping  reference  for  the 
turns.  A technique  has  been  found  to  remove  the  constant  turn 
rate  requirement  for  some  strapdown  ISAs,  allowing  the  use  of 
much  simpler  test  equipment  and  processes.  These  are  described 
next. 


SLAB  CALIBRATION 


The  ISA  is  mounted  in  a holding  fixture  having  six  calibrated, 
nearly  orthogonal,  surfaces.  Testing  takes  place  on  a nearly 
level  granite  slab  to  which  a precision  edge,  surveyed  in 
respect  to  north,  is  attached.  Power  and  communication  with  the 
laboratory  support  computer  are  provided  through  a cable  slung 
conveniently  overhead.  Inertial  data  is  collected  in  the  com- 
puter during  testing,  with  instructions  to  the  operator  and 
j. communication  between  the  operator  and  computer  provided  by  the 
control  and  display  console.  The  output  is  stored  on  cassette 
tapes  and  hard  line  printer.  This  test  facility  is  shown  in 
Figures  1 and  2. 

The  process  involves  having  the  operator  sequentially  place  the 
holding  fixture  against  the  reference  edge  with  each  of  its  six 
faces  against  the  slab.  Static  inertial  data  is  collected  with 
the  holding  fixture  establishing  precise  angular  relations  be- 
tween these  positions.  While  on  each  surface,  between  static 
data  collection,  the  operator  manually  slides  the  holding  fix- 
ture on  the  table  through  one  revolution  and  ties  the  same  sur- 
face against  the  reference  edge.  The  contribution  of  Earth  rate 
to  the  gyro  data  is  removed  using  the  gyro  output  and  initial 
conditions  based  on  the  reference  edge  azimuth.  The  sequence  is 
directed  by  the  computer,  with  the  operator  designating  the 
beginning  and  ending  of  operations.  Unless  there  is  a specific 
need  to  relate  optical  surfaces,  cubes,  or  porro  prisms  to  the 
inertial  sensors,  there  is  no  need  for  the  optical  measurements. 
Accurate  calibration  can  be  accomplished  by  one  operator  in  less 
than  one  hour. 

Slab  calibration  is  intended  for  the  more  rugged  strapdown  sys- 
tems, and  would  be  inappropriate  for  ISAs  with  sensors,  such 
as  gas  bearing  gyros,  that  might  not  tolerate  the  handling. 
Accuracy  goals  have  been  directed  toward  tactical  missile 


guidance  system  requirements.  The  first  tests  were  made  in  July 
1976  on  the  H700-2*  inertial  sensor  assembly,  with  40  additional 
calibrations  performed  through  the  year  end.  These  tests  were 
directed  toward  wringing  out  a newly  designed  inertial  system, 
with  evaluation  of  slab  calibration  being  a secondary  interest. 

Three  engineers,  experienced  in  inertial  system  testing,  per- 
formed the  operations  at  different  times.  Training  requirements 
were  minimal,  with  successful  calibrations  achieved  on  the  first 
attempt.  The  physical  requirements,  including  installing  the 
ISA  into  the  holding  fixture,  tipping  the  holding  fixture  onto 
each  of  its  six  faces,  and  turning  the  holding  fixture  were 
judged  to  be  easy  and  safe  for  one  man.  Experienced  with  cali- 
bration processes  involving  4 to  8 hours  of  testing,  the  oper- 
ators commented  favorably  about  the  quickness  and  simplicity  of 
slab  calibration.  The  operations  were  found  to  be  as  safe,  and 
no  more  difficult,  than  the  handling  of  an  ISA  with  automatic 
calibration  test  equipment. 

The  surprise  from  the  data  has  been  the  remarkable  alignment 
stabilities.  This  includes  alignment  between  the  holding  fix- 
ture and  the  accelerometers,  between  accelerometers,  between 
gyros,  and  the  stability  of  the  slab  leveling.  Over  consistent 
data  sets,  each  of  these  has  remained  within  1 or  2 arc-seconds 
lo.  These  reflect  combined  stabilities  of  the  H700-2  ISA  and 
the  test  equipment.  Alignment  between  the  gyro  and  accelerom- 
eter triads  (mechanically  separate)  had  a standard  deviation  of 
5 arc-seconds,  reflecting  real  motion.  Gyro  scale  factor  re- 
peated to  14  PPM  lo.  Intentionally  limited  in  accuracy  by  the 
test  duration,  gyro  drift  repeated  to  0.02  degree/hour.  Accel- 
erometer bias  repeated  to  15  pG  lo  on  two  axes,  and  32  wG  on  the 
third.  An  accelerometer  channel  scale  factor  problem  was  iden- 
tified that  was  not  satisfactorily  resolved  during  the  1976  test- 
ing. There  were  electrical/mechanical  adjustments  made  to  the 
ISA  during  the  testing  period,  with  the  given  standard  deviations 
calculated  from  7 to  16  sequential  calibrations.  These  numbers 
are  the  averages  of  the  standard  deviations  on  three  axes.  The 
results  are  not  only  very  encouraging  for  slab  calibration,  but 
also  indicate  the  excellent  performance  of  the  H700-2. 


* The  Honeywell  H700-2  strapdown  system  features  the  Honeywell 
GG1328  ring  laser  gyro  and  the  Sundstrand  QFLEX  accelerometer. 
This  system  is  being  used  on  the  Advanced  Tactical  Inertial  Guid- 
ance System  (ATIGS)  program  by  the  Naval  Weapons  Center  at  China 
Lake  and  on  the  Simplified  Inertial  Guidance  Demonstration 
(SIG-D)  program  by  MICOM  at  Huntsville.  Most  of  the  reported 
testing  was  on  an  internal  development  unit. 
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TECHNICAL  DETAIL 


Primary  elements  of  the  process  include  the  holding  fixture,  the 
slab  and  its  reference  edge,  the  support  computer  and  the  data 
collections  software,  the  data  regression  software,  the  ISA,  and 
the  operator.  Some  of  the  trades  and  technical  approaches  are 
discussed  below. 


Slab.  The  flat  granite  slab  serves  as  a bearing  for  the  turn 
tests,  and  a level  reference  for  static  testing.  Accelerometer 
data  is  used  to  establish  slab  level,  removing  any  need  to  explic- 
itly calibrate  or  adjust  the  slab.  The  process  depends  on  slab 
stability  during  the  procedures.  Because  of  surface  wear  between 
the  steel  legs  of  the  holding  fixture  and  slab,  a resulting  flat 
on  flat  condition  desensitized  the  test  equipment  to  the  large 
number  of  depressions  (%1/16  inch)  noted  in  the  slab.  A large 
gradual  bowl  shaped  depression  of  140  p inches  was  measured  in 
the  center  of  the  slab.  For  the  14-inch  holding  fixture,  this 
could  result  in  a maximum  tipping  of  2 arc-seconds.  Since  the 
static  testing  is  confined  to  a small  region,  this  error  is  much 
reduced.  There  was  some  chattering  during  the  turns  due  to  the 
fourth  holding  fixture  leg.  This  was  resolved  by  careful  atten- 
tion to  cleaning  the  surface  before  the  tests. 

Reference  Edge.  The  purpose  of  the  edge  is  to  provide  a north 
reference  for  Earth  rate  compensation  and  to  provide  a starting 
and  stopping  reference  for  the  one  revolution  turns.  The  sensi- 
tivity at  45  degrees  latitude  is  0.01  degree/hour/milliradian 
azimuth  error.  Laboratory  references  can  establish  azimuth  to 
several  arc-seconds.  For  a 14-inch  holding  surface,  a 140  p 
inch  inability  to  repeat  the  positioning  of  the  holding  fixture 
legs  against  the  edge  from  before  to  after  the  turn  would  result 
in  a 10  p radian  error  in  measuring  the  rotation.  This  would 
result  in  a 1.6  PPM  gyro  scale  factor  error.  An  added  feature 
of  the  edge  is  a device  to  positively  grip  the  holding  fixture 
during  static  tests. 

Holding  Fixture.  The  need  is  to  hold  the  ISA,  providing  six 
nearly  orthogonal  precision  surfaces.  Wear  characteristics  of 
the  surfaces,  calibration  of  the  surfaces,  and  stability  are 
important  concerns. 

The  design  is  also  intended  to  provide  handling  ease,  with  suffi- 
cient handles,  room  to  move  the  cables,  and  relatively  light 
weight.  Calibration  of  the  holding  fixture  is  a straightforward 
optical  process,  that  need  be  repeated  infrequently.  Although 
the  overdetermined  plane  is  undesirable,  a fourth  leg  was  in- 
cluded on  each  surface  to  provide  handling  ease  and  symmetry. 

This  leg  is  adjusted  to  within  50  p inches  of  the  plane  of  each 
surface  before  the  holding  fixture  is  calibrated.  Because  there 
is  no  redundancy  in  the  optical  data  set  which  provides  holding 
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fixture  surface  calibration,  there  was  concern  about  unnoticed 
errors.  Repeating  these  measurements  (four  times)  and  careful 
procedures  guards  against  this  problem.  Another  approach  was 
to  estimate  the  alignment  between  the  surfaces  based  on  the  com- 
pensated gyro  turn  data.  The  first  time  this  was  done,  a 1 arc- 
minute  optical  reading  error  was  discovered,  and  traces  to  its 
source.  When  the  optical  data  was  corrected,  the  gyro  data 
agreed  with  the  optical  measurements  to  4 arc-seconds  lo. 

Whether  this  indicated  gyro  error,  or  a remaining  error  in  the 
optical  data  was  not  resolved. 

Another  trade  involved  the  alignment  of  the  ISA  within  the  hold- 
ing fixture.  The  input  axes  of  the  H700-2  inertial  sensors  have 
equal  projection  on  the  cylindrical  axis  of  the  package.  It  is 
convenient  from  a handling  standpoint,  and  from  the  ease  of  sight- 
ing a porro  prism,  which  is  to  be  mounted  parallel  to  the  cylin- 
drical axis,  to  mount  the  ISA  with  its  cylindrical  axis  normal  to 
a holding  fixture  face.  This  configuration,  called  symmetric 
mounting,  is  less  accurate  than  the  case  in  which  the  input  axes 
are  normal  to  the  holding  fixture  faces,  called  in-line  mounting. 
The  analytic  comparison  for  a one  hour  test  is  given  in  Table  1. 


TABLE  1.  COMPARISON  BETWEEN  IN-LINE  AND 
SYMMETRIC  MOUNTING  ACCURACY 


Symmetric 
Mounting 
(Average  lo) 


In-Line 
Mounting 
(Average  la) 


Accelerometer 


Bias  <ug) 

33.6 

10 

Scale  Factor  (PPM) 

11 

6 

Scale  Factor  Imbalance 

(PPM) 

51 

12 

Nonorthogonality  (yrad) 

9 

10 

Gyro 

Drift  (deg/hr) 

0.05 

0 

Scale  Factor  (PPM) 

22 

22 

Nonorthogonality  (prad) 

16 

16 

Gyro  to  Accel  Alignment 

(Mrad) 

16 

16 

Optical  Measurements.  While  not  needed  for  the  inertial  sensor 
calibration,  optical  surfaces  and  porro  prisms  are  often  refer- 
red to  the  sensor  axes.  The  reason  may  be  to  refer  the  ISA  to 
some  external  device  such  as  an  antenna,  telescope,  or  star 
seeker,  or  to  provide  an  initial  azimuth  reference.  The  slab 
calibration  test  setup  can  be  very  convenient  for  making  these 
measurements.  Capability  to  handle  sightings  or  mirrors,  optical 
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cubes,  and  porro  prisms  has  been  included  in  the  processing 
software. 

Interface . The  interface  between  the  ISA  and  the  support  com- 
puter is  through  a cable  slung  overhead.  Since  the  support  com- 
puter for  the  H700-2  is  essentially  the  same  design  as  the  flight 
computer,  the  interface  is  especially  simple.  Because  of  care- 
fully chosen  sequences,  cable  twisting  has  not  been  a problem. 

Data  Collection.  During  the  static  tests,  the  computer  collects 
the  sum  of  the  output  counts  (A9s  and  AVs)  from  the  six  sensors. 
These  are  displayed  each  minute,  with  the  total,  multiplied  by 
nominal  scale  factors,  displayed  at  the  end  of  the  selected  col- 
lection period.  The  RMS  deviation  from  a constant  rate  input  is 
calculated  from  the  high  frequency  data  to  indicate  the  quality 
of  the  test.  During  the  turn,  gyro  data  is  collected,  and  com- 
pensated for  Earth  rate  using  a simple  first  order  algorithm. 

1.  Initialize  Earth  rate,  ft,  based  on  position  against  edge. 

2.  Set  accumulators  £0  and  $ to  0. 

3.  During  turn,  using  gyro  output  A9,  compute 

Q * Q + ft  x A9 
$ «-  $ + ft  At 
£0  £0  + A0 

4.  After  turn, 

£0  £0  - <J> 

This  may  be  accomplished  at  between  10  and  50  Hz,  with  10  Hz  used 
currently.  There  is  no  problem  from  varying  turn  rates  with  the 
ring  laser  gyro  because  of  its  excellent  scale  factor  linearity 
and  lack  of  sensitivity  to  angular  dynamics.  This  may  not  be 
true  for  spinning  mass  gyros.  It  is  expected  that  looser  accu- 
racy requirements  for  tactical  missile  systems  with  miniature 
spinning  mass  gyros  will  make  these  operations  tolerable;  but 
this  remains  to  be  evaluated. 

An  additional  feature  that  will  be  included  in  the  data  collection 
will  be  to  monitor  the  progress  of  the  test  to  determine  failure 
induced  by  either  the  ISA  or  the  operators.  These  will  include 
correctness  of  positions,  maximum  turn  rates,  continuity  of  data, 
and  any  lifting  during  the  turn. 

Calculations.  After  the  static  data  and  turn  data  is  collected, 
the  compensation  coefficients  are  computed.  Figure  3 shows  a 
typical  data  set.  Figure  4 shows  the  calculated  coefficients. 
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FIGURE  3.  TYPICAL  SLAB  CALIBRATION  DATA  SET 
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FIGURE  5.  RESIDUAL  DISPLAY 
(H700-2  SYMMETRIC  TEST,  CAL  NO.  24) 
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and  Figure  5 displays  the  residuals,  indicating  how  well  the 
model  fits  the  data. 

Maximum  likelihood  batch  process  estimation  is  used  to  obtain 
the  coefficients.  The  language  and  the  results  are  similar  to 
a Kalman  filter,  with  some  computational  conveniences  not  en- 
joyed by  the  real  time  process.  The  ISA  coefficients  and  all 
other  parameters  to  be  estimated  are  called  the  state,  x.  The 
estimate  of  the  state  uncertainty  is  expressed  as  the  state  co- 
variance,  P,  and  the  estimate  of  the  measurement  uncertainty  is 
the  measurement  covariance,  Q.  In  this  case,  the  measurement 
includes,  not  just  the  inertial  sensor  output,  y,  but  its  esti- 
mate, $>,  based  on  the  test  conditions.  The  steps  are  outlined 
below. 


1.  Initialize  P based  on  estimated  initial  state  uncertainty. 
Invert  P. 

Zero  data  accumulator,  D. 


2.  Collect  inertial  measurement,  y. 

3.  Compensate  y,  using  current  state 
estimate 

4.  Predict  measurement  based  on  test 
condition,  u. 

5.  Calculate  the  measurement  residual 

6.  Calculate  the  sensitivity 

7.  Calculate  the  measurement  covariance, 

Q. 


y - f (y,  x) 


9 = g ( u , it) 
Ay  = y - 9 

“--Is* 


8.  Update  the  inverse  state  covariance  P 

9.  Update  the  data  accumulator  D *■ 

Return  to  step  2 for  more  measurements,  Otherwise 

10.  Invert  the  inverse  state  covariance 

11.  Calculate  the  state  correction  Ax  = P D 

12.  Update  the  state  estimate  it  «-  £ + Ax 


1«-  P_1  + H'  Q 1 H 
D + H'  Q_1  Ay 


P = (P^)  -1 


At  this  point,  the  data  set  can  be  reprocessed  to  remove  the 
consequence  of  nonlinearities,  or  the  state  estimates  can  be 
displayed.  An  important  final  step  is  to  reprocess  the  data, 
only  making  the  calculations  necessary  to  obtain  the  residuals 
of  step  5.  This  allows  inconsistent  data  to  be  identified. 
With  each  coefficient,  the  square  root  of  the  diagonal  of  the 
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state  covariance  is  displayed,  indicating  the  expected  uncer- 
tainty of  the  result. 

The  accelerometer  and  gyro  data  are  processed  separately.  The 
state  elements  for  accelerometer  processing  include  the  following 
(with  output  mnemonics  in  parenthesis) : 

Alignment  parameters 


Slab  leveling  angles  (BASE) 

Holding  fixture  to  accelerometers  (HOLD) 

Porro  prism  to  accelerometers  (PORRO) 

Optical  cube  to  accelerometer  (CUBE) 

Accelerometers  to  accelerometers  (ORTH) 

Accelerometer  parameters 

Bias  (BIAS) 

Scale  Factor  (SF) 

Scale  Factor  Imbalance  (SFB) 


With  the  exception  of  the  slab  leveling  angles,  each  of  these 
state  parameters  has  three  terms,  for  a possible  total  of  20. 

The  optical  telrms  are  optional,  with  either  the  PORRO  or  the 
CUBE  model  allowed.  Data  on  a single  mirror  is  displayed  under 
CUBE.  The  processing  program  has  been  designed  to  allow  a larger 
model . 

The  gyro  model  includes  the  alignment  parameters: 


Gyro  to  accelerometer  (ALIGN) 

Gyro  to  gyro  (ORTH) 

and  the  gyro  parameters: 

Fixed  drift  (DRIFT) 

Scale  Factor  (SF) 

Scale  Factor  Imbalance  (SFB) 

Mass  Imbalance  along  the  Spin  Axis  (MUSA) 

Mass  Imbalance  along  the  Input  Axis  (MUIA) 


Because  the  H700-2  system  employs  ring  laser  gyros,  the  MUSA, 
MUIA  and  SFB  have  not  been  included  in  the  gyro  data  processing. 
Each  parameter  has  three  terms  resulting  in  a possible  21  state 
element . 

Alignment  between  the  holding  fixture  surfaces  and  between  the 
reference  edge  and  north  are  input  parameters  that  are  not  esti- 
mated with  the  data  set.  The  alignment  parameters  included  in 
the  state  are  initialized  in  a manner  that  allows  small  numbers 
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to  be  displayed.  The  basic  measurements  include: 


I 


i 
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Static  testing.  1 g vertical  is  transformed  through  the  align- 
ment parameters  to  the  accelerometer  frame,  and  subtracted 
from  the  compensated  accelerometer  data. 

Vertical  and  north  components  of  Earth  rate  are  transformed 
through  the  alignment  parameters  to  the  gyro  frame,  and  sub- 
tracted from  the  compensated  gyro  data. 

Turn  tests.  One  revolution  about  the  normal  to  the  slab  is 
transformed  to  the  gyro  frame,  and  subtracted  from  the  com- 
pensated gyro  data  which  has  had  Earth  rate  removed  during 
data  collection. 

Optical  surfaces.  The  elevation  angle  of  the  line  of  sight 
from  the  theodolite  to  the  mirror  is  subtracted  from  the  pre- 
dicted elevation  angles  computed  from  the  alignment  state 
elements . 

Porro  prism.  Using  the  azimuth  and  elevation  of  the  line  of 
sight  (LOS)  from  the  theodolite  to  the  prism  to  construct  the 
LOS  vector  in  the  Earth  reference  frame,  use  the  state  align- 
ment parameters  to  transform  to  a frame  common  to  the  porro 
axis,  and  take  the  dot  product. 

'hese  calculations  provide  the  necessary  residuals.  The  equa- 
ions  and  derivatives  to  obtain  the  necessary  sensitivities  are 
straightforward  task.  The  processing  program  has  included 
iome  added  capabilities,  including  the  ability  to  process  accel- 
erometer and  gyro  data  in  unknown  orientations  based  on  the 
knowledge  that  the  magnitude  of  the  input  is  1 g and  1 Earth 
rate,  and  the  ability  to  handle  data  from  almost  any  multiaxis 
table.  These  features  are  not  used  in  slab  calibration 
processing. 

Uncertainties  can  be  estimated  for  each  of  the  state  elements, 
providing  the  needed  initial  condition  for  the  state  covariance. 
The  measurement  covariance  is  constructed  from  estimates  of  un- 
modeled effects  causing  errors  in  the  calculated  residuals. 

These  include  quantization,  position  to  position  alignment  errors 
from  holding  fixture  compliance  and  calibration  errors,  gyro 
random  walk,  errors  during  turn  from  lack  of  a true  axis  and 
Earth  rate  compensation  errors,  linear  and  angular  motion  during 
static  testing,  and  optical  measurement  errors. 

Currently  the  processing  resides  in  a computer  separate  from 
the  data  collection  computer.  Because  of  the  short  data  set 
(Figure  3),  manual  data  transfer  has  been  acceptable  for  this 
evaluation  period.  The  display  of  residuals  has  provided  quick 
identification  of  data  transfer  errors.  Eventually  the  entire 
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process  will  reside  in  a single  computer.  This  will  include  the 
conversion  of  the  output  parameters  into  the  flight  computer 
format . 


STATUS  AND  CONCLUSIONS 


Slab  calibration  has  been  analyzed,  simulated,  and  tested,  indi- 
cating performance  compatible  with  tactical  missile  navigation 
requirements.  The  process  has  been  found  to  be  a suitable  one 
man  operation,  employing  simple,  safe,  and  efficient  procedures. 
Stability  of  the  test  hardware  and  excellent  visibility  of  the 
data  have  been  demonstrated.  The  evaluation  is  not  yet  complete, 
with  a precision  rate  table  calibration  comparison  test  series 
planned  in  1977.  It  is  also  hoped  that  this  process  will  be 
applied  to  a strapdown  system  with  spinning  mass  gyros.  Because 
of  the  low  cost  and  availability  of  the  test  equipment,  it  is 
expected  that  this  process  will  become  extensively  used,  making 
strapdown  system  calibration  practical  at  remote  sites. 


15 


EIGHTH  BIENNIAL  GUIDANCE  TEST  SYMPOSIUM 


CAPTIVE  FLIGHT  TESTS  OF  THE 
ADVANCED  TACTICAL  INERTIAL 
GUIDANCE  SYSTEM,  MODEL  X-0 
(ATIGS  X-O) 


AUTHOR:  MERRITT  D.  MULLEN 


INTRODUCTION 


The  Advanced  Tactical  Inertial  Guidance  System— ATIGS— is  an  advanced  develop- 
ment program  of  the  Naval  Air  Systems  Command  with  the  Naval  Weapons  Center,  China 
Lake,  as  the  development  activity.  The  purpose  of  the  program  is  to  demonstrate  the 
feasibility  of  using  laser  gyros  in  strapdown  inertial  guidance  systems  for  midcourse 
guidance  of  long-range,  tactical,  air-to-surface  missiles.  Through  the  use  of  laser  gyros 
in  a strapdown  mechanization,  and  by  taking  advantage  of  advanced  digital  computer 
technology,  ATIGS  would  be  characterized  by  high  accuracy  and  reliability,  compactness, 
low  power  requirements,  and  low  cost  of  ownership.  Since  ATIGS  performs  the  function 
of  missile  autostabilization  as  well  as  midcourse  navigation  and  steering,  there  is  no  need 
for  a separate  autopilot  system.  ATIGS  is  designed  to  interface  with,  and  control,  a 
terminal  guidance  system  and,  if  required  by  the  mission,  a midcourse  position  updating 
system. 

The  current  ATIGS  systems,  designated  ATIGS  X-O,  were  built  by  Honeywell  under 
contract  to  the  Naval  Weapons  Center.  The  first  X-O  system  was  delivered  in  May  1974 
and  a second,  identical  system,  in  July  1975.  These  systems,  which  use  the  Honeywell 
GG1300  laser  gyro,  are  the  subject  of  this  report  and  are  described  in  greater  detail 
below.  A second-generation  system,  designated  ATIGS  X-2,  is  currently  under  build  by 
Honeywell  for  delivery  in  mid-1977.  The  X-2  system  uses  the  smaller  GG132S  gyro  and 
closely  approaches  the  design  goals  for  a production  system.  Table  1 lists  the  design 
parameters  for  the  various  systems.  Both  X-O  and  X-2  were  designed  as  missile-ready 
prototypes,  to  be  free-flight  tested  in  the  Air-Launched,  Low-Volume  Ramjet  (ALVRJ),  a 
developmental,  long-range,  supersonic  missile.  Current  plans  show  the  first  ATIGS- 
guided  ALVRJ  shots  occuring  in  early  1979. 


Table  1.  ATIGS 
Units 

Design  Parameters. 

System  Model 
X-O  X-2 

Goal 

Diameter 

in. 

12.5 

9 

. 

Length 

in. 

12 

12 

> 

Volume 

cu.in. 

1470 

716 

500 

Weight 

lbs. 

60 

35 

25 

Power 

watts 

200 

115 

65 

Price  (2000  units) 

$ 

- 

- 

1 5000 

CEP  (6  mins)(1) 
Gyros  used 

ft. 

76<2) 

GCI300 

GG 1 328 

500 

(1)  Exclusive  of  initialization  errors. 

(2)  Rocket  sled  results. 

The  two  X-O  units  have  been  extensively  tested— in  the  laboratory,  in  captive  flight, 
and  on  the  high-speed  test  track  at  Holloman  Air  Force  Base.  To  date,  the  two  units 
have  logged  some  119  hours  of  captive- ‘light  navigational  time  on  53  individual  flights. 
This  paper  describes  the  ATIGS  X-O  system  and  the  test  procedures  and  conditions,  and 
reviews  the  navigational  performance  demonstrated  by  ATIGS  during  captive  flight.  A 
brief  review  of  the  navigational  performance  achieved  during  the  sled  tests  conducted  at 
Holloman  Air  Force  Base  is  also  given  (reference  6 provides  a detailed  error  analysis  of 
the  Holloman  tests). 
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SYSTEM  DESCRIPTION 


HARDWARE 

ATIGS  X-O  is  a strapdown  inertial  navigator  and  midcourse  missile  guidance  system 
using  Honeywell  laser  gyros,  Sundstrand  Q-flex  accelerometers,  and  a Delco  digital 
computer.  The  ATIGS  X-O  system  was  designed  to  be  installed  in  the  ALVRJ  missile 
for  free-flight  testing. 

Figure  1 is  a drawing  of  the  ATIGS  X-O  system,  illustrating  the  mounting  of  the 
three  gyros,  the  digital  computer,  power  supply,  and  velocity  measuring  unit  (VMU). 
The  VMU  contains  three  strapdown  accelerometers  with  rebalance  loops  and  analog-to- 
digital  conversion  electronics,  yielding  velocity  pulses  at  its  output.  ATIGS  X-O 
characteristics  are  listed  in  Table  2. 
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Fig.  1.  ATIGS  X-O  Assembly. 


Table  2.  ATIGS  X-O  Characteristics. 


Size:  12  in.  long,  12.5  in.  dia. 

Volume:  1470  cu.in. 

Weight:  60  lbs. 

Power:  200  watts 

Computer:  Delco  Magic  362,  8000  words,  16  bits/word 
Gyros:  3 Honeywell  GG1 300 

Accelerometers:  3 Sundstrand  Q-flex 
Angular  Rate  Maximum:  131  deg/sec 

Linear  Acceleration  Maximum:  25  g's 

Gyro  Output  Scale  Factor:  2'^  rad/pulse 


VMU  Output  Scale  Factor: 


-4  -6 

2 or  2’  fps/pulse  (selectable) 


2 


JUM 


The  feature  of  the  ATIGS  system  that  represents  an  advance  in  inertial  system 
technology  is  its  use  of  the  laser  gyro.  The  laser  gyro  is  a potentially  low-cost  strap- 
down  sensor  with  the  attributes  of:  a high  input  rate  capability  ( 400  deg/sec),  high  g- 
capability,  direct  digital  output,  high  resolution  (1.57  arc  sec/pulse),  and  the  potential 
for  simple  built-in  test  capability.  The  angular  rate  maximum  of  131  deg/sec  (Table  2) 
is  a result  of  the  pulse  width  and  duty  cycle  chosen  for  the  ATIGS  X-O  system  and  is  not 
a limitation  inherent  to  the  laser  gyro  (the  GG1328  gyro  used  in  ATIGS  X-2  is  specified 
to  operate  to  400  deg/sec  and  actually  is  capable  of  about  8 00  deg/sec). 

SOFTWARE 

Flight  program  functions  and  computational  flow  are  shown  in  Figure  2.  The 
program  is  organized  into  modules  with  sequencing  and  timing  controlled  by  an  execu- 
tive module.  The  attitude  reference  and  coordinate  transformation  modules  are  each 
processed  at  a 100  Hz  rate  and  the  basic  navigational  equations  are  processed  at  10  Hz. 


Fig.  2.  Flight  Program  Computational  Flow. 


Initialization  and  Alignment 

As  a missile  navigator,  ATIGS  is  designed  to  be  initialized  and  aligned  in  flight 
from  digital  data  supplied  by  an  aircraft  inertial  navigator.  Initialization  and  alignment 
begin  immediately  upon  application  of  system  power  or  when  re-initialized  by  the 
operator.  At  that  time,  latitude,  longitude,  roll,  pitch,  and  yaw  are  transferred  from 
the  aircraft  navigation  system  to  ATIGS,  initializing  the  alignment  algorithm.  V''  e 
initial  attitude  values  are  available  from  the  aircraft  navigator,  ATIGS  does  not  requir*- 
a coarse  alignment  scheme,  and  proceeds  directly  into  fine  alignment.  The  alignment 
algorithm  uses  a five-state  Kalman  filter  which  processes  north  and  east  velocity 


measurements  (received  from  the  aircraft  navigator)  to  derive  estimates  of  system 
north  and  east  velocities  and  north,  east,  and  vertical  attitude  errors.  Standard  Kalman 
algorithms  are  used,  and  the  error  estimates  are  used  to  update  the  actual  ATIGS 
velocities  and  attitudes.  Note  that  ATIGS  arrives  at  its  own  estimates  of  velocity  and 
attitude  (based  on  velocity  measurements);  however,  ATIGS  position  is  slaved  to  air- 
craft navigator  position  until  alignment  is  complete.  Table  3 lists  the  various  para- 
meters used  by  the  alignment  filter.  During  captive  flight  testing,  both  in-air  and 
ground  alignments  were  used.  The  only  difference  between  a ground  alignment  and  an 
in-air  alignment  was  in  the  values  of  the  filter  parameters  as  indicated  in  Table  3.  In 
the  case  of  a ground  alignment,  since  position  is  constant  and  the  velocity  is  known  to 
be  zero,  alignment  can  proceed  independently  of  the  aircraft  navigator.  Alignment 
time  was  allowed  to  vary  from  2 to  10  minutes  depending  on  how  quickly  the  algorithm 
met  the  convergence  criteria.  In  actual  practice,  ground  alignments  always  required 
the  maximum  time,  10  minutes,  whereas  an  in-air  alignment  was  complete  in  2 minutes. 
The  shorter  in-air  alignment  was  achieved  by  flying  an  S-turn  maneuver,  which 
quickened  the  convergence  process. 


Table  3.  Alignment  Parameter  Values. 


Initial  Velocity  Variance 
Initial  Attitude  Variance 
Velocity  Process  Noise 
Attitude  Process  Noise 
Velocity  Measurement  Noise 

t 

Azimuth  Convergence  Criteria 
Maximum  Align  Time 
Minimum  Align  Time 

Navigation 


Ground  Align 

(0.31  ft/sec)2 
(15.6  mrad)2 
(0.017  ft/sec)2/sec 
(0.017  deg)2/hr 
(0.22  ft/sec)2 
1.0  mrad 
10  min. 

2 min. 


Inflight  Align 

(1.33  ft/sec)2 
(15.6  mrad)2 
(0.039  ft/sec)2/sec 
(0.027  deg)2/hr 
(0.62  ft/sec)2 
1.0  mrad 
10  min. 

2 min. 


Upon  completion  of  alignment,  the  flight  program  switches  automatically  to  the 
navigation  mode.  A unique  feature  of  the  flight  program— possible  only  with  strapdown 
mechanizations— was  that  two  complete  sets  of  navigation  equations  were  processed 
simultaneously.  In  effect,  there  were  two  independent  navigators,  although  both  used 
the  same  sensor  data.  This  scheme  allowed  one  navigator  to  be  re-aligned  in  flight  and 
to  accept  position  updates,  while  the  other  navigated  continually  throughout  the  flight 
based  on  the  initial  ground  alignment  and  was  not  updated.  Both  navigators  used 
barometric  altimeter  data  to  stabilize  the  vertical  channel.  Because  of  the  dual 
navigation  feature,  on  most  of  the  flight  test  series,  it  was  possible  to  collect  both 
missile-type  (short-term  navigation  following  in-air  alignment)  and  aircraft-type  (long- 
term navigation  following  ground  alignment)  navigation  data. 
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Midcourse  Updates 

ATIGS  was  designed  to  interface  with  a Midcourse  Fix  and  Terminal  Guidance 
System  (MFTGS)  which  will  supply  position  updates  at  points  along  the  cruise  portion  of 
the  flight  and  also  provide  target  acquisition  and  track  in  the  terminal  phase.  The 
MFTGS  tested  during  captive  flight  tests  of  ATIGS  X-O  was  the  microwave  radiometry 
(MICRAD)  system  developed  at  the  Naval  Weapons  Center.  This  system  operated  in  two 
modes,  the  "fixer"  and  the  "seeker".  The  fixer  mode  provided  midcourse  position 
updates  to  ATIGS  by  correlating  a stored  reference  with  the  radiometric  scene  viewed 
below  the  vehicle  and  determining  downrange  and  crossrange  displacement  from  the 
reference  center.  The  seeker  mode,  which  was  implemented  on  the  last  flight  test 
series,  provided  terminal  tracking  of  a target  on  the  ground.  On  those  flights  where 
MICRAD  was  not  installed,  ATIGS  could  receive  position  updates  from  the  aircraft 
navigator.  This  was  done  by  the  pilot  depressing  the  aircraft  fix-designate  button  as  he 
flew  over  a known  checkpoint  whose  coordinates  had  been  entered  in  the  aircraft 
navigator  computer.  The  updating  method,  in  both  the  MICRAD  and  aircraft  cases,  was 
a simple  position  reset. 


TEST  CONFIGUR  ATION 


For  captive  flight  testing.  ATIGS  was  installed  in  an  Air  Force  Weapons  Evaluation 
Test  Pod  (AFWET)  and  mounted  under  the  starboard  wing  (station  7)  of  an  A-7C  attack 
aircraft.  Figure  3 shows  the  interconnection  of  the  various  components. 


IN  AVIONICS  ID 


Fig.  3.  ATIGS  Flight  Test  Configuration. 
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SYSTEM  SUPPORT  EQUIPMENT 


The  System  Support  Equipment  (SSE)  provides  all  the  equipment  necessary  to 
operate,  monitor,  and  test  the  ATIGS  system  independently  of  the  aircraft.  During 
flight  testing,  the  SSE  was  installed  in  the  system  support  trailer  and  used  on  the  flight 
line  for  pre-flight  checkout  of  the  system  and  post-flight  data  dump((Fig.  4). 

AIRCRAFT  NAVIGATION  SYSTEM 

The  aircraft  navigation  system  consisted  of  an  ASN-90  Inertial  Measurement  Unit 
(IMU)  and  an  ASN-91  Navigational/Weapons  Delivery  Computer.  As  described  in  the 
previous  section,  the  ASN-91  computer  provided  initialization  and  in-air  alignment 
support  of  ATIGS  as  well  as  providing  barometric  altitude  and  position  updates  when  the 
MICRAD  system  was  not  installed. 

COCKPIT  CONTROLS 

In  order  to  minimize  wiring  changes  to  the  aircraft,  available  aircraft  armament 
panel  switches  and  lights  were  used  to  control  ATIGS.  From  the-  cockpit,  the  pilot  could 

1.  turn  ATIGS  on  or  off, 

2.  re-initialize  alignment,  and 

3.  designate  midcourse  updates  (when  MICRAD  was  not  installed). 

Once  an  alignment  was  initialized,  ATIGS  sequenced  automatically  through  initializa- 
tion, alignment,  and  into  the  navigate  mode.  A light  indicated  when  alignment  was 
complete  and  the  system  was  navigating.  When  the  MICRAD  system  was  not  installed, 
the  pilot  provided  position  updates  to  ATIGS  by  performing  the  standard  "flyover 
update"  procedure  normally  used  to  update  the  aircraft  navigator.  When  the  "designate" 
button  was  pressed,  ATIGS  received  the  coordinates  of  the  checkpoint  as  entered  by  the 
pilot  through  the  aircraft  navigation  panel  and  was  automatically  updated. 


TEST  SERIES  OVERVIEW 


Since  delivery  of  the  first  ATIGS  X-O  system  in  May  1974,  a total  of  six  separate 
captive  flight  test  series  have  been  flown.  The  purpose  of  this  section  is  to  present  an 
overview  of  the  goals  and  achievements  of  each  of  those  test  series.  A quantitative 
discussion  of  the  navigational  performance  will  be  given  in  a later  section.  A summary 
of  the  test  series  is  shown  in  Table  4.  Except  for  the  tri-service  tests,  each  flight 
consisted  of  multiple  navigation  runs  following  the  initial  ground  alignment  and 
subsequent  in-air  alignments. 

INITIAL  FLIGHT  TESTS 

This  was  an  ATIGS-only  test  series  (i.e.,  MICRAD  was  not  installed)  which 
commenced  one  month  after  delivery  of  the  first  ATIGS  X-O  system.  This  test  series 
served  as  the  final  acceptance  test  of  the  first  system.  The  test  goals  were  to: 

(1)  Detect  and  correct  any  hardware,  software,  or  interface  problems  that  might 
occur  in  a captive  flight  environment. 
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Table  4.  AT1GS  X-O  Captive  Flight  Tests. 


(2)  Demonstrate  the  ability  to  achieve  accurate  in-air  alignments. 


(3)  Demonstrate  the  ability  of  ATIGS  to  accept  midcourse  position  updates  from 
the  aircraft  navigator. 

(4)  Provide  an  initial  measurement  of  system  navigational  accuracy. 

All  of  the  above  goals  were  met.  From  the  first  flight,  the  system  consistently 
exceeded  the  specified  performance  goals.  A minor  design  error  was  discovered  in  the 
system  flight  computer  and  was  repaired  prior  to  flight  7.  Of  particular  significance 
was  the  demonstration  of  the  in-air  alignment  algorithm.  By  flying  an  S-turn  maneuver 
during  alignment,  the  alignment  algorithm  met  the  1.0  milliradian  azimuth  convergence 
criteria  and  completed  alignment  within  the  2-minute  minimum  alignment  time. 

TRI-SERVICE  FLIGHT  TESTS 


Because  of  the  excellent  results  achieved  on  the  initial  flight  test  series,  interest 
was  generated  in  the  Department  of  Defense  for  fully  investigating  the  potential  of 
laser  gyros  for  aircraft  inertial  navigation.  As  a result,  a series  of  flight  tests  were 
flown  where  ATIGS  was  operated  as  an  aircraft  navigator.  Navigation  flights  followed 
ground  gyrocompass  alignments  and  were  of  3 to  4 hours  duration.  The  navigator 
operated  in  a pure  inertial  mode  throughout.  The  goal  of  the  tests  was  to  determine 
long-term  navigational  accuracy  of  the  system.  A series  of  8 flights  showed  ATIGS  to 
be  a 2 nm/hr  navigator  (by  comparison,  the  A-7  aircraft  navigator,  which  was  trimmed 
for  maximum  performance,  yielded  0.8  nm/hr  on  these  same  flights).  Considering  that 
ATIGS  was  designed  as  a 10  nm/hr  missile  navigator  and  was  operated  in  the  relatively 
rough  environment  of  a wing  pod,  it  is  felt  that  the  flights  adequately  demonstrated  the 
viability  of  the  strapdown,  laser-gyro  navigator  as  a candidate  for  low-cost  aircraft 
navigation. 

ATIGS/MICRAD  TESTS  (MICRAD  I,  II,  III) 

In  the  Fall  of  1974,  the  MICRAD  fixer  system  was  integrated  with  ATIGS  X-Oand, 
following  laboratory  checkout,  the  integrated  systems  were  installed  in  the  AFWET  pod 
for  flight  test.  The  purposes  of  these  tests  were  to 

(1)  Demonstrate  the  ability  of  ATIGS  to  navigate  with  sufficient  accuracy  (follow- 
ing an  in-air  alignment)  to  place  MICRAD  within  the  fix  reference  area. 

(2)  Demonstrate  the  ability  of  ATIGS  to  provide  proper  data  and  control  signals  to 
MICRAD. 


t 


(3)  Demonstrate  the  ability  of  MICRAD  to  successfully  scan  the  reference  area, 
achieve  a correlation,  and  calculate  downrange  and  crossrange  position  offsets 
for  updating  ATIGS. 

(4)  Demonstrate  the  ability  of  ATIGS  to  apply  the  MICRAD  data  to  achieve  a 
position  update  and  to  subsequently  navigate  to  the  next  MICRAD  fix  area. 


Although  the  ability  of  MICRAD  to  accurately  update  ATIGS  was  demonstrated  early  in 
the  test  series,  a number  of  software  and  hardware  problems,  primarily  in  the  MICRAD 
system,  prevented  achievement  of  consistent  results.  For  this  reason,  additional  test 
series  were  flown,  providing  data  for  improving  the  reliability  of  the  system. 

ATIGS/MICR AD  TESTS  (MICRAD  IV) 

These  tests  were  a follow-on  to  the  earlier  ATIGS/MICRAD  flights  with  the 
addition  of  the  MICRAD  seeker  to  the  integrated  system.  By  providing  the  capability  of 
acquisition  and  track  of  a surface  target,  the  seeker  adds  the  terminal  guidance 
function  to  the  midcourse  guidance  provided  by  ATIGS  and  the  MICRAD  fixer  systems. 
The  goal  of  this  test  series  was  to  demonstrate,  in  captive  flight,  the  full  missile 
guidance  sequence  of 

(1)  In-air  alignment  of  ATIGS 

(2)  ATIGS  navigation  and  guidance  to  a midcourse  fix  area 

(3)  MICRAD  fixer  correlation  on  reference  area  and  updating  of  ATIGS  position 

(4)  ATIGS  navigation  to  target  acquisition  point  and  pointing  of  MICRAD  seeker 
antenna  at  target 

(5)  MICRAD  acquisition  and  track  of  target. 

Of  the  five  flights  in  this  series,  the  first  three  were  necessary  to  work  out 
hardware  and  software  problems  in  the  integrated  systems.  With  the  problems  fixed, 
the  last  two  flights  were  virtually  100%  successful.  Of  a total  of  12  passes,  there  were 
11  successful  MICRAD  updates  and  12  successful  acquisitions  and  tracks  of  the  target. 


FLIGHT  TEST  PROCEDURES 


GENERAL 

All  flights  began  and  ended  at  NAF,  China  Lake.  Depending  on  the  purpose  of  the 
particular  test  series,  various  trajectories  were  flown,  ranging  in  duration  from  one  to 
over  four  hours.  Trajectories  for  each  test  series  are  shown  in  Figures  5 through  8. 
Except  for  the  final  test  series  (MICRAD  IV),  the  trajectories  were  flown  at  normal  A-7 
cruise  speeds,  which  varied  from  about  300  to  360  knots.  In-flight  navigational 
performance  was  determined  by  comparing  ATIGS  (and  aircraft  navigator)  position  to 
known  locations  on  the  ground  (checkpoints)  marked  by  use  of  the  standard  A-7  low- 
altitude  flyover  update  procedure.  Using  this  procedure,  the  pilot  flew  over  the 
checkpoint  at  a minimum  safe  altitude  (usually  less  than  500  feet  AGL)  and  depressed  a 
"designate"  button  when  on  top.  Accuracy  is  estimated  to  be  about  300  feet.  In 
addition  to  marking  checkpoints,  this  procedure  was  used  to  provide  position  updates  to 

I both  ATIGS  and  the  aircraft  navigator  on  certain  flights.  Checkpoints  were  available  at 
approximately  ten-minute  intervals.  A final  checkpoint  was  taken  at  the  flight  line  at 
the  end  of  each  flight.  On  flights  where  MICRAD  was  installed,  position  errors  were 
determined  photographically  at  each  MICRAD  fix  by  use  of  a camera  mounted  in  the 
pod.  Accuracy  of  this  method  is  about  200  feet.  Because  of  the  dual  navigator  feature 
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of  the  ATIGS  flight  program,  both  updated,  short-term  navigational  data  and  pure- 
inertial,  long-term  data  were  available  on  most  of  the  test  series. 

ATIGS  was  normally  turned  on  2 1/2  hours  prior  to  each  flight  for  system  checkout 
and  warmup,  and  remained  on  until  the  end  of  the  flight.  During  the  pre-flight  period, 
ATIGS  performance  was  monitored  with  the  SSE,  mounted  in  the  trailer  alongside  the 
aircraft.  During  this  time,  an  "auto-cal"  procedure  was  performed  on  the  A-7 
navigator.  This  procedure  provided  a trim  of  aircraft  navigator  gyro  biases.  By  mini- 
mizing aircraft  navigator  errors,  the  amount  of  error  transfered  to  ATIGS  during  in-air 
alignments  was  also  minimized.  After  engine  start  and  prior  to  taxiing,  the  aircraft 
navigator  was  switched  to  the  navigate  mode  and  a final  ten-minute  ground  alignment 
of  ATIGS  was  performed.  Aircraft  parking  locations  are  known  to  0.1  arc-seconds  of 
latitude  or  longitude  and  initial  position  may  be  entered  into  the  A-7  navigator  (and 
transferred  to  ATIGS)  to  the  nearest  arc-second  (about  100  feet).  Once  ATIGS 
alignment  was  complete,  the  aircraft  was  cleared  to  taxi  and  takeoff  usually  occurred 
within  five  minutes. 

Depending  on  the  requirements  of  the  particular  test  series,  various  in-flight 
procedures  were  used,  and  these  are  discussed  in  greater  detail  below.  All  essential 
navigational  and  functional  data  were  recorded  in  flight  on  the  MARS-2000  tape 
recorder  installed  on  the  aircraft.  In  addition,  a limited  amount  of  "quick-look"  data 
was  stored  in  ATIGS  memory  for  rapid  assessment  following  each  flight.  Upon  return  of 
the  aircraft  to  the  flight  line  following  the  flight,  a final  checkpoint  was  taken  and 
ATIGS  and  the  aircraft  were  shut  down.  The  trailer  was  brought  alongside  the  aircraft 
and  the  system  support  equipment  was  connected  for  post-flight  data  dump  and 
checkout.  The  MARS-2000  tape  was  removed  and  taken  to  the  central  computing 
facility  for  data  reduction.  The  ATIGS  system  remained  on  the  aircraft  between  flights 
of  each  test  series. 

INITIAL  FLIGHT  TESTS 
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The  initial  flight  series  was  ATIGS-only  (MICRAD  was  not  used)  with  position 
updates  provided  by  the  aircraft  navigator  (low-altitude  flyover  update  procedure)  at 
the  checkpoints  shown  in  Figure  5.  Both  east-west  and  north-south  trajectories  were 
flown.  In  keeping  with  the  concept  of  a missile  navigator,  most  flights  included 
multiple,  short  navigational  runs  following  in-air  transfer  alignments  from  the  aircraft 
navigator.  A typical  flight  began  with  a ground  alignment  and  short  (10  to  14  minutes) 
navigation  run  to  the  first  enroute  checkpoint  where  a fly-over  fix  was  taken.  Follow- 
ing the  first  fix,  an  in-air  transfer  alignment  was  accomplished  followed  by  another 
navigation  run.  Normally,  several  in-air  alignments  and  navigation  runs  were  done  with 
the  final  run  terminating  with  the  last  fix  taken  after  the  aircraft  parked.  Four  of  the 
22  flights  included  lengthy  (1  hour)  navigation  runs  following  the  ground  alignment. 
During  this  test  series  only,  in-air  alignments  could  be  initiated  only  by  cycling  power  to 
ATIGS.  Alignment  commenced  immediately  upon  reapplication  of  system  power.  Thus, 
both  sections  of  the  ATIGS  dual  navigator  received  in-air  alignments  although  only  one 
section  received  position  updates.  A problem  with  this  procedure  was  that  the  power 
interruption  caused  a transient  in  the  accelerometer  thermal  control  unit  resulting  in 
undesirable  shifts  in  accelerometer  bias.  On  the  later  flight  test  series,  the  system  was 
modified  so  that  alignments  could  be  initiated  without  cycling  power.  In  addition  to 
eliminating  the  accelerometer  thermal  transient,  the  new  procedure  allowed  the 
updated  navigator  to  be  aligned  in  flight  without  affecting  the  un-updated  navigator, 
which  navigated  continously  throughout  the  flight  based  on  the  ground  alignment. 
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Fig.  5.  Flight  Trajectories  for  Initial  Flight  Tests. 


TRI-SERVICE  FLIGHT  TESTS 

All  flights  in  this  series  consisted  of  long-term,  pure-inertial  navigation  runs 
following  ground  alignment.  No  in-air  alignments  were  performed.  As  shown  in 
Figure  6,  two  flight  paths  were  used,  of  3-  and  4-hours  duration  respectively.  Each  of 
the  paths  were  flown  both  clockwise  and  counterclockwise.  Checkpoints  were  used  as 
position  references  to  determine  navigational  errors  following  the  flight  but  were  not 
used  to  update  the  navigator. 

ATIGS/MICRAD  TESTS  (MICRAD  I,  II,  III) 

The  integrated  ATIGS/MICRAD  tests  series  used  the  MICRAD  "fixer"  to  apply 
position  updates  to  the  ATIGS  navigator.  The  aircraft  fly-over  update  procedure  was 
used  to  update  the  aircraft  navigator  and  supply  checkpoints  to  ATIGS,  but  ATIGS  could 
only  be  updated  by  MICRAD.  The  first  five  flights  took  place  in  the  Owens  Valley  with 
Little  Lake  and  Lone  Pine  as  MICRAD  fixes,  and  Big  Pine  and  Mono  Lake  as  checkpoints 
(Fig.  7).  The  procedure  was  to  update  the  aircraft  navigator  at  one  of  the  checkpoints 
north  of  the  MICRAD  fixes,  followed  by  an  in-air  alignment  of  ATIGS  (by  updating  the 
aircraft  navigator  just  prior  to  ATIGS  alignment,  ATIGS  initial  position  error  was 
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Fig.  6.  Flight  Trajectories  for  Tri-Service  Flight  Tests. 


reduced).  The  aircraft  proceeded  southbound  obtaining  MICRAD  updates  at  Lone  Pine 
and  Little  Lake,  then  turned  and  proceeded  northbound  over  the  two  fix  areas,  for  a 
total  of  four  MICRAD  updates.  The  whole  procedure  was  repeated  three  times  for  a 
total  of  12  MICRAD  fixes.  Flights  6 through  18  took  place  in  the  San  Joaquin  Valley, 
using  Gorman  Vortac  as  a checkpoint  and  Bakersfield  and  Porterville  as  MICRAD  fixes. 
Procedures  were  similar  to  the  Owens  Valley  flights,  with  Gorman  used  to  update  the 
aircraft  navigator  just  prior  to  in-air  alignment  of  ATIGS.  The  aircraft  would  then  fly 
Bakersfield,  Porterville,  Porterville,  Bakersfield,  obtaining  two  northbound  and  two 
southbound  MICRAD  fixes.  The  aircraft  would  then  return  to  Gorman,  update  the 
aircraft  navigator,  re-align  ATIGS  and  repeat  the  procedure  for  a total  of  three  passes 
(12  MICRAD  updates).  The  MICRAD  updating  procedure  was  (I)  for  ATIGS  to  command 
MICRAD  to  start  scan  as  the  fix  area  was  entered  (based  on  ATIGS  navigation),  (2)  for 
MICRAD  to  scan  the  area,  correlate  with  a stored  reference,  and  determine  downrange 
and  crossrange  displacement  from  the  fix  center,  and  (3)  for  ATIGS  to  convert  the 
MICRAD  data  to  latitude  and  longitude  corrections  and  to  update  the  navigational 
equations.  Prior  to  the  third  ATIGS/MICRAD  test  series,  an  ATIGS-controlled  steering 
needle  was  added  to  the  cockpit  which  enabled  the  pilot  to  follow  ATIGS  guidance  over 
the  MICRAD  fix  area  rather  than  by  following  a visual  ground  track.  Although  ATIGS 
navigational  accuracy  could  be  determined  in  both  cases,  the  closed-loop  guidance 
provided  by  the  steering  needle  provided  real-time  demonstration  of  ATIGS  ability  to 
place  the  aircraft  in  the  MICRAD  fix  reference  area. 
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Fig.  7.  Flight  Trajectories  for  ATIGS/MICRAD 
(MICRAD  I,  II,  III)  Flight  Tests. 


ATIGS/MICR  AD  TESTS  (MICRAD  IV) 

The  final  flight  test  series  was  the  first  integrated  tests  to  include  the  full 
MICRAD  system,  both  midcourse  updating  (fixer)  and  terminal  guidance  (seeker).  The 
procedures  on  this  test  came  closest  to  simulating  an  actual  missile  flight.  The 
trajectory  is  shown  in  Figure  8.  A pass  commenced  with  a low-altitude  flyover  update 
of  the  aircraft  navigator  (to  reduce  initial  position  error  transferred  to  ATIGS), 
followed  by  an  in-air  alignment  of  ATIGS.  During  alignment  the  aircraft  climbed  to 
6000  feet  AGL.  When  alignment  was  complete,  a 180  degree  turn  was  executed  and  the 
aircraft  accelerated  to  565  knots.  The  pilot  then  followed  the  steering  needle  to  the 
MICRAD  fix  reference  area,  where  the  MICRAD  updating  sequence  (scan,  correlate, 
update)  was  initiated  by  ATIGS.  After  leaving  the  fix  area,  the  pilot  commenced  a 
climb  to  22,000  feet  MSL  and  turned  to  set  up  a 40  degree  dive  on  the  target.  At 
28,000  feet  slant  range,  the  MICRAD  seeker  antenna  was  uncaged  and  the  updated 
ATIGS  navigator  pointed  the  antenna  at  the  prestored  coordinates  of  the  target  on  the 
ground.  At  22,000  feet  slant  range,  MICRAD  acquired  and  tracked  the  target  until  the 
pilot  commenced  pull  up.  A total  of  six  passes  were  flown  on  each  flight.  In  addition  to 
the  usual  digital  data,  a video  camera  was  boresighted  to  the  pod  and  the  terminal 
portion  of  each  flight  was  recorded  as  well  as  displayed  in  the  cockpit.  A ci'rsor  on  the 
TV  screen  representing  seeker  antenna  position  showed  the  accuracy  of  the  initial  point- 
ing, acquisition,  and  track. 
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Fig.  8.  Flight  Trajectory  for  ATIGS/M1CRAD 
(M1CRAD  IV)  Flight  Tests. 


RESULTS 

Navigational  performance  was  measured  by  noting  the  position  error  at  each 
checkpoint  or  MICRAD  fix  and  applying  the  procedures  of  reference  k to  determine 
radial  position  error  rates.  Basically,  the  procedure  was  as  follows: 

(1)  Divide  the  radial  position  error  at  each  checkpoint  or  MICRAD  fix  by  the 
navigational  time  to  that  point.  For  the  updated  navigator,  time  was  from  the 
last  update  (or  from  the  end  of  the  last  alignment  if  an  update  had  not  yet 
occurred).  For  the  unupdated  navigator,  time  was  from  the  end  of  ground 
alignment. 

(2)  List  the  radial  position  error  rates  obtained  in  step  (1)  above  in  ascending 
order. 

(3)  From  the  list,  find  the  50th  and  90th  percentile  error  rate  (interpolating  if 
necessary). 
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Thus,  the  50th  (or  90th)  percentile  simply  means  that  50  (or  90)  percent  of  the  errors 
were  equal  to,  or  less  than,  the  figure  given.  This  method  does  not  require  any  assump- 
tion concerning  the  type  of  distribution  expected  of  the  errors  and  has  the  advantage  of 
being  simple,  straightforward  and,  given  the  limited  sample  size,  as  statistically  valid  as 
any  other  approach.  The  50th  percentile  error  is  equivalent  to  the  definition  of  circular 
error  probable  (CEP)  and  is  listed  as  such  in  the  results.  In  addition  to  the  CEP  and  90th 
percentile,  the  average  and  worst  case  error  rates  were  also  determined. 

Tables  5 through  7 show  the  navigational  performance  for  both  ATIGS  and  the  A-7 
aircraft  navigator  for  each  of  the  flight  test  series.  For  most  of  the  test  series,  both 
short-term  (updated/air-align)  and  long-term  (un-updated/ground-align)  data  is 
available.  Note  that  the  short-term  error  rates  are  given  in  feet/second,  whereas  the 
long-term  error  rates  are  given  in  nautical  miles/hour. 

As  shown  in  Table  5,  the  short-term  results  are  typically  based  on  5 minutes  of 
unaided  navigation  following  an  in-air  alignment.  This  flight  duration  is  close  to  that 
which  might  be  expected  of  a supersonic,  long-range,  tactical  missile.  Since  the  results 
are  based  on  in-air  alignments,  they  include  aircraft  navigator  errors  which  are  trans- 
fered  to  ATIGS  during  initialization  and  alignment.  Estimates  of  those  errors  are  given 
in  Table  8.  It  should  be  pointed  out  that,  because  of  the  short  navigational  time, 
initialization  errors  become  a significant,  and  perhaps  the  dominant,  part  of  the  total 
error.  In  addition,  measurement  errors  at  the  checkpoints  may  be  significant  compared 
to  the  actual  navigational  accuracy.  For  these  reasons,  it  is  difficult  to  judge  the 
performance  of  ATIGS,  per  se,  based  on  the  data  in  Tabie  5.  The  data  is  useful,  how- 
ever, in  giving  a realistic  picture  of  the  errors  that  might  be  expected  when  the  system 
is  operated  as  a missile  navigator. 

Table  6 gives  a better  picture  of  the  performance  of  ATIGS  as  an  independent 
navigator.  Since  the  data  is  based  on  ground  alignments,  initial  position  and  velocity 
errors  are  known  to  be  zero,  and  initial  attitude  errors  are  those  resulting  from  the 
sensor  errors  during  alignment.  Initial  azimuth  error  is  estimated  to  be  approximately 
300  arc-sec  and  initial  level  error,  20  arc-sec.  Because  of  the  longer  navigation  times, 
errors  in  the  actual  measurement  of  position  at  the  checkpoints  should  have  a negligible 
effect  on  the  overall  results.  In  comparing  the  data  for  the  various  test  series,  it  should 
be  remembered  that,  except  for  the  tri-service  test  series,  the  primary  purpose  of  the 
tests  was  to  demonstrate  performance  as  a missile  navigator.  Consequently,  long-term 
performance  suffered  somewhat  because  of  less  optimal  trajectories  and  operating 
procedures.  On  the  tri-service  test  series,  the  system  was  tested  specifically  as  a long- 
term aircraft  navigator  and,  thus,  performance  is  more  representative  of  that  condition. 

Table  7 shows  the  performance  of  the  A-7  aircraft  navigator— both  long-term, 
pure-inertial  navigation  as  demonstrated  during  the  tri-service  tests  and  short-term 
(i.e.,  23  minutes)  navigation  between  updates  as  demonstrated  on  the  MICRAD  tests. 
Because  of  the  affect  on  ATIGS  performance  following  in-air  alignments,  care  was 
taken  to  insure  best  performance  from  the  aircraft  navigator  (adequate  warmup,  AUTO- 
CAL  before  each  flight,  etc.).  Thus,  the  results  shown  here  may  be  significantly  better 
than  the  performance  of  a typical  A-7  navigator. 


Table  5.  ATIGS  X-O  Short-Term  Navigational  Performance  - 

Updated  Navigator  Following  In-Air  Transfer  Alignment. 


Runs  - navigation  runs;  Pts.  = checkpoints  or  \1ICRAD  fixes. 


Table  6.  AT1GS  X-O  Long-Term  Navigational  Performance  - 
Pure  Inertial  Navigator  Following  Ground  Alignment. 


Note:  (1)  Tune  is  average  navigation  time  between  checkpoints  (updated  Nav)  or  average  navigation 

time  per  flight  (pure-inertial  Nav);  Fits.  = flights;  Pts.  = checkpoints. 


Table  8.  Estimated  Initialization  Errors  Received  by  ATIGS  from 
A-7  Navigator  During  In-Air  Transfer  Alignments. 


CEP 

90th 

Units 

Position^  * ^ 

404 

726 

feet 

v , , <2) 

Velocity 

2.0 

4.9  ’ 

ft/sec 

Level(3) 

Azimuth^ 

6 

360 

arc-sec 

arc-sec 

Notes: 

(1)  Position  error  assumes  300  ft  error  following  latest  update  of  A-7  Nav,  plus 
135  sec  of  error  build  up  (at  rates  given  for  velocity  error)  between  update 
and  end  of  ATIGS  alignment. 

(2)  Velocity  error  assumes  A-7  position  error  rates  observed  during  flight  tests 
to  be  indicative  of  velocity  error  during  ATIGS  alignment. 

(3)  Attitude  errors  are  simply  one-sigma  estimates  for  the  A-7  Navigator.  It  is 
assumed  that  equivalent  errors  are  transferred  to  ATIGS  during  alignment. 
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HOLLOMAN  TRACK  TESTS 


During  March  through  June  1976,  ATIGS  X-O  unit  number  1 was  at  Holloman  Air 
Force  Base  for  a series  of  rocket  sled  tests  designed  to  investigate  system  performance 
(particularly  the  laser  gyros)  when  exposed  to  accelerations  similar  to  those  expected 
during  actual  missile  firings.  A full  description  of  those  tests  and  analysis  of  the  results 
is  given  in  references  5,  6,  and  7.  To  complete  the  picture  of  ATIGS  performance  as 
demonstrated  during  captive  flight  testing,  a review  of  the  navigational  performance  of 
ATIGS  during  sled  testing  is  given  below.  For  a detailed  examination  of  ATIGS  sensor 
errors  during  the  tests,  see  references  6 and  7. 

TRAJECTORY 

The  trajectory  (acceleration,  velocity,  and  position)  is  shown  in  Figure  9.  Four  runs 
were  made.  Each  run  consisted  of  a boost  phase,  a "cruise"  phase  (a  coasting  period  to 
allow  the  sled  to  decelerate  to  water  brake  entry  velocity),  a water  brake  phase,  and 
finally  a coasting  phase  until  the  sled  stops.  Average  values  for  each  phase  of  the  four 
runs  were: 


Duration 

Velocities 

Acceleration 

Cumulative 

Phase 

(sec) 

(ft/sec) 

(g's) 

Distance  (ft) 

Boost 

3.5 

0-864 

14.6 

1200 

Cruise 

7.0 

864-550 

-1.4 

5700 

Waterbrake 

2.5 

570-197 

-5.8 

6300 

Coast 

32.0 

197-0 

-0.2 

10197 

The  sled  was  in  motion  for  an  average  of  45  seconds.  The  Holloman  track  is  oriented  in 
a north-south  direction  and  all  runs  were  made  from  south  to  north. 

PROCEDURES 

Three  hours  prior  to  each  run,  with  the  sled  positioned  at  the  launch  point,  the 
system  was  turned  on  for  warmup  and  checkout.  Navigational  data,  as  well  as  direct 
sensor  and  other  functional  data,  could  be  monitored  in  the  blockhouse.  Once  turned  on, 
the  system  remained  on  until  the  end  of  the  sled  run.  At  13  minutes  prior  to  launch,  a 
final  10-minute  gyrocompass  alignment  of  ATIGS  was  started  (the  same  alignment 
algorithm  used  during  captive  flight  tests).  This  allowed  a 3-minute  navigational  time 
prior  to  launch  during  which  pre-launch  drifts  could  be  observed.  After  launch,  the  sled 
was  in  motion  for  about  45  seconds,  and  ATIGS  was  allowed  to  run  an  additional 
125  seconds  for  a total  navigation  time  of  350  seconds. 

RESULTS 

Table  9 tabulates  the  position  and  velocity  errors  observed  on  each  of  the  four  runs 
at  three  significant  points  during  the  run:  at  launch,  after  the  sled  had  stopped  at  the 
end  of  the  run,  and  just  prior  to  shutdown.  At  all  three  times,  the  sled  was  stopped  at  a 
known  position  on  the  track  so  errors  could  be  calculated  exactly.  A study  of  Table  9 
shows  the  only  significant  error  to  be  a change  in  cross-track  (east)  velocity  error  of 
about  -0.44  ft/sec  (average)  induced  during  the  time  the  sled  is  in  motion.  This  in  turn, 
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results  in  growth  in  crosstrack  position  error  during  the  ti  ne  the  sled  is  stopped  at  the 
end  of  the  run.  The  last  two  lines  of  the  table  give  the  radial  velocity  and  position 
errors  averaged  over  the  four  runs.  These  can  be  compared  with  the  original  error 
budget  for  AT1GS  X-O  as  follows: 

Nav  Time  Position  Velocity 

(sec)  (ft)  (ft/sec) 

Error  Budget  (CEP  values)  330  420  2.54 

Sled  Runs  (average)  352  V2  0.65 

The  original  error  budget  assumed  zero  initial  condition  errors,  which  was  the  case  for 
the  sled  runs  (except  for  initial  attitude  error  remaining  after  the  gyrocompass 
alignment).  As  reported  in  reference  6,  most  of  the  errors  observed  during  the  sled  runs 
appears  due  to  a cross-axis  sensitivity  in  the  accelerometers,  with  very  little  error 
attributable  to  the  laser  gyros. 


Nav  Time 
(sec) 


Down-Track  Velocity 
(ft/sec) 


Cross-Track  Velocity 
(ft/scc) 


Down-Track  Position 
(ft) 


Cross-Track  Position 


SUMMARY 


Table  10  is  a summary  of  results  observed  in  captive  flight  and  rocket-sled  testing 
of  the  ATIGS  X-O  missile  guidance  system.  Tests,  conducted  to  date  have 
demonstrated: 

(1)  Better-than-required  navigational  performance  in  captive  flight  as  a short- 
term missile  navigator. 

(2)  Long-term  flight  performance  approaching  the  requirements  for  an  aircraft 
navigator. 

(3)  Accurate  in-air  alignment  of  the  ATIGS  inertial  platform  from  the  aircraft 
navigator. 

(</)  Integrated  operation  with  the  MICRAD  midcourse  updating  system. 

(3)  Integrated  operation  with  the  MICRAD  terminal  system. 

(b)  Operation  under  the  high-g  sled  environment  with  no  significant  degradation  of 
performance. 

Remaining  to  be  demonstrated  is  ATIGS  guidance  of  an  actual  missile  in  free  flight. 

Although  designed  for  guidance  of  long-range  tactical  missiles,  ATIGS  X-O  has 
considerably  bettered  the  10  nmi/hr  error  rate  requirement  for  a missile  navigator  and 
has  come  close  to  the  1 nmi/hr  error  rate  typically  expected  of  aircraft  navigators. 
Because  of  this,  strapdown  laser-gyro  system  development  is  now  proceeding  along  two 
paths:  ATIGS  X-2,  the  smaller  tactical  missile  navigator  described  in  the  introduction, 
and  RLGN  (Ring  Laser  Gyro  Navigator),  a higher  accuracy  aircraft  quality  navigator. 
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Table  10.  Summary  of  ATIGS  X-O  Navigational  Performance 
During  Captive  Flight  and  Sled  Testing. 


Captive  Flight 


Number  of  Flights 
Number  of  Flight  Hours 
Radial  Position  Error  Rates 
Short-Term  Navigation3 
Long-Term  Navigation*5 


53 

1 19  hours 

6.9  ft/sec  CEP 
2.1  nmi/hr  CEP 


Rocket  Sled 

Number  of  Runs  4 

Boost  Acceleration  1 5 g's 

Radial  Errors  After  350  sec.  of  Navigation 

Position  92  ft 

Velocity  0.65  ft/sec 


Notes: 

a.  5-minute  Nav  Runs  after  in-air  alignment. 

b.  3 1/2  hour  Nav  Runs  after  ground  alignment. 
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ABSTRACT 


This  paper  presents  the  methods  and  results  of  the  first  sled  test  of 
a strap-down  inertial  guidance  system  which  uses  a triad  of  laser  gyros. 

Four  sled  tests  were  conducted  on  the  Advanced  Tactical  Inertial  Guidance 
System  (ATIGS)  on  the  high  speed  test  track  located  at  Holloman  AFB,  New 
Mexico.  The  ATIGS  was  developed  at  the  Naval  Weapons  Center,  China  Lake, 
California. 

The  ATIGS  consisted  of  the  following  components:  Three  Honeywell 

GG1 300  AE  ring  laser  gyros,  three  Sundstrand  0-flex  accelerometers,  and  a 
Del co  Magic  Model  362  computer.  The  computer  processed  tne  accelerometer 
and  gyro  output  data  through  software  to  produce  system  output  velocities 
in  a computational  coordinate  frame  appropriate  for  comparison  with  the 
reference  data  derived  from  the  test  track. 

The  ATIGS  was  mounted  in  a dual  rail  sled  vein  ids.  Launch  parameters 
were  input  to  tne  system  for  alignment  several  minutes  before  the  sled  run. 
After  alignment  the  system  was  switched  to  the  flight  mode.  ATIGS  outputs 
were  telemetered  and  the  raw  gyro  and  accelerometer  outputs  were  recorded 
on  sledborne  analog  magnetic  recorders. 

A two-stage  firing  sequence  employing  five  Little  John  solid  rockets 
boosted  the  sled  vehicle  at  a typical  maximum  acceleration  of  15g's  to  a 
velocity  of  865  ft/sec.  A water  brake  of  -6 . 7g ’ s for  a duration  of  two 
seconds  provided  deceleration. 

Telemetered  data  from  the  flight  computer  was  available  but  occurred 
only  at  low  frequency  of  about  10  Hz.  The  analysis  methods  therefore  used 
the  raw,  high  frequency  accelerometer  and  gyro  data  recorded  on  the  sled. 

This  data  was  processed  through  a ground  based  CDC  7600  to  simulate  the 
flight  computer  computation. 

In  order  to  separate  accelerometer  errors  from  gyro  errors,  two  different 
analysis  procedures  were  utilized.  The  first  method  compared  raw,  untrans- 
formed accelerometer  data  to  a reference  function  derived  from  test  track 
data.  Past  experience  has  demonstrated  the  validity  of  this  technique  for 
test  environments  involving  elastic  or  otherwise  predictable  tost  pallet 
angular  motion  during  sled  runs.  The  resulting  difference  velocities  were 
modeled  by  means  of  regression  analysis  for  accelerometer  error  coefficients 
and  system  angular  motion.  The  second  method  was  aimed  at  investigating  the 
gyro  errors.  The  system  output  velocities  (namely,  accelerometer  data  trans- 
formed to  tiie  computational  coordinate  frame  tnrough  tne  use  of  tne  gyro 
lata  in  a straD-down  algorithm)  were  compared  to  reference  test  track  data 
in  the  same  frame.  The  resulting  system  velocity  errors  were  again  entered 
n to  repression  analysis,  where  the  model  used  was  designed  to  describe  both 
i 1<  ration  and  gyro  errors. 

.•  .led  runs,  five  centrifuge  tests  (counter-rotating  mode),  and 
1 f'.tfi  calibrations  were  performed.  The  ATIGS  system  operated 
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reliably  and  its  instrument  coefficients  (gyro  and  accelerometer)  remained 
stable  across  tiie  dynamic  test  environments  imposed  during  the  three-month 
test  effort  (17  March  - 23  June  1976). 

The  predominant  system  error  source  appeared  to  be  the  accel erometers . 
An  asymmetrical  cross-axis  sensitivity  was  observed  in  the  accel erometer 
data  from  both  sled  and  centrifuge  tests.  No  specific  gyro  errors,  except 
for  a residual  fixed  drift  (.04  deg/hr),  could  be  identified.  ATIGS  system 
velocity  errors  could  be  modeled  to  within  .05  ft/sec  (one  sigma)  from  sled 
test  data.  Improved  test  and  analysis  techniques  were  developed  for  evalu- 
ating strap-down  guidance  systems. 
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Rocket  sled  and  centrifuge  testing  of  the  Advanced  Tactical  Inertial 
Guidance  System  (ATIGS)  were  performed  at  Holloman  Air  Force  Base  for  the 
Air  Force  Space  and  Missiles  Systems  Organization  (SAMSO).  The  ATIGS  test 
effort  is  a subtask  of  the  Small  Hardened  Inertial  Platform  (SHIP)  project, 
JON  627ANP01 . The  ATIGS  test  item  and  on-site  technical  support  for  the 
three  month  test  effort  (March  through  June  1976)  were  provided  by  the  Naval 
Weapons  Center  (MIJC),  China  Lake,  California. 

Emphasis  has  been  placed  on  the  development  of  a strap-down  inertial 
navigator  using  Ring  Laser  Gyros  (RLG)  to  achieve  the  low  cost  and  high 
reliability  requirements  of  Air  Force  weapon  systems.  A stran-down  naviga- 
tor provides  advantages  over  a conventional  system  in  that  it  does  not  re- 
quire ginbals  or  slip  rings.  The  gimbals  are  replaced  mathematically  by 
software  in  an  on-board  digital  computer.  Also,  body-mounted  inertial 
sensors  provide  the  flexibility  for  midcourse  guidance  and  autostabi 1 i zation , 
eliminating  the  requirement  for  separate  autopilot  rate  gyros  and 
accel erometers . 

Honeywell,  Inc.  developed  the  ATIGS  (X-0)  system,  a strap-down  RLG 
navigator,  under  contract  to  the  Naval  Weapons  Center.  Extensive  laboratory 
and  flight  tests  of  this  system  were  performed  uy  NWC.  Captive  flight 
evaluations  were  made  using  an  A-7E  aircraft  as  a test  vehicle.  Results 
from  the  rlavy  tests  in  June  1974  and  March  1975  are  4 nmi/hr  average  radial 
error  in  the  first  test  series  and  2.2  nmi/hr  radial  error  in  the  second. 

The  Air  Force  sponsored  rocket-sled  and  centrifuge  testing  at  Holloman  to 
further  define  the  dynamic  performance  of  the  RLG  strap-down  system. 

The  basic  ATIGS  consists  of  an  inertial  measuring  unit  (IMU),  a general 
purpose  digital  computer  and  ancillary  equipment  combined  in  a strap-down 
configuration.  The  inertial  measuring  unit  utilizes  three  Honeywell  GG-1300 
ring  laser  gyros  and  three  Sundstrand  0-flex  accelerometers.  The  digital 
computer  is  a Delco  Magic  362  computer.  Figure  1 shows  the  arrangement  of 
the  ATIGS  components  and  the  orthogonal  coordinate  system  used  for  ATIGS 
mechani zation . 

2.  TEST  DESCRIPTION 


2.1  ATIGS  Calibrations 


ATIGS  calibrations  using  the  Naval  Weapons  Center  equipment  and  proce- 
dures were  performed  immediately  after  receipt  of  the  system  at  Holloman  Air 
Force  Base,  after  each  sled  run,  after  completion  of  the  centrifuge  tests, 
and  after  any  ATIGS  failures  requiring  a component  replacement.  Calibration 
data  were  used  to  establish  baseline  system  performance  and  component  align- 
ments which  were  necessary  for  data  analyses  and  to  identify  any  changes  in 
component  outputs  which  may  have  been  caused  Dy  the  dynamic  test  environ- 
ments. A total  of  12  calibrations  were  conducted  at  Holloman  AFu. 

The  calibration  procedure  and  the  associated  data  reduction  program 
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FIGURE  1 . ATIGS  SYSTEM 


provide  the  accelerometer  biases,  scale  factors,  scale  factor  imbalances  and 
orthogonalities  as  well  as  the  gyro  fixed  drifts,  scale  factors,  and  mis- 
alignment angles. 

Detailed  pre-sled  setup  calibration  data  taken  on  the  Y-accel crometer  at 
one  g-forces  around  its  null  point  showed  anomalous  behavior.  The  Y- 
accelerometer  hysteresis-type  behavior  was  attributed  to  problems  in  the 
accelerometer  electronics.  Since  the  electronics  could  not  readily  be 
modified  to  eliminate  this  problem,  the  decision  was  made  to  perforin  the  sled 
and  centrifuge  tests  witn  the  understanding  that  this  hysteresis  could  induce 
ATIGS  errors  under  test  conditions  where  the  Y-accelerometer  operated  about 
its  zero-g  point. 

2.2  Sled  Test  Description 

The  sled  test  portion  of  the  ATIGS  evaluation  program  was  divided  into 
three  phases;  environmental  sled  runs,  ATIGS  test  site  integration,  and 
ATIGS  sled  runs. 

Phase  I tests  were  conducted  to  establish  the  acceleration  and  vibra- 
tion environment  to  be  experienced  by  the  test  item.  For  these  four  sled 
runs,  a dummy  mass,  constructed  to  duplicate  ATIGS  weight  and  center  of 
gravity,  was  mounted  and  wired  for  linear  and  angular  vibration  limits, 
proper  operation  of  test  instrumentation  was  ascertained  to  include  perform- 
ance of  the  Test  Vehicle  Recorders  (TVR),  primary  and  secondary  power 
supplies,  and  the  basic  sapce-time  velocity  reference  system. 

During  Phase  II,  following  delivery,  the  ATIGS  was  subjected  to  a com- 
plete laboratory  functional  checkout  and  the  count  down  procedures  were 
developed  and  verified.  The  ATIGS  was  then  calibrated  and  mounted  within  tne 
sled  (down-track  axis)  to  reduce  the  hysteresis  errors.  Figure  2 is  a photo- 
graph of  Me  complete  sled  with  the  booster  train.  The  system  was  subjected 
to  a complete  functional  check  in  the  sled  with  test  instrumentation  check- 
out including  measuring  raw  gyro  and  accelerometer  signals.  The  ATIGS  was 
again  calibrated  using  localized  calibration  parameters  in  the  calibration 
routines.  Following  completion  of  all  laboratory  checks,  the  sled  was 
positioned  on  the  track  for  tracks ite  functional  checks. 

Following  satisfactory  completion  of  all  Phase  I and  Phase  II  activities, 
four  high-speed  rocket  sled  runs  were  conducted.  Each  test  consisted  of  a 
detailed  prelaunch  countdown  allowing  2.5  hours  for  ATIGS  warm-up  with  con- 
tinuous monitoring  of  gyros,  accelerometer,  and  system  outputs.  ATIGS  down- 
track  alignment  to  within  +6  arc-seconds  in  azimuth  and  elevation  was  ob- 
tained prior  to  each  run  using  an  attached  mirror  cuoe  and  reference  theodo- 
lites. The  ATIGS  system  was  switched  from  the  alignment  to  navigate  mode 
three  minutes  prior  to  sled  launch. 

Figure  3 is  a typical  sled  run  profile  achieved  by  using  five  "Little 
John"  motors,  each  producing  3200  pounds  of  thrust.  Over  600  feet  of  water 
braking  were  used  to  achieve  the  desired  deceleration.  The  average  maximum 
deceleration  was  -6.7  g's. 


3 


ATIGS  signals,  comprised  of  the  PCM  computer  output  and  the  raw  acceler- 
ometer and  gyro  outputs,  were  recorded  in  conjunction  with  a precision  sled- 
borne  timing  source  and  the  space-time  reference  system.  Sled  down-track 
position  and  velocity  measurements  were  accurate  to  .03  ft  over  20000  ft  and 
.004  ft/sec  (one  sigma)  respectively,  with  timing  accurate  to  better  than 
one  microsecond.  Comparison  of  the  ATIGS  signals  with  the  space-time 
reference  system  formed  the  basis  for  evaluating  the  ATIGS  system. 

3.  SLED  ANALYSIS  PROCEDURES  AND  DATA 


The  main  topics  of  this  section  are  divided  into  three  areas:  signal 

handling,  data  processing,  and  the  analysis  and  model  derivation.  The  first 
topic  covers  the  types  of  system  signal  outputs  and  how  these  signals  were 
electronically  recorded  on  the  instrumentation  equipment.  The  second 
section  discusses  the  ground-based  computer  processing  of  the  sled  test 
data;  the  main  points  emphasized  are  the  strap-down  algorithm,  gyro  and 
accelerometer  compensations,  and  the  reference  frame  derivations.  The  third 
topic  highlights  the  analysis  methodology  and  model  derivation  for  the  ob- 
served accelerometer  and  system  errors.  In  particular,  the  errors  occurring 
in  the  ATIGS  accelerometers  alone  will  be  identified  separately  from  the 
total  system  errors,  which  include  both  gyro  and  accelerometer  errors. 

ATIGS  data  was  available  from  two  sources;  the  flight  computer  outputs 
and  the  raw  gyro  and  accelerometer  outputs.  The  flight  computer  outputs 
were  Pulse  Code  Modulated  (PCM)  signals.  The  PCM  signals  occurred  at  a rate 
of  10  Hz.  The  raw  gyro  and  accelerometer  pulses  were  the  second  source  of 
data.  These  pulses  represented  respective  increments  of  velocity  and  gyro 
position  angle.  Data  rates  of  several  kHz  were  used  for  component  evaluation. 
The  space-time  reference  pulses  represented  sled  position  during  the  sled 
run.  Interrupters  (steel  blades)  were  precisely  located  along  the  entire 
length  of  the  track.  Interrupters  broke  a sledborne  light  beam  producing  the 
data  pulses.  The  ATIGS  and  space-time  data  were  recorded  by  sledborne  mag- 
netic tape  recorders.  The  ATIGS  PCM  data  were  also  telemetered  and  recorded 
at  the  track  blockhouse.  After  each  sled  run,  the  sled  data  was  converted 
to  a digitized  computer  word  format  by  the  General  Input  Converter  (GIC) 
facility.  Leading  edges  of  the  pulses  or  events,  such  as  gyro  pulses,  were 
timed  to  a resolution  of  500  nano-seconds  at  the  GIC.  A chronological  record 
of  event  times  was  recorded  on  tape  in  the  form  of  48  bit  computer  words. 

Eight  different  signals  (three  accelerometers,  three  gyros  and  two  space- 
time  pulse  trains)  were  processed  in  this  manner.  The  magnetic  tape  was 
transmitted  to  Kirtland  AFB  via  a 50  KB  data  link.  Data  processing  was  then 
performed  using  a CDC  7600  computer  setup.  The  use  of  the  ground  based 
computer,  with  the  higher  data  sample  rates,  provided  better  accuracy  and 
resolution  than  could  be  obtained  from  the  flight  computer  data. 

The  definition  of  the  strap-down  algorithm  and  the  compensation  terms 
for  both  the  gyros  and  accelerometers  are  now  presented. 

The  body-mounted  accelerometers  and  gyros,  in  conjunction  with  math 
computations  performed  by  the  flight  computer,  eliminate  the  gimbals  and 
slip  rings  of  conventional  navigation  system.  The  digitized  gyro  data 


served  as  a reference  for  the  accelerometers  by  providing  angle  rate  informa- 
tion. This  angular  rate  information  is  used  to  build  a coordinate  trans- 
formation matrix  or  direction  cosine  matrix.  The  continual  updating  of  this 
direction  cosine  matrix  enables  the  acceleration  pulses,  increments  of 
velocity,  to  be  resolved  into  a computational  navigation  frame.  These 
velocity  increments  are  then  accumulated  in  the  standard  navigation  frame  as 
north,  east  and  down  velocities.  The  basic  algorithm  can  be  expressed  as 

+ ,t  An  = (3x1)  accelerations  in  navigation  frame 

MArdx  A = (3x1)  accelerations  in  body  frame 

t M = (3x3)  body  to  navigation  transformation 

ma  tri x 

where  for  small  time  increments,  we  can  write 

AV  (t  + At)  = M(t  + At)AV  (t  + At) 

The  V's  are  then  accumulated  to  update  the  navigation  frame  velocities. 

Vn(t  + At)  = Vn(t)  + Vn(t  + At) 

The  gyro  and  accelerometer  data  were  interpolated  to  a common  time  series  on 
the  ground  based  computer  before  entering  the  algorithm.  A small  t step 
size  of  2500  microseconds  was  used.  The  step  size  kept  the  amount  .of  data 
to  a reasonable  limit  and  also  avoided  errors  caused  by  a low  updating?  rate 
of  the  transformation  matrix.  ' „ 

The  basic  program  equations  were  obtained  from  the  flignt  program  re- 
quirement documents  prepared  for  the  Naval  Weapons  Center  by  the  Honeywell 
Aerospace  Division,  St.  Petersburg,  Florida  (Reference  1). 

3.1  Gyro  and  Accelerometer  Compensation 

Significant  errors  were  removed  from  the  digitized  gyro  and  accelerom- 
eter data  by  using  coefficients  established  during  the  calibration  process. 
Gyro  compensation  was  provided  for  scale  factor,  alignment  and  fixed  drift. 
Accelerometer  compensation  was  for  scale  factor,  alignment,  fixed  drift  and 
scale  factor  unbalance.  Once  the  compensation  was  completed,  the  attitude 
quaternion  was  calculated. 

3.2  Attitude  Quaternion  Generation 

One  of  tiie  more  interesting  features  of  the  ATIGS  strap-down  algorithm 
is  the  use  of  quaternions  or  four  dimensional  hypercomplex  numbers.  The 

orthonormal  frames,  a reference  ( E-j » E^,  E^)  and  a body  fixed  (e-j , e^,  e^), 

are  presented  in  Figure  <♦.  The  quaternion  vector,  q,  lies  along  an  axis 
of  rotation  about  which  the  body  could  be  rotated  to  become  aligned  with  the 
reference  system.  The  magnitude  of  q is  sin$/2  where  <f>  is  the  angle  through 


/ t + At  _ 

J V* 
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which  the  reference  system  must  be  rotated  to  become  aligned  with  the  body 
and  is  positive  in  the  direction  of  a right-handed  rotation. 

The  primary  advantage  of  the  quaternion  is  that  the  kinematic  equations 
relating  the  angular  velocity  vector  of  a rigid  body  to  its  attitude  have 
a simpler  form  when  stated  in  terms  of  the  quaternion.  There  are  only  four 
linear  first  order  homogeneous  differential  equations  to  be  solved  instead 
of  the  nine  Euler  angle  equations  required  for  solution  in  the  direction 
cosine  equations. 

3.3  Reference  System  Derivation 

The  digitized  space-time  pulses  are  processed  through  appropriate  pro- 
grams to  provide  a reference  frame  for  comparison  of  the  compensated  acceler- 
ometer outputs  and  strap-down  output  data  to  the  high  speed  test  track.  For 
this  procedure  a matrix,  A^,  transforming  from  a cube  mirror  to  the  ATIGS 

accelerometers,  was  solved  for  during  the  calibrations.  Theodolite  readings 
were  also  made  before  each  sled  run  on  the  system  mounted  cube  mirror  to 
provide  a matrix,  Aj^,  which  gives  the  transformation  from  the  launch  coordi- 
nate to  the  mirror.  The  final  known  matrix,  ARL,  was  computed  from  track 

survey  data  and  transformed  data  from  test  traci<  rail  coordinates  to  launch 
point  tangent  plane  coordinates.  The  use  of  all  these  3x3  matrices  and 
appropriate  computer  programs  established  a reference  frame  that  would  be 
seen  by  an  ideal  navigation  system. 

3 . 4 Analysis  and  Model  Derivations 

The  analysis  methodology  and  test  item  model  derivation  used  in  this 
report  are  based  upon  past  sled  test  project  experience  and  a^e  documented 
in  Reference  2.  The  following  discussion  summarizes  the  techniques  used  in 
this  report. 

Two  analysis  procedures  were  utilized  to  separate  accelerometer  errors 
from  qyro  errors.  Finure  5 illustrates  the  two  apDroaches.  The  first 
approach  compared  untransformed,  compensated  accelerometer  data  to  space- 
time  reference  data.  The  comparison  was  made  in  the  velocity  domain.  The 
resulting  difference  velocities,  or  DV's,  were  modeled  by  means  of  regression 
analysis  for  accelerometer  error  coefficients  and  system  angular  nation.  Th° 
second  method  investigated  gyro  errors.  The  system  output  velocities,  de- 
rived from  using  ayro  data  to  transform  accelerometer  data  to  the  computa- 
tional coordinate  frame  usina  the  strap-down  al oori thm  were  also  compared  to 
space-time  reference  velocities.  These  V velocity  errors  were  also  proc- 
essed through  regression  analysis  and  modeled.  This  second  model  was 
formulated  to  describe  the  error  sources  of  both  the  accelerometers  and  gyros. 

3.5  Error  Model s 

< 

The  formulation  of  the  two  separate  models  for  the  accelerometer  errors 
and  the  system  errors  (which  include  qyro  errors)  are  presented  in  the 
following  section.  Tne  accelerometer  errors  A^  are  usually  attributable  to 
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such  effects  as  bias,  scale  factor,  first  order  scale  factor  nonlinearity 
and  time  lag. 

■’N  ■ *0i  * 6SFiAi  * KliA?  * K2iA?  - 'A1  * ,/2'2A 
where  i = X,  Y,  Z and 

Kq.  = ith  accelerometer  bias  error 

SSF^  = ith  accelerometer  scale  factor  error 

K, . = ith  accelerometer  first  order  scale  factor  nonlinearity 

K^,.  = ith  accelerometer  second  order  scale  factor  nonlinearity 

t = time  lao  of  accelerometer 


which  in  the  velocity  domain  become 

>Vx  ■ *x  4 V * * Klx,Axdt  * VAxdt  • ’x\  * 1/2  xS 

offset 

+ eDv9^ 

Jmisal ignment 

iVy  ■ '-y  4 K0yl  4 c0zVx  * VAxdt  * K2y'Axdt  - 'yAx  * >/2,y\ 
offset  misalignment 


+ e0xgt 

misalignment 

svz  * Kz  * V * Vx  4 Klz,Axdt  * :;2z''Axdt  • ’A  4 ,/2:z\ 


offset 


misalignment 


+ 0xgt 

misalignment 


Where 


K.  = ith  accelerometer  offset 

= ith  accelerometer  misalignment  angle. 


v0TE : We  have  assumed  that  6A  is  sufficiently  small  so  that. the  accelerom- 

eter measured  down-track  acceleration  and  derived  velocity  (Ax  and  Vx) 

could  be  used  instead  of  the  ideal  A and  V in  the  equations  to  generate 
coordinate  functions. 
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It  must  be  pointed  out  that  the  Y and  Z accelerometers , mounted  with  a 
30  roll  about  the  x axis,  changed  attitude  as  the  pallet  fixture  moved  be- 
cause of  the  sled  acceleration  and  deceleration.  The  Y and  Z accelerometers 
sensed  these  motions  as  sine  components  of  the  down-track  velocity.  These 
accelerometer  motions  then  showed  up  as  large  errors.  The  x accelerometer 
also  senses  the  sled  motion  but  because  the  error  involves  a cosine  term 
there  is  very  little  error  observed  in  the  X accelerometer  value. 


as 


Accelerometer  error  due  to  test  pallet  angular  motion  can  be  expressed 


thus  for  small  angles 


Then  substituting  for  e 


e 


Dynamic 
6 A 


KA 


si  no,  A 
lz  x 


6A 


e,  A 
lz  x 


6 A. 


Vx 


6A 


6A 


K A2 
Kly  x 

K,  A2 
ly  x 


6 V. 


Klz/Axdt 


6V 


K.  /A  dt 
ly  x 


which  indicates  that  for  the  major  portion  of  the  Z accelerometer  error  and 
part  of  the  Y accelerometer  error,  the  coefficients  describe  the 

dynamic  pitch  angle  rather  than  the  first  order  scale  factor  nonlinearity  as 
does  for  the  case  of  the  X accelerometer.  The  terms  K;A3dt  and  9gt  were 

later  removed  from  the  model.  These  two  terms  provided  very  small  contribu- 
tion values  to  the  total  error  and  could  be  omitted  from  the  linear  regres- 
sion without  any  significant  change. 


The  gyro  error  model,  because  it  involved  fitting  of  the  strap-down 
algorithm  outputs,  contained  both  qyro  and  accelerometer  model  terms. 

aVx  = x accelerometer  terms  - l/2gwQyt 

Drift 


12 


4 


I 


t 


<V  = v accelerometer  terms  - w~  .'A  tdt 
y Oz  x 

Drift 

/.V  = z accelerometer  terms  + w«  .‘A  tdt 

Z ■ / » X 

Dri  ft 

4 . SLED  TEST  RESULTS 

This  section  is  divided  into  four  main  areas:  oyro  data,  accelerometer 

velocity  errors,  system  velocity  errors,  and  linear  regression  analysis.  A 
short  discussion  of  the  gyro  data  centers  on  the  fact  that  three  of  the  four 
sled  runs  produced  reneatable  results  (Run  *2  oyro  data  was  questionable). 

The  accelerometer  velocity  errors  indicate  the  dynamic  ATIGS  motions,  while 
the  system  velocit”  errors  show  how  well  the  gyros  nerform  in  removing  the 
accelerometer  sensed  errors  due  to  dynamic  motions.  The  final  discussion 
tonic  covers  the  modeling  performed  on  the  respective  velocity  errors  and 
demonstrates  how  well  tne  model  fits  the  test  data. 

The  results  from  sled  Run  #1  are  presented  throughout  this  section.  This 
run  was  selected  as  the  main  test  case  because  it  orcduced  tne  best  renression 
analysis  results.  Data  from  the  remainino  three  sled  runs  are  summarized  in 
the  appropriate  tables  in  this  section. 

4.1  Gyro  Data 

The  orientation  of  the  body  mounted  sensors  is  recalled  at  this  point  as 
it  will  aid  in  interpreting  the  gyro  data.  As  mentioned  ir,  the  sled  cest  de- 
scription, a 30  degree  roll  angle  was  implemented  to  avoid  Y-accelerometer 
hysteresis  effects.  A plot  of  the  compensated  X-gyro  data  for  Run  *1  is 
shown  in  Figure  6.  Minor  roll  angles  occurred  at  motor  burnout  and  at  the 
end  of  water  brake.  The  pitch  angle  information  from  the  Y-gyro,  Figure  7, 
had  maximum  angular  excursions  several  times  larger  than  the  X-oyrc.  The 
shape  of  the  Y-gvro  data  closely  followed  tie  sled  acceleration  nrofile. 

This  resemblance  was  used  in  validating  some  of  the  coordinate  function  coef- 
ficients in  the  model.  The  Z-gyro,  Figure  8,  indicated  a yaw  offset  angle 
when  the  sled  came  to  a ston.  Table  I summarizes  the  gyro  data  for  all  four 
sled  runs. 

Gyro  data  from  Run  *2  appeared  questionable  and  was  therefore  excluded 
from  further  analysis.  The  X and  Z-gyro  cffs»t  angles  for  the  run  were 
significantly  laraer  than  these  recorded  for  other  runs.  The  Z-gyro  offset 
angle  also  had  a different  sign.  Later  results  substantiate  the  uncertainty 
in  Run  #2  gyro  data. 

4.2  Accelerometer  Velocity  Errors 

The  launen  position  of  the  ATIGS  accelerometers  was  measured  by  recordino 
theodolite  readings  of  a mirror  cube  mounted  to  the  system.  This  provided  a 
check  on  system  self-alignment  operation  and  also  gave  more  accurate  nrelauncii 
yaw  angle  measurement.  For  Run  #1  the  X-accelerometer  velocity  error 


13 


FIGURE  7; 


TABLE  I 


(Figure  9)  showed  a system  position  change  at  launch.  The  remaining  x-velocity 
error  (DVX)  retained  this  constant  slope  throughout  the  sled  run  and  after 
completion  of  sled  motion.  A check  on  the  Y-gyro  final  offset  angle  was  per- 
formed. The  angle  derived  from  the  gravity  component  sensed  by  the  X- 
accel erometer , at  the  end  of  each  sled  run,  agreed  closely  with  the  Y-gyro 
offset  angle  in  all  runs  except  Run  #2.  The  Y-accel erometer  velocity  error 
(DVy)  looked  different  for  each  sled  run.  This  was  probably  caused  by  non- 
repeatable  cross-track  motion  and  vibration.  The  Y-accel erometer  measured 
some  of  the  sled-induced  pitch  angle  and  therefore  had  a positive  DVy  value 
at  the  end  of  the  sled  run.  The  Z-accel erometer  velocity  error  (DVzj,  which 
was  caused  almost  entirely  by  pitch  motion,  had  a large  positive  value  at 
launch  and  increased  in  value  at  water  brake.  This  step-shaped  error  can  be 
described  by  the  coordinate  function  integral  Ax  squared  where  Ax  is  the  down- 
track  acceleration.  A compilation  of  all  sled  run  DV's  values  are  found  in 
Table  II.  This  table  displays  repeatable  accelerometer  errors  in  DVX  and  DVZ 
and  shows  the  wider  range  of  values  in  DVy. 

4.3  System  Velocity  Error 

The  system  velocity  errors  (aV's)  were  formed  by  differencing  space-time 
reference  velocity  from  the  computed  system  velocity.  The  system  velocity 
was  derived  from  raw  sensor  data  and  processed  through  the  strap-down 
algorithm  on  a ground  based  computer.  The  AV's  were  consistently  negative. 
Figure  10  for  sled  run  #1  shows  the  negative  V errors.  A comparison  of  the 
accelerometer  DVX,  which  was  essentially  a sloping  line,  to  the  system  AVX 
shows  that  the  accelerometers  and/or  gyros  have  introduced  additional  errors. 
The  AVX  error  resembles  the  velocity  profile  and  is  essentially  zero  after 
water  brake.  The  gyros  appear  to  have  measured  the  final  pitch  offset  angle 
correctly,  as  the  aVx  had  no  major  gravity  component  when  the  sled  stopped. 

A reasonable  explanation  for  the  AVX  shape  is  that  two  accelerometer  error 
terms  were  equal  and  nearly  opposite  in  value.  The  error  contribution  from 
an  X-accel erometer  scale  factor  error  could  have  been  equal  in  magnitude  but 
opposite  in  sign,  to  the  DV  error  caused  by  a pallet  pitch  angle.  The 
maximum  Y-gyro  angle  is  only  .22  degrees.  An  X-accel erometer  scale  factor  of 
the  order  of  230  ppm  is  large  enough  to  counteract  the  pitch  angle  and  provide 
a flat  DVX.  The  system  a Vx  would  still  contain  the  X-accel erometer  scale 
factor  error,  and  hence  the  velocity  profile,  because  the  Y-gyro  had  correctly 
measured  the  pallet  motion.  Actual  ATIGS  PCM  data  was  processed  to  form  a 
aVx  and  it  too  contained  the  velocity  error.  The  AVy  and  AVZ  errors  are  also 
negative  in  value  as  observed  in  Figure  10.  Table  III  summarizes  system  V's 
for  the  ATIGS  sled  runs.  The  linear  regression  analysis  presented  next  will 
tend  to  substantiate  the  postulate  of  major  accelerometer  errors. 

4.4  Linear  Regression  Analysis 

Each  of  the  accelerometer  velocity  errors  was  fit  in  a linear  least- 
squares  regression  procedure  with  the  six  coordinate  functions  shown  in  the 
following  model  equation. 

a 

AV  = K + Kt  + KA  + KA  + K/A2  + KV 
Oi  li  2i  3ix  4i  5i 
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TABLE  II 

ACCELEROMETER  DV  ERROR  SUMMARY 
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TABLE  III 

ATIGS  AV  ERROR  SUMMARY 


.150  - .375  - .450 


Figure  11  shows  the  x,  y,  and  z residual  velocity  errors  after  using  this 
six  term  model  for  Run  #1  accelerometer  velocity  errors.  The  X-accelerometer 
residual  shows  minor  functional  changes  between  the  time  interval  of  95 
seconds  to  102.5  seconds  (sled  launched  at  90  seconds).  The  Y and  Z-acceler- 
ometer  residuals  displayed  functional  changes  of  .1  ft/sec  to  -.1  ft/sec 
during  the  same  time  interval.  The  Y-accelerometer  residual  appears  to  be 
the  mirror  image  of  the  Z-accelerometer  residual. 

The  system  aV  residuals  are  presented  in  Figure  12.  The  main  item  to 
observe  in  these  residuals  is  the  removal  of  some  of  the  trends  seen  in  the 
accelerometer  DV  residuals  from  90  seconds  to  100  seconds.  These  aV  residuals 
indicate  the  removal  by  the  ATIGS  gyros  of  some  of  the  angular  motion-induced 
accelerometer  errors.  The  same  six  coordinate  functions  were  used  in  the 
system  model.  The  /A2  function  was  left  in  the  model  to  account  for  possible 
pitch  and  yaw  gyro  scale  factor  error.  The  AVy  and  aVz  residuals  still 
contained  unaccounted  trends. 

A summary  of  the  most  important  accelerometer  coefficients  reveals  that 

2 

the  Y and  Z accelerometer  coefficients  for  /A  are  an  order-of-magni tude 
larger  than  the  X-accelerometer  /A?  coefficient.  This  is  because  the  6A2 
coordinate  function,  which  was  explained  ip  the  error  model  derivation, 
describes  different  error  sources.  The  / A^  describes  a first-order  scale- 
factor  error  in  the  DVX  data  but  describes  mostly  pallet  motion  for  the  DVX 
error  and  highest  for  the  DVy  error.  The  DVX  error  reflected  low  vibrational 
inputs  in  comparison  to  the  dominant  down-track  velocity  input  and  was 
described  well  by  the  model.  The  DVy  and  the  DVZ  errors,  however,  contain 
large  vibration  effects  in  comparison  to  the  sensed  velocity  components.  No 
attempt  was  made  to  model  these  vibration  effects;  hence  they  remain  in  the 
residual  functions. 

The  system  model  coefficients  are  presented  in  Tables  IV  through  VI. 
Coefficients  are  not  presented  for  Run  #2  due  to  the  questionable  gyro  data. 

An  effort  was  now  extended  to  remove  the  remaining  trends  in  the  aV  residual 
data  by  changing  the  model  terms. 

At  this  point  in  the  modeling,  the  assumption  was  made  that  the  trends 
observed  in  the  accelerometer  and  system  residual  plots,  for  the  y and  z axes, 
were  due  only  to  the  ATIGS  accelerometers.  Past  experience  has  shown  that 
accelerometers  can  be  sensitive  to  cross-axis  g-inputs.  The  ATIGS  acceler- 
ometers were  alreaify  compensated  for  scale  factor  unbalance;  however,  this 
was  only  for  the  respective  normal  g-input  axis.  Based  upon  a postulate  of 
an  asymmetrical  cross-axis  g-sensitivity,  a new  coordinate  function  was  tried 
in  the  model.  This  new  function  had  to  account  for  the  slope  changes  ob- 
served on  the  Y and  Z-accelerometer  residuals  and  system  residuals.  The 
integral  of  the  absolute  value  of  the  down-track  acceleration  (/|Ax|)  was 

then  derived.  Linear  regression  analysis  was  repeated  for  the  accelerometer 
(DV)  errors  in  the  y and  z-axes  using  the  new  coordinate  function,  /|AXI- 

The  accelerometer  error  had  a residual  improvement  on  both  the  y and  z- 
resi duals;  the  slopes  were  decreased. 
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TABLE  IV 


TABLE  VI 
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The  residual  functions  from  the  new  fit  to  the  y and  z DV's  were  signif- 
icantly improved.  Hence,  the  postulate  of  the  new  accelerometer  error  source 
appeared  to  be  justified.  Figure  13  shows  the  elimination  of  the  slopes  in 
in  DV  and  DV  . The  new  coordinate  function  was  then  used  for  the  system 

y z 2 

A V's  instead  of  the  / A . The  assumption  here  was  that  the  gyros  had  no  major 
scale  factor  errors  and  hence  there  existed  no  need  for  the  / A2  function  in 
the  model . 

In  an  effort  to  improve  both  the  accelerometer  and  the  system  error 
description  (for  v and  z only),  the  function  / A?  was, returned  to  the  new 
model  and  two  higher  order  asymmetric  error  terms,  |A  | and  jAj  were  used. 


4Vy  or  z ■ K0i  * KHl  * hA  * K3i\  * *4l'*x  + K51V* 


*K6j|Axl  *K7,|Ax|  * V'\l 


The  regression  results  from  the  new  fits  to  the  AVy  and  aV^  were  significant 

ly  improved.  Figures  14  and  15  show  the  enhanced  removal  of  the  slopes  in 
both  the  DVv,  DVz  residuals  and  the  aV^,  aV?  residuals. 

In  summary,  the  major  coefficients  for  the  new  accelerometer  nine-term 
model  are  found  in  Tables  VII  through  IX.  Also  the  one  sigma  values  of  the 
accelerometer  residuals  were  lowest  with  this  last  model  than  they  were  for 
the  other  accelerometer  model  attempts.  Tables  X and  XII  contain  the  final 
model  coefficients  for  the  system  AVy  and  A Vz  errors.  As  further  justifica- 
tion of  the  model,  it  was  observed  that  the  new  function  / | A | was  also 
necessary  for  proper  description  of  the  aV's  obtained  from  centrifuge  tests. 
The  coefficient  of  the  / | A | for  the  sled  tests  differed  only  by  a factor  of 
five  or  less  from  the  centrifuge  coefficient  for  / | A | . 


The  regression  analysis  results,  in  spite  of  the  various  improvements, 
are  admittedly  not  perfect.  High  correlation  existed  between  two  functions 
in  the  new  model,  making  it  difficult  to  separate  gyro  and  accelerometer  ? 
error  sources.  This  correlation,  namely  between  the  function  / | A | and  /A  , 
is  illustrated  in  Figure  16.  When  the  residual  contributions  of  these 
functions  were  examined  separately,  the  values  of  each  were  often  larger  than 
the  initial  residual  error.  But  because  of  the  coefficient  sign  differences, 
the  sum  of  the  functions  approximated  the  residual  error.  Figure  17,  never- 
theless, shows  how  well  a summed  value  of  the  three  coordinate  functions, 
shown  in  Figure  16  (times  their  respective  solved  coefficients),  approxi- 
mates the  system  z-velocity  error. 


A recommendation  for  future  tests  would  be  to  use  a slightly  different 
sled  profile  to  help  separate  system  errors  so  that  the  Identification  of 
more  exotic  functions  would  be  possible.  The  sled  profile  should  contain 
a longer  period  of  acceleration,  a higher  velocity,  and  a longer  interval  of 
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TAELE  VIII 

Y-ACCELEROMETER  MODEL  COEFFICIENTS 


TABLE  IX 

Z-ACCEIEROMETER  MODEL  COEFFICIENTS 
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deceleration.  This  would  allow  greater  separation  of  the  coordinate  functions 
during  linear  regression  analysis  and  may  result  in  a better  model  of  acceler- 
ometer and  gyro  performance. 

A further  suggestion  would  be  to  utilize  a better  quality  accelerometer 
in  the  system. 

5.  CONCLUSIONS 


The  conclusions  derived  from  the  three-month  ATIGS  test  effort  are 
summarized  below. 

5.1  The  ATIGS  system  was  subjected  to  four  sled  runs.  The  data  from  three 
sled  runs  was  submitted  to  fine-grain  analysis. 

5.2  Twelve  calibrations  were  performed  during  the  ATIGS  test  program.  The 
system  was  calibrated  before  and  after  each  sled  run  and  each  centrifuge  test 
series.  The  gyro  and  accelerometer  coefficients  remained  stable  across  the 
dynamic  test  environments. 

5.3  The  predominant  system  error  source  appeared  to  be  the  accelerometers. 
Three  unusual  accelerometer  errors  were  postulated  which  accounted  for  most 
of  the  observed  ATIGS  error.  The  postulated  errors  are  due  to  asymmetrical 
cross-axis  acceleration  sensitivity.  This  error  was  observed  in  the  data 
from  both  sled  and  centrifuge  tests. 

5.4  No  specific  gyro  errors,  except  for  a residual  fixed  drift  (.04  deg/hr), 
based  on  centrifuge  data,  could  be  identified.  This  may  be  because  of  the 
existence  of  as  yet  undefined  errors  in  the  gyros  and/or  in  the  accelerometers 
(which  affect  the  system  output). 

5.5  The  system  velocity  errors  could  be  modeled  to  within  .05  ft/sec  (one 
sigma)  from  sled  test  data. 

5.6  No  significant  errors  were  attributable  to  the  strap-down  algorithm. 

The  100  Hz  update  rate  was  adequate  for  system  navigation  during  both  sled 
and  centrifuge  tests. 

5.7  In  retrospect,  consideration  of  the  unusual  accelerometer  errors  indi- 
cates that  the  sled  and  centrifuge  acceleration  profiles  require  optimization. 
Sled  maximum  velocity  should  be  increased  (from  860  ft/sec  to  1600  ft/sec)  to 
aid  in  model  error-term  separation. 

5.8  Improved  accelerometers  would  enable  the  sled  tests  to  center 
specifically  on  identification  of  possible  laser  gyro  errors. 

5.9  Improved  test  and  analysis  techniques  were  developed  for  evaluating 
strap-down  guidance  systems. 
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ABSTRACT 


This  paper  presents  the  results  of  dynamic  land  navigation 
tests  using  modern  filter  techniques  with  a high  accuracy 
strapped  down  inertial  measurement  unit.  These  tests  were  part 
of  a continuing  Raytheon  program  to  develop  a high  accuracy 
autonomous  strapped  down  navigation  system.  The  major  goal  here 
was  to  demonstrate  improved  accuracy  by  combining  the  high- 
quality  CSDL  SIMU  with  computational  improvements  developed 
earlier  using  a ring  laser  gyro  system.  Calibration  and  field 
test  methods  and  navigation  results  are  summarized.  Operating 
in  a self-damped  mode  without  external  aids  for  either  initial 
alignment  or  en  route  corrections,  this  Raytheon/CSDL  system 
was  capable  of  land  navigation  within  0.1  miles  horizontal,  and 
several  hundred  feet  vertical,  over  a 240-mile  six-hour  course. 

Performance  at  this  level  requires  excellent  prior  calibra- 
tion. Since  the  system  could  not  be  conveniently  returned  to 
the  laboratory  between  tests,  a number  of  calibration  methods 
useful  in  the  field  were  devised.  These  calibration  methods 
are  described  in  the  paper  in  some  detail,  and  examples  are 
given.  In  particular,  it  is  shown  that  accurate  laboratory 
fixtures  are  not  necessary  to  calibrate  instrument  alignments 
and  scale  factors,  which  are  often  the  critical  error  sources 
for  strapped  down  inertial  navigators. 


Many  of  the  test  conditions  were  similar  to  earlier  tests 
of  a Ring  Laser  Gyro  strapped  down  navigation  system,  reported 
at  the  Seventh  Biennial  Guidance  Test  Symposium.  Comparisons 
are  drawn  between  the  two  series  of  field  tests,  and  it  is 
suggested  that  the  remarkably  good  earlier  results  could  probably 
have  been  further  improved  using  the  software  refinements 
developed  for  the  later  series  of  tests.  Data  are  also  presented 
which  suggest  that  the  residual  errors  in  the  later  test  series 
are  largely  attributable  to  unmodeled  gravity  anomalies  and 
deflections  of  the  vertical.  If  this  theory  is  correct,  then  a 
further  navigation  improvement  would  be  obtained  by  allowing 
the  navigation  filters  to  track  the  irregularities  in  the  gravity 
field. 
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SECTION  1 


INTRODUCTION 

t. 

This  paper  updates  a series  of  past  reports  (References  [l], 

[ 2 1 # [3])  on  strapped  down  inertial  navigation  tests  at  Raytheon. 
For  the  currently  described  test  series,  as  was  often  the  case  in 
the  past,  the  test  program  was  sponsored  jointly  by  Raytheon  and 
the  Charles  Stark  Draper  Laboratory  (CSDL) , the  latter  providing 
the  strapdown  inertial  measurement  unit  (SIMU) , its  interfaces, 
and  support. 

The  objective  of  the  currently  reported  program  was  to  demon- 
strate improved  accuracy  by  combining  the  high-quality  CSDL  SIMU 
with  the  computational  improvements  developed  during  a prior  test 
program  using  a ring  laser  gyro  system  (Reference  [3]).  The 
demonstration  was  successful:  spherical  errors  on  the  order  of 

25  feet  for  a terrestrial  navigator  over  a 17-mile,  one-hour 
course;  and  spherical  errors  on  the  order  of  500  feet  over  a 234- 
mile,  six-hour  course.  These  results  compare  with  an  expected 
free  navigation  performance  of  about  half  a nautical  mile  per 
hour  for  an  inertial  unit  of  the  CSDL  SIMU  quality. 

Thus,  our  improvement  compared  to  free  navigation  was  by  a 
factor  of  30  to  1 or  better,  a result  similar  to  prior  tests  with 
the  ring  laser  gyro  system.  However,  to  accomplish  this  improve- 
ment, careful  prior  calibration  and  improved  computational  filters 
were  required;  accordingly,  these  are  described  in  more  detail 
here  than  in  past  reports. 

Not  all  readers  will  wish  to  scrutinize  with  equal  intensity 
all  sections  of  this  paper.  Accordingly,  we  have  tried  to  organize 
the  sections  to  appeal  to  special  interests  the  reader  may  have. 
Section  2 describes  the  hardware  of  the  navigation  system,  with 
special  emphasis  on  the  unusual  - e.g.,  phase  locked  loops  to 
interpolate  pulse  outputs  from  the  inertial  instruments.  Section 
3 describes  the  special  filters  used  in  the  navigation  system 
software,  with  further  algorithmic  details  in  the  Appendix;  the 
traditional  bugaboos  of  strapped  down  navigation  software  - atti- 
tude update,  velocity  resolution,  etc.  - are  regarded  as  solved 
problems,  and  are  accordingly  ignored  in  the  current  paper.  Sec- 
tion 4 describes  the  calibration  methods  employed  in  the  test 
program.  Sections  5 and  6 describe  the  test  results.  The  devel- 
opment activity  in  arriving  at  the  results  is  not  suppressed;  i.e., 
errors  discovered  and  subsequently  corrected;  computational  and 


procedural  improvements  developed  during  the  test  series;  the 
pleasant  problem  of  navigating  so  accurately  that  map  errors 
have  an  important  influence  on  test  evaluations;  and,  finally, 
hypotheses  of  how  the  excellent  results  to  date  may  be  further 
improved  in  the  future. 


SECTION  2 


DESCRIPTION  OF  EQUIPMENT 


2 . 1 INTRODUCTION 

The  strapdown  system  used  for  these  tests  is  shown  in  Figure 
2-1.  The  equipment  was  mounted  and  evaluated  in  the  Raytheon 
Mobile  Guidance  and  Navigation  Laboratory  shown  in  Figure  2-2. 

This  vehicle  is  a 35- foot  long  by  8- foot  wide  modified  Thomas 
bus  chassis  on  a ruggedized  1971  International  Harvester  frame. 

It  has  a five-speed  transmission  with  a two-speed  axle.  The 
interior  floor  has  a cargo  holding  area  of  approximately  250 
square  feet  with  cargo  hold-down  rails  recessed  into  the  floor. 
These  provide  for  quick,  easy  installation  of  test  equipment 
allowing  speedy  transition  from  lab  to  van  (and  back) . Power  is 
provided  for  by  four  5 KW  Onan  lj  60  Hz  120  volt  gas-powered 
generators  and  one  5 KW  Katolight  30  400  Hz  120/208  volt  gas- 
powered  generator.  Cooling  is  provided  by  four  1/2  ton  Inter- 
therm electric-powered  air  conditioners,  and  heating  is  provided 
by  four  1500  watt  electric  heaters  plus  front  and  rear  bus  hot 
water  heaters. 

The  major  elements  of  the  system  are  the  Strapdown  Inertial 
Measurement  System  (SIMS),  computer  and  its  associated  peripherals. 
The  SIMS  is  comprised  of  a Strapdown  Inertial  Measurement  Unit 
(SIMU) , a Remote  Control  Unit  (RCU)  and  a Local  Control  Unit 
(LCU) . The  computer,  a Raytheon  RAC-251,  has  associated  with  it 
a Control  and  Display  Unit  (CDU) . The  computer  peripherals 
consist  of  an  Infoton  CRT  and  a Centronics  line  printer.  Each 
of  these  components  will  be  described  in  detail  in  the  sections 
to  follow. 

2 . 2 STRAPDOWN  INERTIAL  MEASUREMENT  SYSTEM  (SIMS) 

A block  diagram  of  the  SIMS  is  shown  in  Figure  2-3.  The  SIMU 
is  mounted  to  the  vehicle  structure  by  three  mounting  pads.  The 
Remote  Control  Unit,  also  in  a cylindrical  package,  is  mounted 
on  top  of  the  SIMU.  Electrical  interfaces  are  routed  through  a 
single  cable  to  the  Remote  Control  Unit  and  then  to  the  LCU. 

The  SIMU  is  a cylindrically  shaped  package  measuring  13-1/2 
inches  in  diameter  by  5-1/2  inches  in  height,  weighing  35  pounds 
containing  three  gyros,  three  accelerometers,  and  their  associated 
electronic  modules.  Two  views  of  the  package  are  shown  in  Fig- 
ures 2-4  and  2-5. 
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The  gyros  used  in  this  system  are  CSDL,  18  IRIG,  Mod  B 
instruments.  The  18  IRIG  is  a single-degree-of-freedom,  gas 
bearing,  floated,  integrating  gyro.  The  accelerometer  used  in 
this  system  is  the  CSDL,  Type  16  PM,  PIP  Mod  B.  The  16  PM,  PIP 
is  a single-degree-of-freedom  torque  to  balance  pendulous  accel- 
erometer. All  inertial  components  are  operated  in  a ternary  mode. 

Included  in  the  unit  are  an  800  Hz  and  9600  Hz  reference  gener- 
ator, a two  phase  gyro  wheel  supply  and  a special  power  regulator 
for  the  inertial  components.  Timing  signals  are  obtained  from 
the  RCU  clock.  A temperature  sensor  is  located  in  each  of  the 
six  instrument  cases  for  control  and  external  monitoring.  An 
800  Hz  blower  provides  forced  convection  coding  for  the  modules. 
The  power  requirements  for  the  SIMU  are  •*•30  Vdc,6A. 


The  SIMU  provides  the  following  output  signals: 

• Plus  and  minus  &V  (incremental  velocity  - six) 

• Plus  and  minus  40^  (incremental  angle  - six) 

• Instrument  error  signal  (six) 

• Instrument  temperature 

• 9.6  kHz  reference 

• 800  Hz  reference 

The  Remote  Control  Unit  consists  of  those  subsystems  neces- 
sary to  operate  the  SIMU  at  distances  less  than  350  feet.  These 
subsystems  include  power  control,  phase- locked  loop  power  supply, 
six  phase-locked  loops,  time  generator,  blower  amplifier,  IV- 1 3 
multiplexer,  temperature  multiplexer  and  signal  generator  multi- 
plexer. These  items  are  contained  in  a 13.5  inch  diameter  cylin- 
der, 3.5  inches  high,  weighing  12  pounds  and  are  shown  in  Figure 
2-6.  This  unit  operates  from  +30  Vdc  and  dissipates  approximately 
70  watts.  This  unit  bolts  to  the  top  of  the  SIMU  and  acts  as  a 
buffer/interface  system  between  the  SIMU  and  Local  Control  Unit. 

It  is  cooled  by  air  circulated  through  it  by  its  own  fan. 

A phase-locked  loop  is  used  to  interpolate  the  instrument  case 
to  float  angles.  They  are  used  to  improve  the  gyro  resolution 
by  a factor  of  four  and  the  accelerometer  resolution  by  a factor 
of  eight.  Figure  2-7  shows  a block  diagram  of  the  SIMU  phase- locked 
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Figure  2-7  SIMU  Phase  Locked  Loops 


loops.  a reference  pulse  train  obtained  from  the  clock  is  the 
same  as  the  freauency  at  the  center  of  the  linear  portion  of  the 
VCO  characteristic.  The  up-down  counter,  analog-digital  converter 
combination  serves  as  the  loop  phase  comparator.  The  error 
signal  outputs  from  each  instrument  are  transformer  coupled  in 
the  remote  control  unit  into  six  demodulators.  The  filtered 
demodulator  outputs  are  fed  directly  into  the  error'  signal  inputs 
of  the  phase  locked  loops.  The  error  signal  causes  the  VCO  fre- 
quency to  shift  off  center.  The  subtractor  output  pulses  repre- 
sent one-half  the  frequency  difference  between  the  reference  and 
VCO  frequencies.  These  difference  pulses  are  fed  to  the  phase 
comparator.  The  resulting  phase  comparator  output  tends  to  cancel 
the  error  signal  input.  The  polarity  and  frequency  of  the  dif- 
ference pulses  gives  information  on  instrument  float  to  case 
angle.  They  pass  through  dividers  which  give  the  8:1  scaling  for 
the  accelerometers  and  4:1  scaling  for  the  gyros. 

In  normal  operation  the  PLL  switch  on  the  Local  Control  Unit 
is  set  to  normal.  In  this  case  _+A  pulses  are  prevented  from 
entering  the  phase  comparator.  The  net  number  of  output  pulses 
is  zero.  The  outputs  are  transmitted  by  cable  to  up-down  counters 
in  the  interface.  The  contents  of  the  counters  are  sampled  each 
5 ms.  This  information  is  sent  to  the  general-purpose  computer 
along  with  information  on  the  total  number  of  whole  instrument 
pulses.  The  fractional  number  of  pulses  for  each  instrument  is 
obtained  by  subtracting  successive  float  to  case  angle  information 
every  5 milliseconds. 

The  PLL  outputs,  the  inertial  component  AV,  A9  outputs,  the 
instrument  signal  generator  outputs  and  temperature  monitor  sig- 
nals are  multiplexed  to  the  LCU  minimizing  the  number  of  signal 
pairs. 

The  Local  Control  Unit  is  contained  in  a 48"  high  by  21" 
square  pallet  mounted  module  weighing  about  300  pounds.  Pictor- 
ially,  it  is  shown  in  Figure  2-8.  This  module  contains  the 
Control  Panel,  Interface  Unit,  +5  Vdc  and  +12  Vdc  Power  Supplies, 
_+30  Vdc  Power  Supplies  and  a Cathode  Ray  Oscilloscope. 

This  unit  is  powered  by  117  Vac,  60  Hz  at  7 A.  It  can  also 
be  operated  from  117  Vac,  400  Hz  with  some  slight  modifications. 
Cooling  the  Local  Control  Unit  is  done  by  drawing  ambient  air  in 
on  the  bottom  sides  and  exhausting  through  the  top  rear  of  the 
unit.  The  cables  from  the  Remote  Control  Unit,  Data-Handling 
Equipment  and  the  General  Purpose  Computer  all  connect  to  the 
Local  Control  Unit  through  a rear  opening. 


Unit 


All  signals  and  power  to  and  from  the  Remote  Control  Unit 
and  the  SIMU  pass  through  the  LCU  control  drawer.  The  operator 
has  control  over  the  SIMU  status  and  is  able  to  monitor  its 
performance . 

The  Local  Control  Unit  contains  two  power  supply  chassis. 

The  upper  chassis  contains  the  +5  Vdc  and  the  +12  Vdc  power 
supplies,  and  the  lower  chassis  contains  the  +.30  Vdc  power 
supplies . 

The  interface  is  located  below  the  Control  Panel.  It  receives 
the  inertial  data  and  timing  pulses  from  the  Remote  Control  Unit, 
demultiplexes  and  distributes  these  pulses  to  various  support 
equipment  along  with  pulses  from  an  external  velocity  sensor. 

All  connections  to  the  Interface  are  made  through  a door  in 
the  back  of  the  Local  Control  Unit.  It  incorporates  a 32-bit 
parallel  repeater  bus  designed  for  use  with  a Raytheon  RAC-251 
general  purpose  computer.  This  repeater  bus  has  attached  to  it 
12  up-down,  inertial-data  counters.  They  are  sampled,  latched 
and  an  interrupt  is  sent  to  the  computer.  When  the  computer 
acknowledges  this  interrupt,  it  returns  a control  word.  This 
word  is  decoded  in  the  Interface  to  transmit  the  desired  data 
through  the  repeater  bus.  The  interrupt  occurs  every  5 ms.  The 
first  interrupt  pulse  can  be  activated  either  manually  or  .from 
an  external  command  pulse  by  pushing  the  appropriate  button  on 
the  front  panel.  Interrupt  can  be  terminated  by  pushing  the  stop 
button.  Figure  2-9  shows  the  data  format  and  the  data  identifi- 
cation code  for  the  repeater  bus. 


Figure  2-9  Data  Bus  Format  - 2's  Complement  Notation 
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2 . 3 RAYTHEON  RAC-251  GENERAL  PURPOSE  COMPUTER 


The  RAC- 251  Computer  and  is  power  supply  are  packaged  in  two 
separate  units.  The  computer  measures  approximately  9 x 19  x 28 
inches,  its  power  supply  about  4 x 19  x 19.  Total  combined 
weight  is  about  100  pounds  (65  and  35  lbs) . Each  unit  is  inde- 
pendently air  cooled  and  shielded  (Figure  2-10)  . Manual  control, 
single-step  operation,  and  visual  display  axe  provided  in  the 
front  panel. 

The  RAC-251  is  a general  purpose,  parallel-organized,  multi- 
accumulator computer.  The  arithmetic  unit  is  completely  imple- 
mented with  bipolar  LSI  arrays.  The  control  unit  utilizes  micro- 
programming techniques  and  is  implemented  with  bipolar  read-only 
memory  LSI  devices.  Full  indexing  is  provided  with  three  index 
registers  which  also  function  as  general  purpose  accumulators. 

It  contains  8K  words  of  high  speed  core  storage  with  a 2.5u  sec 
cycle  time.  Memory-referenced  adds  take  4u  sec?  multiplies  i5a 
sec  and  divides  28u  sec.  Except  for  the  expanded  I/O  capability 
required  for  use  in  a strapdown  navigation  system,  it  is  similar 
to  the  RAC-251  developed  for  the  TPN-19  Air  Traffic  Control 
Program.  The  computer  architecture  is  shown  in  Figure  2-11. 

The  arithmetic  unit  contains  seven  32-bit  hardware  registers, 
specified  as  follows: 

• Main  Accumulator  (A) 

• General  Purpose  Accumulator  A (XA) 

• General  Purpose  Accumulator  B (XB) 

• General  Purpose  Accumulator  C (XC) 

• Auxiliary  Arithmetic  Register  (B) 

• Memory  Data  Register  (B) 

• Program  Counter/Memory  Address  Register  (PC/MA) . 

The  only  difference  between  the  Main  Accumulator  and  the  three 
General  Purpose  Accumulators,  is  that  the  three  General  Purpose 
Accumulators  also  function  as  index  registers.  The  Auxiliary 
Arithmetic  Register  serves  as  an  extension  of  any  of  the  four 
accumulators  and  automatically  participates  with  the  specified 
accumulator  when  a double  word  instruction  such  as  long  shift, 
multiply,  etc.,  is  executed.  The  Memory  Data  Register  provides 
buffering  between  the  memory  and  computer.  The  program  counter 
and  memory  address  register  share  a common  32-bit  register. 


2-12 


: i jure  2-10  RAC-251  Computer  Assembly 


The  RAC-251  is  configured  to  accept  and  process  (and  control) 
the  incremental  gyro  and  accelerometer  data.  Under  executive 
control  it  maintains  all  the  reference  frames,  solving  the  navi- 
gation equations  in  real  time.  Real  time  updates  of  latitude, 
longitude,  and  speed  (or  heading)  are  issued  to  the  CDU,  as  well 
as  periodic  printout  on  an  Infoton  CRT  Display  and  a Centronics 
101  Printer,  of  up  to  60  critical  mission  parameters  for  post- 
test evaluation. 

The  Raytheon-developed  CDU  is  the  operator  interface.  It 
furnishes  the  capability  for  mode  control  and  parameter  input  to 
the  system  as  well  as  system  status  and  navigator  display.  Fig- 
ure 2-12  shows  the  CDU  console.  The  bottom  row  of  lights  normally 
displays  Ground  Speed  (optionally,  mode  or  data  entry) , the  middle 
lights  display  latitude,  and  the  top  lights  display  longitude 
(optionally  heading  or  data).  Various  modes  are  entered  by  set- 
ting the  selector  switch  in  appropriate  position  and  depressing 
the  "Ex"  (execute)  button.  Data  are  entered  via  the  push  button 
and  buffers  coordinated  with  the  selector  switch. 
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Figure  2-11  RAC-251  Computer  Architecture 


Control  Display  Unit 


SECTION  3 


FILTER  DESCRIPTION 


3 . 1 INTRODUCTION 

This  section  describes  the  filter  software  used  in  the  static 
and  mobile  navigation  tests.  Three  filters  were  used  together 
in  the  tests:  a horizontal  navigation  filter  (HNF)  for  control- 

ling error  effects  in  the  north  and  east  directions;  a zero  side- 
slip (ZOSS)  prefilter,  for  obtaining  accurate  inputs  to  the 
horizontal  navigation  filter;  and  a zero-upslip  (ZEUS)  filter  for 
the  vertical  channel.  Each  of  these  filters  is  described  in 
further  detail  below. 

The  filters  served. to  enhance  the  performance  of  the  basic 
strapped-down  navigation  algorithms.  The  latter  have  been 
described  in  some  depth  in  Reference  [3],  but  for  convenience 
are  summarized  here.  The  instrument  pulses  (three  accelerometers 
and  three  gyro  channels)  were  compensated  to  yield  estimates  of 
integrated  acceleration  and  integrated  angular  rates  respectively 
in  ideal  IMU  coordinates.  The  angle  changes  were  integrated,  in 
the  form  of  a direction  cosine  matrix,  to  yield  current  body 
attitude  relative  to  an  inertial  coordinate  system.  The  velocity 
changes  were  resolved  into  inertial  coordinates  and  summed  for 
half-second  intervals.  Every  half  second,  the  summed  velocity 
changes  were  resolved  to  indicated  local  north-east-down  coordi- 
nates, and  augmented  by  the  integral  of  the  computed  gravity. 

They  were  then  doubly  integrated  in  a navigation  algorithm  which 
indicated  longitude,  latitude,  and  altitude  (and  their  rates) 
directly. 

The  repetition  periods  for  the  navigation  algorithms  and 
filters  are  summarized  in  Table  3-1.  The  filters  occupied  about 
20  percent  of  the  computation  duty  cycle,  and  their  storage 
requirement  was  about  2,250  words  for  combined  program  and  data, 
including  all  interface  computations. 
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TABLE  3-1 


REPETITION  PERIODS  FOR  THE  COMPUTATION  BLOCKS 


COMPUTATION  UNIT 


REPETITION  PERIOD  (SEC) 


IMU  Sampling 
Instrument  Compensation 
Direction  Cosine  Update 
Velocity  Resolution 
Navigation 

Horizontal  Filter  Integration 
Horizontal  Filter  Update 
ZOSS  Prefilter 
ZEUS  Filter 


0.005 

0.005 

0.010 

0.010 

0.5 

1.0 

30.0 

1.0 

1.0 


to  0.020 


3.2  HORIZONTAL  NAVIGATION  FILTER 


The  horizontal  navigation  filter  (HNF)  was  a 13-state  Kalman 
filter,  operating  on  errors  in  position,  velocity,  and  orienta- 
tion, and  selected  instrument  errors.  The  filter  algebra  was 
a square  root  formulation,  the  technical  details  of  which  are 
deferred  to  Appendix  A.  In  the  present  section,  the  state  vari- 
ables are  defined,  and  the  deterministic  portions  of  the  state 
equation  and  measurement  equations  are  presented. 


The  HNF  is  similar  to  the  filter  described  in  Reference  f 3 ] 
where  it  was  applied  to  navigation  with  a (much  less  accurate) 
ring  laser  gyro  IMU.  More  details  are  provided  here  than  in 
Reference  [3].  It  should  be  noted  that  the  HNF  operated  in  the 
error  feedback  mode,  wherein  errors  discovered  by  the  filter  were 
immediately  subtracted  into  the  navigation  variables  and  instru- 
ment compensation  coefficients.  This  mode  simplifies  the  filter 
algebra,  since  it  bypasses  the  need  for  deterministic  error 
propagation  between  updates.  It  may  also  enhance  performance  by 
preventing  error  growth  to  the  point  where  assumptions  of  lin- 
earity are  questionable. 


HNF  STATE  VARIABLES 


6Rt  = north  position  error 
N 

*>R  = east  position  error 

L 

6 V = north  velocity  error 
N 

6V^  = east  velocity  error 

= orientation  error  about  level  north 
N 

5 = orientation  error  about  level  east 

E 

= orientation  error  about  the  local  vertical  axis 
(in  other  words,  is  the  IMU  azimuth  error) 

•ju  = X gyro  bias  error 

A 

'juy  = Y gyro  bias  error 
•v  = Z gyro  bias  error 

CJ 

B = X accelerometer  bias  error 

A 

= IMU-to-van  boresight  error 
B^  = Z accelerometer  bias  error 

This  state  vector  is  the  same  as  was  used  for  earlier  tests 
reported  in  Reference  [3],  except  that  the  Y accelerometer  bias 
has  been  replaced  by  IMU  boresight  error.  In  the  IMU  orientation 
used  for  the  mobile  tests,  the  Y accelerometer  was  nominally 
vertical  and  therefore  did  not  contribute  directly  to  errors  in 
the  horizontal  channels.  It  was  therefore  replaced  in  the  filter 
by  the  IMU  boresight  error,  which  if  uncorrected  would  have  an 
important  effect  on  the  zero-sideslip  (ZOSS)  measurements  to  be 
described  below. 

HNF  State  Equations 

Each  state  variable  was  modeled  to  be  driven  by  zero-mean 
white  noise.  In  addition  to  the  noise,  certain  of  the  state 
variables  derivatives  were  also  deterministic  functions  of  the 
state  itself.  In  general  notation, 

X = MX  + N 

where  X is  the  state  vector,  M is  the  system  matrix  describing 
the  deterministic  error  propagation,  and  N is  the  vector  of  noise 
sources.  The  non-zero  elements  of  M are  identified  in  the 
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following  state  equations 


6Rn  = 6vn 


5R  = 6V 
E E 


=-aS  -A  3 +C  B +C  B 
N " "E  E 'D  XN  X ZN  Z 


where  g is  the  gravity  magnitude,  AE  is  the  easterly  acceleration, 

and  CXN  and  CZN  are  direction  cosine  elements  of  X-north  and 
Z-north  respectively. 


SV=g8+A0+C  B+C  B 
E ’ N N ’D  XE  X ZE  Z 


® = -“{V  - \ sin  L 5 + C x + C x + C x 

N RE  E XN  X YN  Y ZN  Z 


where  R is  distance  from  the  earth  center,  X.  is  the  longitude 
rate  relative  to  inertial  space,  and  L is  the  latitude. 


e = (—  \*V  + X 

'E  \R/  N 


sin  L 3n  + X co.  t «D  + „x 


+ C x + C x 
YE  Y ZE  Z 


M 


£V  - \ cos  L 8 + C x + C x + C x 

E E XD  X YD  Y ZD  Z 


HNF  Measurement  Equations 

The  filter  measurement  equation  in  general  form  is  given  by 
H * CX  + su 

where  H is  the  scalar  measurement,  C is  the  measurement  matrix 
(actually  a row  vector),  X is  the  state,  and  is  a zero-mean 
random  error  in  the  measurement  process.  Two  specific  measure- 
ment modes  were  used  in  the  tests  described  here:  the  calibra- 
tion mode,  used  in  stationary  periods  prior  to  the  mobile  runs. 
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and  on  occasion  for  stops  en  route;  and  the  zero-sideslip  (ZOSS) 
mode,  used  when  moving. 

The  measurement  equations  for  the  calibration  mode  were 
simply 


AV, 


N 


6VN  + CN 


AV 


{VE  + eE 


The  actual  numbers  used  for  the  measurements  were  the  indicated 
velocities  north  and  east,  as  derived  from  the  indicated  latitude 
and  longitude  rates.  Thus,  the  random  noise  (c)  components 
contained  the  effects  of  both  accelerometer  quantization  and 
actual  vibratory  motions  of  the  test  van. 

The  ZOSS  measurement  was  based  on  the  fact  that  a rolling 
vehicle  tends  to  have  zero  velocity  in  the  direction  parallel  to 
its  rear  axle.  Thus,  any  indicated  velocity  in  that  direction 
must  be  erroneous,  and  can  be  fed  back  through  the  filter.  The 
specific  measurement  equation  for  the  ZOSS  mode  was 

AV„  = (cos  AZ) 8V  - (sin  AZ) 5V„  • V » - V A + e„ 

S N £ D B S 


where  AVg  is  the  side-slip  velocity  error,  AZ  is  the  IMU  azimuth, 

V is  the  ground  speed  of  the  test  van  (as  derived  from  the  navi- 
gation algorithm) , and  e is  the  composite  error  in  estimating 
sideways  velocity.  For  rest  results  reported  earlier  (Reference 
[3]),  the  number  used  for  AVg  was  simply  the  indicated  velocity 
resolved  through  the  indicated  direction  cosine  matrix,  the  IMU 
having  been  carefully  optically  aligned  to  the  test  van.  For  the 
tests  reported  here,  this  method  was  deemed  too  crude;  accordingly, 
a smoothing  prefilter  was  developed  which  would  allow  for  the 
boresight  error  between  the  IMU  and  the  test  van.  The  operation 
of  the  ZOSS  prefilter  is  described  in  some  detail  below. 

HNF  Modeled  Error  Levels 

The  Kalman  filter,  in  spite  of  appearances,  is  not  adaptive 
to  the  actual  level  of  errors  encountered  in  operation;  that  is, 
given  its  initial  conditions  and  noise  parameters,  the  gains 
computed  by  the  filter  can  be  completely  predicted  from  the  mission 
profile  and  planned  measurement  schedule.  Thus,  to  ensure  that 
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the  filter  gains  will  be  reasonable,  it  is  imperative  to  use  a 
realistic  set  of  filter  parameters  describing  the  initial  error 
statistics,  the  process  noise  powers,  and  the  measurement  noise. 

For  most  of  the  test  runs  reported  here  (the  exceptions  being 
identified  in  the  description  of  the  test  results) , the  state 
parameter  initial  1-sigma  values  and  noise  powers  are  summarized 
in  Table  3-2.  Note  that  the  process  noise  powers  are  stated  in 
the  familiar  form  of  (state  units) (time  unit),  although  as 
actually  programmed  for  the  square-root  filter  algebra,  the 
square  roots  of  these  numbers  were  used. 

TABLE  3-2 

INITIAL  SIGMAS  AND  PROCESS  NOISE  MODEL  FOR  THE  HNF 


State  Variable 


Initial  1-Sigma 


Process  Noise  Power 


Position 
Velocity 
Level  (9n,  9£) 
Azimuth  ( 9£) 

Gyro  Drift 
Accelerometer  Bias 
IMU  Boresight 


0 

0 

“6 

20  x 10  radians 
0.0005  radians 
0.2  merus 
20  milligals 
0.0005  radians 


0 

(5  x 10  ^ ft/sec)  Vsec 
0 
0 

2 

(0.1  meru)  /hour 
2 

(5  mgal)  /hour 
0 


Several  comments  about  these  numbers  are  appropriate.  The 
initial  sigmas  for  the  instrument  biases  reflect  our  opinion 
about  how  well  we  could  calibrate  them  in  the  field.  The  instru- 
ment noise  powers  are  somewhat  larger  than  observed  in  the  labo- 
ratory, and  allow  for  the  comparatively  poor  thermal  control  in 
the  field.  Azimuth  was  always  found  by  gyrocompa ssing  (never 
optically),  and  the  figure  of  0.5  milliradians  reflects  the  jitter 
observed  in  the  gyrocompass  azimuth  loop  after  a typical  ten- 
minute  settling  time.  The  IMU-to-van  boresight  error  reflects 
our  knowledge  gained  from  early  shakedown  runs.  The  IMU  was  in 
fact  bolted  to  the  van  nearly  one  degree  off  nominal.  However, 
the  filter  discovered  this  fact  during  the  first  few  runs,  so 
that  the  figure  of  0.5  milliradians  reflects  only  our  residual 
uncertainty  in  the  boresight  offset.  In  retrospect,  it  was 
probably  a mistake  to  assign  a zero  noise  power  to  the  leveling 


errors,  since  this  does  not  allow  for  changing  deflections  of 
the  vertical. 

The  velocity  measurement  noises  used  in  the  calibration 
(stationary)  mode  were  0.1  feet  per  second,  reflecting  the 
assumed  level  of  vibration  induced  primarily  by  the  test  van's 
generators,  and  to  some  extent  by  the  van's  response  to  wind 
gusts.  The  measurement  noise  level  for  the  ZOSS  measurements  was 
computed  by  the  ZOSS  prefilter,  as  described  immediately  below. 

3.3  ZERO  SIDE-SLIP  (ZOSS)  PREFILTER 

As  noted  in  the  description  of  the  horizontal  navigation 
filter  (HNF) , the  latter  is  ready  for  updates  every  30  seconds. 
For  mobile  operations  the  update  information  is  the  indicated 
sideways  velocity,  which  is  known  to  be  erroneous  because  the 
vehicle  is  rolling  in  the  forward  direction  only.  However,  an 
instantaneous  sample  of  the  sideways  velocity  may  be  in  dynamic 
error  by  as  much  as  0.5  ft/second.  The  purpose  of  the  ZOSS 
pre filter  is  to  smooth  the  sideways  velocity  errors  during  the 
30-second  interval,  thus  providing  a more  accurate  estimate  of 
the  sideways  velocity,  and  also  an  estimate  of  its  RMS  error  for 
use  by  the  HNF  filter. 

Since  the  velocity  errors  are  fairly  stable  in  local  north- 
east-down coordinates,  it  is  clear  that  the  sideways  velocity 
error  &VS  may  change  drastically  as  the  vehicle  azimuth  changes. 
Thus,  the  forward  velocity  error  AVp  must  also  appear  in  the 
filter,  and  in  vehicle- fixed  coordinates  it  turns  out  that  the 
two  velocity  errors  are  coupled  by  the  deterministic  relation 

" k *VS 
AVS  = A AVp 

where  A is  the  vehicle  azimuth  rate.  For  the  ZOSS  prefilter, 

AVp  and  &Vg  form  a two-element  state  vector,  and  the  ZOSS  pre- 
filter is  programmed  in  the  conventional  Kalman  filter  algebra. 

The  measurement  inputs  to  the  ZOSS  pre filter,  computed  once 
per  second,  are  derived  from  the  indicated  vehicle  velocity  and 
azimuth  information.  For  the  tests  described  here,  the  IMU  X 
axis  was  nominally  sideways,  and  the  Z axis  nominally  along  the 
van  longitudinal  axis,  positive  toward  the  rear.  Thus,  the  X 


3-7 


and  forward  components  of  velocity  were  computed  by 


C V + C 
XN  N XE 


V. 


= -C 


ZN  N 


- C 


ZE 


V 


where  VN  is  the  north  velocity  component,  VE  is  the  east  velocity 
component,  and  CXN  (for  example)  is  the  direction  cosine  of  the 
X LMU  axis  on  the  local  level  north  direction.  Were  it  not  for 
the  IMU  boresight  error  (AB) , Vx  would  be  the  current  sideways 
velocity  error.  The  boresight  error  is  taken  into  account  by 


Using  the  three  immediately  preceding  equations,  the  ZOSS  pre- 
filter is  updated  once  per  second.  The  Kalman  gain  for  the 
sideways  velocity  error  (Kg)  is  computed  in  the  usual  manner, 
and  the  sideways  velocity  estimate  is  updated  by 


V, 


K fV'  - 

s s 


V 


The  smoothed  Vg  becomes  the  measurement  input  to  the  HNF , and  the 
ZOSS  pre filter  covariance  element  for  Vg  becomes  the  measurement 
noise  figure  to  the  main  filter.  After  the  main  filter  update, 
the  ZOSS  prefilter  is  reset  by  setting  Vg  to  zero  and  restarting 
the  covariance  matrix.  The  reset  values  for  the  latter  were 
1-sigma  values  of  0.5  ft/sec  for  forward  velocity,  and  0.15  ft/ 
second  for  sideways  velocity,  which  are  typical  conservative 
estimates  of  the  residual  velocity  errors  after  the  main  (HNF) 
filter  update. 


The  performance  of  the  ZOSS  prefilter  depends  primarily  on 
the  measurement  noise  associated  with  each  of  the  individual 
sideways  velocity  measurements  (Vg) . Following  a series  of  test 
drives  on  straight  (but  typically  bumpy)  roads,  and  tests  with 
severe  turning  rates,  the  sideways  velocity  noise  was  found  to 
depend  on  accelerometer  quantization,  angular  acceleration,  and  a 
term  proportional  to  both  angular  rate  and  forward  speed.  This 
last  term  was  attributed  to  a tendency  for  the  van  chassis  to 
lag  behind  the  wheels  during  turns,  due  to  imperfect  azimuth  sus- 
pension. Thus,  the  measurement  noise  variance  for  the  individual 
Vg  measurements  was  modeled  as 
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Rs  = SQ  + (KL  A)2  + (KH  VF  k)2 


where  Rq  is  the  quantization  variance  (0.03  ft/sec)  ; KL  is  the 
angular  acceleration  coefficient  (50  ft-sec);  and  is  the 
azimuth  hang-off  coefficient  (0.067  seconds).  The  beneficial 
effect  of  this  model  was  to  generate  large  covariances  for  Vg 
when  the  road  was  bumpy  and  during  rapid  turns,  so  that  the  main 
(HNF)  filter  would  give  comparatively  little  weight  to  the  side- 
ways velocity  updates  under  those  conditions.  Conversely,  the 
ZOSS  prefilter  under  good  road  conditions  produced  smoothed 
velocity  estimates  which  were  an  order  of  magnitude  better  than 
any  instantaneous  measurement,  thus  enabling  comparatively 
accurate  updates  to  the  main  filter. 


3 .4  ZERO  UP-SLIP  (ZEUS)  FILTER 

The  zero  up-slip  (ZEUS)  filter  was  conceived  as  an  attempt 
to  do  for  the  vertical  navigation  what  the  ZOSS  filter  did  for 
the  horizontal  navigation.  The  constraint  idea  for  the  ZEUS 
filter  is  analogous,  namely  that  a rolling  vehicle  will  on  the 
average  have  an  altitude  rate  proportional  to  its  forward  speed 
and  to  the  tangent  of  its  pitch  angle.  Thus,  if  the  speed  and 
pitch  angle  are  known  with  moderate  accuracy  (which  they  are) , 
then  a fairly  accurate  independent  estimate  of  altitude  rate 
exists.  As  with  the  ZOSS  filter,  a boresight  error  between  the 
IMU  level  axes  and  the  road  level  must  be  dealt  with.  This 
boresight  error  (9)  was  defined  specifically  as  the  vertical 
angle  between  the  IMU  Z axis  and  the  line  joining  the  ground 
contact  points  of  the  front  and  rear  van  wheels.  The  other 
elements  estimated  in  the  ZEUS  filter  were  altitude  error  (5h) ; 
altitude  error  rate  (6h) ; and  vertical  acceleration  error  (6f) . 


The  ZEUS  filter  was  programmed  as  a Kalman  filter  in  covari- 
ance form.  The  modeled  state  equations  were 

(5h)  = th  + 

n 

5h  = - if  + G 5h  + Nv 


4fD  = Nf 


9 « H, 
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In  the  foregoing,  G is  the  gravity  gradient  and  the  various  N's 
are  zero-mean  white  noise  sources.  The  power  of  altitude  noise 
(N^)  was  set  at  (0.03  feet) Vsec  to  allow  for  accelerometer 
quantization.  The  power  of  altitude  rate  noise  (Nv)  was  assumed 
to  be  zero.  The  power  of  vertical  force  noise  (N^)  was  set  at 
(20  milligals) 2/hour . The  latter  was  a bastardized  number  used 
to  represent  the  combined  effects  of  Y accelerometer  bias,  and 
of  changes  in  the  local  gravity  anomaly  which  might  be  expected 
in  mobile  tests.  The  up-slip  angle  noise  (Nc)  power  was  taken 
to  be  (1  milliradian) ^/hour . This  term  represents  the  compara- 
tively long-term  changes  in  the  van  chassis  angle  relative  to 
the  ground,  attributable  to  changing  tire  pressure,  shifting  fuel 
load,  thermal  response  of  the  springs,  etc.  The  number  used  was 
strictly  a guesstimate. 

The  measurement  input  to  the  ZEUS  filter  was  the  altitude 
rate  error  lh,  computed  from 

* = VCZD  + 5)  - h 

where  h was  the  altitude  rate  indicated  by  the  navigation  algo- 
rithm, Vp  was  the  indicated  forward  speed  component,  and  CZq  was 
the  direction  cosine  between  the  IMU  Z axis  and  the  local  down 
direction  (and,  therefore,  the  sine  of  the  angle  of  Z off  level) . 

The  noise  variance  (R)  in  the  ZEUS  filter  measurement  is 
modeled  as 

r*ro+(rjV2 

2 

where  R is  the  accelerometer  quantization  noise  (0.03  ft/sec) 
in  the  Indicated  altitude  rate,  and  Rj  is  the  1-sigma  high  fre- 
quency jitter  in  the  van's  pitch  angle.  The  value  used  for  Rj 
was  0.004  radians,  a guesstimate  based  on  "gut  feeling"  after 
riding  in  the  test  van  for  a few  hours. 

The  initial  1-sigma  values  in  the  filter  covariance  were 
modeled  as  follows:  Altitude:  20  feet.  This  reflects  uncer- 

tainties in  reading  and  interpreting  the  topographic  maps. 
Altitude  rate:  0.03  feet/second,  due  to  accelerometer  quantiza- 
tion. Vertical  force:  5 milligals,  reflecting  primarily  the 

error  in  the  vertical  accelerometer.  For  runs  starting  where  an 
accurate  gravity  measurement  was  not  available,  a larger  value 
would  be  needed.  Up-slip  angle:  1 milliradian.  This  represents 

our  knowledge  of  the  angle,  rather  than  the  angle  itself.  In 
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fact,  early  shakedown  runs  converged  on  a value  of  about  +9 
milliradians  for  the  up-slip  boresight  angle.  Thus,  the  1 milli- 
radian  figure  represents  possible  day-to-day  changes  depending  on 
equipment  loading,  suspension  wear,  and  so  forth. 

The  ZEUS  filter  was  programmed  in  the  usual  covariance  form 
for  the  Kalman  filters,  and  operated  independently  of  other 
filters.  It  performed  updates  once  per  second,  and  always 
operated  whether  in  the  stationary  or  mobile  mode.  We  (or  one 
of  us,  to  be  exact)  worried  about  its  numerical  stability  when 
the  van  was  stationary,  since  it  would  then  be  collecting  no 
information  about  one  of  its  state  variables  (namely,  the  up- 
slip  angle) . However,  it  was  in  fact  found  to  be  stable  over  at 
least  several  days  of  continuous  stationary  operation. 

The  ZEUS  filter  was  a late  addition  to  our  software.  As  the 
test  results  section  below  shows,  it  had  a surprisingly  good 
ability  to  track  e gravity  anomalies  en  route,  as  well  as  to 
maintain  a good  e imate  of  altitude.  It  is  considered  possible 
that,  with  more  realistically  chosen  coefficients,  it  would  be 
useful  in  future  gravity  survey  work. 


SECTION  4 


CALIBRATION  TECHNIQUES 

4.1  INTRODUCTION:  CALIBRATION  REQUIREMENTS  AND  PHILOSOPHY 

The  definition  of  an  effective  calibration  program  depends 
on  a clear  understanding  of  the  mission  accuracy  requirements, 
and  on  the  expected  stability  of  the  items  being  calibrated. 

The  nature  of  error  propagation  in  inertial  navigators  is 
well  understood,  both  in  terms  of  detailed  error  propagation 
for  specified  missions  and  instrument  configurations,  and  in 
terms  of  "rules  of  thumb"  relating  gyro  and  accelerometer  accu- 
racy levels  to  average  navigation  performance.  Britting 
(Reference  ^4])  for  example,  gives  excellent  illustrations 
of  instrument  error  propagation  over  long  periods,  for  a station- 
ary navigation  system.  For  a frequently  reorienting  strapped 
down  system,  however,  the  changing  geometry  of  the  error  sources 
gives  a random- looking  appearance  to  the  navigation  error  growth. 
Thus,  one  reverts  to  the  familiar  rules  of  thumb  that  error 
growth  on  the  order  of  one  nautical  mile  per  hour  is  associated 
with  gyro  drifts  of  one  meru  (=  1 milli-earth  rate  unit  = 0.015°/ 
hour),  or  with  accelerometer  biases  of  about  100  milligals. 

Extensive  past  experience  with  the  CSDL  SIMU  suggested  that, 
in  a laboratory  ambient  environment,  the  day-to-day  gyro  bias 
stability  was  0.1  meru  or  better,  and  that  the  long-term  stability 
of  the  accelerometers  was  better  than  5 milligals.  Thus,  a 
reasonable  if  optimistic  performance  goal  for  the  system  was  about 
0.2  nautical  miles  per  hour.  The  optimism  in  this  goal  owes  to 
two  factors.  First,  the  instruments  might  not  be  as  stable  in 
the  field  as  in  the  laboratory.  Second,  the  dynamic  environment 
of  mobile  tests  would  excite  error  sources  - particularly  align- 
ments and  scale  factors  - which,  if  not  properly  compensated, 
could  contribute  errors  far  in  excess  of  the  gyro  and  acceler- 
ometer biases. 

Accordingly,  the  calibration  plan  was  divided  into  two  phases. 
Field  calibration  techniques  were  needed  to  monitor  and  compen- 
sate changes  in  the  gyro  and  accelerometer  drifts.  Also,  prior 
laboratory  calibration  methods  were  needed  to  accurately  assess 
instrument  alignments  and  scale  factors. 
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A secondary  goal  of  the  test  program  was  to  free  the  system 
from  any  dependence  on  optical  references.  Accordingly,  all 
navigation  tests  were  initialized  by  gyrocompassing  (see  Refer- 
ence r2]  for  technique).  Furthermore,  the  calibration  methods 
where  feasible  were  made  independent  of  the  need  for  accurate 
positioning  equipment  or  accurate  optical  references  for  deter- 
mining orientation.  As  will  be  shown  below,  substantial  indepen- 
dence from  external  references  may  be  afforded  by  using  the 
navigation  software  to  assist  in  the  calibration. 

The  philosophy  in  using  the  navigation  software  in  calibra- 
tion may  be  summarized  as  follows:  Calibration  errors  manifest 

themselves  as  navigation  errors.  When  the  system  is  known  to 
be  stationary,  the  navigation  software  directly  indicates  navi- 
gation errors.  With  thoughtful  use  of  orientations  and  prior 
rotations,  these  errors  may  be  uniquely  attributable  to  error 
sources  in  the  inertial  measurement  system.  What  follows  in  this 
section  is  primarily  an  articulation  of  the  foregoing  statement. 

4.2  FIELD  CALIBRATION  TECHNIQUES 

The  important  constraint  on  our  field  calibration  program  was 
that  the  SIMU  was  to  remain  bolted  to  the  mobile  test  van.  Hence, 
only  an  azimuth  freedom  was  available  (namely,  by  moving  the 
mobile  test  van)  for  reorienting  the  SIMU,  and,  furthermore,  the 
azimuth  could  be  controlled  only  approximately.  With  this  limi- 
tation, the  field  calibration  program  was  limited  to  estimating 
and  correcting  the  bias  outputs  in  the  gyros  and  accelerometers. 
The  SIMU  was  bolted  to  the  van  in  such  a manner  that  two  of  the 
gyros  and  accelerometer  pairs  were  roughly  horizontal,  the  other 
pair  roughly  vertical.  Separate  calibration  methods  were  used 
in  the  horizontal  and  vertical  channels. 

The  calibration  procedure  for  a level  gyro  was  as  follows. 
First,  allow  the  system  to  erect  and  align  for  about  ten  minutes, 
then  switch  to  the  free  navigation  mode.  Reorient  the  van  (if 
need  be)  to  get  the  gyro  approximately  level  north.  With  the  van 
stopped,  monitor  the  eastbound  acceleration  error  for  about  ten 
minutes.  Linear  changes  in  the  indicated  acceleration  are  attrib- 
uted to  bias  output  in  the  level  north  gyro. 

The  analysis  of  this  effect  is  as  follows.  Any  bias  output 
in  the  level  north  gyro  will  cause  a proportional  rotation  error 
in  the  direction  cosine  matrix.  For  example,  with  excessive 
north  ayro  output,  the  level  east  axis  will  seem  to  sink  below 
level  at  a uniform  rate.  When  apparently  below  level,  it  will 
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seem  to  pick  up  an  acceleration  from  the  force  counteracting 
gravity,  proportional  to  the  error  angle  - hence,  an  accelera- 
tion error  trend  proportional  to  the  north  gyro  drift. 

Several  error  sources  in  this  method  should  be  noted.  First, 
instrument  quantization  and  translational  vibrations  in  the  van 
impose  noise  on  the  acceleration  trend.  Second,  measurement 
times  exceeding  ten  minutes  are  unwise,  since  Schuler  modulation 
of  the  acceleration  error  will  occur.  Third,  the  indicated 
level  of  the  north  gyro  could  be  inaccurate  (due,  for  example, 
to  erection  errors) , so  that  an  earth  rate  component  would  erro- 
neously be  picked  up  in  the  level  north  channel.  Even  with  these 
limitations,  we  felt  confident  in  our  ability  to  resolve  gyro 
bias  to  the  nearest  0.1  meru. 

It  might  be  thought  that  a gyro  near  level  east  could  be 
calibrated  by  analogous  methods,  looking  at  trends  in  southerly 
acceleration  error.  However,  the  prior  alignment  will  have 
created  an  azimuth  error  just  sufficient  to  negate  the  north- 
south  acceleration  trend;  thus,  any  residual  north-south  accel- 
eration trends  will  be  due  only  to  residual  settling  noise  in 
the  alignment  algorithm. 

Calibration  of  the  vertical  gyro  is  more  challenging.  If  it 
were  known  to  be  the  only  (or  dominant)  mis-ca libra  ted  instrument 
the  navigation  error  propagation  would  be  as  follows:  in  free 

navigation  following  erection  and  alignment,  errors  in  the 
vertical  gyro  would  seem  to  drive  the  level  east  gyro  toward 
level  north.  The  east  gyro  would  then  pick  up  an  earth  rate 
component  proportional  to  its  error  angle  (and  to  the  cosine  of 
latitude) , which  would  look  like  a ramp  change  in  its  drift  out- 
put. This  would  look  like  a change  in  the  rate  of  change  of 
acceleration  in  the  north-south  channel.  In  practice,  however, 
the  foregoing  method  was  swamped  by  error  sources  of  the  type 
described  above  for  north  gyro  calibration. 

The  preferred  method  for  calibrating  the  azimuth  gyro  was  to 
monitor  the  SIMU  azimuth  indicated  by  the  direction  cosine  matrix 
This  method  involves  “cheating1*  on  our  calibration  philosophy  in 
the  respect  that  it  relies  on  long-term  stability  of  the  actual 
azimuth  of  the  test  van.  For  the  first  four  hours  of  free  navi- 
gation, the  indicated  azimuth  error  rate  is  proportional  to  the 
azimuth  (vertical)  gyro  drift,  provided  that  no  residual  drift 
exists  about  the  east  axis.  (Such  drift  would  cause  the  vertical 
gyro  to  seem  to  tip  toward  north,  and  hence  to  pick  up  an  erro- 
neous earth  rate  component.)  Thus,  in  the  vertical  gyro  calibra- 
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tion,  the  horizontal  navigation  filter  was  activated  for  the 
first  few  minutes,  to  trim  out  any  residual  drift  effects  in 
the  horizontal.  Following  this,  the  indicated  azimuth  trend 
was  smoothed  for  one  to  two  hours.  Typical  noise  jitter  in 
azimuth  was  on  the  order  of  20  arc  seconds,  due  both  to  gyro 
quantization  and  actual  angular  vibrations.  Noting  that  0.1 
meru  is  worth  only  4.4  arc  seconds  of  drift  in  an  hour,  it  is 
clear  why  such  long  smoothing  times  are  necessary. 

Field  calibration  of  the  accelerometers  was  comparatively 
easy.  For  the  level  accelerometers,  the  system  was  switched 
to  free  navigation  and  (if  need  be)  reoriented  so  that  the  level 
accelerometers  were  roughly  north  and  east.  The  average  accel- 
erations north  and  east  were  then  monitored  for  a few  minutes, 
yielding  an  acceleration  resolution  of  about  5 milligals.  The 
van  was  then  reversed  in  azimuth  (approximately) , and  the  north 
and  east  accelerations  were  again  estimated.  The  accelerometer 
biases  were  then  computed  as  twice  the  acceleration  differences 
(after  azimuth  reversal  minus  before) . The  explanation  of  the 
foregoing  inference  is  deferred  to  the  next  section,  where  the 
effects  of  rotations  are  discussed  in  detail. 

Calibration  of  the  vertical  accelerometer  bias  was  performed 
automatically  by  the  ZEUS  filter,  as  discussed  in  Section  3.4. 

The  filter  converged  to  a precision  of  better  than  1 milligal 
within  30  seconds.  Its  accuracy,  of  course,  was  directly  related 
to  the  knowledge  of  gravity  (and,  hence,  of  both  altitude  and 
the  gravity  anomaly) . With  this  method,  a change  of  accelerometer 
scale  factor  would  be  wrongly  corrected  as  a changed  bias;  this 
distinction,  however,  was  unimportant  since  our  test  program 
involved  keeping  the  van  upright  at  all  times. 

4.3  LABORATORY  CALIBRATION  TECHNIQUES 

The  calibration  of  relative  instrument  alignments  is  discussed 
first.  For  the  methods  described  here,  the  navigation  software 
plays  an  important  role  in  alignment  calibration.  On  the  other 
hand,  there  is  no  dependence  on  optical  references,  nor  on  pre- 
cision laboratory  fixtures  for  effecting  the  required  rotations. 

The  primary  laboratory  data  to  be  collected  for  the  align- 
ment tests  is  the  difference  in  indicated  acceleration  before 
and  after  a specified  rotation.  Such  differences  represent 
simple  combinations  of  alignment  errors  and  accelerometer  bias 
errors;  thus,  from  a suitable  set  of  such  data,  all  the  misalign- 
ments and  biases  may  be  solved. 


4-4 


The  general  method  for  predicting  the  effects  of  rotations 
is  as  follows:  First,  algebraically  define  approximate  loca- 

tions for  the  accelerometers  prior  to  rotation,  and  accelerometer 
bias  errors.  Also,  define  an  approximate  value  for  the  direction 
cosine  matrix  indicated  in  the  navigation  computer.  From  the 
foregoing,  the  indicated  acceleration  may  be  computed  by  resolv- 
ing the  actual  accelerometer  outputs  through  the  indicated  cosine 
matrix.  Next,  identify  an  actual  rotation  to  perform  on  the  IMU, 
and  using  this  calculate  the  actual  new  orientation  of  the  accel- 
erometers. Also,  considering  the  gyro  misalignments,  calculate 
the  rotation  inputs  to  the  navigation  computer,  hence  the  apparent 
rotation  indicated  in  the  computer,  hence  the  new  indicated 
cosine  matrix.  Then  the  indicated  acceleration  after  rotation 
is  the  actual  accelerometer  output  resolved  through  the  new 
indicated  cosine  matrix. 

For  selected  rotations,  it  turns  out  that  acceleration  dif- 
erences  are  excited  by  only  accelerometer  bias  and  one  pair  of 
misalignment  terms,  all  other  error  sources  (namely,  all  other 
misalignments,  errors  in  choosing  both  the  pole  and  the  angle 
of  the  rotation,  errors  in  knowing  the  initial  orientation, 
accelerometer  scale  errors,  and  in  some  cases  gyro  scale  errors) 
being  reduced  to  second  order  contributions.  To  prove  the  fore- 
going requires  20-odd  pages  of  algebra  articulating  the  analysis 
of  the  preceding  paragraph.  Rather  than  present  this,  we  will 
give  an  intuitive  description  of  why  the  method  works. 

Consider  an  IMU  whose  X,Y,Z  axes  are  perfectly  aligned  to 
local  north,  east,  down,  and  whose  calibration  is  perfect  except 
as  noted  below.  Consider  first  the  effect  of  a rotation  of  180° 
about  the  level  north  axis.  If  the  X accelerometer  were  mis- 
aligned toward  Z through  an  angle  A^,  then  following  the  rotation 
its  level  would  change  by  2AXZ»  and  its  output  would  therefore 
change  by  2g  A^.  Furthermore,  if  the  Z gyro  were  misaligned 
toward  X by  an  angle  G^,  then  during  the  rotation  the  Z gyro 
would  pick  up  pulses  proportional  to  Thus,  the  apparent 

pole  of  the  rotation  would  be  below  level  north  by  an  angle  G^. 
so  that  the  computer  would  think  that  the  X accelerometer  had 
been  rotated  below  horizontal  by  and  angle  of  20^,  thus  inducing 
an  apparent  acceleration  error  of  2g  Gzx*  Thus,  the  net  acceler- 
ation difference  in  the  north  direction  would  be 


AA. 


NORTH 


**(Axz  + Gzx> 


For  this  same  rotation,  the  errors  in  the  east  and  down  directions 
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are  unaffected  by  misalignments.  In  the  vertical,  the  only 
difference  is  induced  by  bias  in  the  Z accelerometer. 


-^DOWN  ~2  BZ 


In  the  east  channel,  the  Y accelerometer  bias  effect  is  also 
doubled  by  resolving  the  bias  in  the  west  direction  after 
rotation.  A scale  error  Sx  in  the  X gyro  also  causes  the  apparent 
rotation  to  differ  from  180  by  an  amount  of  180  Sx,  hence  causing 
the  Y accelerometer  to  seem  to  be  above  horizontal  by  180  Sx* 
thus  causing  an  apparent  acceleration  error  of  180g  Sx.  Thus, 
the  east  acceleration  difference  comes  to 


&A  = -2  B - 180q  S 

EAST  Y y X 

Next,  go  back  to  the  original  orientation  and  consider  a rotation 
of  180'  about  the  down  axis.  If  the  X accelerometer  were  mis- 
aligned toward  Z by  an  angle  of  Axz*  its  error  output  of  g AXz 
would  be  moved  to  south  after  the  rotation,  hence  doubled  in  the 
acceleration  difference.  The  same  would  obviously  happen  to  its 
bias  output  B^.  Furthermore,  if  the  X gyro  were  misaligned 
toward  Z by  an  angle  GxZ,  then  it  would  pick  up  pulses  from  the 
rotation,  so  that  the  apparent  pole  of  the  rotation  would  not 
be  straight  down,  but  rather  misaligned  toward  north  by  angle 
Gxz*  Thus  the  X accelerometer  would  apparently  end  up  2Gxz 
below  level  south,  thus  developing  an  apparent  acceleration  of 
2g  G^,  with  reversed  sign  since  the  error  is  resolved  southbound. 
Thus,  the  net  acceleration  difference  in  the  north  channel  is 


^NORTH  2g*AXZ  " °XZJ  2 BX 

The  vertical  channel  is,  of  course,  unaffected  by  the  rotation. 
The  effects  in  the  east  channel  are  precisely  analogous  to  north, 
yielding 


^EAST  ~ 2g(AYZ  “ GYZ^ 


2 B. 


Thus,  it  is  seen  that  the  foregoing  rotations  give  amply 
redundant  information  about  accelerometer  biases.  Also,  the 
rotation  about  level  north  gives  the  combined  error  by  which  the 
X accelerometer  leans  toward  Z,  and  the  Z gyro  toward  X - hence. 
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in  general,  the  deviation  from  nominal  90°  of  a remote  acceler- 
ometer-gyro pair.  Furthermore,  the  rotation  about  the  vertical 
gives  the  Z component  of  the  alignment  difference  between  the 
X accelerometer  and  the  X gyro  - hence,  in  general,  one  component 
of  the  angular  separation  of  a nominally  aligned  accelerometer- 
gyro  pair. 

It  should  be  clear,  then,  that  if  the  rotation  tests  are 
repeated,  permuting  the  initial  orientations  of  (X  Y Z)  on  the 
north,  east,  down  coordinates,  all  the  comparative  alignments 
of  all  the  instruments  may  be  determined.  After  eliminating 
accelerometer  biases,  the  yield  in  fact  is  9 simultaneous 
equations  in  12  unknown  alignments.  Since  no  external  reference 
surface  is  involved,  three  degrees  of  freedom  are  available  for 
assigning  arbitrary  alignment  values;  for  example,  one  can  say 
that  the  X accelerometer  is  by  definition  correctly  aligned,  as 
is  the  Z alignment  component  of  the  Y accelerometer.  This  yields 
12  equations  in  12  unknowns,  and  a unique  solution. 

It  might  be  thought  that  the  IMU  orientations  before  and 
after  the  rotations  are  convenient  orientations  in  which  to 
calibrate  the  gyro  g-sensitive  drifts,  thus  killing  two  birds 
with  one  stone.  This  is  true  in  principle,  but  bad  in  practice. 
The  reason  is  that  poorly  calibrated  gyros  cause  linearly  chang- 
ing acceleration  errors  in  the  horizontal  channels,  thus  inter- 
fering with  one’s  ability  to  infer  acceleration  differences 
induced  by  the  rotations.  For  precisely  this  reason,  the  rota- 
tion tests  afford  an  excellent  opportunity  to  verify  the  prior 
gyro  calibration.  In  fact,  the  alignment  calibration  may  reveal 
that  the  gyro  axes  were  not  where  they  were  assumed  to  be  during 
the  prior  gyro  drift  calibration,  in  which  case  erroneous  earth 
rate  components  on  the  gyro  input  axes  had  caused  errors  in 
computing  the  drift  compensations.  For  the  SIMU,  we  found  align- 
ment errors  on  the  order  of  1 milliradian  in  some  cases,  neces- 
sitating bias  corrections  on  the  order  of  1 meru. 

The  sensitivity  of  the  rotation  tests  depends  of  course  on 
the  stability  of  the  accelerometer  biases  during  the  entire  test 
series,  and  on  the  effects  of  quantiza tion  on  the  acceleration 
estimates.  For  the  SIMU,  the  accelerometer  biases  were  more  than 
adequately  stable  (a  fact  verified  by  repeating  the  test  sequence 
several  times),  and  the  quantization  noise  was  small  enough  to 
yield  acceleration  estimates  to  the  nearest  5 milligals  with 
about  5-minute  smoothing  before  and  after  each  rotation.  In  the 
misalignment  equations,  5 milligals  is  worth  about  5 microradians 
or  1 arc  second.  Thus,  we  believe  that  the  SIMU  alignments  were 
calibrated  to  at  worst  several  arc  seconds  of  error. 
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The  SIMU  instruments,  being  ternary  torqued,  were  known  to 
have  small  (i.e.,  5 to  10  arc  second)  deadbands  about  their 
output  axes.  Which  side  of  the  deadband  the  input  axis  lay  on 
depended  on  the  sign  of  the  instrument  output.  For  our  final 
alignment  calibration  test,  we  deliberately  shimmed  the  SIMU 
off  the  nominal  north-east-down  orientation,  to  control  the  sign 
of  the  information  being  processed  by  each  instrument  during  the 
rotations.  Following  this,  the  shims  were  changed  to  reverse 
the  signs,  hence  to  cause  the  instrument  whose  alignment  was 
being  checked  to  be  on  the  other  side  of  its  deadband.  In  this 
manner,  the  theoretical  width  of  the  deadbands  was  verified, 
and  subsequently  the  dynamic  alignment  compensations  were  pro- 
grammed in  the  navigation  system  software. 

Several  methods  were  available  for  calibrating  the  gyro 
scale  factors.  Referring  back  to  the  east  channel  effect  of  a 
rotation  about  level  north,  it  is  seen  that  the  acceleration 
difference  was  sensitive  to  (in  the  example)  the  X gyro  scale 
factor  as  well  as  the  Y accelerometer  bias.  It  is  clear  that 
if  the  rotation  had  been  360°  rather  than  180c , the  Y acceler- 
ometer would  have  apparently  wound  up  below  level  by  an  angle  of 
360  S^,  thus  giving  an  apparent  acceleration  error  of  (in  radians) 
2"  g S^,  from  which  the  scale  error  Sx  can  be  inferred.  It  is 
clear  that  the  Y accelerometer  bias,  which  equally  affects  the 
eastbound  acceleration  before  and  after  rotation,  cancels  from 
the  difference.  It  is  also  true,  but  less  clear,  that  errors  in 
achieving  a precise  360c  rotation  are  unimportant. 

The  foregoing  method  was  used  to  verify  the  gyro  scale 
factors,  but  not  for  their  original  determination.  The  original 
calibration  used  an  accurate  laboratory  turntable,  which  could 
be  precisely  (i.e.,  within  an  arc  second  or  two)  reset  at  a desig- 
nated azimuth  mark.  The  SIMU  was  placed  on  the  table  with  the 
gyro  to  be  tested  held  vertical,  and  the  free  navigation  software 
was  turned  on  following  the  usual  erection  and  alignment  algorithm. 
The  azimuth  indicated  by  the  direction  cosine  matrix  was  smoothed 
for  a few  minutes,  to  average  out  quantization  errors  and  to  esti- 
mate any  azimuth  rate  trend  from  imperfect  bias  compensation. 
Following  this  the  table  was  rotated  once  (or  several  times)  in 
azimuth,  and  reset  accurately  to  the  starting  azimuth,  after  which 
the  indicated  azimuth  was  again  smoothed.  Clearly,  a scale  factor 
error  S would  manifest  itself  as  an  azimuth  change  of  2n  rr  S,  from 
which  the  value  of  S could  be  inferred.  We  estimate  that  the 
overall  error  in  the  procedure  was  about  2 arc  seconds  out  of 
360° , or  about  2 parts  per  million. 
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It  is  illuminating  to  compare  the  two  methods  of  calibrating 
the  scale  factor.  In  the  latter,  a precision  fixture  was  used 
to  control  the  precise  degree  of  rotation.  In  the  former,  we 
rely  on  the  level  (Y)  accelerometer  to  tell  the  computer  exactly 
how  far  off  level  it  was  following  the  rotation,  thus  in  effect 
automatically  indicating  the  true  total  rotation  angle.  Thus, 
even  though  precision  in  effecting  the  rotation  may  be  poor, 
precision  in  measuring  it  can  be  excellent. 


SECTION  5 


LOCAL  DYNAMIC  TESTS 


The  major  goal  of  this  program  was  to  develop  a high 
performance  real  time  autonomous  land  navigation  system  without 
periodic  stopping  constraints  to  perform  velocity  updates.  As 
indicated  in  Reference  [,3]  surprisingly  accurate  results  had  been 
obtained  with  the  zero  side-slip  (ZOSS)  mode  tests  using  the  Ring 
Laser  Gyro  Strapdown  Inertial  System.  Here,  the  same  type  of 
tests  were  repeated  using  the  much  higher  quality  CSDL  SIMS  with 
the  same  basic  Raytheon  software/hardware  system,  as  described 
in  Sections  2 and  3. 

After  completion  of  the  laboratory  and  field  calibration  tests 
described  in  Section  4,  several  dynamic  free  navigation  test  runs 
(totally  unaided)  were  made  around  our  local  test  course  to  deter- 
mine performance  levels.  All  tests  were  begun  in  the  alignment 
and  erection  mode  (A/E) , automatically  leveling  and  gyrocompass ing 
for  about  ten  minutes,  switching  to  the  free  navigation  mode,  and 
traversing  the  local  test  course.  This  17-mile  course,  which 
takes  about  one  hour  to  traverse,  is  a mixture  of  smooth,  rela- 
tively straight  local  highways  and  rough,  winding  bumpy  New 
England  paved  country  roads.  The  course  is  shown  in  Reference  [3]. 
Dynamic  free  navigation  performance  in  the  0.5  to  1.0  nautical 
mile  per  hour  (NMPH)  range  was  consistently  obtained  here.  The 
CSDL  SIMS  appears  to  produce  an  order  of  magnitude  better  results 
than  that  obtained  with  the  strapdown  system  tested  using  the 
Sperry  laser  gyros. 

Once  the  baseline  dynamic  free  navigation  performance  level 
was  established,  we  turned  our  attention  to  testing  in  the  ZOSS 
mode  to  try  to  determine  the  ultimate  accuracy  of  the  technique. 

A typical  ZOSS  test  began  in  the  A/E  mode,  leveling  and  gyrocom- 
passing  for  ten  minutes,  transferring  to  the  calibration  mode  for 
three  to  five  minutes  to  fine  trim  any  offsets,  and  finally  trans- 
ferring to  the  ZOSS  mode,  leaving  shortly  thereafter  to  traverse 
the  test  course.  The  level  gyro  drifts  were  checked  daily  using 
the  field  calibration  procedure  and  corrected  as  required.  Occa- 
sionally the  azimuth  gyro  was  calibrated  and  even  more  rarely  the 
level  accelerometers.  We  found  the  accelerometers  to  always  be 
within  10  milligals  (usually  5)  of  the  original  values  taken  at 
CSDL  before  going  to  the  field.  Gyro  drift  changes,  on  the  other 
hand,  were  somewhat  larger  than  would  be  expected  from  laboratory 
experience.  The  major  reason  for  inertial  instrument  drift  was 


assumed  to  be  thermal.  The  Mobile  Test  Van  did  not  have  adequate 
thermal  control.  We  eventually  installed  a wooden  shroud  with  a 
thermally  controlled  fan  over  the  IMU  to  temper  the  environment 
seen  by  the  CSDL  SIMU. 

The  first  ZOSS  tests  had  the  vertical  channel  clamped,  as  it 
had  been  for  the  tests  with  the  laser  gyro  system.  The  results 
of  the  first  few  local  ZOSS  runs  were  consistent,  with  the  radial 
closure  error  always  less  than  100  feet.  But  at  a couple  of  check- 
points, latitude  errors  of  2 arc  seconds  (200  feet)  were  observed 
and  another  checkpoint  had  a longitude  error  of  3 arc  seconds 
(225  feet)  consistently.  We  had  originally  scaled  our  checkpoints 
from  the  appropriate  Geological  Survey  maps  to  the  nearest  arc 
second  (so  we  thought) . After  carefully  rescaling  the  checkpoints, 
checking  the  locations,  and  accounting  for  uncertainty  due  to 
changes  such  as  road  relocation,  it  turned  out  the  ZOSS  navigator 
was  a much  better  locator  than  we  were.  Table  5-1  lists  the 
checkpoints  and  their  corrected  coordinates. 

Although  several  modifications  were  made  to  the  Kalman  filter 
as  the  ZOSS  mode  evolved  into  its  final  configuration,  none  of 
these  changes  seemed  to  affect  the  local  test  results  signifi- 
cantly. As  we  developed  Kalman  filter  concepts  we  would  test  them 
on  the  local  test  course  before  proceeding  to  the  extended  test 
course.  Tables  5-2  and  5-3  list  the  results  for  the  latitude  and 
longitude  channels  respectively  for  various  test  runs  accrued 
over  the  course  of  the  program  representative  of  the  data  obtained. 
The  errors  are  indicated  to  the  nearest  arc  second  (approximately 
100  feet  in  latitude  and  75  feet  in  longitude)  as  they  were  read 
from  the  CDU.  These  runs  had  a mix  of  stopping  at  a checkpoint 
to  get  a reading,  and  drive-bys  estimating  to  the  nearest  arc 
second  from  the  CDU.  Actual  location  at  each  checkpoint  was 
probably  only  good  to  about  25  feet  as  we  attempted  to  physically 
use  the  same  land  mark  each  time;  i.e.,  the  course  was  not  accu- 
rately surveyed  in  and  marked,  but  scaled  off  the  Geological  maps 
as  indicated  above. 

Section  6 describes  the  evolution  of  the  ZOSS  filter  and  the 
extended  test  results.  As  described  therein,  in  December  1975  we 
added  an  altitude  rate  estimator  routine  to  the  navigator  to 
uncouple  the  vertical  error  coupling  from  the  horizontal  channels. 
The  navigation  R equation  (which  had  been  clamped)  was  replaced 
with  one  based  on  the  resolution  of  the  ground  speed  to  the 
vertical  using  the  appropriate  direction  cosine  matrix  element 
with  an  offset  factor.  This  new  R was  then  integrated  to  yield  R. 
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SUDBURY,  MASSACHUSETTS  TEST  COURSE 
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LOCAL  TEST  COURSE  ZOSS  LATITUDE  ERRORS 
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LOCAL  TEST  COURSE  ZOSS  LONGITUDE  ERRORS 
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The  first  four  runs  of  Table  5-4  are  representative  of  the  alti- 
tude error  data  obtained  on  the  local  test  course  after  the  offset 
angle  had  been  determined.  By  now  a routine  had  been  added  to 
the  software  package  that  caused  the  current  latitude,  longitude, 
and  altitude  to  be  saved  and  printed  on  the  line  printer  at  the 
next  opportunity  using  a sense  switch  on  the  RAC-251  computer. 

This  allowed  us  to  more  accurately  record  the  indicated  checkpoint 
position  on  the  fly. 

In  April  of  1976,  we  further  modified  the  vertical  channel  by 
implementing  a full  fledged  vertical  filter  using  the  ZEUS  option 
(see  Section  2) . The  altitude  data  shown  in  the  last  three  runs 
of  Table  5-4  were  taken  in  this  configuration.  Spherical  closure 
errors  under  25  feet  were  not  uncommon  in  this  configuration  for 
local  dynamic  runs. 


5-6 


^Without  ZEUS 
* 'With  ZEUS 


5-1 


SECTION  6 


EXTENDED  NAVIGATION  TESTS 


The  performance  of  the  system  operated  in  the  zero  side-slip 
(ZOSS)  mode  was  consistently  accurate  for  the  local  dynamic  tests, 
as  indicated  in  the  previous  section.  The  local  run  system  error 
appears  to  be  bounded  by  100  feet  radial  error  for  all  runs  and 
by  100  feet  spherical  error  in  the  final  ZOSS  with  zero  up-slip 
(ZEUS)  filter  configuration.  For  all  practical  purposes,  the 
CDU  quantization  error  (1  arc  second)  and  map  error  are  the  domi- 
nating error  sources. 

Since  the  ZOSS  mode  makes  use  of  the  lateral  constraint  of 
the  vehicle  and  the  local  test  course  was  a relatively  short, 
winding  closed  path  (17  miles  long  with  a 6-mile  maximum  radial 
departure)  the  hypothesis  had  been  advanced  in  the  original  ZOSS 
test  with  the  Ring  Laser  Gyro  Strapdown  Inertial  System  (Reference 
[3])  that  the  good  performance  was  due  in  part  to  path  geometry. 

So  a relatively  straight  course  had  been  set  up  using  the  Massa- 
chusetts Turnpike  for  the  base.  It  was  the  best  available  course 
to  examine  the  filter  performance  for  relatively  poorly  conditioned 
geometry.  This  test  course,  which  is  shown  in  Reference  r3],  is 
117  miles  one  way  with  a maximum  separation  of  100  miles  at  the 
end  point.  It  is  basically  an  east-west  traverse  which  runs  from 
the  Raytheon,  Sudbury,  facility  in  eastern  Massachusetts  to  a 
point  just  over  the  New  York  state  border  and  back  over  the  same 
route.  Table  6-1  lists  the  coordinates  of  the  checkpoints  and 
their  road  distance  from  the  starting  point.  One  easily  identi- 
fiable checkpoint  such  as  a river,  underpass,  or  overpass  was 
chosen  for  each  7.5  minute  Geological  Survey  quadrangle  traversed, 
with  additional  points  in  the  beginning  and  far  point  quadrangles. 

As  discussed  earlier,  the  same  basic  Raytheon  software/ 
hardware  package  was  used  in  testing  with  the  CSDL  SIMU  as  with 
the  Ring  Laser  Gyro  IMU.  The  exceptions  of  course  were  in  the 
software  interface  area,  instrument  compensation  routine,  and 
filter  parameters.  Although  both  inertial  measurement  units 
tested  were  strapdown  configurations,  there  were  radical  differ- 
ences in  their  construction,  error  models,  and  error  character- 
istics (see  Section  2 and  3 herein  and  in  Reference  r3  ])  . The 
Kalman  filter  parameters  were  selected  to  suit  the  particular 
system  being  tested.  Table  6-2  compares  the  filter  parameters 
ordinarily  used  with  each  system.  It  is  readily  seen  that  the 
gyro  and  accelerometer  error  parameters  are  about  an  order  of 
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TABLE  6-2 
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FILTER  PARAMETERS 


RLG  SIMU  Tests 

CSDL  SIMU  Tests 

Gyro  Initial  Bias 

6 meru 

0.2  meru 

Gyro  Wide-Band  Noise 

2 

(20  usee)  /sec 

0 

Gyro  Random  Walk 

(1  meru) ^/hr 

2 

(0.1  meru)  /hr 

Accelerometer  Initial  Bias 

100  mgals 

20  mgals 

Accelerometer  Random  Walk 

(100  mgals) ^/hr 

(5  mgals) ^/hr 

Initial  Azimuth 

0 (optical) 

0.5  mrads 

Level  Angle  Offset 

0.1  mrads 

0.02  mrads 

Velocity  Measurement  CAL  Mode 

0.01  ft/sec 

0.01  ft/sec 

Velocity  Measurement  ZOSS 

0.5  ft/sec 

ZOSS  Prefilter 

magnitude  apart  with  the  exception  that  the  CSDL  gyros  do  not 
exhibit  any  wide-band  noise  (random  walk  in  output  angular  error  - 
see  Reference  [5].  These  values  were  derived  from  our  laboratory 
and  field  calibration  tests  with  both  systems  and  verified  by  the 
free  navigation  performance.  Section  3 contains  a detailed  des- 
cription of  the  final  Kalman  filter  formulation  used  here,  and 
Sections  2 and  5 of  Reference  [3]  do  the  same  for  the  Ring  Laser 
Gyro  Tests. 
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The  extended  ZOSS  tests  on  the  Massachusetts  Turnpike  test 
course  were  begun  after  the  system  and  software  were  completely 
checked  out  by  local  free  navigation  and  ZOSS  tests  as  discussed 
in  Section  5.  The  first  five  extended  ZOSS  tests  performed  in 
October  and  November  of  1975  were  with  the  same  Kalman  filter 
formulation  as  used  with  the  Ring  Laser  Gyro  tests.  The  start 
procedure  was  the  same  as  with  the  local  ZOSS  tests:  start  in 

the  A/E  mode  for  ten  minutes,  transferring  to  calibration  mode 
for  three  to  five  minutes,  then  switching  to  ZOSS  and  departing. 
All  checkpoints  were  taken  on  the  fly  with  no  stopping  except 
for  the  toll  booths  getting  onto  and  off  the  Massachusetts  Turn- 
pike and  lunch  at  the  far  end.  A typical  run  took  2-1/2  hours  to 
get  to  the  far  point  where  we  put  the  system  in  the  calibration 
mode  for  about  an  hour  while  we  ate  lunch.  After  lunch  we  trans- 
ferred to  the  ZOSS  mode  and  returned.  Our  ground  speed  varied 
from  about  20  to  30  MPH  on  the  steep  hills  to  50  MPH  on  the  level 
and  faster  downhill. 
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In  the  figures  which  follow,  each  of  the  symbols  on  the  curves 
represents  an  error  value  at  a checkpoint.  The  data  points  are 
connected  by  straight  line  segments  on  the  graphs  for  visual 
purposes  only.  The  numbers  above  the  curve  represent  the  check- 
point number  whose  coordinates  can  be  found  in  Table  6-1.  Figure 
6-1  shows  the  RMS  longitude  errors  versus  distance  travelled  for 
these  first  five  runs  along  with  the  RMS  longitude  data  from  the 
original  extended  ZOSS  tests  using  the  Sperry  ring  laser  gyros. 
Although  there  was  some  improvement,  it  was  nowhere  near  the  per- 
formance level  we  expected  or  had  observed  in  the  local  runs. 
During  these  first  five  runs  some  minor  modifications  were  made, 
mainly  to  the  Kalman  filter,  adding  the  zero  side-slip  smoothing 
prefilter  (run  #2) ; second  order  covariance  integration  and  better 
synchronization  of  the  direction  cosine  matrix  for  side-slip 
velocity  resolution  (run  #3) ; IMU-to-van  boresight  error  replacing 
the  y accelerometer  error  in  the  state  formulation  (run  #4) ; and 
a thermal  shroud  with  temperature  controller  placed  over  the  CSDL 
SIMU  (run  #5) . None  of  these  modifications  made  any  significant 
difference  in  the  results.  The  local  test  runs  were  still  excel- 
lent and  the  extended  runs  about  the  same. 

Looking  at  the  RMS  longitude  and  latitude  data  from  these 
first  five  runs  (x  curve  Figures  6-1  and  6-2) , one  sees  an 
obvious  error  growth  as  the  far  point  is  approached  (checkpoint 
#21)  and  a corresponding  decrease  in  error  as  the.^system  returns. 
This  correlation  between  distance  from  the  starting  point  and 
error  magnitude  was  traced  to  the  ground  speed  calculation  in  the 
Kalman  filter.  A simple  spherical  earth  model  had  been  used  in 
calculating  ground  speed  for'  output  purposes  and  the  Kalman  filter 
ZOSS  interface.  This  caused  small  errors  in  the  ground  speed  due 
to  earth  flattening  effects  which  get  larger  the  farther  one 
travels  away  from  the  starting  point. 

This  error  was  corrected  in  the  beginning  of  December  1975  by 
changing  the  ground  speed  determination  routine  to  use  the  earth 
radii  based  on  the  ellipticity  and  the  current  latitude  from  the 
navigation  routine.  The  next  long  ZOSS  run  (#6  performed  on 
December  2,  1975)  was  significantly  improved.  The  maximum  longi- 
tude error  indicated  was  9 arc  seconds  (675  feet)  while  the  maxi- 
mum latitude  error  indicated  was  8 arc  seconds  (800  feet) . This 
appeared  to  solve  the  major  offset  distance  problem. 
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The  residual  horizontal  errors  were  now  small  enough  to 
motivate  us  to  re-examine  the  software  for  other  small  error 
sources  which  might  not  have  been  visible  in  prior  tests  with 
less  accurate  instruments.  The  clamped  vertical  channel  was  a 
prime  suspect,  since  altitude-dependent  terms  which  in  fact  feed 
into  the  horizontal  channels  were  not  being  computed.  Accordingly, 
we  developed  a quick-and-dirty  altitude  estimation  routine,  based 
on  resolving  forward  speed  through  the  pitch  angle  of  the  SIMU 
augmented  by  a pitch  offset  between  the  SIMU  and  the  van. 

The  horizontal  channel  data  obtained  with  the  modified  soft- 
ware was  much  improved.  The  open  circle  data  points  in  Figures 
6-1  and  6-2  represent  the  RMS  longitude  and  latitude  errors  for 
the  second  five  Massachusetts  Turnpike  runs  to  New  York.  The 
first  of  these,  run  #6  of  December  2,  1975,  contained  only  the 
corrected  ground  speed  routine.  It  was  included  with  the  others 
which  had  the  altitude  rate  and  altitude  estimator  mechanized 
as  well,  because  of  the  similarity  in  results. 


Although  the  altitude  estimator  did  not  improve  horizontal 
navigation  as  hoped,  it  worked  surprisingly  well  in  the  altitude 
channel  itself.  The  altitude  estimator  was  variable  in  perfor- 
mance varying  between  40- foot  and  1200- foot  closure  errors 
(corresponding  to  misalignment  angles  of  the  pitch  offset  of  about 
30  microradians  and  1 milliradian  respectively) . Although  we 
attempted  to  calibrate  the  misalignment  angle  through  local  runs 
and  using  data  from  previous  long  runs,  the  actual  angle  the 
"average"  van  velocity  vector  made  with  the  vertical  appeared  to 
be  dependent  on  loading,  speed,  amount  of  gas  in  the  tanks,  and 
things  over  which  we  had  no  control:  wind,  temperature  (stiffness 

of  the  springs),  etc.  In  light  of  this,  some  remarkable  perfor- 
mance was  observed.  We  had  crossed  our  low  point  at  the  Connec- 
ticut river  (110  feet  above  sea  level)  and  high  point  (1740  feet 
high)  within  25  feet. 


Comparing  this  later  data  with  the  first  set  of  data  obtained, 
one  sees  almost  half  an  order  of  magnitude  improvement  in  perfor- 
mance. We  can  hypothesize  that  the  same  level  of  improvement  could 
be  obtained  with  the  Ring  Laser  Gyro  system  if  these  tests  were 
repeated  with  the  improved  software. 
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Analyzing  the  filter  data  from  the  second  five  runs,  we 
noticed  that  the  level  gyro  biases  and  side-slip  misalignment 
angle  as  estimated  by  the  Kalman  filter  were  changing  during  the 
run  in  a somewhat  repeatable  way.  We  at  first  suspected  insuffi- 
cient pre-run  calibration,  and  tried  changing  our  start-up  pro- 
cedures. We  would  start  in  the  A/E  mode  for  ten  minutes  as  usual, 
transfer  to  calibration  mode  for  three  to  five  minutes,  and  then 
to  ZOSS  as  before,  but  then  we  would  make  a one-hour  circuit  of 
the  local  test  course  in  the  ZOSS  mode  (allowing  the  filter  to 
settle) , returning  to  the  starting  point.  The  system  would  be 
briefly  put  in  the  calibration  mode  to  fine  trim  any  velocity 
errors.  We  also  reset  the  latitude,  longitude,  and  altitude 
errors,  then  proceeded  to  New  York  and  back  as  before.  On  one 
of  these  runs  we  experienced  mechanical  difficulties  (could  not 
get  into  high  gear) , but  we  kept  going  anyway.  The  on-the-road 
time  was  extended  from  five  to  seven  hours  with  the  same  type  of 
results.  The  Kalman  filter  error  tended  to  track  in  position, 
not  time.  After  several  runs,  varying  gains  and  filter  parameters 
with  basically  the  same  results,  we  began  asking  the  question  - 
can  we  do  any  better,  or  are  we  limited  by  unmodeled  error  forces, 
e.g.,  gravity  anomalies  and  deflections  of  the  vertical.  A pre- 
liminary analysis  indicated  that  our  horizontal  error  magnitudes 
were  consistent  with  global  RMS  deflections  of  the  vertical,  and 
a subsequently  obtained  anomaly  contour  map  (Figure  6-3)  derived 
from  Reference  [6]  further  suggests  that  the  deflection  on  our 
test  course  would  be  primarily  in  the  east-west  direction. 

Lacking  the  gravity  anomaly  survey  information  of  Refer- 
ence T6]  at  that  time,  we  decided  to  see  if  the  navigation  system 
itself  could  estimate  gravity  anomalies  en  route.  To  do  this, 
we  constructed  the  zero-up-slip  (ZEUS)  filter,  as  described  in 
Section  3.  Following  checkout  of  the  ZEUS  filter  in  local  navi- 
gation tests,  in  which  it  showed  outstanding  ability  to  track 
altitude  (see  Table  5-4) , its  first  extended  test  was  in  New  York 
ZOSS  Run  #15  of  April  28,  1976.  This  was  the  best  run  to  date. 

Our  spherical  closure  error  was  less  than  180  feet.  The  longi- 
tude errors  were  bounded  by  525  feet  and  the  latitude  errors  by 
300  feet.  The  horizontal  error  results  are  shown  in  Figure  6-4. 

It  is  interesting  to  note  that  on  the  return  trip  the  mobile 
test  van  is  typically  100  feet  south  of  where  it  was  on  the  out- 
going trip  due  to  the  width  of  the  divided  highway.  This  is 
evident  in  the  latitude  data  shown  in  Figure  6-4.  One  signifi- 
cant error  source  affecting  the  data  could  have  been  the  uncer- 
tainty of  location  of  the  checkpoints. 
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Figure  6-4 


In  addition  to  the  good  latitude  and  longitude  data,  we 
obtained  some  very  interesting  altitude  and  gravity  anomaly 
data.  Figure  6-5  contains  a plot  of  the  gravity  anomaly  data 
estimated  in  the  navigation  computer,  versus  longitude  for  the 
outbound  and  inbound  portions  of  this  run.  Below  it  on  the  same 
graph,  is  a plot  of  the  indicated  altitude  profile.  It  is  seen 
that  the  indicated  anomalies  correlate  visually  with  the  altitude 
profile,  and  are  consistent  with  the  frequently-encountered 
phenomenon  of  density  anomalies  beneath  mountain  ridges.  It  is 
also  noteworthy  that  the  anomaly  estimates  are  phase-shifted 
between  the  eastbound  and  westbound  legs  of  the  trip,  showing  a 
time  lag  which  is  probably  indicative  of  unrealistic  parameter 
selection  in  the  ZEUS  filter.  We  planned  to  take  more  runs  and 
investigate  further  but  we  developed  problems  with  our  support 
equipment:  generators  and  air  conditioning.  And  while  they  were 

being  repaired,  other  commitments  were  made  for  the  equipment 
and  personnel. 

Finally,  in  December  of  1976,  we  briefly  returned  to  testing 
to  get  some  data  on  the  gravity  anomaly  problem.  With  the  aid 
of  John  Mastroelli  of  CSDL  gravity  readings  were  made  at  selected 
points  on  the  Massachusetts  Turnpike  test  course  using  a LaCoste 
an*’  Romberg  model  G gravimeter.  These  were  at  intermediate  points 
other  than  the  checkpoints  (rest  areas  where  we  could  stop  and 
take  data).  Figure  6-6  shows  the  gravity  anomaly  readings  reduced 
from  the  gravimeter  measurements,  compared  with  the  computer- 
estimated  anomaly  taken  on  the  final  run.  Clearly,  the  ZEUS 
filter  is  indeed  estimating  the  anomalies.  The  reduced  phase 
shift  between  eastbound  and  westbound  anomaly  estimates  is 
probably  due  to  the  frequent  pauses  (about  15  minutes  each)  to 
take  gravimeter  data,  during  which  the  ZEUS  filter  had  time  to 
catch  up. 

To  summarize  the  vertical  navigation  results,  we  may  infer 
even  from  limited  testa  that  the  vertical  (ZEUS)  filter  is  a 
promising  method  of  providing  useful  estimates  of  both  altitude 
and  gravity  anomaly  information.  Furthermore,  the  large  anomaly 
changes  on  our  particular  test  course  are  strongly  suggestive  of 
the  hypothesis  that  unmodeled  deflections  of  the  vertical  are 
responsible  for  much  of  the  residual  error  in  horizontal  naviga- 
tion, particularly  in  the  longitude  channel. 

Figures  6-7  and  6-8  summarize  the  horizontal  error  results  for 
the  eight  complete  extended  ZOSS  runs  since  the  software  repair 
of  run  #6.  The  plotted  data  are  the  ± 1 sigma  errors  about  the 
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mean.  The  large  ratio  of  mean  to  standard  deviation  in  the  early 
longitude  errors  is  strongly  indicative  of  a bias  error  source 
such  as  unmodeled  deflections  of  the  vertical.  Thus,  the  logical 
next  step  in  the  test  program  would  be  to  revise  the  horizontal 
navigation  filter  to  estimate  vertical  deflections,  and  simul- 
taneously to  adjust  the  vertical  filter  coefficients  to  further 
improve  its  ability  to  estimate  altitude  and  gravity  anomalies. 
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SECTION  7 


SUMMARY  AND  CONCLUSIONS 


A series  of 
conducted,  with 


terrestrial  inertial  navigation  tests  were 
the  following  salient  characteristics: 


1.  Raytheon  computation  hardware/software,  as  developed  over 
many  years  of  navigation  testing. 

2.  A high-quality  strapped  down  inertial  measurement 
unit  (CSDL  SIMU)  . 

3.  Careful  laboratory  calibration  of  the  SIMU,  followed 
by  field  calibration  checks  of  gyro  and  accelerometer 
biases . 


4.  No  external  aids  from  optical  references,  landmarks, 
or  fifth  wheel,  etc. 


5.  Special  Raytheon-developed  software  filters  to  take 

advantage  of  motion  constraints  in  a strapped  down  system. 


The  tests  were  conducted  over  both  a short  course  (17  miles,  one 
hour)  and  an  extended  course  (234  miles,  six  hours).  For  runs 
following  corrections  of  known  computational  errors,  the  root- 
mean-square  terminal  errors  are  summarized  below: 


Horizonta 1 
Error 


Error  Growth 
Rate 


Vertical 

Error 


Short  Course  58  ft 

Long  Course  403  ft 


1/105  NMPH  11  ft 

1/90  NMPH  178  ft 


The  root-mean- square  vertical  errors  cited  above  were  for  runs 
using  a vertical  filter  implemented  late  in  the  test  series.  The 
vertical  filter  also  estimated  gravity  anomalies  with  fairly  good 
accuracy.  For  our  best  run  a spherical  closure  error  of  180  feet 
was  observed. 


At  the  conclusion  of  the  currently  reported  tests,  our  opinion 
is  that  the  residual  errors  are  due  primarily  to  irregularities 
in  the  gravity  field,  and  that  further  tests  with  the  computational 
filters  adjusted  to  estimate  and  compensate  these  irregularities 
would  show  further  improvement  in  navigational  accuracy. 
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APPENDIX 


SQUARE- ROOT  KALMAN  FILTER  ALGORITHM 


The  horizontal  navigation  filter  described  in  Section  3.2 
was  programmed  in  a square-root  algebra,  drawn  directly  from 
Kaminski,  et  al,  (Reference  [?]).  We  highly  recommend  this 
algorithm  for  its  greatly  improved  dynamic  range  (compared  to  the 
covariance  Kalman  filter  algebra) . We  also  believe  that  it  saved 
computation  time  in  our  application,  although  at  the  expense  of 
program  storage.  The  basis  for  the  filter  is  a matrix  S which 
is  a square  root  of  the  covariance  P in  the  sense  that 

T 

SS  = P 

The  algorithm  is  divided  into  three  parts:  First,  noise- free 

integration  of  S between  measurements;  second,  a triangulation 
algorithm  to  incorporate  integrated  noise  in  S;  and  third,  the 
update  algorithm. 

Integration 

S = MS  (I- 1) 

where  matrix  M incorporates  the  deterministic  static  equations 
as  described  in  Section  3.2. 

S = S + S at  (1-2) 

where  at  is  the  integration  time  step.  The  equal  sign  here  (and 
below)  always  represents  a replacement  operation.  For  a strapped 
down  system,  the  elements  of  M may  change  drastically  during  the 
integration,  so  there  is  no  useful  way  to  cheat  with  a pre-computed 
transition  matrix. 

Trianaulariza tion  Algorithm 

The  purpose  of  the  triangularization  algorithm  is  to  "add" 
the  integrated  square-root  noise  matrix  (q)  to  the  integrated 
square-root  covariance  matrix.  If  q is  adjoined  to  S to  form  a 
(N  by  2N)  matrix 

A =*  (S  q)  (T-l) 

t 


A-l 


T 

then  it  is  seen  that  if  q q = Q,  then 
T 

AA  = P + Q (T-2) 

which  is  the  desired  form.  The  triangularization  algorithm 
in  effect  post-multiplies  A by  an  orthogonal  matrix  in  such  a 
way  that  the  right  half  of  A is  reduced  to  zero.  Note  that 
equation  T-2  is  preserved  if  A is  post-multiplied  by  any  ortho- 
gonal matrix.  Thus,  after  the  algorithm,  the  noise  has  in  effect 
been  incorporated  back  into  the  left  half  of  A (namely,  S) , which 
is  the  desired  result.  The  algorithm  does  not  explicitly  find 
the  orthogonal  matrix,  but  proceeds  by  elementary  row  operations 
as  follows. 


K * 1 (row  counter) 

(T-3) 

’ ' 3i9n(AKK>  (£k  AKJ  ) 

(T-4) 

If  K=  N,  to  step  (T-10).  Otherwise 

(T-5) 

S = 1/a  (a  + A^) 

(T-6) 

akk  * akk  + ” 

(T-7) 

Do  the  next  two  steps  for  L = K + 1:1 sN 


2N 

* - a L 

J=K 


For 

J“  K:  1 : 2N 

A.  _ 

« A - Y A 

LJ 

LJ  KJ 

A 

= -a  and  A„_  * 

KK 

KJ 

Done  if 

K ■ N,  otherwise 

0 if  J exceeds  K 
step  K and  go  to  (T-4) 


(T-8) 


(T-9) 

(T-10) 


i 


Measurement  Update 

For  each  scalar  measurement  Z,  there  is  a corresponding 
measurement  matrix  C (actually,  a row  vector)  and  a measurement 
noise  variance  R,  with  details  as  noted  in  Section  3.2.  The 
computation  is  as  follows. 


T T 
F = S C 

(M-l) 

a = 1/(FTF  + R) 

(M-2) 

K = S F a 

(M-3) 

AX  = K z 

(M-4) 

V = 1/^1  + (R  a)^ 

(M-5) 

S = S - y K FT 

(M-6) 

In  the  foregoing,  the  F v :ctor  is  a useful  intermediate  to 
save  computation;  a is  the  reciprocal  of  the  expected  variance 
of  the  measurement  from  the  state  prediction;  K is  the  Hainan 
gain  vector;  AX  is  the  correction  to  the  state  vector;  and  v is 
the  magic  factor  which  makes  equation  (M-6)  work. 
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INTRODUCTION 


The  implementation  of  inertial  grade  strapdown  navigation  systems  requires 
a precise  knowledge  of  vehicle  angular  motion  as  well  as  linear  accelera- 
tions. These  are  provided  respectively  by  high  accuracy  rate  gyroscopes 
and  linear  accelerometers.  Recent  advances  in  instrument  technology, 
especially  in  dry  tuned  gyros,  have  provided  sensors  which  have  the  po- 
tential of  very  accurate  determination  of  angular  rates  and  accelerations 
over  a broad  spectrum  of  dynamic  conditions.  In  order  to  realize  this 
potential,  it  is  necessary  to  be  able  to  account  for  i.  e.  , compensate, 
several  instrument  and  system  effects  that  would  otherwise  obscure  vehicle 
motions.  This  in  turn  requires  a precise  laboratory  measurement  and 
isolation  of  the  necessary  parameters  at  the  instrument  level  via  system 
level  calibrations. 

This  paper  presents  the  development  of  a method  of  calibrating  a skewed- 
axis  strapdown  inertial  navigation  system.  The  particular  strapdown 
system  considered  uses  two  two-degree-of-freedom  dry  tuned  gyros  and 
three  linear  accelerometers  as  a single  thread  element  in  a quadruply 
redundant  system.  Both  the  theory  and  implementation  of  the  calibration 
techniques  are  described  and  data  are  presented  after  a brief  system 
description. 


II  SYSTEM  DESCRIPTION 

A quadruply  redundant  digital  strapdown  navigation  system  has  recently  been 
developed  for  the  Messerschmitt- B'o'lkow- Rlohm  Aircraft  Company  of  West 
Germany.  This  system,  designated  as  RIICS  (Redundant  Inertial  Information 
and  Computation  System)  is  the  major  sensor  and  computational  element  in  a 
control  configured  test  vehicle. 
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Four  independent  digital  computer /converter  units,  together  with  four 
strapdown  inertial  measurement  units  and  a single  control  display  unit 
constitute  the  system.  This  configuration  provides  for  a Fail-Op/Fail  Op/ 
Fail  Safe  flight  system.  The  computer  units,  as  shown  in  figure  1 are 
Teledyne  System  Company  TDY-43  computers.  Each  unit  is  a 16K  x 16  bit 
machine  (expandable  to  32K  with  plug-in  and  64K  potential).  It  has  a 
3.  36  MHz  clock  yielding  a typical  thru-put  of  320K  ops.  It  has  special 
features  for  flight  control  data  and  IMU  interface  which  include: 

(1)  128  dc  analog  input  channels  (+_  10  vdc). 

(2)  8 dc  analog  output  channels  (_f_  10  vdc). 

(3)  High  speed  independent  inter-box  DMA  channels,  which  allow 
up  to  a IK  block  of  data  to  be  automatically  transferred  to  the 
3 recipient  computers. 

(4)  8 x 16  BIT  Parallel  input  logic  words. 

(5)  8x16  BIT  Parallel  output  logic  words. 

(6)  Programmable  real  time  counter. 

(7)  IMU  and  CDU  interfaces  using  a serial  channel  I/O,  converted 
to  IC  RAM  DMA  which  eliminates  program  control. 

(8)  2K  IC  RAM  which  allows  faster  processing  of  selected  sub- 
routines. 

The  four  system  inertial  units  (IMU's)  are  Teledyne  TDS-3D  systems. 

A photograph  of  the  4 IMU’s  per  system  is  shown  in  figure  2.  These 

systems  utilize  three  linear  accelerometers  and  two  two-deg ree -of - 

freedom  dry  tuned  gyros  in  a non-orthogonal  configuration  as  depicted  in 

figure  3.  The  two  gyros  are  skewed  with  respect  to  the  vehicle  roll  axis 
o 

by  30  , while  the  three  accelerometers  are  arranged  in  a conventional 
orthogonal  configuration. 
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The  strapdown  inertial  sensor  is  the  primary  sensor  for  all  aircraft 
attitude  control  and  guidance.  A single  IMIJ  contains  all  of  the  instruments, 
caging  electronics,  conversion  electronics  and  computer  interface  for  one 
of  the  four  channels. 

A key  element  in  the  system  is  the  Teledyne  SDG-5  strapdown  gyro.  The 
strapdown  gyro  has  been  designed  specifically  for  high-grade  strapdown 
inertial  navigation  systems.  The  gyro  is  dry  and  features  an  elastically 
supported  rotor  with  a dynamically  tuned  suspension  system.  A cutaway 
view  of  the  gyro  is  shown  in  figure  4. 

The  accelerometer  utilized  in  the  RIICS  system  is  the  Systror. -Donne r 
model  4841  linear  accelerometer,  which  has  performance  characteristics 
consistent  with  the  requirements  of  an  inertial  grade  strapdown  system 
and  which  has  been  used  in  other  similar  applications.  Figure  5 shows  a 
photograph  of  the  device. 

The  final  major  element  of  the  RIICS  system  is  the  control  and  display 
unit  (CDU).  This  unit  provides  the  interface  between  the  operator  and  the 
quad  system.  This  system  has  internal  redundancy  features  and  is 
separately  connected  to  each  computer. 

Figure  6 shows  the  front  panel  of  the  RIICS  CDU.  It  possesses  the  following 
fe  atures ; 

(1)  An  integral  navigation  and  flight  control  display  unit. 

(2)  Simultaneous  and  independent  communication  to  all  four 
computers.  Inputs  for  display  from  a switch  selected 
computer. 

(3)  Quadruply  redundant  feature  for  flight  critical  elements  e.  g.  , 
flight  control  selection  switches  and  system  failure  displays. 
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(4)  Protection  against  single  failure /multiple  effect  conditions. 


(5)  Total  software  control  of  display  functions  is  augmented  by 
display  CUEING  to  assist  in  operator  interface. 

Formulation  of  the  calibration  problem  for  the  skewed  axis  system  just 
described  is  developed  in  the  next  section. 

Ill  THE  CALIBRATION  PROBLEM 

The  basic  navigation  problem,  whether  for  strapdown  or  gimballed 
systems,  requires  the  integration  of  vehicle  accelerations  in  a reference 
navigational  coordinate  frame.  For  a gimballed  system  this  is  provided 
directly  by  the  compensated  platform  accelerometer  outputs.  For  a strap- 
down  system  these  are  provided  by  a transformation  of  the  body  mounted 
accelerometer  outputs  through  the  body  to  reference  frame  transformation. 
This  transformation  is  provided  by  a measurement  and  subsequent  inte- 
gration of  body  axis  angular  rates  as  indicated  by  the  body  mounted  rate 
gyros.  This  latter  mathematical  operation  is  performed  entirely  in  the 
system  computer  and  completely  replaces  the  complex  mechanical  and 
electrical  structure  of  a platform.  A flow  of  computations  is  depicted  in 
figure  7,  wherein  the  vehicle  attitude  is  shown  to  be  represented  by  a 
quaternion. 

As  may  be  noted  from  the  figure,  both  gyro  and  accelerometer  compensa- 
tion is  required  before  the  attitude  integration,  acceleration  resolution 
and  navigation  computations  may  be  performed.  This  is  required  so  that 
the  various  non-ideal  mechanisms  of  the  sensors  may  be  removed.  For 
the  accelerometers  this  includes  the  effects  of: 

bias 

scale  factor 
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axis  alignment 
temperature  effects 


For  the  gyros  this  includes: 
bias 

scale  factor 
axis  alignments 
mass  unbalance 
quadrature  g - sensitivity 
anisoelasticity 

temperature  variation  of  scale  factor 
temperature  variation  of  bias 
temperature  variation  of  mass  unbalance 

As  seen  in  the  previous  section  (figure  3)the  gyros  are  mounted  in  a non- 
orthogonal  fashion  both  with  respect  to  th.e  body  principal  axes  and  with 
respect  to  each  other.  This  presents  a particularly  unique  set  of  con- 
straints under  which  calibration  of  the  system  parameters  may  be 
accomplished.  In  particular  it  may  be  noted  that  standard  instrument  type 
tests  of  the  gyro  within  the  system  e.g.  , a four  point  vertical  test,  would 
require  cumbersome  test  fixtures  and  procedures.  As  developed  in  this 
discussion  however,  the  particular  system  level  approach  taken  results 
in  a straightforward  and  simple  set  of  procedures  for  the  calibration  that 
is  independent  of  the  instrument  configuration. 

As  a basis  for  the  mathematical  developments  to  follow,  consider  the 
equations  for  the  static  torques  measured  by  the  two  deg ree -of -freedom 
gyro  (refer  to  figure  8). 
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The  nomenclature  of  the  equations  is  defined  in  the  glossary  of  terms. 

Fundamentally  these  equations  show  the  gyro  torque  measurements  as 

2 

consisting  of  the  cross  axis  rate  plus  bias,  g and  g effects,  and  rates 
coupled  through  small  angle  misalignments.  In  addition,  implicit  in  the 
above  relation  is  a linear  temperature  dependence  of  the  scale  factor,  mass 
unbalance  and  bias,  viz-. 

DSF  DSF  -i  DSF  T 
0 T 

P = P0+PT  T 
B = Bq>  Bt  T 


For  the  accelerometer,  the  basic  measurement  is: 

A.  = SF A ja.  + L . a.  + a,  + b 1 
l i | i ij  J ik  k ij 


Here,  the  input  acceleration  a.  is  corrupted  by  misalignments  ? and  bias 
while  being  measured  through  the  scale  factor  SFA  . 

i 


The  gyro  and  accelerometer  equations  as  given  above  represent  both  the 
models  for  the  error  producing  mechanisms  as  well  as  the  basis  for 
implementing  software  compensation  of  these  errors.  The  software  com- 
pensation utilizes  values  for  the  sensor  coefficients  as  determined  from 
calibration  procedures  described  in  detail  below.  The  specifics  of  the  soft- 
ware compensation  follow  directly  from  the  equations  and  are  graphically 
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depicted  in  figures  9 and  10  for  the  accelerometers  and  gyros 
respectively. 

There  are  three  basic  procedures  utilized  in  the  calibration  of  the  strap- 
down  system  sensors.  These  are: 

1.  Static  System  Calibration  (Gyros  and  Accelerometers) 

2.  Rate  Calibration  (gyros  only) 

3.  Temperature  Calibration 

In  general,  each  of  the  calibration  procedures  is  designed  to  automate  the 

acquisition,  annotation,  transfer,  and  processing  of  data  for  the  calibra- 
tion. Figure  11  shows  the  basic  system  configuration  and  interfaces 
employed  during  system  calibration. 

Each  of  the  three  basic  procedures  is  organized  according  to  a single 
general  basic  calibration  procedure.  The  basic  calibration  procedure 
consists  of  five  steps: 

a.  Creation  of  data  tapes  - acquisition  of  measured  calibration 
data  on  punched  paper  tape  via  TTY1. 

b.  Creation  of  data  tape  files  - data  is  stored  on  off-line  disk 
file  via  TTY2. 

c.  Execution  of  calibration  equations  - processing  and  creation  of 
constants  tape  disk  files  on  off-line  processor. 

d.  Creation  of  constants  tapes  - punch  paper  tape  from  disk  files. 

e.  Entering  calibration  constants  into  the  system  - read  octal 
constant  values  into  operational  program. 
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The  System  Calibration  procedures  are  a very  important  part  of  the  system 
development  process.  In  addition  to  being  a means  of  calculating  a specific 
set  of  constants,  they  are  also  a sophisticated  means  of  testing  for  system 
errors,  e.  g.  , model  validation,  repeatability,  stability  etc.  They  are 
also  extremely  useful  in  software  compensation  checkout  in  that  a "closure'’ 
calibration  may  be  performed.  This  consists  in  using  previously  deter- 
mined calibration  constants  and  software  compensated  data  as  the  basis  for 
a new  calibration.  Under  ideal  conditions,  the  newly  calculated  data  will 
reveal  unit  scale  factors  and  zeroes  for  all  other  parameters.  Otherwise, 
either  a hardware  or  software  inconsistency  exists. 

The  development  of  the  three  calibration  procedures  is  developed  in  the 
next  section. 

IV  THE  RATE  CALIBRATION 

The  rate  test  is  performed  to  measure  the  system  level  gyro  scale  factors, 
the  body  to  gyro  direction  cosine  elements,  and  the  gyro  axis  angular  mis- 
alignments from  the  nominal  cluster  design  values. 

The  scale  factors  are  used  in  both  the  static  data  problem  and  the  system 
software  compensation  calculations.  The  angular  misalignments  are  used 
in  the  system  software  compensation  calculations,  while  the  direction  co- 
sines are  applied  within  the  static  calibration  problem. 

The  test  is  performed  on  a precision  rate  table  (see  figure  12)  and  consists 
of  a three  position,  two  direction  each  test.  Although  two  independent 
solution  algorithms  are  used  the  raw  input  data  is  common  and  obtained 
from  a simplified  four  step  procedure. 
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1.  The  system  level  constants  are  initialized. 

2.  A data  file  is  initialized  with  a titling  header  containing 
pertinent  system  and  test  data.  This  data  file  may  take  the 
form  of  a punched  paper  or  magnetic  cassette  tape.  (See 
figure  13. ) 

3.  The  instrument  cluster  is  mounted  on  the  rate  table  in  one  of 
the  test  positions  allowing  the  rate  input  vector  and  the  cluster 
body  axis  to  be  coincident.  The  rate  table  is  driven  through 
exactly  360  at  a fixed  rate.  During  the  rotation  the  system 

is  command  via  a computer  discrete  from  the  rate  table 
encoder  to  gather  and  average  gyro  torquer  information.  The 
discrete  also  starts  and  stops  a precision  clock  that  allows  the 
average  table  rate  to  be  computed.  At  the  end  of  each  rotation 
the  test  position  identification  number,  the  averaged  gyro 
torquer  equivalent  rates,  and  the  precision  clock  times  are 
recorded  on  the  data  file. 

This  is  repeated  for  three  positions,  two  directions  for  each 
position  until  the  raw  rate  data  set  is  complete. 

4.  The  raw  data  set  is  then  stored  on  an  off  line  computer  disc 
where  the  desired  parameters  are  later  extracted. 

The  two  equations  assumed  for  the  rate  test  solutions  are  shown  for  the 

X body  rate  case.  The  superscript  also  denotes  this  condition. 

For  static  calibration  applications: 

*'  = 0 ♦ “F.)  (cnwx  * I.„] 
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Mx  = (1  t DSFx)icnwx  + e2l  c *x  *c„  ;yzo,x  t s«x) 


Where  If  s the  sum  of  all  non  rate  related  error  torques;  bias,  mass 
x 

unbalance,  quadrature,  etc. 

It  is  obvious  that  the  two  equations  must  be  equivalent  and  therefore  the 
relationship  between  the  true  direction  cosines  of  (a)  and  the  Misalignments 
of  (b)  may  be  expressed  as: 


8 ifMjSbbjii 


(1  + DSF  )Acu 
x Y 


(1  + DSF  )A cu 
x Z 


Here  we  let  the  mathematical  prefix  A signify  the  algebraic  difference 
between  CW  and  CCW  torques /rates,  (e.g.  Aw  = u>  - uj  ) 

X xcw  xccw 

It  is  also  clear  that  the  term  disappears  when  differences  are  taken. 

Since  we  need  direction  cosines  for  the  spin  axis  also  but  are  unable  to 
measure  torques  we  perform  a vector  cross  product  of  x x y.  Thus  all 
necessary  axes  are  located. 

The  solution  for  the  scale  factors  and  misalignments  is  an  application  of  the 
small  an^le  estimate  and  linear  algebra.  The  reference  equation  (b)  may 
be  re-written  in  matrix  form  including  the  test  information  from  the  other 
two  test  positions.  Thus; 


enA"x  te2iA"xt53iA"xl[;’ltDSFx’ 


^lZ^Y  f C22  A“Y  + Sz^Y  (1  + DSFX^ 


+ S3  + e33^zJ  \[l  + DSFx^ 


x yx 


where  C_  a nominal  design  direction  cosine. 

This  matrix  equation  is  of  the  form  B = A ,fx  where  v is  the  unknown  vector 
of  scale  factors  and  misalignments.  The  solution  is  /a  = A ^ B 


The  misalignments  are  separated  from  the  scale  factors  by  dividing  by 
the  scale  factor  - the  first  element  of  the  vector. 

In  both  algorithms  the  most  serious  error  contributors  are  uncompensated 
temperature  variations  and  non-orthogonalities  of  body  input  rates.  It  is 
imperative  that  both  of  these  be  thoroughly  monitored.  Other  less  con- 
tributory factors  include  wow  and  flutter  in  the  rate  table  and  timing  errors. 
It  is  also  important  that  the  absolute  values  of  the  total  inertial  input  rates 
be  somewhat  equal  although  1%  variations  may  be  tolerated. 

V STATIC  CALIBRATION 

The  purpose  of  the  static  calibration  procedure  is  to  determine  coefficient 
values  for  the  error  producing  mechanisms  in  both  the  gyros  and  acceler- 
ometers. 

For  the  gyro  these  include: 

mass  unbalance 
quadrature  g-sensitivity 
fixed  bias 
anisoelasticity 

For  the  accelerometer,  mechanisms  include: 

scale  factor 
fixed  bias 

axis  misalignments 


The  procedure  followed  is  to  accurately  position  the  instrument  cluster 
into  a series  of  orientations  so  that  both  the  inertial  angular  input  vector 
and  the  local  gravity  vector  to  the  cluster  body  axes  are  well  defined. 
(See  figure  14. ) 


12 


The  angular  input  and  linear  acceleration  vectors  excite  the  instrument 
error  parameters  through  the  body  to  instrument  transformation  matrices 
determined  during  the  rate  tests.  Since  the  scale  factor  is  known  from  the 
rate  test  and  the  rate  input  vector  is  well  defined  for  each  position,  the 
x-axis  static  equation  for  any  given  position  may  be  written  as: 


M 

x 

H (1  f DSF  ) 
x 


- UJ  = -P  a +Q  a +B 
y x y xx  x 


A a a 
x y z 


With  N data  positions  taken  we  may  load  up  a N x 4 coefficient  matrix  and 
solve  for  the  unknown  parameters.  Since  the  rank  of  the  matrix  is  4 but  its 
order  may  be  greater  than  4 the  solution  becomes  more  than  a simple 
matrix  inversion.  The  mathematical  basis  for  the  solution  is  developed 
in  the  appendix.  The  solution  algorithm  is  repeated  for  each  gyro  axis. 

Although  the  same  routine  could  be  applied  to  the  accelerometer  problem 
it  is  not  since  they  are  nominally  orthogonal  to  the  body  axes.  We  there- 
fore apply  a straightforward  and  standard  approach  using  simple  sums  and 
differences.  The  accelerometer  solution  is  carried  further  than  necessary 
to  yield  integrity  checks  of  the  test  platform  positioning  accuracy  or 
possible  cluster  mount  torsional  sag. 

The  ideal  set,  and  best  subsets  of  positions  used  is  determined  from  a 
covariance  analysis  described  in  the  appendix.  The  minimum  number  of 
required  positions  for  a complete  solution  is  six.  The  procedure  followed 
during  a static  calibration  cycle  is  a four  step  procedure. 

1.  The  system  level  constants  are  initialized. 

2.  A data  file  is  initialized  as  in  the  rate  test. 
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3.  The  Instrument  cluster  is  then  placed  in  a numbered  test 
position.  The  system  is  commanded  to  gather  and  average 
instrument  data  over  a specified  interval.  At  the  end  of  the 
interval  the  system  outputs  the  data  along  with  the  correspond- 
ing test  position  number  to  the  data  file.  This  step  is  repeated 
for  selected  positions  until  a data  set  is  complete.  (See 
figure  1 5.  ) 

4.  I he  data  file  is  then  stored  on  an  off  line  computer  disc  file 
where  this  raw  data  is  combined  with  the  previously  solved 
rate  test  data  and  the  static  solution  is  completed.  This  is 
discussed  further  in  section  VII. 

VI  TEMPERATURE  CALIBRATION 

The  purpose  of  the  temperature  calibration  test  is  to  determine  certain 
temperature  dependent  parameters.  These  include  gyro  mass  unbalance, 
gyro  and  accelerometer  scale  factors,  and  gyro  and  accelerometer  fixed 
bias  temperature  coefficients. 

The  test  is  performed  in  a straightforward  manner  by  enclosing  the  subject 
hardware  in  a thermally  controlled  chamber  and  performing  the  static  and 
rate  tests  at  desired  temperature  points.  An  alternate  and  simpler  method 
of  heating  that  may  be  used  involves  the  use  of  heavy  insulation  to  force 
self  heating. 

The  resulting  data  from  the  tests  is  reduced  as  usual  in  their  respective 
program  and  the  outputs  of  these  programs  are  read  by  a temperature 
coefficient  program  (TC)  which  computes  the  desired  temperature  sen- 
sitivities. 
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VII 


DATA  REDUCTION  AND  RESULTS 


The  calibration  problem  is  solved  in  an  off  line  computer  where  the  raw 
data  files  have  been  stored  on  a disc.  There  are  four  programs  used,  two 
of  which  must  be  considered  essential.  These  compute  the  static  and  rate 
compensation  parameters  and  are  titled  STALSF  and  RATTST  respectively. 
The  other  two  programs  may  be  termed  accessory  and  compute  tempera- 
ture coefficients  and  system  level  constants  updates  in  octal  formats.  They 
are  titled  TC  and  CON. 

The  mainline  flow  of  the  data  reduction  algorithms  may  be  seen  in  figure 
16  and  17. 

Some  of  the  special  features  of  the  static  data  program  in  particular  in- 
clude the  ability  to  use  any  arbitrary  but  numbered  set  of  test  positions, 
input  editing  when  desired,  automatic  computer  file  log  maintenance,  and 
a quality  check  option.  Both  the  static  and  rate  programs  read  the  raw 
data  title  information  and  record  it  in  the  output  title  along  with  the  date 
and  time  of  computer  execution  and  any  operator  comments. 

The  static  calibration  solution  algorithm  is  described  briefly  in  Section  V 
and  in  detail  in  the  appendix.  However,  an  option  of  the  program  is  to 
accept  gyro  level  determined  values  for  anisoelasticity  rather  than  com- 
pute them.  The  solution  matrix  then  becomes  an  N x 3. 

A particularly  attractive  feature  of  the  static  processing  is  the  quality 
check  routine.  Once  the  unknown  vectors  for  both  the  gyros  and  acceler- 
ometers have  been  computed  they  are  used  to  predict  what  the  measured 
inputs  should  have  been.  As  in  the  appendix,  the  data  observed  is 

Y = (a1")  X 
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and  the  solution  is 

A t t 

X = [a  ] Y 


By  looking  at  the  differences  of  predicted  and  actual  measured  data  an 
indication  of  the  test  noise  level  and  or  possible  bad  data  points  emerges. 


Thus 


A r Tn  A 
Y = [a  ] X 


A t A 

Y - Y = [or  ] ( x - X ) 


These  residual  differences  can  also  be  substituted  into  the  solution  routine 
and  the  solution  re -proces sed,  yielding  a theoretical  closure  viz 

A r T,t  A 

(X  - X)  = [a  ] (Y  - Y) 

Since  the  differences  (Y  - Y)  reflect  test  noise,  the  new  solution  vector 
A 

(X  - X)  represents  parameter  uncertainty  as  well  as  another  model 
verification  and  test  validation. 


Figures  18  and  19  depict  a sample  of  both  computed  values  and  the 
reprocessed  results  for  the  static  calibration  problem. 

A discussion  of  the  rate  calibration  is  considered  next. 


The  rate  test  data  reduction  is  comprised  of  two  completely  independent 
solutions.  One  computes  the  scale  factors  and  true  direction  cosines  to 
be  applied  during  the  static  data  reduction.  The  other  computes  the  scale 
factors  and  axis  misalignments  to  be  applied  to  the  system  level  software 
compensation.  The  techniques  used  to  extract  the  parameters  were  dis- 
cussed in  Section  IV.  Some  of  the  options  available  include  limited  editing 
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of  the  input  data,  temperature  normalization  of  the  raw  data,  and  automatic 
computer  filelog  maintenance.  The  output  of  this  program  is  written  on 
both  the  terminal  and  on  a disc  file  for  later  use.  A sample  output  of  the 
rate  test  calibration  is  shown  in  figure  20. 


APPENDIX 


SOLUTION  AND  COVARIANCE  ANALYSIS  OF 
THE  STATIC  GYRO  CALIBRATION  PROBLEM 


This  appendix  shows  the  development  of  the  gyro  static  calibration  problem 
and  the  method  of  solution  including  a covariance  analysis. 


As  seen  in  section  V,  a single  x-axis  gyro  torque  may  be  written  as 


M 
x 

H 


= Ui 

y 


p 

H ay 


a 

x 


A 

H 


a a -t-  B 
y z x 


Here,  both  the  gyro/system  scale  factors  and  the  gyro/system  misalign- 
ments have  been  removed  via  pre-processing  or  software  compensation 
based  upon  rate  calibration  measurements  (see  section  IV).  The  equation 
for  the  y axis  torque  is  similar  and  will  not  be  developed.  Re-writing, 
modifying  notation  slightly,  and  incorporating  indexing  to  indicate  position 
numbe  rs 


yd) 


M (i) 

w (i)  = [-a  (i)  a (i)  - a (i) 

H y y x y 


P' 

Q’ 


or 

y(i) 


= aT(i)  • * 
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The  indexed  position  numbers  represent  the  different  positions  into  which 
the  system  may  be  placed  during  the  static  calibration  procedures.  Over 
a set  of  N positions,  the  composite  measurement  vector  Y is  given  by 

Fy(  1 )"1  [><nl 


T 

a (2i 


x = [a  ] x 


T 

a (N) 


With  this  notation,  the  calibration  problem  is  seen  to  be  one  of  solving  for 
the  unknown  four-vector  X given  the  N measurements  in  Y. 

T 

For  an  orthogonal  gyro  set,  the  entries  in  O are  either  I s or  zeroes. 

Thus  solutions  for  X are  quite  simple  in  this  case  and  in  fact  the  general 
formulation  of  the  problem  is  not  usually  written.  For  the  specific  applica- 
tion considered  here  with  a non-orthogonal  gyro  set,  solutions  for  X are 

T T t 

obtained  using  a general  inverse  of  [a  ],  viz  [a  ] . Thus 
T t 

X = [a  ] Y 

A specific  solution  may  be  obtained  by  pre -multiplying  by  [d] 

[a]  Y = [a] [aT] x 


and  then  inverting  the  product  [d]  [a  ]. 
J = ([a][aT])  [a]  Y = [aT]  * Y 
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m 


This  solution  \ is  the  least  squares  solution  using  a Moore-Penrose  pseudo- 
inverse. It  exists  whenever  there  are  four  linearly  independent  row 

T T 

vectors  a (i)  within  [a  ]. 

This  solution  is  the  basis  for  the  static  calibration  calculations  shown  in 

section  VII.  It  is  not  mandatory  that  this  solution  be  utilized  however,  and 

T 

in  fact  any  four  linearly  independent  rows  O (i)  may  be  used  as  the  basis 
for  a 4 by  4 inverse  solution. 

T t 

Whatever  inverse  |a  ] is  utilized,  a statistical  covariance  of  the  solution 
X may  be  found,  as  follows.  Let  £ . represent  the  additive  noise  corrupting 
each  measurement.  Then 

y ( i ) = aT(i)  • X + 

Here  ^ represents  the  total  effect  of  the  gyro  noise  and  the  electronic 
conversion  noise  which  are  assumed  to  have  a zero  mean  value.  For  the 
total  measurement  set 


[a  ] * X + t 


with 


x = [aT]T-  Y 


then  the  expected  value  of  X is  X and  the  covariance  of  X is 


COV  ($)  = E({  xT>  -E(X)  • E(XT) 

■ E {l.TlV  (la1/)1) 

, T t t t T 

s [a  1 Pf  ([a  ] ) 
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For  the  calibration  problem  at  hand,  a reasonable  assumption  is  that  the 
individual  measurements  are  statistically  independent.  Thus 


P^  = a I 


where  <7  is  the  variance  of  the  measurement  noise. 


Then 

t t T 

cov  ($)  = <r 2 [aT]  ([aT]  ) 
for  independent  measurements. 

When 

T t T 

[a1]  = ([alia  ])  [a]  . 

then 

cov<£>  = a2  ([a]faT])  1 [a]  * [aT]  ([a]  [aT])  1 

2 T - 1 

= cr  ([a]  [a1  ]) 

which  is  the  covariance  of  the  least  squares  estimate  with  independent 
measurements. 

As  specific  cases  for  study,  the  following  four  examples  of  covariance  are 
presented: 

1.  Twenty  four  point  test: 

When  all  24  positions  are  utilized  and  the  least  squares  solu- 
tion employed,  all  four  gyro  axes  have  the  same  covariance, 
namely. 


21 


A 
cov(x  I 


2 

a 


. 1250DV00 
1 155D-09 
8095D-17 
3238D-16 
P 


-.  1 155D-09 
. 125004-00 
. 1590D-16 
. 4626D-17 
Q 


8095D-17 
. 15900-16 
. 4167D-01 
.6141 D- 1 0 
B 


3238D-16 
. 4626D-17 
. 6141D-10 

. 6667D4-00 
A 


(The  other  axes  are  identical.  ) This  result  shows  that  the  cross 

correlations  between  gyro  elements  are  zero  and  that  the  basic 

2 

measurement  noise  level  O'  is  reduced  in  each  case  by  the 

values  . 125,  . 125,  .667  and  .042  for  the  gyro  parameters  P 

o 2 

Q A and  B respectively.  For  example,  with  (.01  /hr) 
measurement  noise,  the  results  indicate  that 


< x = 0.0035 

°/hr/g 

o'  = 0.0035 

°/hr/g 

a = 0.0082 
A 

°/hr / g 

O’  = 0. 0020 
B 

°/hr 

2.  Six  Point  Test 


A six  point  test  utilizing  each  principal  body  axis  in  a vertical 
and  inverted  position  gives  the  result 


A 2 

cov(x)  = & 


. 5000D+00 
- . 4620D-09 
-.  555 1 D-  16 
-.  1480D-  1 5 


-.  4620D-09 
. 5000D  + 00 
. 5089D-16 
-.  370 1 D- 16 


-.  55510-16 
. 5089D-16 
. 1667D+00 
. 2456D-09 


-.  1480D-15 
-.  3701D-16 
. 2456D-09 
. 2667D-0 1 
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This  result  can  be  seen  to  be  the  same  as  case  1 except  that  it 
is  scaled  by  the  ratio  of  24/6.  Thus  under  ideal  conditions  the 
24  point  test  is  only  better  to  the  extent  that  more  data  is 
taken.  Conversely,  longer  data  averages  reduce  the  variance 
proportionately.  The  24  point  test  is  superior  however  in  that 
test  cube  integrity  (orthogonality/flatness)  can  be  ascertained 
from  the  redundant  data. 

3.  A Four  Point  Test 


As  initial  methods  of  calibration,  some  specific  four  point  tests 
were  performed  and  evaluated.  For  gyro  1 axis  1,  one  set  of 
measurements  resulted  in: 

,A.  rrZ 
cov(x)  = 

which  gives  reasonable  values  for  the  diagonal  elements  con- 
sidering that  just  four  positions  are  utilized.  For  example  the 
bias  variance  of  0.  5 can  be  adjusted  to  0.  333  just  due  to  the 
fewer  positions  used.  However  this  is  still  a factor  of  two 
difference  in  variance  or  0.  707  in  standard  deviation,  when 
compared  to  the  six  point  test.  There  is  also  a high  correlation 
between  elements.  For  example 

P(  P.Q)  = 0.62 
P(  P.A)  = -0.79 


0.  1 32  ISODtOl 
0.  821797D  + 00 
-0.  51  7638D+00 
-0.  905989Dt00 


0.  82  1 797D  + 00 
0.  1321 80Dt0 1 
-0.  51 7638D  + 00 
-0.  905989D+00 


-0.  517638D  + 00 
-0.  5176 38D tOO 
0.  500000D  + 00 
0.  437559D  f 00 


-0.  905989Dt00 
-0.  905989Dt00 
0.  437559D  + 00 
0.  609917D  + 01 
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4. 


Another  Four  Point  Test 


Using  positions  that  were  intuitively  intended  to  calibrate  gyro 
l,  the  covariance  for  gyro  2 axis  1 is  calculated  to  be: 

cov(Jl  o" 

This  result  shows  that  while  these  four  positions  give  reason- 
able results  for  the  other  gyro,  the  values  for  this  case  are 
much  worse.  In  fact  it  tends  to  magnify  errors  in  some  cases. 
For  example,  while  bias  uncertainty  is  the  same,  the  mass 
unbalance  is  magnified  from  0.01  /hr/g  to  0.04*  /hr  /g. 

F'rom  these  examples  it  is  concluded  that  the  six  point  test, 
under  certain  assumptions  is  the  most  efficient  effective  test. 

It  is  also  seen  that  using  four  point  tests  and  ordinary  inverse 
solutions  can  lead  to  very  unsatisfactory  results. 


0.  1 5 1 782D  * 02 
0.  146782D  + 02 
0.  193185D+01 
0.  470940D+02 


0.  146782D*-02 
0.  1 5 1 782 D * 02 
0.  1 93 1 85D  *0 1 
0,  470940D * 02 


0.  193185D+01 
0.  193  1 85D*0 1 
0.  500000D  * 00 
0.  60944 1 D +01 


0. 4709400*02 
0.  4709400*02 
0. 6094410+01 
0.  1539010*03 
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GLOSSARY 


Torque  about  ith  gyro  axis 

Torquer  scale  factor  difference  from  unity  of  ith  axis. 

(i  = x or  y) 

Total  inertial  input  rate  about  ith  axis  (i  = x,  y,  z,  X,  Y,  Z) 

Misalignment  error  allowing  rate  inputs  to  gyro  ith  axis  due 
to  rate  inputs  about  nominal  jth  axis  (i  = x or  y,  j = x,  y,  z, 

i * j) 

Spin  axis  mass  unbalance  or  pendulousity  apparent  about 
the  ith  axis.  (L  = x or  y) 

G-sensitive  bias  or  quadrature  term  apparent  about  ith  axis 
(i  = x or  y) 

Anisoelasticity 

Fixed  bias  apparent  about  ith  axis,  (i  = x or  y) 

Acceleration  along  ith  axis  (i  = x,  y,  z,  X,  Y.Z) 

Gyro  Angular  Momentum 

True  direction  cosine  transformation  matrix  from  'a1 
coordinates  to  ' b 1 coordinates  (3  x 3) 

Nominal  direction  cosine  transformation  from  'a'  to  ' b 1 
Gyro  reference  axes  (z  = spin  axis) 

Body  reference  axis 

Sensitivity  of  scale  factor  to  temperature 
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P = Sensitivity  of  pendulosity  or  mass  unbalance  to  temperature 


Sensitivity  of  bias  to  temperature 


Figure  2.  Teledyne  Quad  Redundant  Strapdown  IMU 
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Figure  3.  Instrument  Assembly  Axis  Orientation 


PICKOFF  COtL 


1 


Figure  4.  Teledyne  Inertial  Kate  sensor 
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TORQUER  y 


Figure  8.  Static  Torque  for  Two  Deg  ree  - of -Freedom  Gyro 


Figure  9.  Computational  Flow  for  Accelerometer  Compensati 


Figure  10.  Computational  Flow  for  Static  Gyro  Compensation 
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Figure  11.  Strapdown  System  Calibration  Network 
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Figure  13,  Sample  Rate  Test  Data  (Raw) 
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Figure  14.  Strapduwn  Instrument  Assembly 
in  Reference  Cube  on  Static  Test  Fixture 
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Figure  15.  Sample  Static  Calibration  Data  (Raw) 
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Figure  16.  Rate  Test  Data  Processing  Flow  Diagram 
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APPLY  SCALE  FACTOR 
TO  RAW  ME  AS  DATA 


APPLY  OIRECTION  COSINES 
AND  KNOWN  POSITIONS  TO 
CALCULATE  AND  SUBTRACT 
OfF  INPUT  EARTH  RATES 


r WANT  ^ 
QUAL  CHECK 


GENERATE  QUASI  RAW 
DATA  FROM  EXCITATION 
COEFFICIENTS  AND  SLOVED 
PARAMETERS 


APPLY  DIRECTION  COSINES 
AND  KNOWN  POSITIONS  TO 
GENERATE  COEFFICIENT 
MATRIX 


OUTPUT  DIFFERENCES 
FROM  MEASURED 

SUISTITUTE  DIFFERENCES 
FOR  MEASURED  AND 
RESOLVE  PROMlEM 


T 104*10 


Figure  17.  Static  Test  Data  Processing  Flow  Diagram 
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Figure  Sample  Static  Calibration  Processing  Output 
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Figure  20.  Sample  Rate  Test  Calibration  Processing  Output 
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1.0  INTRODUCTION 

In  recent  years  military  and  commercial  aircraft  operations  have  become 
more  and  more  dependent  upon  sophisticated  avionic  systems  for  routine  oper- 
ational mission  success.  The  need  for  a dependable  avionic  capability  espe- 
cially in  navigation,  guidance  and  control  has  stimulated  development  of  a 
compatible  fault  tolerant  inertial  system  and  associated  computational  pro- 
cessor. The  anticipated  even  higher  density  aircraft  operations  of  the  future 
coupled  with  the  anticipated  introduction  of  STOL  and  VTOL  aircraft  to  the 
transportation  field  has  emphasized  the  need  for  control,  guidance  and  naviga- 
tion systems  with  "Fall  Operational"  redundancy  provisions  to  assure  successful 
safe  operation  during  critical  phases  such  as  approach,  landing  and  take-off 
flight  path  maneuvers. 

Current  aircraft  avionic  systems  utilize  a proliferation  of  sensors,  sen- 
sor systems  and  display  devices  for  various  flight  modes.  These  systems  often 
overlap  in  function  and  provide  a measure  of  control  and  navigational  backup. 
Redundancy  when  implemented  is  most  often  achieved  in  this  backup  sense.  For 
example,  several  Radio  NAV.  functions,  an  Inertial  System  and  basic  attitude 
and  heading  sensors  are  usually  available.  In  transoceanic  commercial  air- 
craft where  INS  reliability  is  considered  necessary  for  operational  success, 
redundancy  has  been  implemented  and  triplicate  systems  are  flown.  In  general, 
when  implemented,  redundancy  is  achieved  by  either  additional  similar  hardware 
or  alternate  functional  elements  added  on  a subsystem  by  subsystem  basis.  An 
integrated  implementation  of  functions  and  hardware  to  achieve  a real-time 
fault  tolerant  navigation,  guidance  and  control  avionic  capability  is  almost 
totally  lacking  in  current  aircraft  avionic  implementations.  The  responsibil- 
ity for  making  even  the  simplest  decisions  regarding  the  use  of  this  profiler- 
atlon  of  equipment,  when  a fault  appears,  or  for  that  matter  determining  which 
subsystem  is  faulty  is  essentially  part  of  the  pilot's  work-load.  Such  re- 
quirements in  time-critical  flight  phases  significantly  stress  pilot-reaction 
time,  especially  in  high  density  operations  with  limited  stability  vehicles. 
Excessive  pilot  work-loads  are  already  a limiting  factor  in  safe  vehicle  oper- 
ations. 

An  integrated  redundent  avionic  implementation  with  self-contained  fault 
identification  and  adaptation  capabilities  is  clearly  needed  for  future  air- 
craft operations.  The  integration  of  functions  to  eliminate  unnecessary 
backup  configurations  is  also  an  obvious  goal.  The  logistic  and  maintenance 
aspects  of  the  ever  increasing  avionic  equipment  complement  presents  in- 
creasing operational  availability  problems  with  attendent  increasing  cost 
factors. 
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The  concepts  embodied  in  the  C.  S.  Draper  Lab  Strapdown  Redundant  Iner- 
tial System  (SIRU)  make  it  uniquely  suited  for  initial  evaluation  and  aircraft 
flight  demonstrations  of  fault-tolerant  navigation,  guidance  and  control. 

The  SIRU  system  features  redundant  sensors  and  electronics  with  a complemen- 
tary dual  processor  configuration.  The  processing  includes  self-contained 
fault  detection,  isolation  and  recertification  software  algorithms.  SIRU 
was  flight  tested  by  the  NASA/Ames  Research  Center  with  technical  and  test 
engineering  support  from  the  Charles  Stark  Draper  Laboratory. 


The  SIRU  redundant  inertial  configuration  is  an  appropriate  core  element 
for  integrated  fault-tolerant  GN&C  demonstrations  in  that  it  provides  basic 
wide  range  vehicle  rate  sensing,  an  all  attitude  display  and  navigational 
outputs  all  with  a fault-tolerant  - "Fail  Operational"  capability.  Thus, 

SIRU  embodies  all  time  critical  navigation  and  control  sensing  and  processing 
functions  in  a redundant  implementation  and  subsequent  incorporation  of  radio 
navigation  and  control  functions  may  then  be  implemented  in  the  context  of 
this  core  capability.  SIRU  would  then  provide  a highly  reliable,  transient 
free,  continuous,  wide  bandwidth  control  and  memory  function  while  Radio  NAV. 
updates  would  provide  low  frequency,  long  duration,  static  accuracy.  In  the 
event  of  a radio  aid  failure  or  drop  out,  time  permits  use  of  an  alternate 
aid  or  most  probably  successful  mission  completion  on  the  inertial  memory 
function. 


SIRU  also  incorporates  modular  construction  features.  The  modularity, 
coupled  with  the  extensive  self-contained  fault  ioentification  and  locali- 
zation software/hardware  diagnostics  should  provide  significant  operational 
logistic  and  maintainability  advantages. 

Laboratory  test  evaluations  of  the  SIRU  system  in  both  static  and  dynamic 
environments  with  various  inertial  component  failure  configurations  have  been 
conducted  and  results  of  this  testing  are  documented  in  detail  in  several 
publ ications. 

The  flight  test  results  presented  in  this  paper  are  based  on  34  flight 
tests  flown  between  May  20,  1975  and  September  25,  1975  in  NASA's  CV340  air- 
craft. These  fl ights. originated  from  NAS  Moffett  and  were  mostly  conducted 
in  the  vicinity  of  NALF  Crow's  Landing  but  also  included  longer  flights  to 
Sacramento  and  Bakersfield,  California  to  evaluate  navigation  performance. 

A total  of  28  hours  of  flight  time  was  utilized  conducting  these  tests. 

The  flight  test  program  demonstrated  the  above  listed  features  and  in 
the  course  of  its  completion,  fulfilled  the  following  objectives: 

1.  Mature  operational  concepts  of; 

a.  fault  tolerant  redundancy  management 

b.  pilot/system  interaction  and  supervision 

c.  ground  based  experience  in  diagnostics  and  maintenance 

d.  preflight  c<ri-+bration , alignment  and  checkout 
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2.  Established  a baseline  for  integrated  strapdown  inertial  system 
performance 

a.  projected  performance  requirements  for  aircraft  application 

b.  defined  fault  detection  thresholds  for  navigation  and  flight 
control  in  an  operational  environment. 


2.0  FLIGH1  SYSTEM  MECHANIZATION  HARDWARE  DESCRIPTION 

The  flight  test  configuration  that  was  used  in  the  flight  evaluations  of 
SIRU  may  be  divided  into  four  blocks  or  equipment,  the  dual  computer  assembly, 
the  displays  and  tape  transport  and  the  reference  system  (Figure  2.1).  The 
system  is  experimental  in  nature  and  is  not  configured  to  be  representative 
of  production  flight  hardware.  Rather,  the  system  has  been  configured  to 
perform  in  real  time  as  a finished  system  while  maintaining  flexibility  and 
the  necessary  features  to  permit  a complete  evaluation  of  its  performance 
In  the  flight  environment. 

2.1  Ri'DUNDANT  STRAPDOWN  INERTIAL  REFERENCE  UNIT  (SIRU) 

The  inertial  reference  unit  consists  of  the  instrument  package,  power 
supply  assembly,  instrument  package  heat  exchangers,  electronics  assembly, 
and  multiplexer.  Redundancy  concepts  have  been  implemented  in  all  of  these 
assemblies. 

Redundant  Instrument  Package:  The  redundant  instrument  package  (Figure  2.2) 

is  an  assembly  of  six  single-degree-of-freedora  gyroscope  modules  and  six 
linear  accelerometer  modules  mounted  on  an  alignment  structure  (ir-frame). 

Each  module  is  prealigned,  normalized  and  includes  the  instrument,  its  pulse 
torque-to-balance  electronics,  temperature  controller,  and  other  associated 
electronics  such  as  pre-amplifier  and  inertial  instrument  normalizing  com- 
ponents. 

The  module  outputs  are  in  the  form  of  an  increment  of  angular  motion 
A0  and  velocity  AV  for  the  gyro  and  accelerometer  module,  respectively. 

These  outputs  are  processed  through  the  computational  structure  to  attain 
inertial  attitude  and  velocity  and  body  angular  rate  and  acceleration. 

Geometric  redundancy  is  achieved  by  using  a nonorthogonal  mounting  con- 
figuration in  which  the  instrument  input  axes  are  oriented  to  correspond  to 
the  array  of  normals  to  the  faces  of  a dodecahedron  (Figure  2.3).  This  con- 
cept for  redundancy  and  descriptions  of  its  implementation  in  the  SIRU  system 
are  well  documented  in  the  literature  and  will  not  be  pursued  in  this  paper. 

Power  Supply  Assembly:  The  power  supply  assembly  is  configured  to  run  off 

aircraft  400  Hz  and  provide  redundant  power  to  the  instrument  package,  elec- 
tronics assembly  and  multiplexer.  The  power  supply  provides  over  voltage, 
under  voltage,  transient  spike  and  temporary  loss  of  aircraft  power  protec- 
tion for  the  system.  The  NiCad  battery  pack  provides  the  system  with  un- 
interrupted power  when  switching  from  ground  to  aircraft  power,  during  loss- 
of-power  transients  and,  for  a short  period  of  time  (approximately  15  min- 
utes), can  provide  continued  redundant  capability  If  either  the  A or  B 
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Figure  2.1  SIRU  Flight  System  Block  Diagram 
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supplies  becomes  inoperative  during  a flight  test. 

Instrument  Package  Heat  Exchanger:  Design  of  the  heat  exchanger  for  the 

instrument  mounting  structure  (r-frame)  presented  an  interesting  challenge 
since  the  SIRU  hardware  had  originally  been  designed  to  operate  with  a 
spacecraft  type  low  temperature  liquid  coolant  interface.  Thus, » a low 
cost  heat  exchanger  concept  was  required  to  be  compatible  with  the  NASA 
aircraft  environment  (cabin  temperature  as  high  as  94  F and  limited  heat 
sink  capability)  and  consistent  with  the  redundant  provisions  of  the  SIRU 
hardware.  As  a result  a finned  liquid  to  air  heat  exchanger  using  forced 
cabin  air  flow  was  configured.  Two  separate  exchangers,  pumps  and  fans  are 
used.  Each  alone  is  capable  of  providing  an  adequate  coolant  capability 
for  the  instrument  package. 

Electronics  Mechanization:  Redendant  techninues  are  employed  in  the  elec- 

tronic mechanization  to  provide  a system  output  data  flow  that  is  free  from 
any  single  point  failure  mechanisms.  Figure  2.4  i 1 lustrates  the  basics  of 
the  mechanization.  Functional  axes  have  been  defined  that  correspond  to 
each  dodecahedron  measurement  axis.  Each  axis  consists  of  a gyro  and  an 
accelerometer  module  supported  by  common  power  supplies.  These  power 
sources  include:  a 2 phase  800  Hz  gyro  wheel  power  supply;  a 9600  Hz 

supply  for  suspension  and  signal  generator  excitation  and  a dc  axis  supply. 
The  dc  axis  supply  provides  the  modules'  torque  electronics  with  the  re- 
quired logic  (5v)  and  amplifier  (+10v)  voltage  levels  and  a separate  floating 
excitation  (15v)  for  each  precision  voltage  reference  (PVR).  This  per-axis 
implementation  enables  the  isolation  of  any  failure  to  a specific  instrument 
axis  or,  at  most,  to  a functional  axis.  The  functional  axis  concept  was 
implemented  for  ac  and  floating  dc  power. 


The  mechanization  allows  for  the  incremental  A0  and  AV  outputs  of  each 
instrument  module  to  be  stored  redundantly  in  an  interface  multiplexer. 

The  multiplexer  transmits  data  to  the  computer  assembly  on  dual  bu'-es.  A 
serial  data  transmission  format  is  used.  The  multiplexer  includes  provisions 
for  digitized  analog  data  (voltages,  etc.)  for  automatic  monitoring  to  enable 
more  extensive  fault  localization,  e.g.  to  replaceable  modules. 

Redundant  dc  power  distribution  to  the  functional  axes  is  achieved  by 
the  use  of  dual  dc  power  supplies.  These  supplies  are  designed  so  that 
each  can  independently  support  the  total  load  of  all  functional  axes.  They 
are  isolated  from  each  other  by  diode  networks  to  provide  fail-safe  operation. 

The  timing  control  pulses  for  the  torque  electronics  and  synchronization 
functions  for  the  various  power  supplies  are  redundantly  implemented.  The 
oscillators  are  mechanized  in  a triple-redundant  configuration  with  output 
frequency  comparisons  by  individual  failure  detectors. 

Dual  redundancy  is  employed  in  the  scaler  implementation,  and  high/low 
fiequency  detectors  test  both  the  115.2  kpps  and  200  pps  outputs.  The  con- 
trol pulses  to  the  torquing  electronics  are  also  tested  for  their  presence 
and  proper  sequence.  The  selection  logic  gates  only  one  scaler  at  a time 
to  the  system  functional  axes  and  power  supplies,  but  both  scalers  are  con- 
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Fig.  2.4.  Block  Diagram  of  SIRU  System 


tinuously  operated  and  monitored  by  their  detectors.  In  both  the  scaler 
and  oscillator  implementation,  provisions  for  test  sequencing  of  all  the 
combinations  are  included. 

It  is  important  that  with  respect  to  the  dc  power  supply  and  the  scaler, 
the  electronic  system  configuration  was  mechanized  to  provide  only  fail-safe 
isolation  characteristics  because  the  relative  reliability  of  the  particular 
functional  elements  was  used  to  determine  the  redundancy  level  to  be  imple- 
mented. For  example,  the  estimated  failure  rate  of  a 40v  power  supply  is 
less  than  10  failures  per  million  hours  whereas  a gyro  module  failure  rate 
estimate  might  range  between  100  and  200  failures  per  million  hours,  deter- 
mined principally  by  the  inertial  instrument  and  the  torque  electronics. 

Thus,  dual  redundancy  is  sufficient  for  the  dc  power  supply;  it  does  not 
compromise  the  end-to-end  system  reliability  index  and  still  provides  fail- 
safe operation.  Similar  considerations  were  applicable  to  the  dual  imple- 
mentation of  scalers.  Inclusion  of  a third  scaler  and  dc  power  supply 
would  represent  a relatively  simple  design  modification. 

Each  gyro  and  accelerometer  module  includes  its  own  temperature  con- 
troller, preamplifier,  torque  control  loop,  etc.  Scale  factor  stability 
and  linearity  performance  on  the  order  of  2 and  20  ppm  respectively  has 
been  achieved  with  the  present  instrument  control  loop  with  a 1 rad/sec 
design  range.  The  gyro  and  accelerometer  modules  both  use  a standard  pulse 
on  demand  ternary  torque-to-balance  control  loop.  The  electronic  mechani- 
zation has  been  described  in  detail  in  the  referenced  documents;  the  mul- 
tiplexer is  described  below  for  completeness. 

Multiplexer:  The  multiplexer  (Figure  2.5)  is  a redundant  assembly  which 

provides  for  buffering  and  transfer  of  the  six  axes  of  velocity  and  angle 
measurement  data  and  includes  special  fault  detection  and  test  monitoring 
hardware. 

The  special  hardware  in  the  multiplexer  is  provided  to  augment  and  en- 
hance the  fault  localization  capabilities  of  the  primary  real-time  monitoring 
provided  in  the  basic  SIRU  software.  The  multiplexer  hardware  provisions 
include: 

1)  Warning  status  logic  and  appropriate  software  servicing  signals  to 
the  operator  (pilot)  should  any  of  the  system  dual  or  triple  re- 
dundant axes  fail.  This  covers  those  limited  functions  which  are 
not  mechanized  six  times  over  such  as  the  dual  scaler  and  40/5  volt 
power  supply,  and  the  triplex  clock.  This  feature  also  assures 

that  status  of  all  electronics  can  be  verified  in  preflight  checkout. 

2)  Provide.in  the  event  a fault  exists,  the  ability  to  isolate  it  to 
a replaceable  functional  module  for  repair.  The  multiplexer 
incorporates  a limit-test  sequencer  that  scans  approximately  one 
hundred  thirty  six  points  and  continually  updates  a display  in- 
dicating the  in-spec  or  out-of-spec  status  of  each  point.  Should 
any  point,  such  as  a dc  axis  power  supply,  exceed  specification, 
the  multiplexer  flags  the  offending  component  or  subassembly. 
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Concurrently,  the  parameter  magnitude  is  stored  in  reserve  memory  in 
the  computer  for  post  flight  diagnostics. 
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3)  Provide  a high  rate  analog/digital  diagnostic  readout  for  detailed 
troubleshooting  and  performance  monitoring.  The  multiplexer  hardware 
incorporates  an  A/D  that  can  be  moded  to  monitor  individual  supplies, 
etc.  at  a high  rate  (40/sec)  with  fine  resolution.  This  function  en- 
ables a total-troubleshooting  capability  during  pre  or  post-flight 
operations  but  is  not  intended  to  be  operational  during  flight  on-line 
operations.  The  multiplexer  does  have  a third  mode  of  operation  that 
permits  continual  monitoring  of  any  one  parameter  without  interrupt- 
ing the  continuous  scan.  This  feature  allows  the  test  engineer  to 
track  the  operation  of  key  parameters  without  interfering  with  the 
flight  test  in  process. 

2.2  DUAL  COMPUTERS/REDUNDANCY  MECHANIZATION 

Dual  H-316  Computers:  The  dual  computer  configuration  was  selected  for  the 

flight  test  program  to  provide  redundancy  compatible  with  the  redundant  SIRU 
hardware  and  software  configurations.  The  ruggedized  Honeywell  H-316  compu- 
ter in  particular  was  selected  to  provide  this  capability  at  a minimum  cost 
to  the  program.  The  H-316  computer  was  software  compatible  with  all  exist- 
ing SIRU  software  negating  the  need  for  recoding  and  the  design  approach 
used  in  the  ruggedized  H-316  parallels  the  requirements  of  the  "MIL  Spec" 
airborne  computer. 

The  computers  are  mechanized  to  run  in  a "prime-backup"  mode.  The  prime 
data  is  used  as  the  valid  system  output  unless  the  prime  channel  shows  a fail- 
ure or  the  test  engineer  (pilot)  forces  a switchover.  Each  computer  runs  an 
identical  software  program  and  the  two  computers  are  loosely  synchronized  by 
software  checkpoints  where  comparisons  are  made  and  go-ahead  signals  issued. 

Data  is  acquired  by  the  computers  from  the  multiplexer  and  airborne  ref- 
erence system,  processed,  and  output  to  the  redundancy  management  hardware. 
Self-test  programs  are  run  in  the  background  and  the  results  transmitted 
along  with  the  data  for  determination  of  the  prime  computer  status. 

Redundancy  management  of  the  two  computers  is  handled  by  dual  transfer 
boxes  (T  boxes),  dual  receivers,  and  an  arbiter  (Figure  2.1). 

T Box:  This  box  Is  the  heart  of  the  redundancy  mechanization.  It  includes 

the  computer  self-test  feature  "night  watchman"  and  I/O  wraparound  to  insure 
that  data  received  by  the  T box  Is  identical  to  the  data  sent  by  the  computer. 
It  provides  the  capability  for  the  two  computers  to  compare  data  and  to  ex- 
change data  In  an  attempt  to  recover  from  transient  failures.  The  T box  ini- 
tiates a serial  transfer  of  data  to  the  receiver  when  the  computer  self  and 
cross  opinion  Is  output.  Parity  Is  generated  on  this  serial  word  and  an  echo 
check  is  performed  on  the  transmission. 
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Receiver:  The  receiver  consists  of  the  shift  register  to  accept  the  incoming 

data  from  the  T box.  It  checks  parity  of  the  transmission,  returns  the  data 
for  echo  check  and  records  the  result  of  the  echo  test.  It  also  detects  the 
"word  watch"  which  is  a code  word  output  by  the  computers  at  specified  inter- 
vals. If  the  code  word  does  not  appear  on  schedule,  a failure  is  indicated. 

The  destination  address  is  decoded  in  the  receiver  and  parallel  data  directed 
to  the  display,  arbiter,  or  tape  transport. 

Arbiter:  The  arbiter  receives  all  of  the  redundancy  and  self-check  informa- 

tion from  the  two  receivers,  buffers  this  information  and  makes  the  choice 
of  remaining  with  the  prime  computer  or  switching  to  the  backup  computer.  In 
addition  to  determining  "prime-backup"  computers,  the  arbiter  controls  a panel 
of  lights  indicating  the  nature  of  any  computer  failure  including  disagreement 
of  the  two  computers.  Manual  override  of  the  arbiter's  choice  is  also  provided. 

2.3  DISPLAY/FLIGHT  RECORDER 

Displays:  The  two  displays  provide  a continuous  real-time  monitoring  capabil- 

ity of  all  data  output  by  the  dual  computers.  Navigation  and  aircraft  body 
information  will  normally  be  displayed,  however,  any  information  output  by  the 
computers  can  be  displayed  by  operator  intervention. 

Each  panel  can  be  manually  switched  to  display  the  output  of  either  com- 
puter A or  B or  the  output  of  the  designated  prime.  In  addition  to  the  self- 
scan panel,  there  is  a LED  display  of  gyro  and  accelerometer  fail  status,  com- 
puter self  and  cross  opinion,  identification  of  prime  and  electronics  fail. 
Electronics  fail  is  a warning  that  one  of  the  dual  or  triple  redundant  modules 
in  the  electronics  assembly  has  failed  and  the  operator  can  call  up  the  proper 
page  on  the  self-scan  panel  and  determine  exactly  which  module  has  failed. 

The  display  and  receiver  have  been  designed  to  be  representative  of  an 
applied  system  in  which  the  display  might  be  remotely  located  with  respect  to 
the  system  (pilots  display  vs.  test  engineers  display)  and  it  is  anticipated 
that  as  the  flight  test  program  matures  a pilots  display  could  easily  be  added 
when  desired. 

Flight  Recorder  and  Keyboard:  A digital  flight  recorder  serves  the  dual  pur- 

poses of  loading  the  computer  operating  programs  and  during  tests,  recording 
all  computer  outputs  for  post  flight  analysis.  The  tape  produced  is  compati- 
ble with  industry  standards  and  thus  simplifies  the  data  retrieval  and  reduc- 
tion. 


A simple  keyboard  is  provided  to  allow  the  convenient  loading  of  programs 
from  the  tape  transport  and  to  permit  the  test  engineer,  by  altering  instrument 
compensation  loads,  to  introduce  gyro  and  accelerometer  failures  of  varying 
magnitudes  at  opportune  times  during  flight  testing. 

Reference  System:  The  reference  system  (Figure  2.1)  consists  of  two  radars  at 

the  NASA  Crow's  Landing  test  field  for  use  during  approach  area  evaluation. 


12 


The  reference  system  airborne  complement  consists  of  an  auto-time-scan  DME  re- 
ceiver, barometric  and  radar  altimeters,  a Loran  C receiver,  a time  code  gen- 
erator and  a driftmeter. 

The  time  code  generator  was  used  to  synchronize  the  radar  data  tapes  with 
the  flight  recorder  tapes  for  post  flight  analysis. 

The  remaining  equipment,  including  visual  sightings  from  the  driftmeter, 
was  used  during  the  flight  test  program  to  establish  reference  flight  paths 
against  which  the  SIRU's  navigation  performance  was  evaluated. 
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3.0 


FLIGHT  TEST  SYSTEM  HARDWARE 


This  section  contains  technical  and  design  descriptions  of  the  construc- 
tion and  installation  of  the  SIRU  flight  test  system. 

3.1  CONFIGURATION  AND  MOUNTING 

The  SIRU  Flight  Test  System  is  assembled  into  two  separate  structures 
designated  as  the  inertial  system  pallet  and  the  computer  console.  The  two- 
structure  approach  was  diotated  by  the  advantages  inherent  in  the  capability 
to  install  and  remove  the  equipment  from  the  CV340  as  a minimum  number  of  com- 
plete assemblies.  Both  structures  were  designed  to  mount  on  the  port  side  of 
the  CV340  aircraft.  The  computer  console,  mounted  on  its  support  structure, 
is  59  inches  long  and  is  centered  approximately  at  aircraft  station  480.  The 
inertial  system  pallet  is  40  inches  long  and  is  centered  approximately  at  air- 
craft station  394.  This  positioning  creates  a 37-inch  wide  access  to  the 
emergency  exit  centered  approximately  at  aircraft  station  424.  The  open  emer- 
gency exit  provides  1 ine-of-sight  exposure  to  the  porro  prism  mounted  on  the 
inertial  package  fixture  to  permit  external  system  alignment  calibration. 

3.1.1  INERTIAL  SYSTEM  PALLET 

The  inertial  system  pallet  (Figures  3.1  and  3.2)  contains  all  those  assem- 
blies directly  associated  with  the  support  of  the  redundant  instrument  package. 
These  consist  of  the  instrument  package,  its  mounting  and  test  fixture,  the 
electronics  assembly,  the  multiplexer,  the  heat  exchanger  assembly,  the  dual 
power  supplies  (A  and  B),  the  power  distribution  box,  the  NiCd  battery  and  the 
basic  pallet.  The  complete  assembly  weighs  608  pounds  and  requires  approxi- 
mately 1500  VA  of  3-phase  400  Hz  power. 

The  power  supplies,  distribution  box,  battery,  and  heat  exchanger  are  hard 
mounted  to  a single  plate  which  is  shock-mounted  to  the  base  of  the  pallet. 

With  this  mounting,  the  load  of  these  heavy  assemblies  is,  thus,  transferred 
directly  to  the  mountirg  deck  inducing  a minimum  influence  on  the  upright  mem- 
bers which  support  the  inertial  package.  The  electronics  assembly  and  multi- 
plexer, which  are  mounted  as  one  integral  unit,  are  shock-mounted  to  the  for- 
ward vertical  face  of  the  pallet.  This  assembly  is  hinged  on  the  inboard  edge 
to  provide  easy  access  to  the  electronics  assembly  for  maintenance  and  repair. 

The  inertial  package,  attached  to  its  mounting  fixture,  is  bolted  to  the 
top  surface  of  the  pallet.  The  mounting  fixture  has  a built-in  repositioning 
capability  to  permit  multiple-position  testing  of  the  strapdown  system  elimin- 
ating the  need  for  a special  test  table  to  be  installed  at  the  Ames  Research 
Center.  Mounted  on  the  test  fixture  is  the  porro  prism  which  is  used  to 
accurately  determine  the  location,  in  aximuth,  of  the  system's  X axis  with  re- 
spect to  the  true  north.  The  porro  prism  is  located  at  an  angle  of  35°  36' 
2.75"  from  the  system's  Y axis  and  at  a height  above  the  deck  which  permits 
optical  sighting  to  it  from  a ground  based  theodolite.  The  porro  prism  angu- 
lar position  has  been  calibrated  with  respect  to  the  precision  optical  cube 
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Figure  3.1  SIRU  Inertial  System  Pallet 


which  is  mounted  on  the  underside  of  the  inertial  package  and  provides  the 
reference  coordinates  for  the  system. 

3.1.2  COMPUTER  CONSOLE 

The  computer  console  (Figure  3.3)  contains  the  equipment  associated  with 
the  processing  of  the  inertial  data.  The  individual  elements  are  assembled 
into  an  especially  rugged  cabinet  constructed  from  aluminum  extrusions.  The 
cabinet  is  shock-mounted  to  its  support  structure  and  the  support  is  bolted 
to  the  deck  of  the  CV340.  The  complete  assembly,  including  the  support 
structure,  weighs  659  pounds  and  requires  approximately  2400  VA  of  single 
phase,  400  Hz  power.  The  two  H316  computers,  the  heaviest  equipment  items, 
are  mounted  side-by-side  in  the  bottom  of  the  cabinet  to  keep  the  center  of 
gravity  of  the  assembly  as  low  as  possible.  Figure  3.4  identifies  the  re- 
maining drawers  in  the  cabinet.  Figure  3.5  is  a diagram  showing  the  computer 
console  power  and  signal  cabling. 
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Figure  j.j  ilRU  Computer  Console 


Figure  3.5  Computer  Console  Cabling 
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4.0  SOFTWARE  DESCRIPTION 

Basic  SIRU:  The  basic  sofware  flow  developed  to  operate  the  redundant  instru- 

ment assemblage  is  shown  in  Figure  4.1  and  has  been  described  in  detail  in 
previous  papers.  Briefly,  the  raw  instrument  data  is  received  and  compensa- 
tion applied  for  the  static  and  dynamic  instrument-loop  errors.  The  corrected 
incremental  body  motion  and  velocity  information  is  then  processed  by  the 
failure  isolation  equations  and,  if  no  failure  is  detected,  it  is  then  pro- 
cessed by  the  appropriate  least-square  matrix  which  outputs  the  reference-triad 
solution.  If  a failure  is  detected  and  isolated,  the  failure  state  is  entered 
into  the  adaptive  matrix  generator  which  reorganizes  the  matrix  processor. 
Failure  detection  and  isolation  of  up  to  two  out  of  six  of  both  instrument 
types  can  be  effected  without  significant  errors  and  a third  failure  of  either 
instrument  type  is  detected.  Isolation  of  third  failures  for  many  types  of 
faults  is  also  effected  (e.g.  if  the  third  fault  degradation  is  larger  than 
a prior  identified  failure).  The  matrix  processor  therefore  uses  no  known 
bad  data  and  the  outputted  triad  body  incremental  maneuver  solution  is  then 
processed  to  yield  the  inertial  attitude  and  velocity  solution. 

A quaternion  form, 3rd  order  attitude  algorithm  has  been  implemented 
in  the  software. 

4.1  Failure  Detection  and  Isolation  (FDIA) : Two  types  of  FDIA  algorithms 

have  been  implemented  in  the  software.  One  technique,  referred  to  as  the 
Total  Squared  Error  Algorithm  (Fig.  4.2)  operates  on  the  compensated  instru- 
ment data  to  estimate  the  difference  (E/\)  between  what  one  instrument  axis 
actually  reads  (A)  and  what  that  measurement  is  estimated  to  be  (ft)  on  the 
basis  of  the  other  instrument  axis  measurements.  The  dodecahedron  array 
shown  in  the  figure  yields  a symmetrical  conical  array  that  allows  simple 
scalar  comparisons  of  data  to  achieve  this  solution.  A fault  is  known  to 
exist  (detected)  when  the  sum  of  the  squares  of  all  the  individual  errors 
(TSE)  exceeds  a preselected  threshold.  The  fault  is  isolated  (localized 

to  a specific  measurement  axis)  by  effecting  a fault  isolation  ratio  test 
(R).  The  thresholds  used  for  TSE  and  R are  primarily  based  upon  the  quanti- 
zation level  of  the  raw  data  and  the  system  environment  noise. 

The  second  type  of  FDI  used  in  based  on  a statistical  technique  using 
sequential,  probability  ratio,  testing.  The  statistical  technique  operates 
at  a lower  iteration  rate  than  the  TSE  algorithm.  It  uses  the  output  of  a 
set  of  15  "parity"  (scalar)  equations  (Figure  4.3)  that  equal  zero  if  no 
fault  exists.  It  tests  these  outputs  against  a statistically  normal  model, 
using  a specified  confidence,  to  ascertain  if  a performance  degradation 
exists  and  to  classify  the  type  of  degradation  observed  (e.g.  a constant  bias 
shift,  a ramping  bias).  For  stable  performance  changes,  the  algorithm  esti- 
mates the  performance  change  and  recompensates  the  measurement  axis  data. 

The  algorithm  self-tests  the  recompensation  estimate  and  when  it  certifies 
that  a correct  compensation  coefficient  has  been  implemented,  the  adaptive 
matrix  is  modified  to  put  this  data  axis  back  on  line. 

The  redundancy  management  structure  using  the  TSE  algorithm  is  summar- 
ized in  Figure  4.4.  The  statistical  FDI  algorithm  has  been  integrated  into 
this  structure  to  implement  the  recalibration  loop  and  its  more  sensitive 
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B.asic  TSE  - Fault  Detection  and  Isolation 


CONICAL  REPRESENTATION  OF  DODECAHEDRON 

• individual  Meas.  Axis  Error  Estimates 

A 

(Ej)  difference  between  actual  meas.  and  what  other  meas. 
say  actual  should  be. 

(Body-Frame-  Data  Accumulation) 


Fault  Detection  (TSE) 

Total  Square  Error  exceeds  an  acceptable  threshold  sum  of 

A 2 

each  estimated  error  squared  (Ej) 


• Fault  Isolation-  R 

Ratio  of  individual  (Ej)2  to  the  TSE  exceeds  preselected 
level-  (6) 

Rq  > 1st  Fail 

R.  > 2nd  Fail 

1 Figure  4.2 


23 


Parity  Equations 


No. 

Instrument? 

l 

A BCD 

2 

A BCE 

3 

ABC  F 

4 

ABDE 

5 

ABDF 

6 

A BEK 

7 

A CUE 

8 

A CDF 

!> 

AC  EF 

10 

A DEE 

1 1 

BCDE 

12 

BCDF 

13 

BCEF 

14 

BDEF 

15 

C DEF 
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Fig.  4.3  SIRU  Parity  Equations 
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Figure  4.4  Basic  TSE  - Redundancy  Management  Summary 


detection  and  isolation  capabilities. 

An  example  of  fault  detection,  isolation,  compensation,  and  recertifi- 
cation (FD1CR)  is  illustrated  by  figure  4.5.  This  data  was  taken  while  the 
CV340  was  on  the  ground  at  Crow's  Landing  and  the  S I RU  system  was  in  align- 
ment mode  prior  to  going  into  the  navigation  mode.  At  about  850  seconds  the 
system  developed  excessive  error  as  indicated  by  the  magnitude  of  the  TSE 
plot.  The  FDICR  algorithm  detected  this  error,  isolated  the  source  to  the 
L axis  axis  gyro  (first  fail  isolate)  which  had  developed  excessive  bias 
-*rrors  due  to  high  component  temperature  caused  by  aircraft  cabin  temperatures 
in  excess  of  the  S1RU  cooling  system  design  limits.  The  E axis  gyro  data 
was  taken  off  line  and  the  system  continued  to  operate  with  data  from  the 
other  five  instruments.  No  appreciable  decrease  in  the  TSE  could  be  seen 
at  this  time  because  the  F axis  gyro  was  experiencing  the  same  temperature 
problem.  At  about  1450  seconds,  the  second  error  source  was  isolated  to 
the  F axis  gyro  and  its  data  was  taken  off  line  (2nd  fail  search  and  isolate). 
An  appreciable  reduction  in  TSE  can  be  seen  at  this  time.  Meanwhile,  a new 
bias  compensation  was  being  calculated  for  the  E axis  gyro.  At  about  3250 
seconds,  a steady  state  value  of  -7  meru  had  been  determined  (compensation) 
and  the  data  from  this  instrument  was  put  back  into  the  system  (recertifi- 
cation). Evidence  that  the  new  bias  compensation  was  valid  is  demonstrated 
by  no  discernible  change  in  the  TSE  plot.  The  F axis  gyro  data  had  also 
been  going  through  a recompensation  calculation  and  appears  to  be  approaching 
a steady  state  value.  However,  the  fine  alignment  program  was  terminated 
(~  3600  sec.)  and  the  subsequent  flight  test  was  flown  with  only  five  instru- 
ments on  line,  since  the  recertification  feature  was  not  available  in  the 
navigation  mode. 

4.2  Sel f-Al iqnment:  The  self-alignment  algorithm  computationally  initial- 

izes the  system  reference  orientation  in  the  preflight  phase.  The  algorithm 
uses  sensor  data  to  establish  a reference  frame  corresponding  to  the  local 
vertical  attitude  and  a North  earth  rotational  axis.  The  system  mechanical 
reference  axes  (body  orientation)  are  then  displayed  with  respect  to  the 
inertial  coordinate  reference  frame.  The  self-alignment  algorithm  operates 
in  two  sequences.  In  the  initial  phase,  coarse  alignment,  level  orientation 
is  established  using  the  indicated  accelerometer  data,  and  the  horizontal 
earth  rate  vector  is  roughly  determined  by  computing  the  change  in  the  gravity 
vector  in  an  inertial  coordinate  frame.  The  coarse  alignment  mode  for  a 
azimuth  range  of  +90°  achieves  an  accuracy  of  better  than  1°  in  about  5 
minutes.  The  fine  mode  computationally  implements  conventional  gyrocom- 
passing  concepts.  In  this  mode,  azimuth  is  precisely  determined  to  better 
than  1 milliradian  in  about  15  minutes. 

Several  other  software  routines  have  been  implemented  in  the  S i RU  flight 
configuration.  They  include:  a flight  line,  single  position,  self-calibra- 

tion sequence,  a self-alignment  algorithm,  and  a local  vertical,  navigation 
algorithm.  These  routines  and  their  operational  theory  are  briefly  reviewed 
below. 
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4.3  Single  Position,  Aided  Calibration:  This  algorithm  uses  azimuth  infor- 

mation from  external  optics  plus  latitude  knowledge  to  compute  the  component 
of  earth's  rate  to  be  expected  on  each  gyro  and  the  component  of  gravity  on 
each  accelerometer  for  a level  system  (Z^-axis  vertical).  Data  is  filtered 
to  attenuate  any  vibration  effects,  and  the  lumped  bias  error  of  each  gyro 
and  accelerometer  is  printed  on  the  teletype  every  two  minutes.  Each  two- 
minute  set  of  data  is  processed  with  the  previous  two-minute  sets  to  yield 
running  average  bias  errors  and  data  variances  (over  two-minute  samples)  for 
each  instrument.  If  the  lumped  bias  errors  are  stable  for  20  minutes  or 
more,  the  appropriate  compensation  values  for  the  gyros  are  corrected  prior 
to  the  start  of  the  alignment  process.  Experience  has  shown  that  the  accel- 
erometer bias  repeatability  across  cooldowns  is  substantially  better  than 
the  accuracy  obtained  by  manually  levelling  the  SIRU  under  field  conditions. 
Therefore,  accelerometer  bias  "errors"  are  observed  for  stability  but  are 
not  normally  used  to  change  compensation  values. 

4.4  Five-Position  Gvro  Calibration:  An  additional  software  package  is  avail- 

able to  determine  the  g-sensitive  drift  coefficients  on  each  of  the  six 
gyros.  This  procedure  is  a superset  of  the  single-position,  aided  calibra- 
tion, and  requires  five  distinct  test  positions.  A five-dimensional  matrix 
solution  is  performed  in  the  computer  after  the  data  has  been  acquired,  and 
the  five  coefficients  (bias,  three  acceleration  sensitive  and  one  acceler- 
ation squared  sensitive)  are  determined. 

4.5  Local  Level  Navigator:  A local  level  navigator  has  been  programmed 

with  the  necessary  attitude  damping  and  Coriolis  compensation.  This  navi- 
gator was  chosen  over  an  inertially  stabilized,  navigation  algorithm  because 
it  is  easier  to  integrate  with  external  navigation  aids. 

4.6  Dual  Computer  Management:  Data  handling  and  redundancy  management  of 

the  two  computers  are  handled  by  a combination  software- hardware  implemen- 
ta  t i on . 

The  computers  run  identical  programs  and  are  loosely  synchronized  by 
the  SIRU  clock.  The  basic  SIRU  software  is  run  at  20  iterations  per  second 
for  the  flight  test,  and  the  data  is  outputted  to  the  T boxes  for  transfer 
to  the  displays  and  tape  transport  at  the  following  rates. 

1.  20  updates/second:  body  acceleration,  body  rate,  raw  instrument 

data. 

2.  1 update/second:  navigation  data,  quaternion  attitude,  reference 

system  data. 

3.  1 update/3.8  seconds:  BITE  status. 

4.  1 update/2  minutes:  statistical  failure  detection  and  hard  fail 

TSE  failure  detection  data. 
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S.  Keyboard  inputs  are  rerouted  for  display  and  recording  whenever 
keyboard  inputs  are  received. 


6.  Contents  of  the  electronic  maximum/minimum  value  memory  is 
available  on  command. 

Each  computer,  in  addition  to  the  system  data,  outputs  status  informa- 
tion on  its  own  health  and  an  opinion  of  the  other  computer's  health  at  a 
rate  of  20  times  per  second.  Self-opinion  is  based  on  internal  CPU  tests 
and  memory  check-sum  tests.  Cross  opinion  is  based  on  a comparison  with  the 
other  computer's  output.  The  computer  also  performs  a wraparound  test  on 
its  output  to  the  T box  and  is  required  to  reset  a flag  in  the  T box  within 
a specified  time  ("night  watchman")  or  the  T box  will  report  the  computer 
bad. 


Failure  checks  on  the  computers  and  transmission  electronics,  totally 
implemented  in  hardware,  are  a parity  check,  an  echo  check,  a wordwatch 
and  a time  test. 

4.7  Ground  Diagnostics:  Digital  representations  of  over  100  analog  functions 

are  delivered  sequentially  to  the  computer  during  system  operation.  The  com- 
puter performs  a check  on  each  parameter  to  determine  if  the  magnitude  of 
the  latest  data  falls  outside  of  a range  determined  by  the  maximum  and  mini- 
mum values  of  all  previous  data.  If  this  range  is  exceeded,  the  new  value 
is  stored  in  reserved  memory.  This  stored  data  can  be  read  out  on  command, 
normally  during  pre-  or  post-flight  ground  testing.  As  noted  in  the  hard- 
ware discussion  of  the  multiplexer,  the  capability  exists  to  monitor  and  re- 
cord any  of  these  functions  continuously  for  use  in  diagnosing  problems. 
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5.1  PERSPECTIVE 

Before  discussing  the  limitations  of  the  SIRU  software  and  hardware  with 
respect  to  flight  testing  in  a Corvair  340  aircraft,  it  is  necessary  to  be 
aware  of  the  system's  original  purpose  and  design  missions. 

SIRU  was  originally  designed  as  a redundant  strapdown  replacement  for  the 
Apollo  spacecraft  gimballed  IMU.  This  meant  that  it  had  to  meet  the  opera- 
tional, electrical,  mechanical,  environmental,  and  mission  interface  require- 
ments of  the  spacecraft.  These  requirements  have  significant  ramifications 
when  one  wants  to  install  and  operate  this  system  in  a propellor  driven  con- 
ventional aircraft. 

Operationally,  the  system  was  designed  to  operate  for  long  periods  of 
time  without  cooldown  or  powerdown.  Preflight  calibration  was  a one-time 
thing  with  adequate  time  in  a quiet  environment.  This  is  not  the  case  in  an 
aircraft  operational  environment.  The  system  had  to  be  turned  off  at  the  end 
of  each  day.  This  required  a preflight  calibration  before  each  flight  test 
under  sometime  hurried  conditions  and  not  always  in  a quiet  environment. 

The  dynamics  of  a spacecraft  are  considerably  different  that  those  of  a 
conventional  aircraft.  In  the  case  of  the  CV340,  the  dynamics  were,  for  all 
practical  purposes,  unknown.  This  made  the  dynamic  compensation  of  the  iner- 
tial components  difficult  at  best. 

Mission  time  for  the  CV340  was  typically  one  hour,  whereas  for  the  Apollo 
spacecraft  it  was  measured  in  days.  The  gyro  quantization  level  used  was  less 
than  adequate  for  an  aircraft,  but  represented  no  problem  in  the  spacecraft 
mission. 

Thermally,  the  system  was  designed  to  operate  with  a temperature  control- 
led ethylene  glycol  coolant  circulated  through  the  n frame  and  electronic 
assembly  heat  exchangers  to  a space  radiator.  In  the  CV340,  it  was  necessary 
to  use  aircraft  cabin  ambient  air  as  the  cooling  medium  via  a liquid  to  air 
to  a liquid  to  solid  heat  exchanger  on  the  n frame,  and  a solid  to  air  heat 
exchanger  on  the  electronic  assembly.  This  system  was  adequate  for  a 40°F 
to  88°F  cabin  air  temperature  range. 

All  of  the  above  factors  represented  significant  limitations  which  will 
be  referenced  in  the  following  paragraphs. 

5.2  HARDWARE 
5.2.1  GYROS 

The  18  IRIG  Mod  D was  designed  for  continuous  operation  in  a spacecraft 
environment.  The  orientation  of  the  output  axes  were  optimized  for  a space 
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mission  and  therefore  not  optimum  for  an  aircraft  environment.  Because  of 
the  operational  safety  requirement  to  turn  the  system  off  when  unattended, 
gyro  parameter  shifts  were  encountered  across  cooldown  and  powerdown  which 
necessitated  frequent  calibrations.  The  quantization  level  of  44  arc  sec- 
onds was  adequate  for  long  term  space  missions  with  periodic  updates,  but 
not  for  the  short  term  high  dynamic  environment  of  the  CV340.  The  rate  lim- 
itation of  1 radian  per  second,  again,  is  no  problem  in  a spacecraft,  but  does 
represent  a limitation  in  an  aircraft.  A two-hour  warmup  requirement  is  also 
no  problem  in  the  long  countdown  of  a spacecraft  but  is  definitely  a limita- 
tion for  an  operational  aircraft. 

5.2.2  ACCELEROMETER 

The  16  PM  PIP  accelerometer  and  its  torque  loop  were  originally  designed 
for  the  Poseidon  missile.  Its  performance  was  more  than  adequate  in  all  re- 
spects in  the  aircraft  environment. 

5.2.3  SIRU  MOUNT ING  FIXTURE 

This  fixture  was  designed  to  permit  calibration  of  the  IMU  in  tne  air- 
craft. It  provides  positioning  of  the  inertial  package  to  four  cardinal 
points  (90°  rotations)  about  the  system  Z axis  and  one  90°  rotation  to  put 
the  Z axis  in  the  vertical  or  horizontal  plane.  This  permits  putting  ±X, 

±Y,  and  +Z  axis  down  for  multiple  position  calibration.  Physical  complexity 
did  not  permit  a design  which  would  have  allowed  a -Z  axis  down  orientation. 
This  missing  sixth  position  would  have  improved  the  calibration  accuracy. 

A pair  of  wedge  rings  were  provided  to  permit  levelling  the  system 
prior  to  the  aided  single  or  multiple  position  test.  It  was  quickly  dis- 
covered that  the  aircraft  was  off  level  more  than  these  rings  could  adjust 
for.  It  was  therefore  necessary  to  jack  up  the  nose  of  the  aircraft  by 
about  3°  to  put  the  level  within  range  of  the  wedge  rings.  This  was  not 
only  time  consuming  but  required  the  assistance  of  the  aircraft  crew  chief 
and  his  assistants. 

To  determine  the  degree  of  level,  a 10  second  bubble  was  mounted  on  the 
fixture  in  a recessed  well  so  that  it  could  be  rotated  360°.  The  mounting 
surface  had  been  precision  machined  with  respect  to  the  system  reference 
cube.  With  time  and  repeated  operations,  this  soft  aluminum  surface  became 
worn  and  the  repeatability  and  uncertainty  reached  the  point  where  the  known 
repeatability  of  the  accelerometer  biases  was  felt  to  be  better  than  the 
bubble  uncertainty.  Although  the  bubble  continued  to  be  used  in  levelling 
the  system,  accelerometer  biases  were  not  changed  as  a result  of  the  aided 
cal ibration. 

5.2.4  PALLET  COOLING  SYSTEM 

As  discussed  in  paragraph  5.1,  this  system  was  limited  to  a cabin  air 
temperature  of  +40°F  to  +88°F.  Outside  of  this  range,  the  inertial  compon- 
ent temperature  controllers  would  not  control  the  gyro  and  accelerometer 


temperatures  resulting  in  parameter  shifts  which  would  be  detected  by  the  FDI 
software.  On  many  occasions,  the  aircraft  cabin  ambient  air  temperature  ex- 
ceeded +88°F  and  went  as  high  as  +100°F.  The  aircraft  air  conditioning  sys- 
tem in  the  early  part  of  the  flight  test  program  was  not  functioning  properly. 
Even  after  repair,  when  it  was  performing  according  to  its  specifications,  it 
was  not  adequate  when  the  aircraft  was  sitting  on  the  ground  in  the  sun  where 
the  outside  air  temperature  was  +100°F.  One  flight  test  was  conducted  at 
night  to  avoid  this  problem.  Operation  of  the  air  conditioning  required  that 
the  engines  be  running  which  restricted  operation  of  the  system  for  test  and 
calibration  purposes  while  sitting  on  the  apron  at  Ames.  No  adequate  ground 
cooling  air  supply  was  available.  It  is  estimated  that  high  cabin  air  tem- 
perature accounted  for  inertial  component  "soft"  failures  on  approximately 
half  of  the  flight  tests.  Paradoxically,  this  problem  caused  over  cooling 
of  some  inertial  components  when  the  cabin  temperature  was  in  normal  oper- 
ating range  of  the  SIRU  system.  It  was  discovered  that  the  outlets  of  the 
aircraft  air  conditioning  were  exhausting  cold  air  directly  onto  certain  in- 
ertial components  causing  them  to  get  too  cold  and  thereby  indicating  a soft 
failure  to  the  FDI.  This  problem  was  solved  by  redirecting  the  flow  of  the 
air. 

5.2.5  REFERENCE  SYSTEM 

5.2.5. 1 BARO-ALTIMETER 

No  provision  was  available  to  adjust  this  device  for  local  barometric 
pressure.  Therefore  it  would  sometimes  indicate  a maximum  altitude  of 
9372.6  ft,  even  though  the  aircraft  actually  flew  below  that  altitude. 

5. 2. 5. 2 RADAR  ALTIMETER 

This  device  was  limited  to  5,000  ft.  The  majority  of  the  navigation 
flights  were  flown  above  this  altitude.  Also  since  a radar  altimeter  gives 
height  above  the  terrain,  the  height  of  the  terrain  must  be  known  to  corre- 
late the  altitude  above  sea  level. 

5.2.5. 3 DME 

Because  of  its  design  mechanization,  its  time  generator  had  to  be  reset 
each  time  a way  point  was  marked  in  order  to  provide  good  correlation  with 
the  waypoint.  This  required  in  turn  that  the  DME  reset  be  synchronized  with 
the  driftmeter  mark  to  the  computer.  The  driftmeter  camera  circuit  was  fi- 
nally mechanized  so  that  it  reset  the  DME  and  provided  a mark  to  the  computer 
when  the  camera  shutter  was  tripped.  However,  if  the  computer  mark  was  ini- 
tiated from  the  keyboard,  no  reset  was  provided  for  the  DME.  This  was  the 
case  when  the  driftmeter  camera  computer  mark  malfunctioned  at  times  and  had 
to  be  backed  up  by  the  keyboard. 
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5. 2. 5. 4 DRIFTMETER 


A driftmeter  was  incorporated  into  the  flight  test  system  to  permit  gen- 
erating a mark  to  the  computer  when  the  aircraft  passed  over  a waypoint. 

Mounted  to  the  eyepiece  of  the  driftmeter  was  a single  lens  reflex  35  mm 
camera  to  record  the  position  of  the  waypoint  with  respect  to  the  driftmeter 
reticule.  The  flash  synch  switch  of  the  camera  was  wired  to  provide  a mark 
to  the  computer  when  the  shutter  was  tripped.  The  operator  would  look  through 
the  eyepiece  of  the  camera  when  alerted  by  the  pilot  and  take  a picture  when 
the  waypoint  passed  through  the  center  of  his  reticule.  The  driftmeter  gyro 
failed  after  the  first  few  flights.  No  replacement  was  available  so  that  the 
line-of-sight  was  no  longer  vertically  stabilized  resulting  in  errors  when 
the  aircraft  was  not  level.  The  camera  synch  connector  proved  to  be  unreli- 
able resulting  in  the  loss  of  an  accurate  computer  mark  during  early  flights. 

This  problem  was  cured  by  hardwiring  the  synch  cable  into  the  camera.  The 
circuitry  to  provide  a mark  to  the  computer  and  reset  the  DME  time  simulta- 
neously did  not  function  properly  initially  due  to  unknown  excessive  camera 
contact  bounce.  This  was  solved  by  incorporating  "anti-bounce"  circuitry. 

5. 2. 5. 5 RADAR  BEACON 

A radar  beacon  was  installed  in  the  CV340  to  permit  more  accurate  and 
more  continuous  tracking  by  the  Crow's  Landing  NASA  radar  facility.  An 
attenuator  had  to  be  inserted  into  the  antenna  system  when  flying  close  to 
Crow's  Landing  and  removed  when  flying  at  a distance.  This  required  close 
coordination  with  the  radar  operators  and  was  another  possible  problem  in 
flight  operations. 

5.3  SOFTWARE 

5.3.1  BASE  MOTION  ISOLATION 

Post  flight  analyses  indicates  that  the  base  motion  isolation  mechani- 
zation did  not  perform  as  well  as  expected  and  was  the  cause  of  excessive 
errors  in  estimates  of  north  and  level  about  east  during  fine  alignment. 

See  paragraph  8.2.1  for  further  details. 

5.3.2  INTERVAL  INTEGRATION 

Using  computed  body  velocity  at  the  end  of  each  one-second  navigation 
update  to  approximate  the  average  velocity  over  the  update  causes  accelera- 
tion induced  position  errors.  Paragraph  8.2.2  discusses  this  error  in  de- 
tail . 

5.3.3  FDI 

5. 3. 3.1  STATISTICAL  FDI 

The  statistical  FDI  threshold  limits  were  specified  to  be  1.5  times  the 
standard  deviation  of  the  gyro  error  derived  from  the  laboratory  test  en- 
vironment. Flight  test  experience  showed  that  the  gyro  errors  were  greatly 
increased  as  compared  to  the  laboratory  dynamic  test  data.  The  original 
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were  .06°/HR  for  static  condition  and  a maximum  dynamic  increase  of  .12°/HR 
to  give  a maximum  threshold  of  0.18°/HR.  These  were  changed  to  .48°/HR 
static  and  .96°/HR  maximum  dynamic  increase  to  give  a maximum  threshold  of 
1.54°/HR.  These  increases  were  derived  more  intuitively  than  analytically 
and  proved  to  be  inadequate  as  evidenced  by  the  large  number  of  "false" 
failures.  The  software  was  then  modified  to  remove  the  statistical  FDI  in 
the  navigation  mode  and  therefore  in  the  flight  mode  (after  SFT  717).  FDI 
was  then  totally  dependent  upon  TSE  which  had  thresholds  of  1.14°/HR  MASE 
and  1.48°/HR  maximum  dynamic  increase  to  give  a maximum  threshold  of  2.62°/HR. 
Later  analysis  (see  paragraph  8.3.3)  shows  that  the  statistical  limits  should 
be  .75°/HR  static  with  a maximum  dynamic  increase  of  1.75°/HR  to  give  a max- 
imum threshold  of  2.50°/HR.  These  limits  should  permit  utilization  of  the 
statistical  FDI  during  the  navigation  of  flight  mode. 

5. 3. 3. 2 TSE 

The  TSE  failure  detection  thresholds  were  initially  determined  on  the 
basis  of  laboratory  tests.  No  information  on  aircraft  dynamics  was  available. 
As  discussed  in  8.3.1,  this  threshold  is  both  mission  and  environment  sen- 
sitive. The  initial  gyro  TSE  MASE  (Maximum  Allowable  Squared  Error)  was 
.76°/HR  with  a maximum  dynamic  increase  of  .81°/HR  resulting  in  a maximum 
threshold  of  1.57°/HR.  After  the  experience  of  several  flight  tests  which 
indicated  that  gyro  "failures"  were  being  indicated  as  a result  of  aircraft 
turn  maneuvers,  these  limits  were  raised  to  1.14°/HR  for  TSE  MASE  and  1.98°/HR 
for  TSE  maximum  dynamic  increase  giving  a maximum  threshold  of  3.12°/HR.  The 
accelerometers  initially  were  set  at  .14  cm/sec2  for  first  fail  MASE  and 
.13  cm/sec2  for  second  fail  MASE.  These  were  changed  to  .28  and  .26  cm/sec2 
respectively.  No  further  failures  during  aircraft  maneuvers  occurred  after 
the  above  limits  were  incorporated.  The  limits  were  determined  by  studying 
flight  test  data  (TSEs)  during  aircraft  maneuvers. 
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6.0 


FLIGHT  TESTS 


6.1  ARC-CV340  FLIGHT  TEST  EVALUATION  FOR  SIRU 

The  purpose  of  this  flight  test  program  was  to  provide  NASA-ARC  with  an 
independent  evaluation  of  the  CSDL  SIRU  as  a fault-tolerant  instrument  pack- 
age and  navigation  system  for  short  haul  aircraft.  The  SIRU  navigation  sys- 
tem was  installed  in  the  CV-340  CTOL  aircraft  for  flight  testing  to  begin  at 
ARC  in  May  1975.  Data  from  SIRU  and  from  various  navaids  (6  DME  channels, 
drift  meter,  radar  and  barometric  altimeters)  was  recorded  in  flight  on  mag- 
netic tape  to  enable  the  evaluation.  In  addition,  magnetic  tape  recordings 
of  the  data  from  the  two  Nike  radars  at  Crow's  Landing  was  available  when  the 
aircraft  was  in  the  radar  range. 

The  evaluation  included  an  assessment  of: 

a.  SIRU's  performance  as  a reliable  free-inertial  navigation  system 
for  aircraft,  as  evidenced  by  the  flight  tests  navigational  accuracy 

b.  SIRU's  potential  (and  limitations)  as  a reliable  redundant  inertial 
reference  unit  for  an  aircraft  control  system  (autopilot),  and 

c.  The  potential  performance  of  an  aided-inertial  navigation  system 
based  on  SIRU. 

The  flight  test  evaluation  was  divided  into  three  major  computational 
tasks.  These  are: 

1.  Post-flight  analysis  and  evaluation  of  system  position  measurement 
accuracy. 

2.  On-site  support  and  data  processing  for  SIRU  flight  tests  (planning). 

3.  Analysis  of  the  flight  test  data  and  diagnostic  recorded  data  to 
evaluate  SIRU's  redundancy  management  performance  and  radio  aided 
potential  for  accuracy  update. 

6.2  EVALUATION  PROCEDURES 

1.  Process  external  (radar,  DME)  measurement  data  to  obtain  precision 
position  and  velocity  information  as  a reference  for  evaluating 
SIRU's  recorded  navigation  data 

2.  Simulate  SIRU's  in-flight  software  system  on  a computer  to  enable 
post-flight  navigation  in  the  laboratory,  using  flight-recorded 
sensor  data.  The  simulation  shall  include  capabilities  for  data 
compensation  and  for  failure  detection  and  isolation. 
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3.  Analyze  t.he  nature  of  SIRU's  output  signals  as  to  their  appropriate- 
ness as  input  signals  to  an  aircraft  control  system. 

4.  Evaluate  the  flight  test  data  for  aided-inertial  navigation  perfor- 
mance having  SIRU  as  the  basic  reference  unit.  This  includes  a pro- 
vision for  combining  recorded  external  measurement  data  with  recorded 
SIRU  sensor  data  to  effect  an  aided-inertial  navigation  estimate. 

Analytical  Mechanics  Associates  provided  technical  support  to  ARC  to  carry 
out  this  evaluation  program. 

6.3  ANALYSIS  AND  EVALUATION 

The  ARC-CSDL  flight  test  analysis  program: 

a.  Analyzed  and  evaluated  SIRU's  performance  as  a free-inertial  naviga- 
tion system  as  shown  by  the  flight  tests.  Performance  criteria  es- 
tablished which  were  compatible  with  both  the  CV-340's  and  V/STOL 
flight  characteristics  and  SIRU's  design  characteristics.  SIRU's 
navigational  accuracy  was  assessed  for  a variety  of  flight  patterns 
and  ranges  and  for  both  failure-free  and  simulated-failure  operation; 

b.  Investigated  and  evaluated  the  SIRU  concept  mechanization  as  the 
reference  unit  for  an  aircraft  control  system  sensing  using  actual 
flight  test  data  in  the  investigation.  Transients  at  failure, 
quantization  and  noise  in  signals  investigated  to  assess  their 
effects  in  autopilot  use.  Gyro  and  accelerometer  specifications 
(i.e.,  full-scale  measurements,  quantization  levels,  ect.)  will  be 
determined  for  a V/STOL  aircraft's-autopilot  use; 

c.  Evaluated  SIRU's  potential  as  the  reference  unit  of  an  aided-iner- 
tial aircraft  navigation  system.  Data  weights  and  processing  pro- 
cedures will  be  determined  to  optimize  both  the  navigation  accuracy 
and  the  dependability  of  the  aided  system. 

6.4  AIRCRAFT  FLIGHT  PROCEDURES  FOR  ISRU  EVALUATION 

The  test  program  progressed  from  ground  checkout  of  the  self-calibration 
and  sel f-al ignmerit  program  through  flight  tests  under  varying  environmental 
conditions  and  flight  profiles. 

Two  types  of  flight  paths  were  flown  in  this  program.  One  to  evaluate 
navigation  performance  and  the  other  to  evaluate  system  performance  in  a 
STOL  environment.  An  example  of  a navigation  run  is  shown  in  figure  6.4.1. 

This  flight  was  four  hours  in  duration.  Other  navigation  runs  were  typically 
one  to  four  hours  in  duration. 

There  were  over  30  VOR-DME,  VORTAC,  TACAN  stations  located  in  the  flight 
test  area  that  were  available  to  the  six  channel  DME  of  the  reference  system. 
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LATITUDE 


The  DME  stations  at  the  waypoints  were  utilized  for  calibration  of  the  radar, 
and  DME  and  provided  an  optical  reference  for  navigation  performance  evalua- 
tion. 


The  other  type  flight  pattern  is  illustrated  in  figure  8. 3. 3.1.  This 
flight  consisted  of  right  and  left  360°  turns  at  various  bank  angles.  During 
both  types  of  flights,  scheduled  inertial  instrument  and  computer  failures 
were  introduced  to  evaluate  the  redundancy  management  system,  the  FDI  algor- 
ithm, and  their  effect  of  system  performance. 

Failures  of  instruments,  power  supplies,  computers,  etc.  were  introduced 
at  preselected  points  in  the  navigation  runs  and  in  the  approach  runs. 

The  SIRU  system  and  reference  system  data  recorded  during  the  flight 
tests  were  post  flight  analyzed  to  determine  system  navigation  performance, 
effects  of  failure  and  effects  of  environment.  In  addition,  simulations  will 
be  run  which  evaluate  performance  of  SIRU  as  an  aided-navigator  by  first  de- 
veloping a filter  for  combining  of  selected  external  data  with  the  SIRU  sensor 
data  and  then  simulating  failures  of  external  data  sources  for  predetermined 
periods  during  enroute  flight  and  at  critical  times  during  approach  and  land- 
ing sequences. 
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7.0  OPERATIONAL  RESTRAINTS  AND  DIFFICULTIES 

7.1  POWER 

Because  of  aircraft  and  hangar  safety  requirements  and  the  lack  of  per- 
sonnel to  continously  monitor  the  system,  system  power  had  to  be  turned  off 
each  night.  This  meant  that  there  were,  on  the  average,  a minimum  of  five 
cooldown  and  powerdowns  a week  resulting  in  the  requirement  for  frequent  cal- 
ibrations. (Reference  5.1,  System  Cooldown  and  Powerdown  Sensitivity.) 

During  the  major  portion  of  the  flight  test  program,  when  moving  the 
aircraft  from  the  hangar  to  the  apron,  it  was  necessary  to  disconnect  ground 
power  in  the  hangar  and  reconnect  it  out  on  the  apron  or  energize  the  air- 
craft APU  on  the  apron.  The  aircraft  APU  could  not  be  operated  in  the  hangar 
because  of  safety  requirements.  This  meant  that  if  an  aided  calibration  were 
run  in  the  hangar  the  morning  of  a flight  test,  it  was  necessary  to  shut  down 
This  introduced  the  possibility  of  errors  in  the  calibration  parameters  de- 
termined in  the  hangar.  The  problem  was  circumvented,  towards  the  end  of 
the  program,  by  connecting  long  ground  power  cables  to  the  aircraft.  This 
allowed  the  aircraft  to  be  connected  to  ground  power  until  it  cleared  the 
hangar,  at  which  time  the  aircraft  APU  could  be  used.  Because  of  its  limited 
capability  (15  minutes),  the  SIRU  battery  was  not  used  during  this  transition 

Numerous  power  outages  were  experienced  in  the  hangar  and  on  the  apron. 
In  the  hangar,  power  was  furnished  by  28VDC  rectifiers  operating  from  208V 
30  60Hz  power.  Frequently,  these  units  failed,  were  unable  to  sustain  the 
load,  or  did  not  regulate  properly.  Problems  were  encountered  with  faulty 
power  cables,  faulty  power  junction  boxes  and  improperly  fused  hangar  power 
outlets.  Considering  the  main  purpose  for  being  in  the  hangar  was  to  run 
preflight  calibration,  power  interruptions  meant  either  delay  in  commencing 
the  calibration  or  requiring  a repeat  of  the  test  after  allowing  time  for  the 
IMU  to  thermally  restabilize.  A multiple  position  calibration  required  five 
hours.  To  lose  power  at  the  end  of  the  fourth  hour  meant  the  loss  of  a cali- 
bration, a day's  work,  and  the  possible  delay  of  a flight  test. 

On  the  apron,  ground  power  was  provided  by  mobile  gasoline  powered  APU's 
Difficulties  with  these  units  included  running  out  of  gasoline,  failure  dur- 
ing operation,  inability  to  sustain  load,  and  inability  to  regulate  voltage. 
Again,  these  units  were  being  used  to  provide  power  during  tests  and  cali- 
brations. Outages  usually  were  costly  in  terms  of  time  and  schedule.  In 
addition  to  the  powerdown  and  cooldown  problems  of  the  IMU,  the  computer 
would  usually  dump  across  powerdowns  and  require  reloading  and  restarting 
the  programs.  Even  without  dumping,  one  cannot  restart  a navigation  program 
in  the  middle  of  a run. 

7.2  ENVIRONMENTAL 

The  apron  or  taxiway  at  Ames  was  the  normal  parking  place  for  the  CV340 
because  of  restricted  availability  of  hangar  space.  Frequently,  it  was  too 
windy  to  permit  IMU  calibrations.  When  the  wind  was  not  present,  there  was 
always  the  possibility  of  disturbance  by  prop  wash  or  jet  blast  from  taxiing 
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aircraft.  Ambient  temperature  problems  were  consistently  encountered.  Air- 
craft air  conditioning  depended  upon  the  engines  running,  which  was  not  prac- 
tical most  of  the  time.  There  were  no  adequate  auxiliary  sources  of  cooling 
air  available.  Thus,  on  a sunny  day,  only  very  limited  time  for  system  oper- 
ating was  possible  due  to  the  high  cabin  air  temperature  (the  SIRU  tempera- 
ture in  the  test  configuration  was  88°F).  This  often  resulted  in  moving  into 
the  hangar  after  working  hours  and  conducting  tests  late  into  the  night. 

Even  this  operation  was  restricted  at  times  by  the  nonavailability  of  air- 
craft maintenance  personnel  required  to  meet  safety  standards.  The  net 
effect  of  these  restrictions,  considering  the  available  manpower,  was  to 
hamper  problem  solving  and  detract  from  operational  readiness  for  flight 
testing. 

7.3  PREFLIGHT  CALIBRATION 

In  addition  to  the  power  and  environmental  difficulties,  several  other 
additional  operational  problems  were  encountered  that  degraded  preflight  cal- 
ibration. When  environmental  conditions  were  suitable  on  the  apron  for 
preflight  calibrations,  the  proper  parking  space  was  not  always  available. 
Aided  calibration  required  that  the  aircraft  be  near  a position  and  azimuth 
reference.  There  were  two  locations  on  the  apron  that  met  these  require- 
ments. However,  the  CV340  was  occasionally  pre-empted  by  a larger  or  higher 
priority  aircraft,  or  another  aircraft  would  be  parked  so  that  it  blocked 
the  1 ine-of-sight  to  the  azimuth  references.  In  the  hangar,  there  were 
limited  areas  where  the  CV340  was  in  view  of  the  azimuth  references.  Other 
aircraft  were  usually  parked  in  the  preferred  area  or  parked  so  that  they 
blocked  the  1 ine-of-sight  to  the  azimuth  references.  To  compound  the 
situation,  it  was  difficult  to  physically  position  the  aircraft  in  the 
hangar  within  view  of  the  azimuth  reference.  The  final  problem  was  keeping 
people  off  of  the  aircarft  during  calibration.  In  spite  of  warning  signs, 
ropes  across  the  aircraft  ladder,  etc.,  some  curious  or  careless  individual 
would  manage  to  come  aboard  or  disturb  the  aircraft  during  a "quiet"  cali- 
bration run. 

7.4  FLIGHT  TEST  SCHEDULING 

7.4.1  General 

Many  factors  determined  the  time  scheduling  of  flight  tests.  Among 
these  were  frequency  or  number  of  tests  required  in  given  time  period,  pilot 
availability,  aircraft  availability.  Crow's  Landing  availability,  availability 
of  radar  coverage  and  weather.  Because  of  the  limited  time  allotted  to  the 
total  flight  test  program,  anything  that  delayed  a flight  test  or  caused  it 
to  be  moved  ahead  usually  meant  a compression  of  the  scheduled  time  between 
fl  ights . 

7.4.2  Flight  Frequency 

During  the  periods  that  the  aircraft  was  available,  the  average  time  be- 
tween flights  was  3 1/2  working  days.  During  this  time  period,  post-flight 
analysis,  trouble  shooting,  preflight  calibration,  flight  plan  generation. 
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any  repair  work,  equipment  modification,  and  software  modifications  all  had 
to  be  accomplished.  With  the  limited  time  availability,  it  was  impossible 
to  effect  adequate  post-flight  analysis  between  flights.  This  resulted  in 
conducting  flight  tests  with  unknown  system  or  procedural  problems  which 
should  have  been  identified  and  resolved  before  conducting  further  tests. 

For  most  flight  tests,  due  primarily  to  the  time  lost  in  mailing  of  the 
tapes  from  Ames  to  CSDL,  even  the  first  cut  at  data  reduction  and  review  at 
CSDL  from  one  flight  could  not  occur  until  after  the  succeeding  flight  had 
been  conducted.  Often  a second  test  would  have  been  flown  before  a more 
detailed  analysis  of  the  data  could  be  completed.  An  increased  analysis 
capability  at  Ames  could  have  reduced  the  turn  around-time  and  alleviated 
this  problem  somewhat. 

To  illustrate,  flights  530  through  618,  a total  of  three  flights  and 
5 flight  tests,  were  conducted  over  approximately  a two  week  period.  A sig- 
nificant gyro  compensation  load  error  was  entered  in  the  flight  tape  on 
flight  test  530  and  was  not  identified  until  after  test  618.  Thus,  as  a re- 
sult of  the  tight  schedule  combined  with  the  flight  operations  learning 
curve  problem  at  the  beginning  of  the  program,  five  flight  tests  were 
essentially  invalid  due  to  a bad  compensation  load. 

The  initial  flight  test  plan  called  for  two  weeks  between  flights. 

This  would  have  allowed  for  more  time  for  data  analyses  at  ARC,  AMA,  and 
CSDL  and  provided  more  meaningful  planning  for  subsequent  tests.  It  would 
have  permitted  time  to  phase  in  corrections  and  software  modifications  based 
upon  the  test  data  analysis.  For  example,  CSDL  evolved  a "quick-calibration" 
technique  to  replace  the  existing  single-position  calibration.  The  technique 
estimated  north  axis  drift  by  least  squares  fitting  and  derived  from  this 
the  lumped  X and  Y body  axis  drifts  which  could  then  be  corrected  more 
rapidly  and  accurately.  Had  more  time  been  available  during  the  flight 
test  program,  this  calibration  procedure  could  have  been  phased  in.  However, 
insufficient  time  was  available  to  permit  its  verification  in  the  field. 

The  procedure  more  closely  corresponded  to  an  "operational  usage"  concept. 

7.5  FLIGHT  TEST  OPERATIONS 

7.5.1  Tape  Recording  Time 

Flight  test  data  acquisition  objectives  were  to  both  demonstrate  real- 
time performance  and  to  permit  AMES  postflight  test  reconstruction  and  simu- 
lation. Thus,  not  only  performance  data,  but  all  raw  sensor  data  was  recorded. 
As  a result  the  flight  test  data  magnetic  tape  recorder  operated  at  maximum 
rate,  limited  to  40  minutes  with  a 2400  ft.  reel  and  50  minutes  with  a 3600 
ft.  reel.  This  limitation  caused  some  flight  tests  to  be  cut  short  so  that 
the  plane  could  land,  rewind  the  tape  and  reinitialize  the  flight  program. 

To  run  out  of  tape  in  flight  would  cause  loss  of  continuity  in  recorded  data 
and  make  data  reduction  difficult.  Slowing  the  data  rate  to  extend  tape 
time  was  preferable  to  running  out,  but  prohibited  the  use  of  the  Ames/AMA 
post-flight  reconstruction  programs. 
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8.0 


TEST  RESULTS 


8.1  INTRODUCTION 

The  test  results  presented  in  this  section  do  not  represent  the  total 
test  results  from  the  SIRU  Flight  Test  Program.  They  are  the  results  of 
analysis  performed  at  the  Charles  Stark  Draper  Laboratory  but  do  not  include 
the  extensive  analysis  performed  by  the  NASA  Ames  Research  Center  in  con- 
junction with  Analytic  Mechanics  Associates,  Inc.  Their  analyses  include 
an  evaluation  of  navigation  performance  which  compares  the  inertial  naviga- 
tion data  with  the  reference  system  data  (radar,  DME,  optical  sightings)  and 
an  evaluation  of  the  potential  of  the  SIRU  system  concepts  for  aided  naviga- 
tion, integrated  avionics,  aided  redundancy  management,  redundant  flight  con- 
trol, etc.  The  CSDL  analysis  is  limited  to  an  evaluation  of  software/dynamic 
error  sources  and  a selective  assessment  of  the  FD1  implementation. 

8.2  SOFTWARE/DYNAMIC  ERROR  SOURCES 

8.2.1  Fine  Alignment  Errors  due  to  Angular  Motion 

Navigation  accuracy  is  1 imi tea  by  the  accuracy  of  the  computational 
coordinate  frame  alignment  relative  to  the  physical  coordinate  frame  at  the 
instant  that  navigation  mode  begins.  The  SIRU  fine  alignment  algorithm 
(variable  gain  gyrocompassing)  was  performance-veri fied  in  the  laboratory 
under  static  conditions  and  also  in  the  presence  of  small  oscillations 
about  the  vertical  system  axis.  Alignment  performance  in  the  presence  of 
angular  motion  about  horizontal  axes  (causing  accelerometer  outputs  to  vary) 
was  not  investigated  prior  to  flight  testing. 

The  extent  of  fine  alignment  error  is  impossible  to  determine  from  re- 
corded flight  test  data  because  - a)  raw  data  (for  reconstruction  purposes) 
was  not  recorded  during  alignments,  and  b)  algorithm  command  signals  were 
not  recorded.  At  times,  the  quaternion  was  observed  (as  well  as  recorded) 
during  alignment.  Because  the  quaternion  tracks  base  motion  while  responding 
to  commanded  rotation  signals,  it  alone  cannot  be  used  as  a measure  of  align- 
ment performance. 

The  fine-alignment  algorithm  generates  commanded  rotation  rates  about 
Down,  East,  and  South  to  bring  the  quaternion  into  proper  alignment  and  hold 
it  there.  Earth  rate  compensation  is  included  in  the  commanded  rates.  Base 
motion  isolation  is  implemented  with  the  usual  gyro  information.  A simple 
block  diagram  is  shown  in  Figure  8. 2. 1.1. 

A single  special  test  was  designed  to  observe  alignment  performance  in 
the  aircraft.  The  operating  program  was  modified  to  record  the  commanded 
rotation  rates,  which  are  shown  in  Figures  8. 2. 1.2  through  8. 2. 1.6. 

East  and  South  commanded  rates  control  the  level  loops,  with  each  loop 
having  two  first-order  time  constants  of  10  and  21  seconds  to  attentuate 
environmental  noise.  These  commands  converge  to  zero  and  the  south  compon- 
ent of  Earth  rate,  respectively,  after  the  initial  large  commands.  The  Down 
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commanded  rate  is  not  so  convergent  on  the  Down  component  of  Earth  rate  as  it 
should  be.  The  negative  excursion  at  t = 2100  seconds  was  found  to  have 
caused  a 3 mrad.  change  in  the  algorithms  estimate  of  true  North  and  70  prad. 
change  in  the  level  estimate  about  East.  These  control  loops  should  be  in 
steady-state  for  t > 1500  seconds. 

This  evidence,  together  with  FDI  data  showing  that  all  gyros  and  acceler- 
ometers were  on-line  and  reasonably  stable  throughout  the  test,  indicates 
that  base-motion  isolation  was  not  performing  well  enough.  Base  motion  did 
not  exceed  .5  deg.  about  any  axis  during  this  special  test,  yet  the  align- 
ment was  undesirably  distrubed.  One  reason  is  that  the  slightly  miscompen- 
sated  accelerometer  data  is  "second-guessing"  the  gyro  data  when  g-sensitive 
attitude  changes  occur.  For  instance,  a small  step  attitude  change  about 
the  aircraft's  pitch  axis  is  immediately  sensed  (somewhat  imperfectly)  by 
the  gyros  and  the  quaternion  is  updated  accordingly.  The  accelerometer  data 
is  now  accumulated  in  this  slightly  different  orientation.  Unless  the  average 
East  and  South  velocities  continue  to  hover  around  zero  (as  they  ideally 
would)  the  alignment  algorithm  will  begin  generating  an  attitude  correction 
signal.  This  will  drive  the  system  toward  a new  steady-state  "level-defin- 
ition" while  forcing  transient  errors  in  the  "North-definition". 

Alignment  data  of  the  types  described  in  this  section  were  not  available 
for  any  of  the  other  recorded  tests.  The  magnitude  of  navigation  errors  re- 
sulting from  alignment  algorithm  problems  is,  therefore,  unknown.  Extrapola- 
tion of  navigation  accuracy  from  this  single  special  test  is  unwise  because 
compensation  values  and  environmental  conditions  varied  among  flight  tests. 

8.2.2  Velocity  Algorithm  Errors  - interval  integration 

A small  amount  of  bounded  position  error  is  present  in  all  navigation 
test  data  due  to  using  the  computed  body  velocity  at  the  end  of  each  one- 
second  navigation  update  to  approximate  the  average  velocity  over  that  update. 
By  itself,  this  algorithmic  defect  causes  acceleration-induced  position 
errors  only;  vehicle  velocity  is  correctly  updated  over  each  interval. 
Therefore,  position  error  propagation  in  the  absence  of  significant  vehicle 
acceleration  is  negligible  (for  position  errors  of  100  to  300  feet). 

In  a simplified  form,  the  navigation  algorithm  which  was  used  is: 

V^nT)  = V^( (n  - 1 )T)  + AVN(nT) 

S^(nT)  = ^((n  - 1 )T)  + V%T)-T 

where  and  are  velocity  and  position  vectors  in  the  pseudo-inertial  N- 
frame  (local -level  coordinates  corrected  for  earth-rotation).  The  navigation 
algorithm  update  period,  T,  is  one  second  in  this  case.  It  will  also  be 
noted  at  this  point  that  most  of  this  algorithmic  error  can  be  eliminated  by 
making  a first-order  correction  to  the  position  update: 
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S%T)  = SN( (n  - 1 )T)  + 


TV  - 1)T) 


For  the  case  of  straight-line  vehicle  acceleration  up  to  a cruise  velo- 
city, V,  with  uniform  acceleration  over  each  T-second  interval,  the  position 
error  is: 


e(nT)  = S(nT)  - S(nT)  = 1/2  V(nT)  • T 

Straight-line  accejeration  in  the  CV340  up  to  V = 200  knots  produces  an  in- 
dicated position  170  feet  ahead  of  actual  position.  Deceleration 
(straight-line)  to  V = 0 causes  this  position  error  to  return  uniformly  to 
zero. 


Vehicle  acceleration  of  constant  magnitude  perpendicular  to  its  velocity 
vector  produces  circular  motion.  When  perpendicular  acceleration  is  removed, 
straight-line  motion  resumes  with  an  acceleration-caused  position  offset. 

This  position  error  is  conveniently  expressed  in  local-level  vehicle  coordin- 
ates with  i down  and  with  i and  i defined,  respectively,  by  the  projec- 
l x y 

tions  of  the  vehicle's  nose  and  right  wing  into  the  level  plane.  It  is 
assumed  that  navigation  updates  occur  fast  enough  (every  T seconds),  compared 
to  the  maximum  sustained  angular  velocity  about  iz(to),  that  sin  (wT)  can  be 

approximated  as  (cjT).  For  the  simple  case  of  a constant  rate  turn  starting 
as  t = 0,  the  resulting  position  error  is  approximately: 

e(t)  = e(wt)  = Tx  |Tcx  sin(wt)  + cy(l  - cos(cot))j 

+ Ty  \cy  sin(cot)  + cx(cos(wt)  - 1 )J 

where  cx  = VojT^/2 
cy  « VT/2 

For  a typical  3°/sec  CV340  turn  (uj  = .05,  V = 200  ft/sec)  we  have 
cx  = 7.5  feet 
cy  = 150  feet 

The  position  error  vector  for  various  amounts  of  turn  is  then: 


e(45°) 

= Tx 
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It  is  seen  that  this  error  approaches  its  maximum  value  for  turns  in  the 
vicinity  of  180°  and  returns  to  zero  magnitude  for  complete  circles. 

8.2.3  Dynamic  Gyro  Errors 

Gyro  scale  factor  and  misalignment  compensation  values  cannot  be  readily 
determined  when  the  strapdown  system  is  mounted  in  the  aircraft.  This  pre- 
sents fundamental  problems  when  installing  a replacement  gyro,  for  instance. 
Laboratory  compensation  data  must  be  transferred  to  the  operating  environ- 
ment with  an  uncertain  level  of  confidence. 

Errors  from  these  terms  (particularly  misalignments)  show  up  most  no- 
ticeably when  the  aircraft  makes  large  changes  in  heading.  Navigation 
accuracy  may  be  impaired  by  the  typically  large  (180°)  turns  which  occur  on 
the  taxiway  prior  to  takeoff  and  in  the  air  shortly  afterwards. 

The  parity  equation  residuals  (from  the  deterministic  failure  detection 
subroutine)  have  proven  to  be  of  some  help  in  gauging  the  magnitude  of  these 
dynamic  gyro  errors.  In  one  specific  case,  a badly  miscompensated  gyro  was 
greatly  improved  by  observing  squared  gyro-error  magnitudes  and  adjusting 
a particular  misalignment  value  to  substantially  decrease  this  error  magni- 
tude over  a 180°  turn.  Specifically,  it  was  found  that  abnormally  high 
total  squared  errors  ( TSE ) were  present  during  large  turns  of  flight  tests 
in  June  and  the  first  half  of  July,  1S75.  Turns  of  180°  produced  TSE's  of 
from  70  to  90  pulses  squared  (44  te^  per  pulse)  which  corresponds  to  an 
acquired  system  attitude  error  in  the  vicinity  of  400  "sec  or  about  600  ppm. 
Ground  experiments  led  to  a 250  prad  correction  to  the  C gyro  (nominally 
horizontal  input  axis)  misalignment  term  in  the  direction  of  the  nominal 
vertical  axis.  Subsequent  flight  tests  (July  24  to  termination)  had  uni- 
formly lower  TSE's  of  from  20  to  30  pulses  squared  for  180°  turns.  This 
corresponds  to  an  acquired  system  attitude  error  or  about  200  sec,  or  300 
ppm.  The  improvement  is  approximately  what  would  be  expected  from  the  change 
in  misalignment  compensation  which  was  made. 

Further  trial  and  error  improvement  to  dynamic  compensation  terms  was 
not  attempted.  The  redundant  nature  of  SIRU  should  permit  a self-correcting 
misalignment  calibrator  to  be  implemented  which  would  yield  much  smaller 
attitude  errors  during  typical  flight  test  maneuvers. 

A simple  example  will  show  the  effect  of  misalignment  errors  on  naviga- 
tion accuracy.  An  aircraft  with  a perfectly  initialized  alignment  of  the 
SIRU  system  makes  a 180°  turn  on  the  runway  prior  to  takeoff.  Assume  all  6 
gyros  are  perfectly  compensated  except  one  nominally  horizontal  gyro  (C- 
gyro)  which  is  misaligned  toward  the  vertical  by  a small  amount,  6 radians. 
The  180°  turn  has  zero  component  along  the  C-axis,  but  a total  rotation 
(6’180°)  is  erroneously  registered.  This  translates  into  a body-axis  compu- 
tational misalignment  of  (180°  • 6/2),  which  can  be  viewed  as  an  initial 
level  error.  This  starts  a position  error  propagating  with  an  84  minute 
(Schuler)  period  and  with  an  angular  magnitude  (relative  to  Earth's  center) 
equal  to  the  magnitude  of  the  system's  level-error.  The  position  error 
magnitude,  in  nautical  miles,  is  approximately: 
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A misalignment  error  of  6 = 250  prad  in  this  example  would  then  yield  a 
peak  position  error  2.7  nautical  miles. 

3.2.4  Vibration  Spectrum  Data  Presentation 

Inertial  instrument  data  has  been  analyzed  for  vibration  content  as  an 
aid  to  investigating  potential  error  sources.  Gyro  data  has  been  spectral- 
analyzed  for  angular  vibration  content  while  accelerometer  data  has  been 
analyzed  for  linear  vibration  content.  Raw  data  from  individual  instruments 
has  been  examined,  but  more  meaningful  information  can  be  obtained  from  the 
compensated  body-axis  angular  rate  and  accelerations.  These  are  discussed 
here.  It  is  recalled  that  the  X,  Y,  and  Z strapdown  system  axes  are  in 
close  alignment  with  the  aircraft's  roll,  pitch,  and  yaw  axes,  respectively. 

Two  typical  regimes  were  analyzed  from  data  recorded  on  the  flight  test 
of  September  18,  1975  (tape  SF918B  from  test  in  vicinity  of  Crow's  Landing). 
The  first  was  a preflight  period  in  which  the  aircraft  was  on  the  ground, 
static,  but  with  both  engines  operating.  The  second  section  analyzed  was  a 
level  flight  segment  in  which  aircraft  heading  was  relatively  constant. 

Data  was  recorded  at  full  rate  (20  inertial  updates  per  second)  during  this 
flight  test,  so  that  the  maximum  frequency  which  may  be  reconstructed  is 
10  Hz. 

Angular  vibration  data  for  the  static  section  is  shown  in  Figures 
8.2.4. 1 through  8. 2. 4. 6,  which  present  the  input  data  and  its  power  spectral 
density  magnitude  for  each  axis.  Structural  vibration  resonances  are  evident 
for  each  axis.  Motion  about  the  aircraft's  roll  axis  has  a sharp  resonance 
at  7 1/2  Hz,  while  motion  about  the  pitch  axis  has  a dominant  resonance 
of  similar  magnitude  just  above  1 Hz.  Aircraft  oscillations  about  the  ver- 
tical are  also  dominant  at  just  over  1 Hz. 

Linear  vibration  data  for  the  static  section  is  shown  in  Figures 
8.2.4. 7 through  8.2.4.12.  If  the  x-y  body  plane  is  approximately  level 
(as  in  the  SIRU  flight  tests),  then  small  angular  vibrations  about  the 
X-axis  will  cause  linear  acceleration  vibrations  along  the  Y-axis.  A sinu- 
soidal oscillation  of  amplitude  b yields: 

OJt)  -■  + b sir  (cut) 

= UJxft)  - LuO  COS  frit) 
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The  deviation  in  acceleration  along  the  Y-axis  is: 


.(t)  = ‘ s,n()>  s>r)  (co'tS)  ' C^Sl©xq) 

- '1-  L Sin  (cot) 


and  the  velocity  deviation: 

A 

iv  (tj  = j Sa/T)  dr 

o 

— -^~r  c.osi ur±) 


The  body  acceleration  data  (actually  delta-velocity  data)  from  S I RU  tests 
is  integrated  to  obtain  velocity  before  doing  spectral  analysis.  The  ratio 
of  the  velocity  deviation  to  the  applied  angular  velocity  (in  the  example 
above  is: 

& Vyfc)  __  9 

~~  cu-2 

With  this  background,  the  AVX  and  AVY  data  are  seen  to  have  many  of  the  same 
natural  frequencies  as  the  corresponding  angular  data. 

A static  aircrafts's  vibratory  characteristics  are  of  primary  importance 
with  respect  to  alignment  algorithm  performance  and  primary  interest  is  with 
the  angular  (gyro)  data. 

In-flight  vibratory  data  (from  level  cruise)  differs  from  ground  data 
primarily  in  having  much  larger  amplitudes  at  much  lower  frequencies  (<1  Hz). 
Angular  data  is  presented  in  Figures  8.2.4.13  through  8.2.4.18.  All  three 
axes  have  angular  excursions  with  typical  periods  of  from  2 to  10  seconds. 

High  frequency  engine  vibrations  do  not  lie  within  the  detection  bandwidth 
of  the  sampling  rate.  Linear  vibration  data  (Figures  8.2.4.19  through 
8.2.4.24)  has  very  low  frequency  velocity  excursions,  as  would  be  expected 
in  flight. 

The  data  presented  here  is  a spectral  analysis  of  the  inertial  system's 
output.  There  are  two  limitations  to  using  pulse-rebalanced  instruments  for 
this  purpose  - low  bandwidth  (due  to  low  sampling  rate)  and  low-amplitude 
distortion  (due  to  pulse  quantization).  A comprehensive  analysis  of  vibra- 
tory effects  on  a strapdown  system  would  require  better  knowledge  of  the 
real  spectral  content  ( input  to  the  strapdown  system).  Analog  instruments 
and  a continuous  tape  recorder  could  be  used  to  obtain  vibratory  data  for 
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Figure  8.2.4.19 


this  purpose. 

8.3  REDUNDANCY  MANAGEMENT 

8.3.1  Deterministic  FDI  Design  Philosophy 

Total  squared  error  (TSE)  failure  detection  algorithms  are  executed  at 
each  inertial  data  update  (gyro  or  accelerometer)  to  enable  "failed"  instru- 
ments to  be  taken  off-line  without  doing  excessive  damage  to  the  computa- 
tional body  attitude  or  velocity.  The  squared  error  for  each  instrument 
is  formed  by  comparing  an  instrument's  compensated  output  data  over  the  pre- 
vious two  to  four-minute  variable  time  span  to  the  redundant  estimate  of  its 
output  created  from  the  other  five  instruments.  Thus,  the  failure  definition 
is  a relative-error  measure. 

The  definition  of  a normal  gyro  or  accelerometer  is  mission-and  environ- 
ment-sensitive. If  the  instrument  is  stable  when  warmed-up,  then  its  accuracy 
is  mainly  dependent  on  the  correctness  of  software  compensation  values. 

These  values,  particularly  the  angular  rate-dependent  terms,  are  known  with 
a lesser  degree  of  accuracy  in  the  aircraft  environment  than  in  the  labora- 
tory, where  a precision  rate  table  can  be  used  for  calibration. 

The  algorithmic  definition  of  normal  instrument  status  is  the  state  such 
that  the  TSE  for  the  six  instruments  is  less  than  an  internally  defined  MASE 
(maximum  allowable  squared  error).  The  MASE  should  be  an  empirically  extrac- 
ted value  (or  function)  which  overbounds  the  observed  normal  TSE  levels  from 
previous  missions  of  a similar  character.  At  the  same  time,  the  potential 
navigational  errors  for  a proposed  MASE  (when  a hard  fail  occurs)  must  be 
examined.  The  MASE  can  then  be  modified  up  or  downwards  to  approach  a de- 
sired level  of  error  performance.  Setting  the  MASE  too  low  can  lead  to  pre- 
dictable "failures"  during  certain  aircraft  maneuvers.  This  may  not  be  in 
the  best  interest  of  navigation  performance. 

The  strapdown  accelerometers  experience  only  minor  variations  in  speci- 
fic force  for  typical  CV340  flight  as  compared  to  the  static  situation.  They 
are  also  highly  stable  and  easily  calibrated.  Therefore,  the  accelerometer 
MASE  is  set  at  a constant  value  for  the  entire  alignment/navigation  duration. 

The  gyros  experience  major  variations  in  angular  velocity  in  typical 
CV340  fliqht  tests  compared  to  the  static  case  (11,000  deg/hr  compared  to 
15  deg/hr).  Gyros  are  less  easily  calibrated  at  high  rates,  so  the  gyro 
MASE  is  set  as  a constant  plus  an  angular  change-dependent  value.  This 
angular  change  function  is  proportional  in  value  to  the  square  of  the  Q£t 
angular  rotation  the  system  has  undergone  while  accumulating  the  present 
TSE.  (The  accumulation  period  is  a varying  two-to-four  minute  time  span.) 
This  functional  form  has  been  observed  to  conform  reasonably  well  with  the 
typical  gyro  TSE's  during  unfalled-instrument  flight  tests. 


8.3.2  FDI’s  Effect  on  Navigation  Accuracy 

Two  aspects  of  navigation  accuracy  can  be  investigated  concerning  FDI 
actions.  One  concerns  the  deterioration  of  accuracy  caused  by  a slightly 
bad  gyro  or  accelerometer  whose  error  magnitude  is  just  under  the  detection 
level  of  the  relevant  FDI  algorithm.  The  second  aspect  concerns  the  magni- 
tude of  navigation  errors  which  occur  when  an  instrument  has  a "hard  fail" 
and  (typically)  is  detected  and  put  off-line  within  a few  seconds  after 
failure. 

A keyboard  modification  midway  through  the  SIRL)  flight  tests  made  it 
possible  to  add  software  bias  errors  to  instruments  in  the  B computer  while 
continuing  normal  (baseline)  operations  in  the  A computer.  This  allows  com- 
parison of  navigation  performance  with  and  without  the  hard  fail  occurrence. 

An  accelerometer  hard  fail  causes  a velocity  increment  to  be  added  to 
the  system's  navigation  velocity.  (For  simplicity,  the  system  is  assumed 
initially  to  have  all  instruments  on-line  with  low  TSE's  up  to  the  point  of 
the  single  instrument  degradation.)  This  accelerometer  failure  has  a minor, 
second-order  effect  on  the  attitude  of  the  failed  system  since  the  acceler- 
ometer outputs  couple  into  the  gyro  data  by  way  of  g-sensitive  compensation. 

The  magnitude  of  the  velocity  error  increment  which  corrupts  the  navi- 
gation performance  depends  on  both  the  MASE  value  and  the  orientation  of 
the  accelerometer  which  is  failing.  Only  the  horizontal  velocity  error 
affects  navigation  because  the  vertical  channel  is  tied  down.  The  latter 
months  of  flight  testing  had  a first-fail  search  MASE  of  288  pulses2  (4 
cm/sec  was  the  design  pulse  value).  Assume  all  accelerometers  are  error- 
free  except  for  one  horizontal  instrument  with  bias  error  be  cm/sec2.  If 
this  bias  error  is  begun  at  t = 0,  then  the  accumulated  instrument  velocity 
is 


V€  (t)  = b€t 


and  the  TSE  IS 


TSE(t)  = (b  t)2  + 5 ( - 2 ( b t ) 2 ) = 2 (b  t) 


The  bad  accelerometer  is  taken  off-line  at  the  point  when  TSE(t)  >_MASE. 
Detine  V£  as  the  value  of  Vc(t)  just  prior  to  that  point. 

The  worse  case  V£  is  then  found: 


2 ( V * ) = MASE  = 288  pulse2 

V*  = 12  pulses  = 48  cm/sec 
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This  total  instrument  velocity  error  is  reduced  by  a factor  of  two  in  the 
transformation  to  body  coordinates  so  that  the  worse  case  maximum  velocity 
error  increment  is 


2 


04  err, 
^ sec 


,79  4ec  35  .47  k not 


This  maximum  value  of  velocity  error  occurs  only  if  the  aircraft  maintained 
a constant  heading  during  the  instrument  degradation  period.  If  the  aircraft 
was  turning,  the  velocity  error  magnitude  and  direction  will  be  modulated 
accordingly.  In  either  case,  a consistant  velocity  error  in  the  navigation 
frame  results.  Unfortunately,  none  of  the  four  flight  tests  which  had 
scheduled  accelerometer  failures  yielded  a clear  example  of  comparative  (A:B) 
navigation  performance  for  a single  accelerometer  failure.  (This  was  due  to 
operating  both  computers  identically  on  some  flights  and  to  scheduling  mul- 
tiple instrument  failures  on  others.) 

The  other  performance  aspect  of  FDI  operation  concerns  a low  level  in- 
strument degradation  which  escapes  detection,  thereby  degrading  navigation 
for  the  duration  of  a flight.  The  maximum  TSE  accumulation  period  is  four 
minutes,  so  the  maximum  undetected  accleerometer  bias  error  (b*  is  found 
from: 


(fc£  • 4 min)  = V*  «=■  ^ASE/z)' 

For  MASE  = 288  pulse2,  this  reduces  to: 

1*  _ 4%  crn/sec  _ n C.rr\ 

"e.  24-0  Sec  * 


Again,  this  instrument  bias  error  is  attenuated  by  a factor  of  2 in  conver- 
sion to  body  coordinates.  This  constant  bias  error  of  (b£/2)  can  produce 
a maximum  position  error  (for  horizontal  degraded  accelerometer  / straight 
- line  flight): 


This  theoretical  maximum,  which  is  unlikely  to  be  approached  in  practice, 
results  in  a 21,260  foot  position  error  one  hour  after  the  bias  error 
begins.  Note  that  this  bias  error  b£  is  actually  a change  in  instrument 
bias  after  navigation  has  begun.  Alignment  level  loops  cancel  effects  of 
initial  biases. 
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A hard  gyro  fail  causes  an  angular  error  increment  (misalignment)  to 
become  present  in  the  inertial  system's  attitude  reference.  This  misalign- 
ment causes  navigation  errors  the  same  as  any  other  misalignment.  Also, 
the  strapdown  system  is  then  subject  to  further  alignment  degradation  when 
large  angular  motions  of  the  aircraft  occur. 

The  gyro  MASE  was  set  to  a base  level  of  40  pulse2  (44  set  per  gyro 
pulse)  for  flight  tests^from  July,  1975  onwards.  A dynamic  increase  in  the 
MASE  of  up  to  120  pulse'  was  designed.  This  increase  was  calibrated  to 
hit  its  upper  limit  for  changes  in  body  attitude  of  180  degrees  (or  more) 
during  any  TSE  accumulation  period. 

If  all  but  one  of  the  gyros  are  wel 1 -compensated,  then  the  gyro-failure- 
caused  attitude  error  may  be  derived  analogously  to  the  accelerometer  deriv- 
ation. Gyro  errors  appear  both  from  bias  and  from  misalignment  errors,  so 
the  error  is  modeled  simply  as  an  angular  error  0£(t)  (from  one  bad  gyro). 

The  maximum  gyro  error  e*  is  again  found  from 

e;  = 


For  a nonrotating  system,  MASE  = 40  pulse2  and 

$£  = •fzo'  ■ 44  /sec  = / 9 7 sec  — * ^ 5 rr,  naj 


The  maximum  body  attitude  error  is  one-half  that  of  the  failed  gyro:  .475 

mrad.  (Note  also  that  when  large  angular  motion  occurs,  MASE  is  4 times  its 
static  value,  so  that  the  bo^  attitude  error  from  a single  misaligned  gyro 
could  be  as  much  as  twice  th^^  from  a static  error  detection.) 

Navigation  errors  from  a failed  gyro  are  most  significant  over  the 
first  few  hours  for  a gyro  with  horizontal  input  axis.  The  resulting  Schuler- 
period  position  error  (for  .475  mrad.  level  error)  reaches  a first  peak  mag- 
nitude (at  t = 43  minutes)  of  3.28  nautical  miles  (19,950  feet).  However, 
this  value  is  observed  only  for  a static  navigation  test  or  (approximately) 
for  a low  speed  flight  at  constant  heading.  Changes  in  heading  are  misin- 
terpreted by  the  misaligned  strapdown  system  with  the  potential  effect  of 
worsening  the  misalignment. 

A comprehensive  example  from  a flight  test  on  September  5,  1975  will 
demonstrate  gyro  FDI  performance  as  it  relates  to  navigation  accuracy. 

This  flight  (SF905C)  was  a long  loop  flight  out  of  Crow's  Landing  with  a 
navigation  mode  duration  of  39  minutes.  Both  A and  B computers  were  ini- 
tialized and  aligned  together.  F gyro  had  an  unplanned  failure  during 
alignment  and  was  kept  off  line  in  both  computers  for  the  remainder  of  the 
test.  A 6 deg/hr  bias  error  was  inserted  into  the  E gyro  compensation 
after  the  flight  was  underway.  This  error  insertion  was  done  in  the  B 
computer  only,  so  that  A computer  remained  as  a reference.  E and  F gyros 
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are  in  the  body  y-z  plane  (wing  - vertical)  so  the  preliminary  F gyro  failure 
makes  the  system's  navigation  performance  more  sensitive  to  an  E gyro  degra- 
dation than  would  otherwise  be  the  case. 

Figure  8. 3. 2.1  shows  the  reference  computer's  heading  (modulo  360°)  for 
the  period  of  navigation.  The  MASE  forcing  function  in  Figure  8. 3. 2. 2 is 
calculated  on  the  basis  of  angular  motion  observed  over  the  TSE  accumulation 
period.  Note  the  effect  of  azimuth  angle  changes  on  this  function.  The 
TSE  plots  in  Figures  8. 3. 2. 3 and  .4  (for  computers  A and  B)  show  how  this 
forcing  function  is  used  to  increase  the  MASE  up  to  the  maximum  of  160 
pulses2  squared. 

The  A computer  is  seen  to  have  increased  TSE  during  the  turns,  but  not 
enough  to  incur  a failure.  The  E gyro  bias  error  was  inserted  in  B 
computer  shortly  after  2700  seconds  and  E gyro  was  taken  off-line  about  50 
seconds  later.  The  TSE  at  removal  was  between  40  and  160  pulses2  (as  seen  in 
Figure  8. 3.2.4)  because  the  gyro  was  "caught"  when  the  MASE  snapped  back 
toward  its  static  value  at  the  end  of  a two  minute  accumulation  period. 
Resultant  gyro  fail  status  changed  to  both  E and  F off-line  (Figure  8. 3. 2. 5). 
(Later  in  the  flight,  E gyro's  bias  error  was  removed  and  it  went  on-line 
again  at  around  3500  seconds.) 

The  resulting  attitude  change  of  the  B computational  body  frame  com- 
pared to  the  A body  frame  is  shown  in  Figures  8. 3.2.6,  .7,  .8.  These  fig- 
ures are  complicated  somewhat  by  the  fact  that  the  aircraft  made  a 90  degree 
turn  while  E gyro  was  degraded  but  before  it  was  taken  off-line  (refer  back  to 
Figure  8. 3. 2.1).  The  beginning  of  the  degradation  caused  "A  tilt  about  y" 
ami  "A  azimut^"  to  become  non  zero  and  vertically  reach  the  maximums  of  2.2 
min  and  1.4  min,  respectively.  The  concurrent  body  attitude  change  coupled 
with  the  growing  misalignment  abou^y  to  produce  a misalignment  about  x, 

"A  tilt  about  x",  as  well.  The  180°^ azimuth  change  at  2850  seconds  adds 
further  changes  to  the  comparative  alignment  deviations. 

Because  of  the  several  large  azimuth  turns  and  the  short  duration  of 
navigation  following  gyro  degradation,  it  cannot  be  expected  that  navigation 
position  error  will  fit  a simple  form.  Figures  8. 3. 2. 9,  .10,  .11  show 
deviations  between  the  two  computer's  computations  of  speed,  latitude,  and 
longitude. 
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8.3.3  DETERMINATION  OF  STATISTICAL  FDI  FAILURE  THRESHOLDS 
FOR  THE  FLIGHT  TEST  ENVIRONMENT 

8. 3. 3.1  INTRODUCTION 


During  the  SIRU  flight  tests,  it  was  observed  that  the  gyro  errors  were 
significantly  increased  in  the  flight  environment  when  compared  with  data 
taken  during  dynamic  testing  in  the  laboratory.  Analysis  of  flight  results 
was  required  before  an  adjusted  set  of  FDI  system  parameters,  could  be  derived 
to  match  the  observed  gyro  errors  in  the  flight  environment. 

The  following  presents  the  computations  of  the  FDI  parameters  needed  to 
properly  implement  the  statistical  failure  detection  capability  in  the  flight 
environment  of  the  Convair  340  aircraft  to  which  the  SIRU  system  was  exposed. 

8. 3. 3. 2 STATISTICAL  FDI  SYSTEM 

The  essence  of  the  statistical  FDI  algorithm  is  to  make  decisions  on  the 
basis  of  the  sequential  cumulative  information  provided  by  the  complete  sen- 
sor measurement  history,  and  thus,  the  system  is  able  to  detect  a moderate 
performance  degradation  with  high  confidence.  In  general,  the  risk  function 
of  a detection  system  in  making  a decision  on  the  occurence  of  a failure  con- 
sists of  two  parts:  an  attitude  error  associated  with  detection  time  delay 

and  a risk  of  making  erroneous  decisions.  If  one  waits  too  long  . to  make  a 
too  conservative  decision,  an  excessive  system  performance  error  may  result. 
On  the  other  hand,  if  a decision  is  made  too  soon,  false  alarms  may  become 
intolerable.  The  design  of  an  optimal  detection  system  represents  a balance 
of  these  two  opposing  factors. 


The  decision  logic  of  the  SIRU  statistical  FDI  system  can  be  described 
as  follows.  For  each  sensor  measurement,  rn,  a decision  function.  An,  is 
generated  recursively  as 


A 


n 


- l/2b) 


(1) 


where  b is  the  specified  failure  threshold  to  be  detected,  and  6 is  the  stan- 
datd  deviation  of  noise  errors  (to  be  defined  precisely  in  later  sections). 
Define  a decision  threshold  B based  on  a specified  me'an  time  T between  two 
false  alarms: 


B 


tn 


(^)*  ~ 
26 1 DT 


(2) 


where  DT  is  the  sample  interval.  Failure  detection  is  accomplished  by  com 
paring  with  threshold  B: 
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(3) 


A>JB:  declare  failure 

n 

0<A  <B:  take  more  data 

n 

An<0:  reset  An=0  and  continue  taking  data 


For  the%pecified  T,  the  mean  detection  time  t(T)  is  given  approximately  by 
the  expression 


t(T) 


(B-  1.5)  • 


DT 


(4) 


The  failure  threshold  b and  the  decision  threshold  B are  the  two  basic 
parameters  to  be  specified  for  proper  function  of  the  statistical  FDI  system. 
Before  defining  their  specifications,  the  dynamic  data  taken  from  the  flight 
tests  will  be  compared  to  the  dynamic  data  taken  from  laboratory  tests. 


8. 3. 3. 3 SIRU  FLIGHT  TEST  DATA 


In  general,  there  are  two  approaches  to  specify  the  failure  threshold. 

The  first  is  to  specify  the  failure  threshold  derived  from  mission  require- 
ments.  An  example  is  the  IMU  failure  threshold  in  the  shuttle  mission  to 
satisfy  a required  terminal  footprint.  The  SIRU  system,  on  the  other  hand, 
specifies  failure  threshold  through  the  sensor  quality.  Through  the  labor- 
atory experiments,  the  implemented  threshold  was  specified  to  be  1.5  times 
the  standard  deviation  of  the  gyro  error  derived  from  the  laboratory  test  en- 
vironment. During  SIRU  flight  tests,  it  was  observed  that  the  gyro  errors 
were  greatly  increased  in  the  flight  environment  as  compared  with  the  lab- 
oratory dynamic  test  data.  Therefore  the  implemented  failure  threshold  must 
be  updated  to  match  the  flight  dynamic  data. 

Figure  8. 3. 3.1  illustrates  a SIRU  flight  profile  tested  in  Central  Valley, 
California  on  September  18,  1975.  The  standard  deviations  of  the  six  parity 
equation  residuals  are  presented  in  Table  1.  The  parity  residuals  are  sampled 
at  30  second  intervals.  Because  of  the  limited  duration  of  this  flight,  only 
14  data  are  available  to  be  used  in  computation  for  the  3°/sec  (CCW)  turn,  16 
data  for  the  3°/sec  (CW)  turn,  and  only  6 data  are  used  in  computation  for 
the  level  flights.  If  the  maximum  values  are  taken  to  be  the  standard  devia- 
tions used  for  failure  threshold  specification,  then  we  find  for  the  turns 

6p  = 2.88  °/hr  (5) 

and  for  level  fl ights, 

6p  = 1.01  °/hr  (6) 

For  a comparison,  two  data  sets  from  dynamic  tests  conducted  in  the  lab- 
oratory environments  are  presented.  For  the  oscillatory  tests,  with  0.5° 
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Figure  8. 3. 3.1 
SIRU  FLIGHT  TEST  PROFILE 


peak  to  peak  magnitude  at  0.5  Hz,  the  parity  residual  standard  deviation  was 
found  to  be 

«p  - 0.1  °/hr  (7) 

while  the  parity  residual  standard  deviation  for  slew  (turn)  tests  with 
5°/sec  was  computed  to  be 

6p  = 0.24°/hr  (8) 


Notice  that  the  laboratory  test  data  are  sampled  at  two  minute  intervals.  If 
we  assume  that  the  flight  test  data  are  uncorrelated  at  30  second  intervals, 
then  the  standard  deviations  corresponding  to  30  second  sample  intervals  for 
the  laboratory  test  data  can  be  shown  to  be 

\ S°'l0/"  Vo  (9) 

= 0.2°/n 


for  the  oscillatory  test  data,  and 


= 0. 24°/n 


(10) 


= 0.48°/n 


for  the  slew  test  data. 


A comparison  of  the  flight  data  for  turning  in  Equation  (5)  and  the  slew 
test  data  in  Equation  (10)  shows  an  increase  of  the  standard  deviation  in 
flight  test  data  by  a factor  of  6.  If  we  compare  the  data  in  Equation  (6) 
for  the  level  flight  under  vibration  environment  with  the  laboratory  oscilla- 
tory test  data  in  Eauation  (9),  a factor  of  5 in  the  standard  deviation  of  the 
flight  test  data  is  observed. 

With  this  comparison  as  background,  it  is  easy  to  see  why  the  statisti- 
cal FDI  system  parameters  used  in  the  laboratory  are  unsuitable  for  the  flight 
environment.  The  failure  threshold  for  laboratory  testing  is  set  at  1.5  times 
the  standard  deviation  of  the  laboratory  test  data.  The  statistical  FDI  sys- 
tem therefore  identifies  errors  with  magnitudes  greater  than  this  threshold  as 
indicating  a "failure"  In  the  system.  In  the  flight  environment,  however, 
errors  of  this  magnitude  are  to  be  interpreted  as  "normal."  It  is  necessary, 
therefore,  to  increase  the  failure  threshold  to  be  compatible  with  system 
behavior  in  the  flight  environment. 
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8. 3. 3.4  SUGGESTED  FDI  IMPLEMENTATION 


In  this  section,  the  proper  parameters  of  both  failure  threshold  b and 
decision  threshold  B will  be  defined  for  the  flight  environment,  and  the  ex- 
pected detection  performances  derived.  On  the  basis  of  laboratory  and  flight 
test  experiences,  three  parameter  sets  corresponding  to  ground  operations, 
level  flight,  and  turn  flight  phases  should  be  implemented. 

8. 3. 3. 4.1  GROUND  PHASE 

Using  the  parameters  derived  from  laboratory  test  data,  the  statistical 
FDI  system  functioned  properly,  and  no  updates  of  either  failure  or  decision 
thresholds  is  required. 

8. 3. 3. 4. 2 LEVEL  FLIGHT  PHASE 

The  following  parameters  are  used  to  specify  the  failure  threshold  b and 
decision  threshold  B.  The  parity  residual  standard  deviation  's  computed  to 
be  the  RMS  of  the  six  parity  residual  errors  shown  in  Table  1. 

6p  = 0.6 7°/hr 

T = Mean  Time  between  False  Alarms  /n» 

= 24  hours 

DT  = sample  time 
= 30  seconds 


From  the  laboratory  tests,  a failure  threshold  b of  1.5  times  the  gyro  stan- 
dard deviation  <50  is  specified 


where 


b = 1.5  6g 


. JL 

rr 


(12) 


(13) 


therefore  the  system  can  detect  an  error 


b 


L 


0.67 


(14) 


« 0.71°/hr. 

Based  on  evaluation  of  the  flight  data,  the  failure  threshold  b.  for  the 
level  flight  phase  will  be  specified  to  be  0.75°/hr. 
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Rewrite  Equation  (2)  to 


be  consistent  with  the  nomenclatures: 


B 


L 


OT 


(15) 


where  p and  b|_,n  are  the  standard  deviation  and  the  failure  magnitude  at 
the  parity  residual  output* : 


6.  n * 0.67°/hr 

L »p 

b,  n - cos(31°43' ) • b. 

L » P L 

= 0.64°/hr 


Then  Bl  is  computed  to  be 


Bl  = in 


2-067* 


(24-60) 

0.5 


(16) 


(17) 


* 7.17 

The  mean  detection  time  L(T)  can  be  computed  from  Equation  (4) 

2 


tL 


(T) 


2« 


* (BL-1.5) 


L ,p 


DT 


(18) 


2-0.67 


0.64 


f-  • (7.17-1.5) 


30 


■ 373  seconds 

The  resulting  attitude  error  due  to 


■ — • b, 

/T  1 


• tl(T) 


* i • 0.75  • 373 

n 


the  detection  time  can  be  calculated  to  be 

(19) 


- 198  sec 

In  suninary,  the  statistical  FDI  system  for  the  level  flight  phase  can  detect 
a gyro  error  magnitude  of  0.75°/hr  with  a resultant  attitude  error  of  198  lei 
for  a specified  confidence  of  24  hours  between  false  alarms. 
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8. 3. 3. 4. 3 TURN  FLIGHT  PHASE 


The  parity  residual  standard  deviation  is  computed  to  be  the  RMS  of  the 
six  values  listed  for  3°/sec  (CCW)  in  Table  1: 

6y  = 1.94°/hr  (20) 

In  general,  there  is  only  a relatively  short  duration  of  turning  flight  in 
any  overall  flight  profile.  If  we  assume  that  the  turn  flight  duration  is 
10%  of  the  total  flight  time,  then  a balanced  specification  of  mean  time  be- 
tween false  alarms  should  be 

Ty  = 10%  x 24  hrs  = 2.4  hrs  (21) 

Using  the  same  approach  as  in  Section  8. 3. 3. 4. 2,  specify  the  failure  threshold 
by  to  be 


bT  = 1.5  • - • 1.94 
T /2 

= 2.06°/hr 


(22) 


Specify  by  to  be  2.5°/hr.  The  decision  threshold  By  can  now  be  computed 


B _ nn 
T " 


fjLsL 

26t  _ 
T ,p 


'2) 


(23) 


where 


bT  = cos(31°43' ) * 2.5 
T ,P 

= 2.13°/hr 

6t  n = 1.94°/hr 
i ,P 


Jin 


2.13* 

2*1.94* 


(24'60) 

0.5 


5.16 
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(24) 


(25) 


Similarly  the  mean  detection  time  is 


Tt(T) 


24 


T ,P 


(Bt-1.5) 


DT 


2-1.94^ 

2.132 


(5.16-1.5) 


• 30 


(26) 


= 182  seconds 

The  resulting  attitude  error  due  to  the  detection  time  can  be  shown  to  be 
• "t  • tT(T) 

, (27) 

s — • 2.5  • 182 

SF 

= 322  seb 

Thus,  the  statistical  FDI  system  for  the  turn-flight  phase  can  detect  a gyro 
failure  magnitude  of  2.5°/hr  and  results  in  an  attitude  error  of  322  sic  for 
a specified  confidence  of  24  hours  between  false  alarms  over  the  entire  flight 
duration. 


To  check  the  reasonableness  of  the  Implemented  values  of  the  failure  and 
decision  threshold,  consider  the  decision  function  magnitude  generated  by  a 
maximum  error  of  2.88°/hr  (Table  1). 


Assume  that  the  error  occurred  after  reset  of  the  preceeding  sample.  Then 
utilizing  Equation  (1) : 

b’  - 1 

1 bT  J 


An  * An-1  + ' CV 


T ,P 


n'?°Ty 


(28) 


» 0 ♦ . (2.88-  i • 2. 


1.94 


13) 


- 1.03 

A comparison  of  An  with  the  decision  threshold  BT  of  5.16  Indicates  that 
By  presents  a safety  factor  of  5 preventing  the  error  (2.88#/hr)  from  gener- 
ating a false  alarm. 
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8. 3. 3. 5 CONCLUSION 


The  preceeding  analyzes  the  SIRU  statistical  FDI  system  for  the  flight 
test  environments  observed  in  recent  flight  tests  of  the  SIRU  system.  The 
flight  test  data  was  processed  and  compared  with  the  laboratory  test  data. 

It  was  shown  that  an  increase  of  a factor  of  five  in  the  sensor  errors  has 
been  observed  in  the  flight  test  environment.  As  a result,  it  was  concluded 
that  for  the  statistical  FDI  system  to  function  properly  in  the  observed 
flight  test  environments,  the  FDI  parameters  must  be  modified  to  match  the 
sensor  error  data  in  the  real  flight  environments.  The  parameters  of  the 
failure  threshold  are  then  specified  to  be  0.75°/hr  and  2.5°/hr  for  the  level 
and  turn-flight  phases,  respectively.  The  decision  thresholds,  during  both 
level  and  turn-flight  phases,  are  also  suggested.  The  resulting  attitude 
errors  from  the  detection  delay  in  the  level  flight  and  the  turn  flight  phase 
are  shown  to  be  198  sec  and  322  sec  respectively. 

No  consideration  is  given  to  corrective  action  which  might  be  taken  to 
reduce  the  errors  observed  in  the  flight  environment.  A significant  portion 
of  these  larger  errors  are  known  to  be  related  to  the  instrument  scale  fac- 
tor compensation  routine  implemented,  to  an  uncertainty  in  the  instrument 
misalignments,  and  to  the  rigid  mounting  fixture  used  in  flight.  Corrective 
action  can  be  taken  to  alleviate  these  contributions  to  the  observed  errors, 
thus  making  it  possible  to  implement  the  statistical  FDI  system  with  thresh- 
olds not  significantly  higher  than  those  used  in  the  laboratory  environment. 
This  would  reduce  the  projected  attitude  errors  presented  by  a factor  of 
approximately  5. 
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EIGHTH  BIENNIAL  GUIDANCE  TEST  SYMPOSIUM 


MICRON  CONFIGURED  TO  MEET  STANDARD  MEDIUM 
ACCURACY  NAVIGATOR  SPECIFICATION 


AUTHOR:  J.  C.  PINSON 


ROCKWELL  INTERNATIONAL 
AUTONETICS  GROUP 
ANAHEIM,  CALIFORNIA 


O 


MICRON  Configured  to  Meet  Standard  Medium 
Accuracy  Navigator  Specification 


1.  Introduction 

MICRON  is  a low  cost,  strapdown  inertial  navigation  system 
being  developed  by  Rockwell  International  Corporation  under  contract 
from  the  U.  S.  Air  Force  Avionics  Laboratory  at  Wright -Patterson  Air 
Force  Base.  MICRON  is  being  developed  as  the  standard  medium  accuracy 
navigation  system  (0.8  nautical  mile  per  hour  (1.3  km/hr)  CEP  rate) 
for  future  aircraft/missiles  requiring  medium  accuracy. 

The  micro- electrostatic  gyro  (MESG)  is  the  heart  of  the  MICRON 
system.  The  MESG  consists  of  a one  centimeter  diameter  spherical 
rotor  suspended  electrostatically  by  eight  (spherical  triangle  shaped) 
capacitor  plates.  The  rotor  is  untorqued,  so  its  rotor  spin  axis  is 
inertially  fixed.  The  gyro  is  used  in  a strapdown  mechanization  and 
uses  a unique  mass -unbalance  modulation  technique  for  obtaining  a 
whole  angle  reading  of  the  gyro  case  attitude  with  respect  to  the 
rotor  spin  axis.(2T 

Two  N57A  brassboard  MICRON  systems  have  been  built  and  tested. 

The  test  results  show  better  performance  than  the  0.8  nautical  mile 
per  hour  (1.5  km/hr)  performance  goal  under  van  test  and  flight  test 
environments . 

The  contract  effort  now  underway  is  to  design,  fabricate  and 
test  a MICRON  Engineering  Prototype  Model  (EPM) . A design  improvement, 
inertial  instrument  assembly  rotation,  has  been  incorporated  in  EPM 
to  reduce  navigation  errors  observed  in  the  N57A  brassboard  MICRON 
tests,  particularly  velocity  errors.  The  MICRON  EFM  system  is  configur- 
ed to  fully  meet  the  standard  medium  accuracy  navigator  specification, 
and  will  be  tested  at  the  Holloman  Air  Force  Base  Central  Inertial 
Guidance  Test  Facility  early  in  1977.  The  system  (including  inertial 
instruments,  instrument  electronics,  computer,  analog  I/O,  dual 
redundant  digital  I/O,  and  power  supply)  characteristics  are: 


(1)  Jerry  A.  Schwarz,  "Micro -Navigator  (MICRON)",  Presented  to  AGARD 
at  the  XXXth  Technical  Meeting  of  the  Avionics  Panel  on  Medium 
Accuracy  Low  Cost  Navigation  8-12  Sept.  1975,  Sandefjord,  Norway, 
18  July  1975 

(2) Robert  R.  Duncan,  "A  Strapdown  Inertial  Navigator  Using  Miniature 
Electrostatic  Gyros"  Autonetics  Group  of  Rockwell  International, 
Anaheim,  California , 1 March  1973 
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Acquisition  Price 
10-vear  Life  Cvcle  Cost 
MTBF 

Accuracy 


Sice 

Weight 

Power 


S 50,000 
5100,000 
1200  hrs  in  tactical  aircraft 
environment 
0. 8 n mi/hr  CEP  rate 
2.5  ft/sec/axis  velocity  error 
960  in3  (15,700  cm3) 

39  lbs  (18  kg) 

270  watts 


In  the  material  that  follows,  section  2 shows  that  accel- 
erometer and  gyro  angle  readout  errors  cause  much  larger  system 
velocity  and  position  errors  in  a strapdown  system  than  they  do  in 
a stabilized  platform  system.  Section  3 shows  that  incorporation 
of  inertial  instrument  assembly  rotation  is  a cost-effective  solution 
to  this  problem  in  a strapdown  system  and  has  other  benefits  as  well. 
Section  4 summarizes  the  results  of  a series  of  laboratory  navigation 
runs  that  validate  the  above  conclusions. 
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Fig.  1 Inertial  Navigator  East  Channel  Error  Block  Diagram 
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2.  Error  Propagations  in  a Strapdown  System 

Figure  1 shows  a block  diagram  representation  of  the  simplified 
single -channel  error  equation  for  an  inertial  navigator.  The  east 
channel  is  shown.  The  north  channel  diagram  is  similar  and  can  be 
obtained  by  substituting,  in  Fig.  1,  north  for  east  and  minus  east 
for  north.  The  interpretation  of  the  quantities  labeled  on  the  block 
diagram  is  obviq^is  when  the  navigator  being  analyzed  has  a locally 
level  gyro  stabilized  platform.  The  block  diagram  is,  however,  equally 
applicable  in  analyzing  the  errors  in  any  inertial  navigator,  including 
a strapdown  system.^)  To  use  the  block  diagram  of  Fig.  1 to  analyze 
the  errors  in  a strapdown  system,  it  is  necessary  to  form  error  vectors 
of  accelerometer  and  gyro  errors.  Form  the  accelerometer  error  vector 
by  putting  the  three  accelerometer  errors  each  along  their  respective 
sensitive  axes;  form  the  gyro  error  vector  similarly.  The  level-and- 
east  component  of  this  accelerometer  error  vector  is  used  to  drive  the 
east  channel  error  block  diagram  of  Fig.  1,  as  is  the  level -and -north 
component  of  the  gyro  drift  rate  error  vector.  Using  these  inputs,  the 
east  position  error  and  east  velocity  error  for  the  strapdown  system 
are  obtained  just  as  shown  on  the  block  diagram;  the  block  diagram  tilt 
output  gives  the  error  (as  a rotation  about  north)  in  the  vertical 
computed  by  the  strapdown  navigator.  It  is  significant  to  notice  that 
constant  accelerometer  errors  in  a strapdown  system  lead  to  a time 
varying  driving  function  input  to  the  error  block  diagram  when  the  air- 
craft attitude  changes,  in  particular,  when  aircraft  heading  changes. 

The  error  block  diagram  of  Fig.  1 can  also  be  used  to  determine 
the  steady-state  tilt  error  at  the  end  of  stationary  self-alinement. 
When  operated  in  a self-alinement  mode,  the  navigator  has  additional 
loops  mechanized  to  effect  error  damping.  When  the  oscillatory  errors 
are  damped  during  stationary  alinement,  it  is  seen  from  Fig.  1 that 

(Accelerometer  \ „ n m 

Errors  j ( J 

East 

Because  of  the  correlated  tilt  established  during  alinement,  the  accel- 
erometer errors  cause  no  velocity  or  position  errors  when  the  system  is 
switched  out  of  the  alinement  mode  and  into  the  navigate  mode.  And  for 


Tilt  \ 
About  \ 
North  J 
Axis  / 


* g ' 


(^Cornelius  T.  Leondes,  "Guidance  and  Control  of  Aerospace  Vehicles," 
University  of  California  Engineering  and  Sciences  Extension  Series, 
McGraw-Hill  Book  Company,  Inc.,  New  York,  1963 
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a stabilized  platform  system,  where  the  accelerometer  error  vector 
remains  nearly  fixed  with  respect  to  north  and  east  regardless  of 
aircraft  maneuvers,  little  velocity  or  position  error  is  caused  by 
aircraft  attitude  (heading)  changes  during  flight. 

In  a strapdow-n  system,  however,  significant  velocity  and 
position  errors  are  caused  by  constant  accelerometer  errors.  .An 
analytical  example  in  which  strapdown  system  velocity  and  position 
errors  are  driven  by  a constant  accelerometer  bias  error  is  shown  in 
Fig.  2.  The  only  error  source  present  for  this  example  is  a constant 
accelerometer  bias  error  of  100  ug's  along  the  roll  axis  of  the  air- 
craft. The  aircraft  is  headed  east  during  alinement  wherein  the  100  ug 
accelerometer  bias  error  produces  a 20  sec-of-arc  tilt  about  a north 
axis.  When  the  navigator  is  switched  into  the  navigate  mode  at 
t = -10  min,  no  velocity  or  position  errors  begin,  ftit  when  the  air- 
craft in  the  example  takes  off  and  flies  south  at  t = 0,  the  tilt 
error  (still  about  north)  and  the  accelerometer  error  (now  south) 
cause  equal  position  and  velocity  errors  in  the  east  and  north  channels, 
as  shown  in  Fig.  2.  The  aircraft  in  the  example  turns  and  flies  east 
at  t = 42  min,  and  south  at  t = 84  min,  continuing  to  pump  the  velocity 
and  position  errors,  with  the  result  shown  in  Fig.  2.  The  east  and 
north  velocity  errors  each  peak  at  2.5  ft/sec  at  21  minutes,  5 ft/sec 
at  63  minutes,  and  7.5  ft/sec  at  105  minutes.  Radial  position  error 
peaks  at  5650  ft  at  42  and  84  minutes  and  11,500  ft  at  126  minutes. 

It  can  be  computed  from  the  velocity  and  position  error  curves  of 
Fig.  2 that  the  peak  time-rms  velocity  error  in  either  east  or  north 
in  the  time  interval  between  0 and  120  minutes  is  3.9  ft/sec  (equal, 
as  it  happens,  in  east  and  north)  and  that  the  least  squares  fitted 
straight  line  to  radial  position  error  between  times  zero  and  60  minutes 
has  a slope  of  0.98  n mi/hr. 

The  Fig.  2 example  can  be  generalized  somewhat  by  considering 
an  ensemble  of  aircraft  flights,  each  with  the  same  flight  profile, 
and  each  with  a constant  accelerometer  bias  error  along  the  aircraft 
roll  axis  which  varies  from  flight  to  flight  and  is  distributed  normally 
with  zero  mean  and  100  ug  rms  value.  The  ensemble  and  time-rms  velocity- 
error  is  3.9  ft/sec  per  channel,  as  before.  The  ensemble  CEP  rate  is 
the  radial  error  rate  associated  with  the  median  magnitude  bias  error, 

68  ug.  The  CEP  rate  is  0.98  n mi/hr  (68/100)  = 0.67  n mi/hr. 

The  example  worked  out  here  shows  the  system  errors  resulting 
from  a single  accelerometer  error  source  for  one  flight  profile.  It 
illustrates,  however,  a number  of  points  worthy  of  note. 

a.  'Accelerometer  errors,  and  gyro  angle  readout  errors  (which 
propagate  similarly)  are  sources  of  significant  system  errors  in  a strap- 
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Fig.  2 Errors  Caused  by  a Constant  Accelerometer  Bias  Error  in  a 

Strapdown  System 


down  navigator,  as  opposed  to  a stabilized  platform  navigator  where 
their  propagation  is  nil. 

b.  The  propagation  of  a given  set  of  such  error  sources  is 
greatly  dependent  on  the  aircraft  flight  profile.  The  profile  of  Fig.  2 
was  chosen  to  accentuate  the  propagation.  If  the  aircraft  had  taken  off 
and  flown  straight  east  (at  the  ground  alinement  heading),  the  propagation 
would  have  been  nil.  Thus,  in  describing  the  performance  accuracy  of  a 
strapdown  navigator,  the  flight  profile,  or  ensemble  of  flight  profiles, 
must  be  specified. 

c.  The  strapdown  system  radial  position  error  tends  to  hit  a 
peak  early  in  the  flight  (42  minutes)  on  account  of  the  heading  change 
between  ground  alinement  and  the  first  flight  leg,  3nd  tends  to  grow 
more  slowly  thereafter.  The  best  fit  (least  squares)  line  to  the  first 
hour  of  radial  position  error  in  the  example  is  shown  in  the  Fig.  2. 

It  is  clear  by  inspection  that  best  fit  lines  to  90  or  120  minutes  of 
radial  position  error  would  lie  under  the  60-minute  line. 

d.  The  Final  Draft,  Standard  Medium  Accuracy  Navigator  (Sept. 

1976)  specification  calls  for  a per  channel,  zero  to  2 hours,  peak 
time -and -ensemble  rms  velocity  error  of  2.5  ft/sec  or  less.  It  also 
calls  for  a CEP  rate  of  0.8  n mi/hr  or  less  for  the  first  hour;  the 
CEP  rate  is  the  slope  of  the  best  fit  straight  line  to  system  CEP 
versus  time.  The  Fig.  2 system  showed  3.9  ft/sec  as  compared  to  the 
2.5  ft/sec  requirement  and  showed  a CEP  rate  of  0.67  n mi/hr  as  compared 
to  the  0.3  n mi/hr  specification  requirement.  The  system  performance 

is  17  percent  better  than  the  CEP  rate  specification  but  56  percent 
worse  than  the  velocity  specification.  This  illustrates  the  fact  that 
the  allowable  accelerometer  and  gyro  angle  readout  errors  for  a strap- 
down  system  are  dictated  more  by  the  velocity  requirement  than  by  the 
CEP  rate  requirement. 

3.  Navigation  Error  Reduced  by  Rotating  Instrument  Assembly  Unit 

The  MICRON  brassboard  system,  N5"A,  was  designed  in  1972  to 
meet  accuracy  objectives  of  1 n mi/hr  CEP  rate  and  5 ft/sec/axis  rms 
velocity  error.  Two  such  units  were  fabricated  and  flight  tested  in 
a variety  of  fixed  wing  aircraft  and  in  a UH-1H  helicopter.  The  test 
results  verified  that  the  design  met  the  accuracy  objectives.  The 
next  phase  of  the  MICRON  program  called  for  design  and  fabrication 
of  an  Engineering  Prototype  Model  (EFW)  MICRON  with  system  performance 
upgraded  to  meet  the  Standard  Medium  Accuracy  Navigator  specification  - 
0.8  n mi/hr  and  2.5  ft/sec.  The  N57A  tests  showed  that  the  0.8  n mi/hr 
requirement  could  be  met  with  the  N57A  design  but  that  substantial 
changes  would  have  to  be  made  to  meet  the  2.5  ft/sec  requirement. 
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N5~A  uses  accelerometers  whose  bias  stability  is  about 
50  ug  rms.  The  >ESG  wide-angle  pickoff  mechanization  in  N57A  gives 
the  gyro  case  attitude  with  respect  to  the  gyro  rotor  spin  axis  to 
an  rms  accuracy  of  about  0.1  milliradian.  This  angle  readout  error 
is  roughly  equivalent  to  100  ug  rms  of  accelerometer  error  in  terms 
of  system  error  propagation.  It  is  clear  from  the  example  of  the 
previous  section  that  the  accelerometer  and  gyro  angle  readout 
accuracies  require  improvement  to  meet  the  Standard  N'av  Spec  velocity 
requirement  with  the  N57A  mechanization.  The  accelerometers  would 
have  to  be  replaced  with  more  accurate  and,  necessarily,  more  expensive 
ones.  The  0.1  mr  gyro  angle  readout  error  is  the  rms  residual  that 
remains  after  a rather  complex  error  model  has  been  used  to  compensate 
the  raw  gyro  output  in  the  MICRON  computer.  Reducing  this  0.1  mr 
error  would  mean  development  of  additional  error  model  terms  to 
characterize  this  residual  error,  implementation  of  additional  cali- 
bration procedures  to  determine  the  parameter  values  in  the  model  for 
each  gyro  and  mechanization  in  system  computer  of  the  additional  model 
terms  to  effect  the  compensation. 

An  alternative  approach  is  more  cost-effective  in  reducing 
system  error  than  the  approach  of  reducing  instrument  errors  described 
in  the  previous  paragraph.  This  alternative  approach  can  be  introduced 
as  follows.  Notice  that  the  system  errors  in  the  Fig.  2 example  were 
initiated  by  the  step  changes  in  acceleration  error  that  were  caused 
by  the  changes  in  system  heading.  If  the  system  could  be  operated 
in  such  a way  that  heading  changed  continuously  through  360°  many 
times  per  84  minutes,  these  acceleration  errors  would  be  averaged  out, 
largely.  To  accomplish  this  a single  axis  of  rotation  is  added  to 
the  strapdown  system.  The  strapdown  instrument  set,  the  instrument 
assembly  unit  (IAU),  is  rotated  back  and  forth  through  360°  about 
aircraft  yaw  (mostly  near  vertical).  The  IAU  is  rotated  continuously 
in  both  the  alinement  and  navigation  modes.  During  alinement,  the 
effect  of  the  horizontal  component  of  accelerometer  error  is  averaged 
out  and  no  leveling  error  occurs.  This  error  continues  to  be  averaged 
out  in  the  navigation  mode,  so  no  navigation  error  results. 

A motor  is  used  to  turn  the  IAU  at  a uniform  rate  in  yaw 
relative  to  the  aircraft  through  360°  in  one  minute.  Having  rotated 
360o,  the  motor  reverses  direction  and  the  IAU  is  rotated  back  through 
3600  in  the  other  direction  at  the  same  rate...  and  so  forth.  No 
sliprings  are  required.  During  this  rotation  procedure,  MICRON 
continues  to  operate  as  a strapdown  navigator,  continuously  computing 
latitude,  longitude,  altitude,  north,  east,  and  vertical  velocities, 
and  IAU  attitude.  In  order  to  obtain  aircraft  attitude,  a resolver 
is  added  to  the  IAU  rotation  axis  to  allow  conversion  of  IAU  attitude 
to  aircraft  attitude.  Thus,  the  rotation  has  little  impact  on  the 
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basic  operation  of  MICRON  as  a strapdown  navigator  but  rather  is  added 
to  average  out  some  error  sources  and  improve  accuracy.  Rotation 
axis  alinement,  bearing  runout,  rotation  rate  and  angle- -none  of  these 
need  to  be  rightly  specified.  The  accuracy  of  the  resolver  needed  on 
the  rotation  axis  is  determined  only  by  the  accuracy  required  in  the 
determination  of  aircraft  yaw  attitude.  If  a failure  occurs  which 
stops  IAU  rotation,  the  system  will  continue  to  operate  but  with  the 
somewhat  larger  errors  associated  with  a non- rotated  system. 

In  addition  to  averaging  out  the  accelerometer  errors,  IAU 
rotation  also  reduces  errors  occurring  in  the  MICRON  micro-electro- 
static gyros  (MESGs) . Figure  5 shows  a projected  representation  of 
the  MESG.  The  gyro  electrodes  are  shown,  each  an  octant  of  a sphere. 
The  IAU  rotation  axis  is  parallel  to  lp,  a vector  from  the  center  of 
the  sphere  pointing  straight  up  out  of  the  paper  through  one  of  the 
electrode  centers.  The  spherical  gyro  rotor  (not  shown)  is  supported 
electrostatically  within  the  electrodes,  and  its  spin  axis  is  shown 
as  Is,  a vector  perpendicular  to  the  surface  of  the  sphere.  The 
location  of  the  spin  axis  on  the  sphere  is  represented  by  two  Euler 
angles,  a longitude  angle  0 relative  _to  an  electrode- fixed  reference 
and  a co- latitude  angle  0,  both  with  lp  taken  as  the  pole  of  the 
coordinate  system.  In  this  strapdown  system,  the  spin  axis  can,  at 
one  time  or  another,  assume  every  orientation  relative  to  the  electrode 
pattern.  That  is,  0,  0 can  take  on  their  full  range  of  values 
(0  < 0 < 360°,  0 < 3 < i80°) . The  rotor  spin-axis  orientation  is 
nearly  fixed  relative  to  inertial  space;  therefore,  the  useful  output 
of  the  gyro  consists  of  determining  0 and  0 by  means  of  a wide-angle 
pickoff  .*• 

Two  sorts  of  errors  exist  in  the  MESG  operation:  (1)  pickoff 

errors,  i.e.,  errors  in  determining  0,  0,  and  (2)  drift-rate  errors, 
i.e.,  motion  of  the  spin  axis  in  inertial  space.  Each  of  these  errors 
can  be  represented  as  an  error  vector  tangent  to  the  surface  of  the 
sphere  at  the  emergence  point  of  lg.  Each  of  these  error_vectors  can 
be  represented  as  north  and  east  components  (relative  to  1r  as  the  pole) 
along  T\'  and  "Ig  shown  in  Figure  3.  In  the  MICRON  mechanization,  the 
angle  errors  are  modeled  as  a function  of  0,  0,  the  model  coefficient 
values  calibrated  and  used  to  compensate  the  angle  errors  in  the  MICRON 
computer  to  an  accuracy  of  0.1  mr  rms  over  the  sphere.  Drift-rate 
errors  are  modeled  as  a function  of  0,  0 and  g and  compensated  to  an 
accuracy  of  0.01  deg/hr  rms.  These  0.1  mr  angle  and  0.01  deg/hr  drift 
rate  residual  errors  have  been  found  to  be  repeatable  unmodeled  effects, 
mostly,  as  opposed  to  time  variable  errors. 


* Things  are  mechanized  in  terms  of  direction  cosines  in  the  actual 
MICRON  system,  not  in  terms  of  0,  0,  but  the  difference  is  immaterial 
to  the  present  discussion. 
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Fig.  3 Electrostatic  Gyro 


Rotating  the  MICRON  IAU  reduces  these  residual  angle  and 
drift- rate  errors  by  averaging  thern^  To  consider  the  effects  of 
rotation,  imagine  that  the  vectors  1r,  lg,  lj:  and  ljg  remain  fixed  and 
that  the  electrode  pattern  rotates  through  360°  about  1r.  9 remains 

constant  as  0 is  exercised  through  its  full  range  of  values,  lg,  1^, 
and  1$  constitute  an  inertially  fixed  coordinate  frame,  or  nearly 
so  during  the  short  period  of  one  IAU  rotation.  The  g}TO  errors  that 
propagate  into  navigation  errors  are  then  the  average  north  and  average 
east  components  of  the  MICRON  residual  gyro  errors,  averaged  over  a 
full  360°  in  0.  This  average  greatly  reduces  the  magnitude  of  the 
propagating  gyro  errors. 
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4.  System  Test  Results 

Because  the  analytical  form  of  the  gyro  angle  and  drift-rate 
residual  errors  are  not  known,  the  amount  of  error  reduction  achieved 
by  the  rotation  can  be  known  only  as  an  experimental  result,  which 
will  be  presented  in  the  next  few  paragraphs.  Certain  environmental 
effects  do  produce  errors  with  known  analytical  form,  however,  and 
the  effect  of  averaging  has  been  computed  for  them.  Specifically, 
the  major  errors  that  arise  when  the  rotor  is  slowed  by  increased 
drag,  as  from  increased  gas  pressure,  are  averaged  to  zero  by  rotation. 
This  was  demonstrated  when  the  MESG  rotor  was  slowed  down  8 Hz  (from 
2460  Hz)  by  a 10-gauss  d-c  magnetic  field  applied  during  a rotated 
navigation  run  with  no  resulting  degradation  in  navigation  accuracy. 
This  run  also  demonstrated  that  the  drift-rate  magnetic  sensitivity 
was  averaged  to  zero.  Also,  a reduction  of  drift-rate  sensitivity 
to  rotor  temperature  was  determined  analytically  and  verified  experi- 
mentally. It  was  shown  analytically  that  the  angle  and  drift-rate 
error  sensitivity  to  gain  and  phase  variation  in  a major  portion  of 
the  support  servo  electronics  is  reduced  to  zero  by  rotation.  The 
sensitivity  to  variations  in  the  remainder  of  the  electronics  is 
decreased  substantially. 

Comparison  of  the  results  of  a series  of  rotated  navigation 
runs  with  the  results  of  a series  of  non- rotated  runs  is  the  best 
way  to  exhibit  the  merits  of  rotation.  A series  of  20  non-rotated 
laboratory  navigation  runs  was  made  in  early  1976  using  an  \'57A  MICRON 
brassboard  svsten.  The  system  was  gyrocompass  alined,  then  navigated 
for  40  minutes  with  no  attitude  change.  The  system  heading  was 
changed  +90  deg-of-arc  at  t = 40  and  80  minutes.  The, duration  of  the 
navigation  run  was  120  minutes.  The  north  and  east  velocity  errors 
and  the  radial  position  error  for  a typical  one  of  these  runs  are 
shown  in  Figure  4.  The  ensemble  characteristics  of  the  20  runs  will 
be  discussed  later. 

A series  of  10  rotated  laboratory  navigation  runs  was  made  in 
mid- 1976.  The  same  N57A  MICRON  brassboard  system  was  used  for  these 
runs  as  for  the  non-rotated  runs.  Having  been  constructed  as  a non- 
rotated  system,  the  N57A  was  mounted  on  a Goerz  automatic  three-axis 
table  to  allow  rotation  of  the  whole  system  for  these  runs.  The 
inside  axis  of  the  Goerz  table  (the  one  nearest  N57A)  was  used  to 
achieve  the  back- and -forth  360°  rotation.  The  outer  two  axes  were 
used  to  put  the  inside  axis,  the  rotation  axis,  at  any  desiftu  orient- 
ation with  respect  to  the  lab.  A simulated  fighter  mission  of  260-min 
duration  was  defined  that  made  use  of  this  all-attitude  capability. 

It  simulated  the  aircraft  attitudes  that  would  be  assumed  during  a 
fighter  mission,  including  takeoff,  cruise,  combat,  return  cruise, 
and  landing.  IXiring  the  combat  phase,  the  Goerz  table  was  used  to 
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rapidly  put  the  N57A  through  the  sorts  of  attitudes  that  would  be 
seen  in  an  aircraft  during  air-to-air  combat.  The  north  and  east 
velocity  errors  and  the  radial  position  error  for  a typical  one  of 
those  runs  are  shown  in  Fig.  5. 

Ensemble  navigation  error  characteristics  for  the  20  non- rotated 
runs  and  10  rotated  runs  are  plotted  together  in  Figs  6 and  7 for  easy 
comparison.  Figure  6 shows  the  ensemble  rms  of  the  time  rms  velocity 
error  versus  time;  north  error  or  east  error  is  plotted,  whichever  is 
larger.  The  values  at  two  hours,  3.34  ft/sec  and  1.19  ft/sec,  for  the 
non-rotated  and  rotated  ensembles,  are  to  be  compared  with  the  2.S  ft/sec 
velocity  error  required  by  the  Standard  Nav  Spec.  Figure  7 plots  CEP 
(estimated  by  sample  median)  versus  time  for  the  two  ensembles.  The 
slopes  of  the  least-squares  fitted  straight  lines  to  the  first  hour's 
data,  0.681  n mi/hr  and  0.358  n mi/hr,  for  the  non-rotated  and  rotated 
ensembles  are  to  be  compared  with  the  0.8  n mi/hr  CEP  rate  required  by 
the  Standard  Nav  Spec.  It  can  be  concluded  from  studying  Figs  6 and  7 
that  rotation  reduces  velocity  errors  by  approximately  a factor  of  3 
and  CEP  rate  by  approximately  a factor  of  2.  The  non-rotated  system 
meets  the  Standard  Nav  Spec  CEP  rate  requirement,  and  the  rotated 
system  beats  the  requirement  by  a factor  of  2.  The  non-rotated  system 
does  not  meet  the  Standard  Nav  Spec  velocity  requirement.  The  rotated 
system  beats  the  requirement  by  a factor  of  2.  Thus,  it  is  seen  that 
the  use  of  a single  axis  of  non-precision  rotation  allows  use  of  the 
N57A  instrument  set,  without  expensive  improvements,  in  a strapdown 
system  that  easily  meets  the  Standard  Nav  Spec  accuracy  requirements. 

In  the  future,  MICRON  will  also  find  use  in  those  applications 
that  require  more  accurate  navigation  than  what  is  called  for  in 
Standard  Medium  Accuracy  Navigator  specification.  In  many  lab  runs 
where  the  N57A  rotation  axis  was  kept  always  vertical,  unlike  the 
simulated  fighter  mission  profile,  CEP  rates  of  0.1  n mi/hr  and  better 
were  achieved.  With  further  error  model  development,  modeling  average 
angle  readout  and  drift-rate  errors  as  a function  of  0 (see  Fig.  3), 
this  better  performance  will  be  possible  with  the  rotation  axis  moving 
as  it  would  on  a realistic  flight  profile.  This  development  will 
result  in  a high-accuracy  MICRON  version  that  is  identical  to  the 
Standard  Nav  version  in  hardware  configuration  but  has  added  soft- 
ware error  compensation. 
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ABSTRACT 


Theoretical  studies  show  that  the  so-called  g2  coefficients  of  a 
free-rotor  gyroscope  are  functions  of  the  applied  acceleration.  Although 
too  small  to  be  measured  in  a 1-g  situation,  under  high  g conditions  the 
higher  order  nonlinearities  cause  significant  error  torques.  This  paper 
briefly  reviews  the  theoretical  derivation  of  the  higher  order  g 
coefficients.  The  paper  includes  the  experimental  effort  which  confirmed 
that  the  nonlinearities  could  be  adequately  represented  for  missile  guidance 
compensation  by  g4  coefficients.  Specifically,  each  of  the  nonlinear  coef- 
ficients is  represented  by  a curvilinear  surface  which  is  a function  of  two 
g2  coefficients. 

The  experimental  phase  of  this  study  consisted  of  testing  a number 
of  gyros  under  high  accelerations,  using  a specially  designed  linear  vibra- 
tor. The  paper  describes  the  performance  of  the  linear  vibrator  and  the 
methods  used  to  achieve  precision  acceleration  calibration  at  low  frequen- 
cies . 

The  paper  gives  the  general  derivation  of  the  appropriate  equations, 
presents  the  experimental  results,  compares  these  results  to  the  theoretical 
values,  and  evaluates  possible  and  known  test  errors. 
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INTRODUCTION 


The  purpose  of  this  paper  is  to  describe  a 2-year  gyro  accuracy 
improvement  program  which  included  theoretical  and  experimental  studies  of 
the  higher-order  g effects  in  a free-rotor  gyro.  This  paper  reviews  the 
theoretical  derivation  of  these  higher-order  g coefficients.  It  confirms 
that  the  nonlinearities  in  the  so  called  g2  coefficients  could  be  adequately 
represented  for  missile  guidance  compensation  by  g4  coefficients  appropriately 
related  to  the  individual  g2  coefficients.  In  addition,  testing  methods  using 
a precision  linear  vibrator  were  developed  and  representative  test  results  on 
one  gyro  are  included. 

The  paper  is  divided  into  four  sections:  the  theory,  experimental 

testing,  experimental  results,  and  conclusions.  The  fundamental  forms  of  the 
g4  coefficients  were  shown  experimentally  and  agree  with  the  theoretical 
predictions  within  the  expected  accuracy.  It  was  further  shown  that  accept- 
able estimates  for  the  significant  g4  coefficients  can  be  made  from  the 
labeled  value  of  the  g2  coefficients.  These  coefficients  are  currently 
measured  during  gyro  functional  acceptance  testing. 
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II. 


THEORY 


A.  DESCRIPTION  OF  THE  GYRO 

The  gyro  used  to  stabilize  the  guidance  platform  is  a free-rotor, 
two-degree-of-f reedom  gyro  in  which  angular  displacements  of  the  platform 
containing  the  gyros  are  sensed  relative  to  the  inertially  stable  gyro  rotors. 
Capacitor  pickoff  displacement  signals,  applied  to  gimbal  servos,  cause  the 
platform  to  maintain  alignment  with  the  inertial  plane  of  the  gyro  rotor.  The 
rotor  is  caused  to  precess  at  desired  rates,  such  as  earth  rate,  about  two 
axes  by  torques  applied  to  the  rotor  through  a precision  electromagnetic 
torquer.  As  shown  in  Fig  1,  the  nonmagnetic,  beryllium  rotor  is  supported  on 
a spherical  autolubricated  gas  bearing  which  allows  unlimited  freedom  about 
the  spin  axis  and  limited  freedom  about  any  axis  normal  to  spin,  with  no  addi- 
tional output-axis  bearings  required. 

The  gyro  motor  is  an  induction  type,  having  a copper  eddy  current 
cylindrical  sleeve  attached  to  one  Sj.de  of  the  rotor.  The  sleeve  operates  in 
a rotating  magnetic  flux  produced  in  an  annular  gap.  An  outer  laminated 
stator  having  a three-phase  winding  is  separated  by  the  annular  gap  from  an 
inner  laminated  stator  which  serves  as  a flux-return  path. 

The  torquer  also  operates  on  the  principle  of  eddy-current  induction 
forces  produced  in  a cylindrical  manganin  sleeve.  The  torquer  sleeve  is 
attached  to  the  side  of  the  rotor  opposite  the  motor.  By  varying  the  magnetic 
fields  produced  by  a four-pole  mumetal  structure  having  a separate  coil  on 
each  pole,  torques  may  be  applied  in  any  direction  normal  to  the  rotor  spin 
axis. 


The  displacement  pickoff  consists  of  a four-segment  annular  ring 
mounted  on  a ceramic  insulator  adjacent  to  one  side  face  of  the  rotor  rim.  As 
the  rotor  is  tilted  with  respect  to  an  axis  of  the  pickoff  plane,  the  capaci- 
tance between  the  rotor  and  the  approaching  segment  of  the  ring  is  increased, 
while  the  capacitance  of  the  opposite  receding  segment  is  decreased.  The 
rotor-to-pickof f-segment  capacitances  are  connected  to  the  ends  of  a trans- 
former winding  having  a 4.8  kHz  excitation  applied  between  the  winding  center 
tap  and  the  rotor.  The  transformer  secondary  produces  a phase-sensitive  out- 
put proportional  to  the  rotor  tilt  relative  to  the  pickoff  plane.  The  two 
pairs  of  plates  and  two  transformers  provide  pickoff  signals  about  two 
orthogonal  axes. 

A beryllium  housing  supports  the  spinning  beryllium  rotor  through  the 
stationary  beryllium-ball  portion  of  the  spherical  gas  bearing.  One  half  of 
the  housing  contains  the  motor  and  pickoff s;  the  other  half  contains  the 
torquer.  A welded  mumetal  enclosure  surrounding  the  berryllium  housings  pro- 
vides a leak-free  container  for  the  hydrogen  gas,  shielding  from  magnetic 
fields,  thermal  isolation,  and  protection  for  the  electrical  printed  circuits. 
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B.  SOURCE  OF  ACCELERATION  SENSITIVITY  NONLINEARITIES 

In  the  free-rotor  gyro  employing  an  autolubricated  spherical  gas 
bearing  as  the  means  of  rotor  support,  the  principal  nonlinearity  in  the 
acceleration  sensitivity  is  a second-order  effect  arising  in  the  gas  bearing. 
Under  low  level  combined  radial  and  axial  acceleration  loads,  the  gas  bear- 
ing deflection  causes  viscous  and  pressure  gradient  torques  on  the  rotor  about 
radial  axes.  These  torques  can  be  represented  by  the  product  of  the  g‘  coef- 
ficients and  the  axial  and  radial  g components.  At  higher  g levels,  the  bearing 
deflection,  which  is  a nonlinear  function  of  g,  produces  higher  order  nonlinear 
torques  which  become  significant  in  terms  of  flight  errors.  This  effort  was 
concerned  with  finding  a method  of  compensating  the  g4  error  torques. 

From  the  early  investigation  of  the  nonlinearity  of  torque  as  a func- 
tion of  g,  it  became  apparent  that  there  might  be  a correlation  between  the 
g2-coef f icients  and  higher-order  terms.  The  analyses  of  Castelli  (ref  1), 

Tipei  (ref  2) , and  Zedekar  (ref  3)  showed  that  the  error  torque  was  a function 
of  various  nondimens ional  groups  involving  parameters  such  as  geometry, 
viscosity,  ambient  pressure,  and  polar  moment.  The  nonlinearity  is  entirely 
due  to  the  eccentricity  ratio.  The  above  considerations  indicated  that  there 
would  be  some  variation  due  to  elongation  of  the  cavities  and  thrust  bearing 
deviations;  however,  a reasonably  smooth  function  should  result  for  the  various 
nonlinear  coefficients.  Over  the  range  of  conditions  studied,  this  has  proven 
to  be  the  case. 

The  motivation  for  pursuing  this  approach  is  obvious  in  that  if  a 
sufficiently  smooth  surface  of  the  nonlinear  coefficients  exists,  then  it 
would  be  possible  to  predict  these  coefficients  from  a knowledge  of  the 
measured  g2-coeff icients.  The  alternative  would  be  to  directly  measure  the 
g4-coeff icients  through  vibration  or  centrifuge.  Besides  being  vastly  more 
expensive,  direct  measurement  would  postpone  implementation  of  a compensation 
scheme  until  the  individual  fielded  gyroscopes  were  recycled  through  the  depot 
or  factory  and  calibrated. 

C.  REYNOLDS  EQUATION 

The  basic  equation  of  hydrodynamic  lubrication  was  first  developed  by 
Osborne  Reynolds  (ref  4)  in  1886.  This  equation  expresses  the  relationship 
between  the  viscosity,  film  thickness,  pressure,  and  sliding  velocity.  The 
Reynolds  equation  can  be  deduced  either  from  the  Navier-Stokes  equations  or 
from  basic  principles.  The  generalized  form  of  the  Reynolds  equation  is 

_i  /fihi  i£\  + _3  /fihi  ifi\  , I _i  (oUh)  + AML.  m 

3x  \12p  3x J + 3z  \12p  3z/  2 3x  ''pUh'  + 3t  ; 

The  following  nomenclature  is  used  throughout  the  analysis. 
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a,  b = coefficients 

Ag  * applied  axial  acceleration 
in  units  of  g 

= applied  radial  acceleration 
in  units  of  g 

C = radial  clearance 

C,  = coefficient 
d 

E,  B = g2  coefficients 
e = bearing  eccentricity 
h = clearance 
J,N,P,R  = g4  coefficients 
In  = natural  logrithm 
p = pressure 

= ambient  pressure 
R = gas  constant;  radius 
T = torque 
t = time 
U = velocity 


Wj^  = bearing  load  normal  to 
eccentricity 

W 1 1 = parallel  component  of  bearing 

load 

W = axial  .load 
a 

W = radial  load 
r 

Y = load  parameter 
A = depth  of  thrust  pad 

e = eccentricity  ratio  = 

A - 6y  mR2 

P C2 
a 

A = mean  free  path  of  gas 
y = absolute  viscosity 
p = density 
t = shear  stress 
w = angular  velocity 


Using  C,  P , and  l/m  to  normalize  various  quantities  and  assuming 
isothermal  conditions: 


H 

C 

P 

T 

P 


h 

C 

radial  clearance  when  e = 0 

P/Pa 

wt 

_E 

RT 


Equation  (1)  is  transformed  into  the  following: 
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0)|U 


H (p“3  1)  + W (p"3  I)  * A (»7  + 2 3t)  <“p> 


In  spherical  coordinates,  Reynolds  equation  becomes: 


sin  <|>  — sin 


(h)3P  iLL  + _i  (H)3p — 
k J 9<J>  90  ' ' 96 

- A <sl"  *>2  (af  + 2 if)  <HP> 


where  A = u R is  the  usual  compressibility  number. 

P C2 
a 


The  above  form:'  of  the  Reynolds  equation  apply  to  full  film  lubrica- 
tion for  both  compressible  and  incompressible  fluids.  The  solution  of  the 
Reynolds  equation  for  a particular  bearing  configuration  results  in  an  expres- 
sion for  the  pressure  throughout  the  film  as  a function  of  viscosity,  film 
shape,  and  velocity.  Integration  of  the  pressure  over  the  film  area  yields 
the  load  supported  by  the  film.  In  addition  to  the  load  capacity,  an  expres- 
sion for  the  torque  exerted  on  the  bearing  can  also  be  developed. 

D.  TORQUE  EQUATIONS 

The  velocity  distribution  in  the  direction  of  motion  can  be  used  to 
evaluate  the  shear  stress  in  the  X direction 


9U  _ _ ]jU 


y) 


At  the  moving  surface  (Y  = 0) , this  becomes 


T . . aH  . 1*  i£ 

x h 2 9x 


At  the  stationary  surface  (Y  - h) , 


T - . E^  h 9£ 

x h 2 9x 


Integrating  over  the  bearing  surface,  the  friction  force  becomes 
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MSS*****-* 


" ff 


t dx  dz 

X 


r^-  dx  dz 
n 


^ dx  dz 
2 3x 


The  upper  sign  in  the  last  term  is  for  the  stationary  surface,  and 
the  lower  sign  is  for  the  moving  surface. 

Integrating  the  second  term  of  Eq  (7)  by  parts: 

fx^dX  " I {h  (p_Pa)  Li  "/!£  (P-Pa)  dx|  (8) 

and  noting  the  p **  pa  at  both  edges  of  the  film,  the  first  term  of  Eq  (8) 
vanishes.  Then  Eq  (7)  becomes: 

F ■ ~ff  dx  dz  ± i ff  <p-pa)  H dx  dz  (9) 

Examination  of  Eq  (9)  shows  that  the  friction  forces  on  the  moving  and 
stationary  surfaces  are  not  equal.  The  first  term  on  the  right  is  due  to  the 
viscous  drag  and  is  dependent  on  the  viscosity  and  the  velocity  gradient.  The 
second  term  is  due  to  the  pressure  forces  and  for  this  to  be  other  than  zero, 
there  must  exist  both  a pressure  gradient  and  a varying  film  thickness. 

In  spherical  coordinates,  the  torque  equation  is 
f - w/*  X ^ R2  sin  $ d <J>  d 6 


4*  2 

tf  f>*  x (f  ^p)  r2 


sin  4>  d $ d 6 


Again  the  first  term  is  due  to  the  velocity  gradient,  and  the  second  is  due  to 
the  pressure  gradient.  The  upper  sign  refers  to  the  stator  and  the  lower  to 
the  rotor. 

E.  THE  EFFECT  OF  VISCOUS  AND  PRESSURE  GRADIENT  TORQUES 

In  1955,  Cogan  (ref  5)  developed  the  first  successful  gas-lubricated 
spherical  bearing,  and  later  predicted  the  effect  of  bearing  design  on  the 
performance  of  a free-rotor  gyroscope.  Specifically,  he  derived  expressions 
for  the  g2-coef f icients  by  solving  the  first  term  of  Eq  (10)  and  assuming  that 
the  pressure  gradient  effects  were  small. 
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In  1968,  Zedekar  (ref  3)  extended  the  above  analysis  to  the  generalized 
case  including  the  pressure  gradient  effects,  lie  determined  expressions  for 
the  torque  along  the  direction  of  the  applied  radial  load  and  the  torque 
normal  to  the  direction  of  the  applied  radial  load. 

The  first  term  of  Eq  (10),  the  term  due  to  velocity  gradient,  becomes 


3V 


sin  a cos  a sin  y 


sin  a cos  a cos  y 


(ID 


(12) 


The  second  term  of  Eq  (10),  the  term  due  to  pressure  gradient,  becomes 


T 


1 


Tll 


where 


T1 


R 

V 


u> 

n 


r<e.“r-sM  V 


e,  w 

2 1 a 


(13) 

(14) 


tcrque  normal  to  direction  of  radial  load 
torque  parallel  to  direction  of  radial  load 
gas  bearing  radial  clearance 

bearing  radial  eccentricity  ratio  parallel  to  direction  of 
radial  load 

bearing  radial  eccentricity  ratio  normal  to  direction  of 
radial  load 

axial  bearing  eccentricity  ratio 
axial  force 
radial  force 

bearing  drag  coefficient,  for  a perfect  sphere  C,  - ~^-R— 

a J n 

radius  of  sphere 
absolute  viscosity 
angular  velocity 
integer 
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form  of 


where 
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e = eccentricity  ratio  — 

o 

e = bearing  eccentricity 
a * angle  between  w and  e 

y = angle  between  radial  load  and  radial  eccentricity 
Expand  Eq  (11)  and  (12)  and  note  that  (see  Fig  3 in  part  F below) : 


er  ■ e sin  a 

= e sin  a cos  y 

= e sin  a sin  y 

e * e cos  a 

a 


(e  W 

2 a r 


C.« 

W ) + —r—  e.  e 
a 5 1a 


(15) 


h C,(i) 

o * > , d 

2~  ElWa  + T 'll 


(16) 


Although  there  is  little  theoretical  work  to  determine  the  function 

e , it  can  be  inferred  that  it  is  of  the  form: 
a 


= Y + K^Y3  + K2Y5  + . . . 


(17) 


Y - 1^W_ 

SirpR1* 

W - applied  load 

By  noting  Eq  (13)  and  (17)  the  torque  components  become: 

T1  “ a00AaAr  + a20A3  Ar  + a02AaA3 

ftoiiA  A 41  « • • 
a r 

'll  " b00AaAr  + b2°Aa  Ar  + h0z\^ 

+ b04AaA3  + . . . (19) 
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a40Aa  Ar  + a22Aa  Aj 


(18) 


+ b40A3  Ar  + b22A3  Ar3 


where 


a 


i.j 


A 

s 


coefficients 


applied  axial  acceleration  in  units  of  g 
applied  radial  acceleration  in  units  of  g 


By  converting  the  above  torques  to  drift  rates,  and  resolving  these 
components  into  torques  along  the  conventional  free-rotor  gyro  control  axes 
(see  Fig  6,  ref  3),  the  following  is  obtained: 

T1 

JZ  = E A!As  + P AXA3  + R A3  As  - B A2Ag  - J A2A3  - N A23Ag  + ...  (20) 

t2  3 , 

Y~  ~ E A2A  + P A2A3  + R A2A  + B AjA  + J AjA3  + N AjA  + ...  (21) 

X(jj  s s s s s s 

where 

E,B  » g2  coefficients 
J,N,P,R  = g4  coefficients 


A computer  program  for  the  numerical  solution  of  Eq  (17)  was  developed 
for  this  effort  by  V.  Castelli  (ref  1)  which  follows,  in  time,  the  transients 
of  pressure  and  flow  at  each  bearing  point  as  well  as  the  integration  of  the 
equations  of  motion. 

Integration  of  the  transient  forces  gives  both  the  average  and  the 
fluctuations  of  all  forces  and  torques  of  interest. 

When  steady-state  forces  and  torques  are  desired,  the  rotor  center  is 
maintained  at  a fixed  eccentric  location.  When  the  dynamic  response  is 
desired,  the  integration  of  the  equations  of  motion  is  performed. 

The  solution  is  obtained  by  time  integration  of  Reynolds  equation  with 
the  inclusion  of  the  effects  of  molecular  mean  free  path. 

The  major  features  of  the  computer  algorithm  are 

(1)  No  special  equations  are  needed  at  steps  in  the  clearance 
such  as  at  the  sides  of  pockets. 

(2)  Good  speed  of  computation  since  only  tridiagonal  matrices 
are  inverted. 
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(3)  Good  numerical  stability  since  a linearized  stability 

analysis  shows  that  the  method  is  unconditionally  stable. 

(A)  Good  accuracy  since,  if  it  were  not  for  the  nonlinearity 
given  by  the  P divisors,  the  approximation  over  two 
time  steps  is  of  the  order  (AT)2. 

For  static  runs,  the  computation  is  started  from  ambient  pressure 
initial  conditions,  and  the  algorithm  is  applied  until  cyclicity  is  attained 
in  the  solution.  Since  the  pocket  pattern  on  the  rotor  is  cyclic,  the 
cyclicity  of  the  solution  is  tested  at  points  fixed  on  the  stator  and  at 
intervals  of  time  equal  to  the  rotation  of  one  geometry  cycle.  When  cyclicity 
has  been  achieved,  the  pressure  field  and  the  shear  forces  are  integrated  to 
produce  the  desired  forces  and  torques. 

Some  additional  features  of  the  numerical  analysis  program  are: 

(1)  Clearance  deviations:  A grid  of  values  of  dimensionless 

clearance  deviations  can  be  read  in  which  is  added  to  the 
clearance  as  computed  from  mean  clearance,  elongations,  and 
eccentricities.  The  clearance  deviations  are  dimensionless 
with  respect  to  the  mean  equatorial  clearance  of  the  top 
hemisphere.  In  entering  the  deviations,  it  should  be 
remembered  that  clearance  is  associated  with  grid  intervals 
and  not  with  grid  points. 

(2)  Ambient  pressure  variations:  The  ambient  pressure  can  be 

varied  as  a function  of  time.  The  variation  can  be 
specified  as  connected,  piecewise  linear  functions  of 
time. 

(3)  Torque  averaging:  The  torques  acting  on  the  rotor  can  be 

averaged  over  a number  of  specified  intervals  of  time  and 
the  results  are  additional  outputs. 

(4)  Polynomial  fitting:  Least  square  fitting  of  polynomials 

can  be  requested  for  the  following  functions: 

(a)  Rotor  torques  vs  ambient  pressure 

(b)  Rotor  torques  vs  axial  g-excitation 

(c)  Rotor  torques  vs  parallel  g-excitation 

The  degree  of  the  fitted  polynomial  can  be  specified  (up 
to  fifth)  as  well  as  the  time  interval  over  which  the 
fitting  is  performed. 

(5)  Variable  Punchout:  Upon  proper  input  specification,  the 

program  will  punch  out  on  cards  the  successive  values  of 
any  of  the  following  variables:  Time;  axial,  parallel, 

and  normal  eccentricities;  axial,  parallel,  and  normal 
total  torque;  ambient  pressure;  axial  and  parallel  g- 
excitation.  These  can  be  used  for  off-line  data  analysis. 
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F.  CALCULATION  OF  gn  COEFFICIENTS 

The  computer  program  is  used  to  solve  the  appropriate  form  of  the 
Reynolds  equation  for  a given  set  of  nondimensional  input  parameters.  Figure 
2 is  a flow  diagram  which  indicates  the  computational  setup  involved  in 
obtaining  the  required  coefficients." 

(1)  The  following  group  of  nondimensional  groups  are  calculated 
for  each  run: 


PLAM 

m 

6y  uR2 

PaC2y 

PDEP^ 

= 

Ai 

C 

\ 

'I*  nB 

C 

CBOCT 

bearing  clearance 

of 

bottom  hemisphere 

bearing  clearance 

of 

top  hemisphere 

FREE 

- 

X 

C 

HDEV 

= 

M x N array  which 

gives  any  deviation  of  geometry 

COVR 

S 

C 

R 

In  addition  to  the  above,  a number  of  inputs  is  required  to  show  the 
angular  extent  of  the  bearings,  the  size  of  the  polar  orifices,  check  points 
for  determination  of  cyclicity  of  pressure,  degree  of  convergence,  and 
output  format. 

Nomenclature: 

A = bearing  compressibility  number 
y = absolute  viscosity  of  gas 

u>  = angular  velocity  of  rotor 

R - radius  of  ball 

Pa  = ambient  pressure 

C = radial  clearance  of  the  bearing  measured  at  the  equator 
when  the  bearing  is  centered 

Y = ratio  of  specific  heats  (indicates  how  much  the  bearing 
deviates  from  isothermal) 

■ array  of  individual  thrust  pad  depths 

Jt  - elongation  of  a rotor  half  from  a hemispherical  surface 
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X = ambient  mean  free  path  of  the  gas 
e = eccentricity  along  spin 

cL 

e^  = eccentricity  normal  to  spin 
M,N  = number  of  grid  points  in  bearing 

(2)  The  output  from  each  individual  run  lists  the  various  non- 
dimensional  torques  and  forces  that  are  acting  on  the  rotor 
for  the  input  conditions  specified  above.  These  are  then 
converted  into  torque  coefficients  along  the  A*  and  B*  gyro 
axes  as  a function  of  axial  and  radial  accelerations. 

(3)  From  a sufficient  number  of  torque  and  load  combinations, 
the  results  are  fitted  to  a curve  in  the  least-squares 
sense  to  obtain  the  required  coefficients  with  an  rms  of 
the  residuals. 

(4)  The  above  steps  will  be  continued  until  added  points  do 
not  significantly  affect  the  projection  of  the 
coefficient  curves. 

(5)  Operating  on  the  above  matrices  with  multiple  regression 
techniques,  the  final  curvilinear  model  of  each  coefficient 
is  obtained. 

Assume  that  it  is  desired  to  calculate  the  g2  and  g4  coefficients 
for  a gyro  having  the  following  characteristics: 


Radius  of  ball  (R)  = 0.8125  in 

Radial  clearance  (C)  = 1.445  x 10-4  in 

Angular  velocity  of  rotor  (w)  = 986.5  s_1 

Ambient  pressure  (P  ) = 20  psia 

8i 

Gas  viscosity  (H2)  (p)  = 1.31  x 10-9  psi  s (reyns) 

Mean  free  path  of  H2  (X)  = 3.55  x 10-6  in 

Thrust  pad  depth  (A^)  = 75  x 10-6  in 

Elongation  of  rotor  (1)  - +41.2  x 10-6  in  (each  half) 

Isothermal  (y)  = 1.0 


Mass  of  rotor  (m)  = 310  grams 

Angular  momentum  (Iw)  = 3.829  x 106  gm-cm2  s“ 1 

Polar  orifice  44  - 18° 

Bottom  of  thrust  pad  $2  ■ 23.5° 

Top  of  pad  413  - 60.3° 

These  axis  are  defined  later  in  Fig  9. 
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MAY  77 

A0TC-TR-77-3-V0L-1  N. 


17/7 
“ETC (U) 


UNCLASSIFIED 


( 


Angular  extent  of  pads  in  direction  of  motion  * 50° 

Bottom  rotor  is  rotated  60°  with  respect  to  the  top  rotor 
Both  cavities  and  all  thrust  pockets  are  identical 


PLAM 

= 

12.257 

PDEP 

a 

0.51903 

nT’nB 

a 

0.28512 

FREE 

a 

0.02457 

hDEV 

a 

0.0  (no  deviation  of  geometry) 

C0VR 

8 

1.7785  x 104 

CBOCT 

a 

1.0 

Use  the  following  sets  of  eccentricity  ratios: 


Radial  -* 


ea\^ 

0.0244 

0.0488 

0.0732 

0.0976 

0.122 

0.139 

X 

X 

X 

0.278 

X 

X 

0.417 

X 

X 

0.566 

X 

0.659 

X 

For  eg  ■ 0.139,  ■ 0.0244  (from  the  computer  run)  the  normalized 

load  along  the  spin  axis  was 

W 

| - 0.072190 

P R 
a 

and 

W - 0.072190  x 20  ~ * (0.8125  in)2 

3 i 2 

in 


- 0.953134  lb 


O 
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Dividing  the  load  by  the  rotor  mass,  the  spin  axis  acceleration  is 


g 


0.953134  lb 


0.682819  lb/g 
= 1.39588 

g2  = 1.94848 

Likewise  in  the  axis  normal  to  spin 
W 

r = 0.072600 

1.40381 

29.107° 

1.97069 
1.959548 
19.39632 


P R 
a 


'r 

r 

,2 


8 x 8 
°a  6r 


and  the  normalized  torque  is 


P R 
a 


- 1.555639  x 10-6 


By  dividing  the  torque  by  the  angular  momentum,  the  drift  rate  is  (see 

Fig  3): 


1.555639  x 10** ^ x 20  x (0.8125) 3 lb  in  k 1.13  » 106 
3.829  x 106  gm-cm2  s_l 


X 


gm-cm2  8~2 
lb  in 


0.98408  °/h 
0.50266  °/h/g2 
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Fig  3.  Load  and  Torque  Relationship  in  Radial  Plane 
From  Eq  (18)  and  (19)  or 

B - B00  + B2083  + B02g£  + B40gg  + B22g£g£  + B04g£  + ... 

E “ E00  + E20gg  + E02gj  + E4  08^  + E22ggg^  + E04g^  + ••• 
In  prior  notations: 


BOO  “ 

B 

Eoo  " 

E 

B40»B22»B04  ) 

J g6  coefficients 

b20  " 

J 

E20  “ 

P 

e40  *E22  »E04  ) 

b02  - 

N 

E02  “ 

R 

AV» 

B - 

0.37648 

E - 

0.3304 

Continuing  through  the  remaining  sets  of  eccentricity  ratios,  one 
obtains  the  following  tabulation: 
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e 

e 

B 

E 

g 2 

a 

r 

a 

r 

0.139 

0.  0244 

0. 3764886 

0. 3330496 

1 .948467 

1 .970692 

0. 139 

0.  0732 

0. 3729403 

0. 3307690 

1 . 980664 

17.82405 

0.  139 

0.122 

0. 365885 

0. 3264778 

2.046403 

50.01633 

0.  278 

0.  0488 

0. 3677395 

0.3313711 

8.208421 

8 .057260 

0.  278 

0.  0976 

0.  3628055 

0. 3287198 

8 .411310 

32.48082 

0.417 

0.0244 

0.  356011 

0. 3293084 

19.93192 

20.81745 

0.417 

0.0732 

0. 352648 

0.  3271577 

20.25957 

18.83452 

0.  556 

0.  0488 

0. 3369405 

0.  3242843 

40.  19226 

8 . 784237 

0.695 

0.  0244 

0. 3159574 

0.  3202243 

73. 36148 

2. 354818 

The  following  set  of  coefficients  are  derived  by  applying  multiple 
regression  techniques  to  the  above  data  set: 


B00(B) 

B20(J) 

b02<N) 


40 


22 


04 


0.379853  °/hr/g2 
-1.37835  x 10-3  °/hr/g4 
-2.864513  x 10-4  °/hr/g4 
6.65662  x 10"6  °/hr/g6 
1.196583  x 10"5  °/hr/g6 
7.11528  x 10'7  °/hr/g6 


E00<E) 

E20(P) 

e02(R) 


'40 


'22 


'04 


0.334411  °/hr/g2 
-4.12344  x 10-4  °/hr/g4 
-1.62838  x 10~4  °/hr/g4 
2.701691  x 10~6  °/hr/g6 
1.06545  x 10~5  °/hr/g6 
-1.804697  x 10‘8  °/hr/g6 


The  above  technique  was  followed  to  analyze  55  combinations  of  geometry 
to  obtain  a family  of  g2  and  g4  coefficients.  The  radial  clearance,  depth  of 
thrust  pad,  and  elongation  of  the  rotor  halves  were  the  primary  parameters 
varied.  Using  multiple  regression  techniques,  an  algorithm  was  obtained  for 
each  of  the  g4  coefficients  of  £q  (20)  and  (21).  The  form  of  the  regression 
equation  is  as  follows: 


■ ag  + ajB  + a2E 


where  Kj  - J,N,P,R 
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Table  1 is  the  result  of  this  analysis. 


Table  1.  Coefficients  for  Theoretical  Algorithm 


Coefficient 

ao 

al 

a 

2 

rms  of 
Residuals 

J 

0.0009174 

-0.0039157 

-0.0009266 

0.0001048 

N 

0.0001273 

-0.0003517 

-0.0005841 

0.0000277 

P 

0.0002328 

-0.0007841 

-0.0002806 

0.0000321 

R 

0.00009325 

-0.00008856 

-0.0005638 

0.0001107 

III.  EXPERIMENTAL  TESTING 


A.  DESCRIPTION  OF  TEST  EQUIPMENT 

The  g4  calibration  of  the  free-rotor  gyros  was  performed  In  the  gyro 
test  laboratory.  A new  linear  vibration  system  was  procured  by  Autonetics 
Group  for  this  test  from  Ling  Electronics,  Division  of  Altec  Corporation. 
Photographs  of  the  system  equipments  are  shown  in  Fig  4 and  5.  This  vibrator 
incorporates  a dual  thruster  and  hydrostatic  bearing  assembly  to  provide 
linear  motion  vibration  within  a frequency  range  from  5 to  1000  Hz.  The 
hydrostatic  bearing  table  is  specially  designed  to  utilize  the  driving  force 
of  two  Ling  Model  370  thrusters  powered  from  a Ling  Model  8004-2  solid-state 
power  amplifier  exhibiting  a combined  force  capability  of  a 500  lb  vector 
and  a maximum  displacement  of  3.5  in  p-p. 

The  linear  vibrator  was  bolted  to  a granite  block  3 ft  wide  * 6 ft 
long  x 3 ft  high,  weighing  9000  lb.  The  granite  block  was  cemeted  to 
three  6 in  diameter  pads,  4 in  tall,  which  were  cemented  to  the  4 ft  thick 
concrete  laboratory  floor. 

The  gyro  was  mounted  in  an  adjustable  mounting  bracket  as  shown  in 
the  close-up  view  of  the  vibration  table  Fig  6.  This  bracket  is  mounted  on 
a base  plate  with  two  pins.  The  one  at  the  center  allows  the  gyro  bracket 
to  be  rotated  about  a vertical  axis.  The  other  pin  is  shown  in  the  rear 
view  of  the  table,  Fig  7.  This  latter  pin  is  an  indexing  alignment  pin. 

Holes  are  located  in  the  base  plate  which  allow  alignment  angles,  6,  to  be 
varied  in  15°  increments  from  0 to  + 90°.  In  this  test,  the  gyros  were 
oriented  at  0 *0+30,  +45,  +60°. 

Three  accelerometers  were  attached  to  the  moving  table  as  shown  in 
Fig  7.  The  servo  accelerometer,  a precision  electromagnetic  unit,  was  the 
primary  calibration  unit.  The  Endevco  accelerometer  was  used  as  a feed- 
back in  the  table  amplifier  control  circuit.  The  Endevco  peak  reading 
unit  provides  the  calibrated  acceleration  signal  directly  to  the  computer 
as  a monitor  of  maximum  acceleration,  to  meet  the  non-detrimental  g-exposure 
requirement. 

Auxiliary  equipment  was  required  as  shown  in  Fig  4.  Gyro  Universal 
Test  Station  No.  1 was  used  to  control  and  operate  the  test  gyro.  The 
auxiliary  console  provided  housings  for  the  oscilloscope,  the  Ling  model 
TEC-100-4  table  equalizing  control  circuit,  a counter,  a precision  differen- 
tial voltmeter,  and  an  Anadex  Frequency  Synthesizer.  The  latter  unit  pro- 
vided the  adjustable  precision  table  frequency. 

Cooling  to  the  system  is  provided  from  two  sources;  lab  aircondi- 
tioning air  at  55° F is  provided  to  cool  the  gyro  and  the  table  thruster,  as 
shown  in  Fig  4.  Not  shown  is  a 1 hp  exhaust  fan  which  pumps  the  warmed  air 
from  the  two  thrusters  through  the  exhaust  manifold,  which  is  shown  in 
Fig  7.  The  SSPA  console  requires  cooling  water,  not  shown,  to  cool  the 
4000  VA  driver  amplifiers  and  system  power  supplies. 
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Ling  Linear  Vibrator  Table 


Gyro  Universal  Test  Station  No. 


Right  Thruster 


Tes 


Moving  Slid 


Adjustable  Gyro  Mounting  Bracket 


- 


A hydraulic  power  supply  is  provided  to  supply  the  hydrostatic  slide 
bearing.  It  provides  a 3000  psi  hydraulic  control  source  with  a safety  cut- 
out system  which  shuts  off  the  electrical  power  to  the  thrusters  any  time 
that  the  hydraulic  pressure  falls  below  a safe  operating  pressure.  The  high 
pressure  supply  line  to  the  table  is  shown  on  Fig  7.  The  pressure  control 
valve  and  cutoff  switch  are  not  shown  but  are  located  below  the  servo 
accelerometer. 


B.  PERFORMANCE  CHARACTERISTICS 

The  performance  characteristics  of  the  Linear  Vibrator 


Plane  of  acceleration 
Force 

Maximum  acceleration 

Maximum  velocity 
Maximum  displacement 
Physical  stops 

Usable  frequency  range 
Harmonic  distortion 

Maximum  roll  or  yaw  angle* 

Maximum  pitch  angle* 

Maximum  cross  acceleration* 

Position  signal 

Acceleration  feedback  signal 

Weight  of  moving  assembly 

Gyro  and  mounting  bracket 

Minimum  power  amplifier  output 

Operating  range  (g  vs  frequency) 

Utility  Power  Requirements 
Electrical  power 
Water  cooling  (for  power  ampl) 


are  as  follows 

Horizontal 

0 - 500  lb  force  vector  (min) 

15  g - no  load 

12  g - with  10  lb  load 

75  in/s  vector 

2 in  vector  (4  in  p-p) 

Cushioned  stops  (clearance 
+ 1.75  in) 

5 - 1000  Hz 

Less  than  4 pet  THD  in  the 
5 - 100  Hz  range 

Less  than  10  arc  sec  vector 

Less  than  30  arc  sec  vector 

Less  than  1.0  pet 

Provided  by  LVDT 

Provided  by  accelerometer 

30  lb,  without  payload 

8.6  lb 

4.0  k VA 

Fig  8 

20  kVA,  460  V,  3-ph,  60  Hz 


3 gpm  flow  @ 95°F  maximum 
inlet  temp  with  20  psi  drop 

* In  the  5 to  50  Hz  range  with  a 7.5  lb  mass  load  added  to  the  slide 
mass,  mounted  with  its  center  of  gravity  3.25  in  above  table 
surface. 
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- 


300  lb  force  limit 
with  25  lb  load 


Fig  8 New  Linear  Vibrator  Operating  Range 


C.  TEST  METHOD 

To  measure  the  four  g4-coef ficients  of  the  gyro,  it  is  necessary  to 
expose  the  gyro  to  sinusoidal  accelerations  of  from  5 to  10  g peak  amplitude. 
Vibration  vector  is  applied  along  a horizontal  axis  and  the  gyro  is  mounted 
with  its  spin  axis  horizontal  and  its  B axis  vertically  downward.  A gyro 
mounting  bracket  is  provided  which  allows  the  gyro  spin  axis  to  be  positioned 
about  the  vertical  axis  in  the  horizontal  plane.  The  angle  between  the  spin 
axis  and  the  vibration  vector,  is  called  0.  When  0 is  zero,  the  spin  axis  is 
along  the  vibration  vector;  when  0 * 90°,  the  gyro  A-axis  is  along  the  vibra- 
tion vector.  The  even  harmonic  coefficients,  g2  and  g4,  are  most  sensitive 
to  acceleration  in  orientations  when  0 = +30  to  +60°,  and  these  angles  are 
the  ones  used  for  measuring  the  g4-coefficients.  The  frequencies  used  are 
the  lowest  ones  possible  within  the  operating  range  of  the  vibration  table. 
The  values  selected  are  shown  in  Table  1.  The  gyro  orientation  on  the  test 
table  vibrating  slide  is  shown  in  Fig  9. 


B 


Fig  9.  Gyro  Orientation 


The  linear  vibration  system  was  used  with  the  Gyro  Universal  Torque 
Test  Station  which  provides  the  required  gyro  running  power,  caging  loops 
for  each  axis,  and  the  digital  readout  of  the  caging  loop  torquing  signals. 

D.  EXPOSURE  CONDITIONS 

The  acceleration  levels,  frequencies,  orientation  angles,  and  vibra- 
tion duration  times  are  listed  in  Table  2. 
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At  Each  Frequency,  10  8 7.65  7.5  5.3 

g-Levels  Used 


E.  TEST  DATA 

The  test  data  consisted  of: 

(1)  A 3-min  sample  of  torquer  current  for  both  axes.  Three  such 
samples  sequentially  obtained  from  vibration  off,  vibration 
on,  and  vibration  off  conditions  were  used  to  obtain  one 
data  point. 

(2)  An  accelerometer  value  was  obtained  during  the  above  vibration 
on  torque r-current  sample  interval. 

Computed: 

A * K [S 2i  - ^ (S x i + S 3x) ] , the  drift  rate  change,  °/h 

where 

K = gyro  scale  factor  in  ° /hr/count/integration  period 

Sjx  = ith  current  sample  before  vibration  (vibration  off) 

S2i  ■ i^  current  sample  with  vibration  acceleration  on 

S3X  = ich  current  sample  after  vibration  (vibration  off) 

The  equations  for  the  vibration  test  are  derived  from  the  gyro 
fourth-order  acceleration  sensitivity  model.  The  A-axis  and  B-axis  torques 
are 


28 


Vb 


1 2 r 2 2 

KA0  - 2 G ["  COS  6 FA  - Sin 

- ^ |sin  0 cos^  0 + sin^ 


0 

0 


+ cos  0 sin  0 


cos  0 N. 

A 


] 


where 


Va’Vb 

So^AO 


6 


fa,fb,eb,ba 

^3  »®3 
JB  JA 

pb’Wna 


total  torque  (°/hr) 
constant  drift  (6/hr) 

acceleration  input  along  vibration  axis  (g,  peak) 
fixture  angle  (°),  see  Fig  9 

second-order  drift  sensitivities  to  acceleration  (°/hr/g2) 
third-order  drift  sensitivities  to  acceleration  (°/hr/g3) 
fourth-order  drift  sensitivities  to  acceleration  (°/hr/gu) 


The  apparent  discrepancy  in  the  order  of  R , N , C.  , and  D,  noted 

B A B A 

in  the  equations  above  results  from  a constant  1-g  applied  to  the  gyro  B 
axis. 


Th,=>  sequence  of  test  is  as  follows: 

(1)  By  means  of  the  precision  adjustable  test  fixture,  select  a 
particular  value  of  0. 

(2)  Chose  a vibration  input  frequency  value. 

(3)  Apply  discrete  levels  of  vibration  to  the  gyro.  Before  and 
after  each  vibration  level  input,  average  the  gyro  torquer 
current  values.  Average  the  currents  while  each  vibration 
level  is  applied. 

(4)  Select  a new  vibration  input  frequency  and  repeat  steps  (2) 
and  ( 3) . 

(5)  Select  a new  angle  0 and  repeat  steps  (2)  through  (3).  Repeat 
for  all  specified  values  of  0. 
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The  following  test  data  were  tabulated  for  each  test  condition: 

0,  g- level,  frequency,  A-axis  drift  rate  change,  and  the  B-axis  drift  rate 

change.  A computer  then  used  these  data  to  compute  the  coefficients  Fg, 

^3B’  EB’  V *A  D3A*  BA’  ^A’  anc*  Na  ^rom  t^e  acceleration  model 

equations  for  each  frequency.  Each  of  the  g2-coef f icients , E_  and  BA,  and 

B A 

the  g4-coef f icients , J^,  B^,  N^,  and  Rg  at  each  of  the  test  frequencies  were 
computer  analyzed.  The  four  frequency  values  for  each  coefficient  were  used 
to  determine  a best-fit  least-squares  straight  line  curved  The  zero-fre- 
quency intercept  value  for  each  coefficient  was  determined  by  the  computer. 
These  intercepts  are  for  the  g2  and  g4  coefficients,  respectively.  The  g2 
coefficients  were  compared  to  the  tumble  test  results  for  each  gyro. 


IV.  EXPERIMENTAL  RESULTS 


An  example  of  the  test  results  are  shown  In  Fig  10  to  15.  These  are 
plots  of  the  gi 2  and  g4  coefficients  as  a function  of  frequency  with  their 
least  squares  intercept  for  zero  frequency.  Using  all  of  the  experimental 
data,  the  experimental  algorithms  for  the  various  coefficients  are  shown  in 
Table  3. 

Table  3.  Comparison  of  Theoretical  and  Experimental 
Planar  Algorithms 

THEORETICAL  (Using  Theoretical  B&E  Coefficients) 

J - 0.00091738  - 0.00391575  R - 0.00092656  E 

P - 0.00023276  - 0.00078413  B - 0.00028064  E 

Residuals  of  Theoretial  Points  to  Theoretical  Algorithm  = 

0.0001048  °/hr/g4  for  J 

Residuals  of  Theoretical  Points  to  Theoretical  Algorithm  * 

0.0000321  °/hr/g4  for  P 

EXPERIMENTAL  (Using  Vibration  Test  B&E  g2  Coefficients) 

J - 0.00087033  - 0.00346644  B - 0.00159355  E 

P - 0.00034152  - 0.00002698  B - 0.00190728  E 

Residuals  of  Experimental  Points  to  Experimental  Algorithm  « 
0.0000759  °/hr/g4  for  J 

Residuals  of  Experimental  Points  to  Experimental  Algorithm  » 
0.0000447  °/hr/g4  for  P 

Above  residuals  are  within:  10%  for  J 

20%  for  P 

1 Expel imental  Algorithm  Can  Be  Transformed  for  Use  With  Test  B&E 

k ■ Coefficients 


A 


i 

* 
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Fig  11.  Gyro  Test  Results,  E Coefficient 


BNS  299 


Fig  13.  Gyro 


Fig  14.  Gyro  Test  Results,  R Coefficient 


Fig  15.  Gyro  Test  Results,  N Coefficient 


V. 


CONCLUSIONS 


The  functional  form  of  the  g4  coefficients  have  been  shown  experi- 
mentally and  agree  with  the  theoretical  predictions  within  expected  accuracy. 
It  is  concluded  that  the  main  deviations  are  due  to  the  assumption  that  were 
made  in  the  theoretical  model,  mainly  perfect  geometry  and  axial  symmetry  of 
the  bearing  halves  and  thrust  pockets. 

The  algorithms  used  to  predict  the  g4  coefficients  from  the  g2 
coefficients  have  been  derived  theoretically  and  verified  experimentally. 
Since  the  g2  coefficients  have  been  measured  on  each  gyro  during  factory 
acceptance  tests,  it  is  now  possible  to  implement  compensation  of  the  g4 
coefficients. 

The  special  linear  vibration  adds  a significant  test  capability  for 
the  examination  of  inertial  grade  instruments. 
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ABSTRACT 


In  the  past,  linear  vibration  testing  of  gyros  has  been  accomplished  at 
discrete  frequencies  and  discrete  acceleration  levels.  Analysis  of  the 
test  data  has  been  restricted  to  determination  of  acceleration  squared 
sensitivities  from  rectification  effects  found  in  data  that  were  averaged 
over  a long  time  period.  The  development  of  more  precise  linear  vibration 
systems  and  more  sophist icated  data  acquisition  and  data  processing  equip- 
ment is  now  making  it  possible  to  more  fully  evaluate  a gyro's  performance 
in  a linear  vibration  environment. 


This  paper  presents  a method  for  obtaining  gyro  performance  model  coeffi- 
cients from  linear  random  vibration  testing.  Both  acceleration  sensitive 
and  acceleration  squared  sensitive  coefficients  are  obtainable.  These 
coefficients  are  obtained  from  combinations  of  average  auto  and  cross 
power  spectra  of  the  gyro's  output,  the  applied  acceleration,  and  the 
acceleration  squared.  A mini-computer  with  a Fourier  Analyzer  is  used  to 
collect  the  gyro  and  acceleration  data  through  an  analog  to  digital 
converter.  The  required  power  spectra  are  then  formed  and  combined  to 
yield  the  sensitivities  of  the  gyro  to  acceleration  and  to  acceleration 
squared  as  a function  of  frequency.  The  sensitivities  obtained  will 
contain  rate  inputs  to  the  gyro  which  are  also  proportional  to  acceleration 
and  acceleration  squared.  These  rates  can  be  separated  from  the  gyro's 
acceleration  sensitivities  by  accurately  measuring  the  rates,  by  using 
multiple  orientations  of  the  gyro  and  assuming  that  the  rates  will  be 
repeatable  with  the  gyro  reorientation  or  by  testing  two  gyros  simultaneously 
Procedures  for  rate  separation  using  each  of  these  methods  are  also  presented 

The  results  of  a series  of  tests  conducted  on  an  Inertial  Rate  Integrating 
Gyro  (IRIG)  using  these  test  and  analysis  procedures  is  also  presented. 

These  tests  subjected  the  gyro  to  random  vibrations  along  its  spin  axis. 
Multiple  orientations  of  the  gyro  were  used  to  separate  the  gyro's  acceleration 
sensitivity  from  rate  inputs.  The  results  show  a D,.  coefficient  (i.e.,  an 
error  coefficient  that  results  from  a mass  unbalance  along  the  input  axis  of 
the  gyro)  which  agrees  very  well  with  tumble  test  results  at  low  frequencies, 
but  which  decreases  with  increasing  frequency.  Possible  causes  for  this 
phenomena  are  also  discussed. 

The  overall  testing  technique  presented  in  this  paper  demonstrates  the 
powerful  and  efficient  contribution  that  random  vibration  coupled  with 
spectral  analysis  can  make  to  gyro  dynamic  performance  evaluation.  The 
technique  when  completely  perfected  and  properly  instrumented  will  enable 
extremely  rapid  and  accurate  evaluations  of  inertial  gyroscopes  in 
environments  that  closely  approximate  their  operational  environment. 


1.0 


INTRODUCTION 


The  goal  of  any  dynamic  modeling  effort  is  to  subject  the  test  specimen 
to  a precisely  known  dynamic  input  and  to  determine  its  performance  charac- 
teristics from  the  corresponding  specimen  output.  A test  bed  which  has  been 
in  use  for  some  time  for  dynamic  modeling  of  gyroscopes  is  the  precision 
linear  vibrator.  These  past  modeling  efforts  have  concentrated  on  subjecting 
the  gyro  to  a discrete  sinusoidal  acceleration  at  a single  freouency  and 
then  determining  the  gyro's  sensitivity  to  the  square  of  acceleration  by 
looking  at  the  rectification  produced  in  the  gyro's  average  output.  In  1973 
Major  Dino  Lorenzini  proposed  subjecting  the  instrument  to  random  accelera- 
tions over  a band  of  frequencies  (Reference  1).  All  gyro  acceleration  and 
acceleration  squared  sensitive  coefficients  could  then  be  determined  as 
functions  of  frequency  from  auto  and  cross  power  spectra  of  the  gyro's 
output  and  the  applied  acceleration.  The  purpose  of  this  paper  is  to 
formulate  a simple  random  vibration  gyro  test  based  upon  the  procedures 
suggested  by  Major  Lorenzini.  Also  presented  in  this  paper  will  be  several 
methods  to  separate  rate  inputs  to  the  gyro  from  the  gyro's  acceleration 
sensitivities.  A limited  amount  of  testing  using  the  methods  suggested  in 
this  paper  has  been  conducted  on  an  IRIG-16  gyro,  and  results  of  these 
tests  are  also  presented.  The  work  presented  in  this  paper  is  an  effort  of 
the  SHIP/Tech  C Follow-On  Program  being  conducted  by  the  Guidance  Test 
Division  6585th  Test  Group,  Holloman  AFB,  New  Mexico  under  the  sponsorship 
of  the  Space  and  Missile  Systems  Organization  (SAMSG),  Los  Angeles  Air  Force 
Station,  CA. 

2.0  GYRO  MODEL 


The  classical  model  which  has  been  widely  accepted  for  explaining  unbalance 
and  compliance  torques  in  a gyroscope,  and  which  is  currently  being  used  for 
gyro  evaluation  in  a random  vibration  environment  is  as  follows: 
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where 


i - current  flow  through  the  torquer  (ma) 

S • torquer  scale  factor  (°/hr/ma) 

a^  « acceleration,  with  respect  to  inertial  space  of  the  gyro 

case  along  the  input  axis  (g) 

a^  * acceleration,  with  respect  to  inertial  space,  of  the  gyro 

case  along  the  output  axis  (g) 
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= gyro  drift  (°/hr)  attributable  to  acceleration  along  the 
input  axis,  where  (°/hr/g)  is  a drift  coefficient 

= gyro  drift  (°/hr)  attributable  to  acceleration  along  the 
output  axis,  where  (°/hr/g)  is  a drift  coefficient 

/ 

= gyro  drift  (°/hr)  attributable  to  acceleration  along  the 
spin  axis,  where  D,,  (°/hr/g)  is  a drift  coefficient 

= gyro  drift  (°/hr)  attributable  to  the  square  of  acceleration 
along  the  input  axis,  where  D (°/hr/g2)  is  a drift 
coefficient 

= gyro  drift  (°/hr)  attributable  to  the  square  of  acceleration 
along  the  output  axis,  where  D (°/hr/g2)  is  a drift 
coefficient 

= gyro  drift  (°/hr)  attributable  to  the  square  of  acceleration 
along  the  spin  axis,  where  (°/hr/g“)  is  a drift 

coefficient 

= gyro  drift  (°/hr)  attributable  to  the  product  of  accelera- 
tions along  the  input  axis  and  output  axis,  where  D 
(°/hr/g2)  is  a drift  coefficient  10 

= gyro  drift  (°/hr)  attributable  to  the  product  of  accelera- 
tions along  the  input  axis  and  spin  axis,  where  D 
(°/hr/g2)  is  a drift  coefficient 

- gyro  drift  (°/hr)  attributable  to  the  product  of  accelera- 
tions along  the  output  axis  and  spin  axis,  where  D 
(°/hr/g2)  is  a drift  coefficient 

= angular  velocity,  with  respect  to  inertial  space,  of  the 
gyro  case  about  the  input  axis  (°/hr) 

= moment  of  inertia  of  the  gyro  float  about  its  output  axis 

= angular  momentum  of  the  gyro  wheel 

“ angular  acceleration  about  the  gyro's  output  axis 

= sidereal  hour 


g 


■ local  acceleration  of  gravity,  defined  positive  upward 


The  three  gyro  axes  form  a right  hand,  orthogonal  coordinate  frame  such  that 


I x 0 - S 


where 
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I,  0,  S are  unit  vectors  along  the  gyro's  input  (IA),  output  (0A) , 
and  spin  (SA)  axes. 

It  should  be  pointed  out  that  this  is  a steady  state  gyroscope  model  which 
does  not  include  the  frequency  response  of  the  instrument.  Therefore,  in 
order  to  accurately  determine  the  gyro's  acceleration  sensitivities  when 
applying  sinusoidal  accelerations  it  is  important  that  the  gyro's  frequency 
response  be  determined  and  that  the  gyro  output  be  compensated  for  this 
frequency  response  prior  to  determination  of  the  gyro's  acceleration 
sensitivities. 

3.0  RANDOM  VIBRATION  TEST  PROCEDURE 


The  proposed  random  vibration  test  is  conducted  by  orienting  the  gyro  on 
the  linear  vibrator  with  one  axis  vertical  and  either  another  axis  along  the 
line  of  vibration  or  two  axes  at  45  degrees  to  the  line  of  vibration.  Under 
any  such  orientation  the  gyro's  output  can  be  given  by  a quadratic  in  applied 
acceleration : 

*(t)  - D + D A(t)  + D A2(t)  (2) 

O X XX 

where 

$(t)  * gyro  output  (deg/hr) 


= vibration  acceleration  (g) 

= gyro  output  not  sensitive  to  acceleration  (deg/hr) 

= gyro  output  proportional  to  acceleration  where  D (deg/hr/g) 
is  the  proportionality  constant 

■ gyro  output  proportional  to  acceleration  squared  where  D^ 
(deg/hr/gz)  is  the  proportionality  constant 

The  proportionality  constants  in  the  above  equation  contain  gyro  acceleration 
and  acceleration  squared  sensitivities  plus  constants  relating  rate  inputs 
to  the  gyro  to  acceleration  and  acceleration  squared.  The  next  section  of 
this  paper  will  discuss  several  possible  methods  for  separating  the  gyro's 
acceleration  sensitivities  from  rate  inputs  to  the  gyro  that  are  also 
proportional  to  acceleration.  D and  D are  determined  by  removing  the 
mean  from  the  data  and  then  converting  it  to  the  frequency  domain  bv  a 
Fourier  transform.  The  result  is 

$(f).  = DxA(f)  + DxxA2(f)  (3) 

Two  new  equations  are  now  formed  by  first  multiplying  the  above  eauation  by 
the  conjugate  of  acceleration  and  then  by  the  conjugate  of  acceleration 
squared . 

A*(f)$(f)  * DxA*(f)A(f)  + DxxA*(f)A2(f)  (4) 

A2*(fH(f)-  D A2*(f)A(f)  + D A2*(f)A2(f) 
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(5) 


These  equations  can  be  rewritten  in  terms  of  power  spectra  by  recognizing 
that : 


Gyz  * Y*(f)Z(f) 


where 


Gyz  is  the  cross  power  spectrum  of  Y(f)  and  Z( f). 


(6) 


Using  this  power  spectrum  notation  and  writing  equations  4 and  5 in  matrix 
form  gives: 
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This  is  a transfer  function  equation  for  a two  input,  single  output  system. 
The  vector  on  the  left  of  the  equal  sign  is  the  cross-spectrum  vector  of  the 
output  <1  with  the  inputs  A and  A*-.  The  2x2  matrix  is  the  cross-spectrum 
matrix  of  the  inputs.  The  frequency  response  functions  are  D and  L)  . The 
frequency  response  functions  are  determined  by  inverting  the  cross-spectra 
matrix . 


D 

xx 


r- 

__ 

-1 

__ 

gaa 

gaa2 

GA«t 

Va 

ga2a2 

ga2* 

(8) 


A first  inspection  might  indicate  that  the  matrix  to  be  inverted  is  singular. 
That  is 


(A*A)(A2*A2)  - (a2*A)(A*A2)  = 0 


This  will  indeed  be  the  case  if  only  one  determination  is  made  of  the  power 
spectra  or  if  a repeatable  acceleration  spectrum  is  used.  However,  if  random 
acceleration  levels  are  used  and  average  power  spectra  are  obtained  this  will 
not  be  the  case.  Under  random  acceleration  A(f)  and  A2(f)  at  any  given 
frequency  are  unrelated.  The  average  cross  powers,  CA2A  and  G^2t  therefore 
approach  zero  as  the  number  of  averages  increases.  From  equation  8 the 
solution  for  D and  L)  are: 
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A coherency  function  representing  the  correlation  between  the  Input  variables 
and  the  output  variables  as  a function  of  frequency  can  also  be  determined. 

It  is  given  by: 

. c ,2 

y2  , 1 'yzl  (ID 

G G 
yy  zz 

where 

^2  = coherency  function 

Gyz  * cross  spectrum  of  input  and  output 

G ^ * cross  spectrum  of  inputs 

G^z  = cross  spectrum  of  outputs 

Theoretically  the  coherency  function  should  have  a value  between  zero  and  one. 
In  matrix  notation  the  coherency  function  is  written  as: 

v2  ■ w T [<=„«„  r1  rcv2:  <i2> 


In  the  case  presented  here  this  becomes 

[g  g..  c 

I y ^ AA 


G g*a2 
<|>  <j)  AA 


> Z “ CGA,GA2,1  [GHGa2a  U**UA2A2j 
Multiplying  this  out  gives  the  following  result: 
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Expressions  have  now  been  given  for  the  determination  of  gyro  acceleration 
and  acceleration  squared  sensitivities  as  a function  of  frequency  and  for 
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the  determination  cf  the  coherency  function  for  any  given  orientation  of  the 
gyro  during  random  vibration  testing.  Complete  modeling  of  the  gyro  will 
require  testing  it  in  a number  of  orientations.  One  possible  set  of  test 
orientations  and  the  gyro  coefficients  contained  in  the  D and  D coefficients 

X XX 

is  given  in  Table  I.  It  can  be  seen  that  by  combining  the  results  from  the 
six  orientations  presented,  all  of  the  gyro  acceleration  squared  sensitive 
coefficients  can  be  obtained.  The  acceleration  sensitive  coefficients  are 
not  completely  separable  from  the  acceleration  squared  sensitive  coefficients. 
The  acceleration  sensitive  coefficients,  however,  are  usually  much  larger 
than  the  acceleration  squared  sensitive  coefficients,  therefore  good 
estimates  of  the  acceleration  sensitive  coefficients  can  still  be  obtained. 

If  complete  separation  were  required  additional  test  orientations  could  be 
used.  Determination  of  the  gyro  coefficients  from  the  orientations  presented 
in  Table  I requires  that  methods  be  available  for  removing  any  rate  inputs 
to  the  gyro  which  are  also  proportional  to  acceleration  and  acceleration 
squared.  The  next  section  of  this  paper  discusses  this  problem. 

4.0  SEPARATION  OF  RATES  FROM  ACCELERATION  SENSITIVE  COEFFICIENTS 


A linear  vibration  system  usually  consists  of  a vibration  exciter  which 
drives  a slip  table  on  which  the  test  specimen  is  mounted.  This  slip  table 
is  designed  to  only  move  in  a straight  line.  If  this  slip  table  were 
perfect  there  would  be  no  rates  present  on  the  table.  Imperfections  in  the 
table,  however,  will  usually  result  in  rates  being  present  which  will  be 
proportional  to  the  applied  acceleration  and  possibly  also  to  the  square  of 
acceleration.  Therefore,  in  order  to  conduct  a meaningful  test,  methods 
must  be  developed  whereby  these  rates  can  be  separated  from  the  gyro's 
acceleration  sensitivities.  Three  different  methods  for  doing  this  are  now 
presented . 

4.1  Rate  Measurements  with  Accelerometers 


Any  rocking  motion  of  the  slip  table  will  introduce  rates  to  the 
test  item  on  the  table.  This  motion  will  also  result  in  accelerations  on 
the  slip  table.  It  will  be  assumed  that  the  slip  table  rocks  as  a rigid 
body  about  some  point  and  that  the  rocking  is  proportional  to  the  applied 
acceleration  driving  the  table.  Referring  to  Figure  1,  the  amount  of 

acceleration  at  two  points,  P and 
P0,  on  the  slip  table  caused  by 
this  rocking  will  now  be  deter- 
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mined.  The  rocking  will  result 
in  displacements,  d,  and  d0  at 
points  Pj  and  ? 
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The  angular  acceleration  at  points  P^ 
angular  displacement  at  these  points. 


and  P»  is  the  second  derivative  of  the 
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This  can  be  transferred  to  the  frequency  domain  by  a Fourier  transform. 


e(D>  Ai(f)  . Vf) 

K + r r 


(17) 


This  gives  the  angular  acceleration  on  the  table.  The  rate  is 
integrating  the  angular  acceleration.  ^In  the  frequency  domain 
achieved  by  multiplying  by  j where  j = -1 . 
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determined 
this  is 


by 


JA.(f)  jA-(f) 

0(f)*  — 1 = — t 
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F.quation  18  can  now  be  solved  for  r and  6(f) 


Ax(f)  - A2(f) 

.(f)  , j [Aj(f  ) ~ A2(f  )j 

2"fR 


(18) 


(19) 

(20) 


The  rates  which  are  of  primary  concern  are  those  which  are  proportional  to  the 
acceleration  of  the  slip  table,  A(t).  The  item  to  be  determined,  therefore, 
is  the  transfer  function  between  the  rates  on  the  table  and  the  acceleration 
of  the  table.  This  is  given  by 


A*(f)6(f) 

j p~(f)A1(f) 

- A*(f)A,(f)“ 

(21) 

A (f)A(f) 

2”fR  [A*(f )A(f ) 

A*(f)A(f) _ 

This  can  be  written  as 

AO  2*fRtliAA]  ' HAA2 1 (2J) 

where 

hxy  “ H (23) 

The  transfer  function  between  the  rates  and  the  applied  acceleration  is 
determined  by  determining  the  transfer  functions  between  accelerations 
perpendicular  to  the  applied  acceleration  at  two  points  on  the  table  and  the 
applied  acceleration.  These  transfer  functions  could  be  easily  obtained  if 
perfect  accelerometers  could  be  obtained  and  if  perfect  alignment  could  be 
achieved.  Any  accelerometer  will  have  some  cross  axis  sensitivity  and  will 
not  be  aligned  exactly  perpendicular  to  the  line  of  vibration.  Also  some 
purely  lateral  motion  of  the  table  may  exist  which  will  cause  contaminating 
accelerations.  A calibration  procedure  must,  therefore,  first  be  used 
before  the  desired  transfer  functions  can  be  obtained.  The  accelerometer 
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which  will  be  used  to  determine  the  acceleration  at  is  first  mounted  at 
position  Pj  in  exactly  the  same  orientation  it  will  be  mounted  at  P2> 

Random  vibration  is  applied  and  its  output  can  be  given  by 

A21(t)  = K02  + K21A(t)  + 62A(t)  + ABl(t)  + ARl(t)  (2A) 

where 

A^^(b)  = acceleration  indicated  by  accelerometer  2 at  position  1 

Kn_  = constant  output 


= cross  axis  sensitivity 
A(t)  = acceleration  of  the  vibrator 

62  = input  axis  misalignment  from  a line  perpendicular  to  the 

line  of  vibration,  along  the  line  of  vibration 

Am  (t ) = acceleration  caused  by  translational  motion  of  the  slip 

table  along  the  accelerometers  input  axes 


A^j(t)  = acceleration  caused  by  rocking  of  the  Team  table  at  position  1 

The  indicated  acceleration  is  now  converted  to  the  frequency  domain  via  a 
Fourier  transform  arid  the  DC  level  is  removed.  The  result  is: 

A2i(f)  - K21A(f)  + 62A(f)  + Afil(f)  + A^Cf)  (25) 

Auto  and  cross  power  spectra  are  then  formed  by  multiplying  both  sides  of  the 
above  equation  by  the  conjugate  of  A(f). 

A*(f)A21(f)  = (K21  + 62)A*(f)A(f)  + A*ff)AB1<f)  + A*(f)ARl<f)  (26) 

Both  sides  of  this  equation  are  now  divided  by  the  auto  power  spectrum  of  the 
vibration  acceleration 

A (f )a21 (f ) = R + 6„  + A (f)ABl(f)  + A (f)AR](f)  (2?) 

A* ( f ) A ( f ) A* (f )A(f ) A* ( f ) A ( f ) 

The  term  on  the  left  of  the  equal  sign  in  this  equation  is  the  transfer 
function  between  the  indicated  acceleration  and  the  acceleration  of  the 
vibrator  .4 


The  last  two  terms  in  this  equation  are  transfer  functions  between  accelerations 
caused  by  translational  motion  and  rocking  motion  of  the  slip  table  and  the 
applied  acceleration.  Using  transfer  function  notation  this  equation  can  now 
be  rewritten  as: 
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(28) 


Accelerometer  1 is  now  mounted  in  position  P^  and  aligned  precisely  as  it  will 
be  aligned  during  rocking  determination.  Random  vibration  is  again  applied 
and  the  same  computational  procedures  are  used  as  were  used  for  accelerometer 
2.  If  it  is  assumed  that  the  translational  and  rocking  transfer  functions 
are  repeatable  from  one  run  to  another  at  any  given  point  on  the  table  the 
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transfer  function  between  the  acceleration  indicated  by  accelerometer  1 when 
it  is  at  position  1 and  the  applied  acceleration  will  be  given  by: 


AA 
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where 


(29) 


Kjj  = cross  axis  sensitivity  of  accelerometer  1 

^ = IA  misalignment  of  accelerometer  1 

The  difference  in  cross  axis  sensitivity  and  IA  misalignment  of  the  two 
accelerometers  can  now  be  determined  by  subtracting  equation  2b  from 
eauation  29. 
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This  is  the  correction  factor  which  will  be  required  for  rate  determination. 
For  simplification  this  correction  factor  will  be  referred  to  as  C^0. 
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(31) 


For  rate  determination  the  accelerometers  are  now  mounted  as  shown  in  Figure 
1 and  random  vibration  is  applied.  Transfer  functions  between  the  indicated 
and  applied  accelerations  are  again  formed  exactly  as  was  done  during 
determination  of  the  correction  factor.  The  results  are 
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These  equations 

are  subtracted  and  the 

correction  factor 

(equation  31)  is 

substituted  in: 

H\A  (f>  - 
Mu 

>'aa22<£)  ' C12  '"AA,<f)  - HAA2«> 

(34) 

This  is  substituted  into  equation  22  for  determination  of  the  rate  transfer 
function: 


2"fR 


1 (HAA 


(f)  “ haa  (f) 
11  AA22 


'12 


(35) 


The  rates  proportional  to  acceleration  about  any  axis  on  the  slip  table  can, 
therefore,  be  determined  with  a pair  of  accelerometers,  and  the  gyro  output 
can  be  corrected  accordingly.  Since  gyros  are  also  sensitive  to  angular 
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accelerations  about  their  output  axes,  tiiis  rate  determination  can  be  differ- 
entiated to  give  angular  acceleration  and  the  gyro  output  can  also  be  com- 
pensated for  this  if  the  angular  acceleration  sensitivity  is  known.  The 
procedure  presented  assumes  that  the  rates  are  only  proportional  to  acceler- 
ation. If  rates  proportional  to  acceleration  squared  are  also  present  the 
procedures  could  be  expanded  to  determine  these  also. 

The  drawbacks  of  using  accelerometers  to  determine  rates  are  that  rigid  body 
motion  must  be  assumed  and  highly  accurate  accelerometers  must  be  used.  For 
g sensitive  coefficient  determination  accuracy  of  0.1  deg/hr/g  the  accelerom- 
eters cross  axis  sensitivity  and  misalignment  must  be  repeatable  to  about 
2 micro  g/g  from  correction  factor  determination  to  rocking  determination. 

4 . 2 Rate  Removal  By  Dual  Gyro  Testing 


Separation  of  some  of  the  gyro  coefficients  from  rate  inputs  can 

be  achieved  by  testing  two  similar  gyros  simultaneously.  Since  gyros  are 

sensitive  to  angular  accelerations  about  their  output  axes  as  well  as  to 

rates  about  their  input  axes  a separation  of  all  the  coefficients  from  the 

two  instruments  cannot  be  achieved.  Table  II  shows  eight  possible  test 

orientations  which  can  be  used  to  completely  separate  five  coefficients  from 

eacli  instrument.  The  outputs  from  the  two  instruments  are  added  or  subtracted 

to  remove  similar  rates  or  angular  accelerations  from  the  data.  This  requires 

that  both  instruments  have  the  same  sensitivity  to  angular  accelerations  about 

their  output  axes.  Table  II  shows  the  contents  of  the  D and  D coefficients 

X xx 

after  the  adding  or  subtracting  has  been  accomplished.  This  summed  or  dif- 
ferenced data  can  then  be  processed  as  shown  in  Section  3.0  to  determine 
the  acceleration  and  acceleration  squared  sensitivities.  Results  from 
various  orientations  are  then  combined  in  order  to  separate  the  coefficients. 
The  only  g sensitive  coefficient  that  can  be  separated  is  D^, . 


1/2<“X5  + UX6>  ‘ US1  - D0S1  * D0S2 


l/2( 


t 


X6  BX5>  ' °S2 


(36) 

(37) 


is  not  separable  from  Dqcj  and  ^qS’’  us^n8  these  orientations,  however,  0^. 
is  usually  much  larger  than  ^ and  a' good  estimate  of  will  be  obtained.' 

The  acceleration  squared  sensitive  coefficients  are  separated  as  follows: 


1/2  (D 
1/2  (D 
1/2(1) 
1/2  (D 
1/2  (D 


XXI 

XX2 

XX3 

XX4 

XX5 


+ °XX2) 


UXX1) 


+ DXX4> 


°XX3) 


+ DXX6> 


001 


002 


III 


112 


SSI 


(38) 

(39) 

(40) 

(41) 

(42) 


11 


TABLE  II 


DUAL  GYRO  TEST  ORIENTATIONS 


2 


1/2(DXX6  " UXX5)  “ DSS2 


1/2^°XX1  + UXX2  + UXX3  + UXX4^  " Dvv'7  “ °vvQ  D 


XX  7 XX8  101 


1^2^UXX2  ~ DXX1  + UXX4  “ UXX3^  + °vv'7  " DvvQ  D 


XX 7 XX8  102 


(43) 

(44) 

(45) 


The  advantage  of  testing  in  this  manner  is  that  no  assumptions  are  required 
concerning  slip  table  rigid  body  motion  or  rate  repeatabilities.  The  dis- 
advantage is  that  not  all  gyro  coefficients  can  be  obtained.  If  the  gyros' 
sensitivity  to  angular  accelerations  is  not  significant,  several  more 
orientations  can  be  used  which  will  allow  separation  of  all  coefficients 
except  D . 


4 . 3 Rate  Removal  By  Multiple  Orientations 


Separation  of  rates  from  acceleration  sensitivities  during  random 
vibration  testing  of  gyros  can  be  achieved  by  using  multiple  orientations 
of  the  gyro  if  it  is  assumed  that  the  rate  inputs  to  the  gyro  are  repeatable 
with  gyro  reorientation.  Twelve  suggested  test  orientations  are  shown  in 
Figure  2.  Several  of  these  orientations  give  redundant  information  and 
could  be  omitted  if  such  redundancy  is  not  required.  Other  orientations 
could  also  be  used  which  would  give  similar  and  perhaps  additional 
information. 


4.3.1  Determination  of  Coefficients  and  Rates  from  Dv 

Using  the  gyro  orientations  suggested  in  Figure  2 the 
determination  of  the  rates/g  along  the  slip  tables  roll,  pitch,  and  yaw 
axes  (<»>  , “p*  wy)  is  possible  only  by  assuming  that  these  rates  are  caused  by 
displacements  of  the  slip  table  which  are  in  phase  with  the  applied  accelera- 
tion. The  rates  will,  therefore,  be  90°  out  of  phase  with  the  acceleration 
and  the  angular  accelerations  will  be  in  phase.  It  is  further  assumed  that 
the  gyro's  acceleration  sensitivities  will  be  in  phase  with  the  acceleration. 
Remembering  that  is  a frequency  response  function  containing  both  a real 
and  an  imaginary  component,  the  rates  v/ill  be  contained  entirely  in  the 
imaginary  component  and  the  gyro's  acceleration  and  angular  acceleration 
sensitivities  will  be  in  the  real  portion. 

The  gyro's  acceleration  and  angular  acceleration  sensitivities  and  the  slip 
tables  roll,  pitch,  and  yaw  rates/g  are  obtainable  from  the  first  eight 
orientations  shown.  The  real  and  the  imaginary  components  of  the  D coef- 
ficient for  these  orientations  are  shown  in  Table  III.  Here  is^the  U 

coefficient  from  the  ith  orientation. 
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FIGURE  2 

TEST  ORIENTATIONS  FOR  RATE  SEPARATION 


TABLE  III 

CONTENTS  OF  Dx  COEFFICIENTS 


Real 


Imaginary 


XI 


Ds  + Dos  - -&•* 

H 


X2 


Ds  - UOS  + 3** 


X3 


°S  + DIS  + Jb* y 
H 


XA 


°s  - °IS  - 


_U>Y 


X5 


DI  + “to  - & 

H 


“R 


X6 


-°i  + d10  + -&■* 

ri 


'“R 


X7 


30  + °OS  - >R 


‘“P 


X8 


'Do  “ Dos  + —“r 

H 


“p 


It  can  be  seen  from  Table  III  that  the  rates  are  all  obtainable  directly 
from  the  imaginary  portion  of  the  Dx  coefficient.  The  angular  accelerations 
are  then  obtained  by  differentiating  the  rates.  This  is  accomplished  in 
the  frequency  domain  by  multiplying  by  -J2flf  where  = -1. 

* -J2itfii)j  (A 6) 

The  J in  this  equation  indicates  that  the  angular  acceleration  and  the  rate 
are  90  degrees  out  of  phase. 

The  Dx  coefficient  is  obtainable  without  making  any  assumptions  about  rate 
and  coefficient  phases.  Two  solutions  are  possible, 

DS  ■ 1/2<DX1  + DX2>  ' 1/2(DX3  + °x»>  <47) 
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l)j  is  obtainable  from  orientations  5 and  6. and  using  the  average  obtained 
from  orientations  3 and  A and  assuming  that  lf)  is  known  from  physical 
properties  of  the  gyro.  — 

°I  ■ 1/2R*<DX5  - DX6>  ' 1°  2'f-v  (48) 


D^  is  not  separable  from  1)  from  orientations  7 and  8. 


Do  + Dos 


l/2Ke(L>x7  - Dxg)  - Jl.r  fu, 

n K 


( A9) 


If  separation  of  D_  and  I)  were  required  additional  test  orientations  could 
be  used. 

If  1^.  is  large  compared  to  the  acceleration  squared  sensitive  term  excited 
H~^ 

by  vibration  and  gravitational  acceleration  a good  estimate  of  I can  be 


obtained  from  several  orientations. 


I 


0 


H 


Re(DXi  " Dx2) 
Anfw 


Rc0,X4  - V 


A"  fa). 


R 


(50) 


A . 3 . 2 Determination  of  Coefficients  and  Rates  from  I\,v 

Using  the  same  assumptions  made  during  determination  of 
the  Dj.  coefficients  the  contents  of  the  real  and  the  imaginary  components  of 
the  D coefficients  are  given  in  Table  IV  for  all  of  the  suggested  orientations. 
In  this  table  the  doubl*  subscripts  on  t lie  rates  indicate  that  they  are  rates 
per  acceleration  squared.  It  can  be  seen  that  these  rates/g^  are  obtainable 
directly  from  the  imaginary  portion  of  the  D^x  coefficient.  D , D , 
and  are  all  obtainable  without  making  any  phase  assumptions'. 
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TABLE  IV 

CONTENTS  OF  D COEFFICIENTS 
X-A 


Real 


Imaginary 


XXI 


Jss  “ jj^YY 


'PP 


XX2 


XX  3 


DSS  + yp^YY 


°SS  + yy^PP 


"PP 


YY 


XX4 


Dss  ^pp 

H 


_<JJYY 


XX5 


°II  " yp^YY 


XX6 


°II  + rp-^YY 
rl 


_UJRR 


XX7 


u00  “ yp^RR 


'‘“PP 


XX  8 


°00  + -^RR 
h 


PP 


XX9 


1/2(bn+Doo+uIr“p^(Vr) 


1/-U) 


'pr 


D 


XXIO 


1/2<Dn+Doo+D,o^p) 


-1/2 


^R 


o 


XXII 


XXI2 


1/2(BIl+DSS+DI8-^)  1/2 

H 


1/2(B00*DSS+BOS-&n>  -1'2 


^PR 


“VY 
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Dss 

1/2(DXX1  + °XX2) 

1/2(DXX3  + °XX4) 

(51) 

DII 

1/2 (DXX5  + °XX6) 

(52) 

Doo 

1 /2 (°XX7  + °XX8) 

(53) 

DI0 

DXX9  + DXX10  ~ DII 

“ D00 

(54) 

D and  D are  obtained  from  orientations  11  and  12  and  using  angular 

accelerations  computed  from  rates  from  other  orientations. 

DIS 

2DXX11  ” °II  " Dss 

- xo  . f 

H 2llf(iiYY 

(55) 

Dos 

2DXX12  ” U00  ’ D0S 

- xo?  f 

H 2 fu>PR 

(56) 

5.0  IRIG-16 

RANDOM  VIBRATION  TESTS 

A limited  amount  of  random  vibration  testing  using  some  of  the  methods 
suggested  in  this  paper  was  conducted  on  an  IRIG-16  gyroscope  during  June 
and  July  1976.  Separation  of  gyro  coefficients  from  rate  inputs  was  achieved 
using  the  multiple  orientation  procedures  suggested  in  section  4.3.  Attempts 
were  also  made  to  measure  the  rate  inputs  using  the  linear  accelerometer 
method  outlined  in  section  4.1.  However,  only  marginal  results  were  obtained 
due  primarily  to  the  poor  quality  of  the  linear  accelerometers  used.  Results 
of  these  accelerometer  measurements,  therefore,  are  not  included  in  this 
paper.  This  section  presents  a brief  description  of  the  equipment  and 
procedure  used  in  the  random  vibration  testing  and  a summary  of  the  results. 

A more  detailed  presentation  of  the  equipment;  test  procedure  and  results  is 
given  in  Reference  2. 

5.1  Equipment 

The  equipment  used  in  performing  the  random  vibration  test  was  the 

following : 

GENERAL  RADIO  1381  Random  Noise  Generator 
KROH-HITE  330AR  Band  Pass  Filter 
100  KVA  LING  ELECTRONICS  Amplifier 
LING  Linear  Vibration  System 
WILCOXIN  202  Accelerometers  (4) 

ENDEVCO  2272  Accelerometers  (1) 

ENDEVCO  2735  Charge  Amplifier  (5) 

ROCKLAND  816  Low  Pass  Filter  (6) 

DATA  TECHNOLOGY  Multiplexer 

HEWLETT-PACKARD  5451B  Fourier  Analyzer  w/12  Bit  ADC 
IRIG-16  Gyroscope  S/N  J108 
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IRIG-16  Console  Electronics 

6"  Precision  Vibration  Cube  w/Fixture  Heater 

1-1/2"  x 1-1/2"  x 1"  Accelerometer  Attaching  Plate  (2) 


Figure  3 is  a block  diagram  of  the  test  instrumentation  setup. 


GENERAL  RADIO 

KRON-HITE 

1381  RANDOM 

330AR  BAND 

NOISE 

PASS  (BP) 

GENERATOR 

FILTER 

2 KHZ 

BP  20-50  HZ 

ACCELEROMETER 

OUTPUTS 


LINEAR 

VIBRA- 

TION 

SYSTEM 


GYRO 
ELEC . 


ROCKLAND 
816  LOW 
PASS  FILTH 
6 CHANNELS 

LP  = 40  HZ 


DATA 

TECHNOLOGY 

MULTIPLEXER 


HEWLETT 

PACKARD 

5451B 

FOURIER 

ANALYZER 


DATA  ACQUIRED  WITH 
3o  PEAKS  OF  IN-LINF. 
ACCELERATION  = 6 G'S 


FIGURE  3.  TEST  INSTRUMENTATION 


5.2  Test  Procedures 


5.2.1  Baseline  Tests 


Baseline  tests  were  run  before  and  after  the  series  of 
vibration  tests  to  insure  that  the  gyro  was  functioning  properly  and  that  its 
performance  was  not  affected  by  vibration.  These  tests  included  command 
rate  scale  factor  tests,  standard  torque  to  balance  tests,  and  a closed  loop 
transfer  function  determination  of  the  gyro  in  its  torque  to  balance  servo 
loop.  Transfer  functions  were  also  determined  for  the  Rockland  816  filters 
which  were  used  to  filter  the  gyro  and  in-line  accelerometer  signals.  These 
measured  transfer  functions  were  used  in  compensating  the  recorded  data. 
Comparison  of  the  baseline  results  from  before  and  after  vibration  testing 
showed  no  degradation  of  gyro  performance. 

5.2.2  Vibration  Test 


During  actual  vibration  of  J108,  the  signals  which  were 
recorded  by  the  HEWLFTT-PACKARD  5451B  Fourier  Analyzer  were  the  following: 
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gyro  torquer  current,  the  output  of  the  4 WILCOXIN  accelerometers,  and  the 
outout  of  the  ENDEVCO  in-line  accelerometer.  The  gvro  signal  generator 
secondary  signal  and  the  gvro  heater  dutv  cycle  were  monitored  continuously 
on  an  oscilloscope,  while  the  gyro  cube  temperature  was  monitored  continuously 
on  a strip  chart  recorder.  Figure  A is  a schematic  of  the  vibrator  slip 
table  as  it  appeared  under  dynamic  test. 


NORTH 


FIGURE  4.  VIBRATOR  SLIP  TABLE 


Vibration  data  analysis  was  performed  using  the  gyro  performance  model  presented 
in  section  2.0.  Data  taken  were  recorded  and  scaled  and  then  transfer  function 
compensation  was  applied  to  both  the  gyro  output  and  the  in-line  accelerometer 
output.  An  acceleration  squared  function  was  also  formed  by  multiplying  the 
measured  in-line  acceleration  by  itself  in  the  time  domain.  All  data  were 
Hanned  and  then  transformed  to  the  frequencv  domain.  The  required  power 
spectra  as  given  in  section  3.0  were  then  formed.  The  above  steps  were  repeated 
a number  of  times  on  sequential  data  samples  so  that  average  power  spectra 
were  formed.  These  power  spectra  were  then  combined  to  give  the  gyro  output 
proporticnal  to  acceleration,  the  gvro  output  proportional  to  acceleration 
squared,  and  the  coherency  functions.  As  stated  in  section  3.0  the  accelera- 
tion sensitivities  determined  from  the  test  will  contain  the  gyro  acceleration 
sensitivities  plus  any  rate  inputs  to  the  gvro  which  are  also  proportional 
to  acceleration.  Separation  of  gyro  coefficients  from  rate  inputs  was 
achieved  using  the  multiple  orientation  procedures  suggested  in  section  4.3. 

5.3  Test  Results 


The  vibration  testing  was  limited  to  using  only  the  first  four 
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orientations  shown  in  Figure  2.  Three  tests  were  run  so  that  the  repeatability 
of  the  results  could  be  determined.  Tests  1 and  2 used  the  first  four 
orientations  shown  in  Figure  2.  Test  3 used  only  orientations  1 and  2. 


II 


The  three  tests  conducted  differed  in  the  number  of  averages  used  in  obtaining 
the  power  soectrums.  Twenty  averages  were  used  on  test  1,  one  hundred  on  test 
2 and  fifty  on  test  3.  The  frequency  range  examined  and  the  applied  accelera- 
tion spectrum  was  also  varied  from  test  to  test.  Typical  power  spectral 
densities  of  the  vibration  acceleration  for  each  of  the  three  tests  are 
shown  in  Figure  5.  The  spectral  densities  differed  from  test  to  test  because 
changes  were  made  in  the  cut  off  frequencies  of  the  band  pass  filter  which 
was  used  to  filter  the  random  noise  which  was  being  used  to  drive  the 
vibrator. 


5.3.1  Coherence  Functions 

Typical  coherence  functions  obtained  from  each  of  the  tests 
are  shown  in  Figure  6.  It  can  be  seen  that  the  coherence  is  near  one  in  all 
cases,  and  that  the  coherence  improved  as  the  number  of  averages  increased. 

5.3.2  D<,  Coefficient 


The  real  (in  phase  with  acceleration)  and  the  imaeinary 
(out  of  phase)  components  of  the  Dc  coefficient  obtained  from  each  orientation 
pair  are  shown  in  Figures  7,  8,  and  9.  The  L)^  coefficient  obtained  from  one 
g tumble  tests  conducted  before  and  after  vibration  averaged  50.2  dee/hr/g. 

In  all  cases  the  in  phase  component  of  D obtained  from  vibration  tests  at 
low  frequencies  agreed  well  with  this.  The  coefficient,  however,  decreased 
with  frequency.  Also  the  imaginary  component  of  this  coefficient  was 
significantly  different  from  zero  ranging  from  -5  to  -10  deg/hr/g.  Results 
of  discrete  frequency  vibration  tests  conducted  earlier  showed  a similar 
coefficient  decrease  with  frequency  and  also  an  out  of  phase  component.  The 
cause  of  these  anomalies  has  not  yet  been  definitely  determined.  Several 
possible  areas  have  been  explored  including  in-line  accelerometer  phase  shift, 
gvro  input  axis  misalignment,  and  Ryro  float  motion  with  respect  to  its 
case . 

The  charge  amplifier  of  the  in-line  accelerometer  or  a misalignment  of  the 
gyros'  input  axis  in  the  vibration  cube  could  be  causing  the  phase  shift  of  the 
bj  coefficients.  Checks  on  the  charge  amplifier  revealed  no  phase  shift  over  the 
frequency  band  of  interest  (i.e.  0-50  bz).  An  TA  alignment  check  of  the 
gyro  in  the  vibration  cube  showed  a misalignment  of  less  than  1 arc  minute. 

A misalignment  of  more  than  5 degrees  would  be  required  to  produce  the  phase 
shift  shown.  The  above  results  eliminated  the  two  most  likely  sources  of  the 
phase  shift.  A search  is  continuing  for  other  possible  sources. 

One  possible  cause  for  the  frequency  dependency  of  the  coefficient  is  float 
motion  with  respect  to  the  case.  In  an  effort  to  verify  this  theory,  random 
noise  excitation  was  Introduced  Into  the  +IA  and  +SA  magnetic  suspension  legs 
on  both  the  torque  generator  and  signal  generator  end  of  the  gvro  case.  A 
transfer  function  was  then  run  between  the  random  noise  input  and  the  gvro 
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COEFFICIENT  FROM  TEST  //I 


Frequency  (Hz)  Frequency  (Hz) 


torquer  current.  The  results  indicated  that  at  low  frequencies  (i.e.  0-20  Hz) 
there  was  no  coherence  between  the  gyro  output  and  the  random  noise  input. 
However,  at  the  higher  frequencies  (i.e.  20-50  Hz)  the  torquer  current  and 
random  noise  input  were  coherent  (i.e.y-  .8).  These  results  seem  to  support 
the  Dg  frequency  dependency  discovered  in  the  vibration  data.  The  incoherence 
of  the  torquer  current  and  random  noise  at  low  frequencies  indicates  that 
the  magnetic  suspension  is  able  to  keep  the  float  tracking  the  case,  and 
this  is  a possible  explanation  for  why  the  D<.  coefficient  at  these  frequencies 
agrees  with  the  D coefficient  obtained  from  lg  tests.  The  coherency  of 
the  two  signals  at  the  higher  frequencies  indicates  that  the  magnetic 
suspension  is  not  keeping  the  float  tracking  the  case.  This  result  is  a 
possible  reason  for  the  D coefficient  rolling  off  at  the  higher  frequencies. 
Further  research  into  this  theory  and  others  is  continuing  in  an  effort  to 
correctly  explain  the  frequency  dependency. 

5.3.3  Slip  Table  Rocking  Motion 

The  pitch  and  yaw  rates  per  g on  the  slip  table  as  indicated 
by  the  gyro  for  tests  1 and  2 and  determined  by  the  methods  presented  in  section 
A. 3 are  shown  in  Figure  10.  The  pitch  rates  are  fairly  large  (40  deg/hr/g) 
and  increase  in  magnitude  with  frequency.  Integrating  these  rates  rm^als 
that  thev  are  caused  by  a linear  displacement  of  .4  arc  sec/g 
which  is  independent  of  frequency.  Static  deflection  tests  on  the  gyro 
vibration  cube  have  indicated  that  a significant  portion  of  this  displacement 
could  have  been  caused  bv  cube  deflection. 

5.3.4  Output  Axis  Sensitivity  to  Angular  Acceleration 

I as  determined  from  the  pitch  rates  is  presented  in 

H~ 

Figure  11.  Also  shown  on  these  plots  is  the  mean  and  the  standard  deviation 
of  1^  computed  over  all  frequencies.  1^  as  calculated  from  the  physical 

H~  lT 

properties  of  the  gyro  is  .00875  sec.  It  can  be  seen  that  the  test  results 
agree  very  well  with  this  predicted  value.  The  yaw  rates  on  the  slip  table 

were  not  large  enough  to  permit  accurate  I.  , . . . 

_0  determinations. 

H 

5.3.5  Acceleration  Squared  Sensitivities 

The  acceleration  squared  sensitivities,  0 , obtained  fiom 

these  tests  was  entirely  random  noise.  This  indicates  that  the  gyro's  L>ct. 
coefficient  and  any  rate  inputs  proportional  to  acceleration  squared  were 
not  large  enough  to  be  resolveable  in  the  presence  of  the  TRIG-16  gyro's 
large  D<,  coefficient  and  the  large  pitch  rates  proportional  to  acceleration 
on  the  slip  table. 
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b.O  CONCLUSIONS 

A method  whereby  gyro  acceleration  and  acceleration  squared  sensitivities 
can  be  obtained  as  a function  of  frequency  from  linear  random  vibration  test 
ing  has  been  presented.  Three  methods  have  also  been  presented  for  separating 
the  gyro's  acceleration  sensitivities  from  rate  inputs  to  the  gyro.  These 
methods  include  measuring  the  rates  with  precision  linear  accelerometers, 
rate  separation  by  dual  gyro  testing,  and  rate  separation  by  multiple 
orientation  testing.  Results  of  tests  conducted  on  an  IRIG-lb  gyro  are 
also  presented  which  verify  that  the  use  of  linear  random  vibration  can 
be  a very  useful  and  powerful  tool  in  the  evaluation  and  modeling  of  the 
performance  of  inertial  gyroscopes.  The  results  of  these  tests  indicate 
the  possibility  of  a frequency  dependency  in  this  gyro's  mass  unbalance 
coefficient.  Possible  causes  for  this  frequency  dependency  were  also 
presented  however  further  investigations  are  required  to  conclusively 
determine  the  reason  for  the  frequency  dependency. 
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MULTIPLE  ACCELEROMETER  TESTING  AS  A TECHNIQUE 
TO  ELIMINATE  UNDESIRABLE  TEST  BED  CHARACTERISTICS 


by 

Robert  H.  Fall 


CENTRAL  INERTIAL  GUIDANCE  TEST  FACILITY 
6585TH  TEST  GROUP 

HOLLOMAN  AIR  FORCE  BASE,  NEW  MEXICO 


1.  INTRODUCTION 


Recovery  of  first  order  scale  factor  nonlinearities  (sensitivity  to  the 
squares  of  input  or  cross-axis  accelerations)  is  an  important  part  of 
accelerometer  testing  that  is  often  hampered  by  test  bed  errors.  This 
paper  will  show  that  measurements  formed  from  dual  accelerometers  mounted  to- 
gether can  reduce  the  effect  of  test  bed  errors  on  the  accelerometer  coeffi- 
cient recovery  process  by  orders  of  magnitude.  This  can  allow  low  tolerance 
test  bed  usage  or  enhancement  of  high  precision  test  bed  results  to  provide 
straightforward  cost  effective  testing. 

A brief  summary  of  how  error  mechanisms  on  centrifuges,  linear  vibrators, 
and  tumble  test  tables  can  affect  first  order  scale  factor  nonlinearity 
estimates  through  rectification  effects  is  given  first. 

The  larger  part  of  the  paper  is  devoted  to  showing  the  derivation  of  dual 
accelerometer  measurement  equations  and  the  resulting  estimate  errors  (in  a 
purely  deterministic  sense)  when  the  measurements  are  made  on  imperfect  test 
beds.  The  final  error  equations  are  based  on  present  day  instrumentation 
capabilities  in  order  to  make  them  both  tractable  and  relevant. 

Finally,  the  requirements  on  the  a'  priori  knowledge  of  the  instruments  and 
the  upper  bounds  on  the  test  bed  errors  are  reiterated  and  possible  testing 
pitfalls  are  discussed. 

2.  CREATION  OF  FIRST  ORDER  NONLINEARITIES  (q2  TERMS)  THROUGH  TEST  BED  ERROR 
RECTIFICATION 


Test  bed  accelerations  into  an  accelerometer  input  axis  are,  in  general, 
nonlinear  even  though  the  intended  input  is  linear.  The  mechanism  for  this 
phenomenon  will  be  shown  here  with  only  the  essential  errors.  More  compli- 
cated test  bed  models  can  be  used  to  generate  higher  order  nonlinearities, 
but  for  the  most  part,  the  errors  described  here  predominate. 


The  accelerometer  axis  accelerations  will  be  denoted  using  the  following 
convention: 

ax  = First  cross-axis  component 
a^  = Second  cross-axis  component 
a = Input  axis  component 


A typical  accelerometer  output  could  be  modeled  as 

K„  * K,az  ♦ y/  * y/  - y/  * 

higher  order  terms 


The  ideal  instrument  will  sense  only  az>  so  we  can  use  only  this  component 
of  the  test  bed  acceleration  to  show  where  the  nonlinearities  arise. 
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Please  note  that  these  nonlinearities  will  be  derived  independently  of  any 
accelerometer  model . 

2.1  Centrifuge  Accelerations  Along  Accelerometer  Input  Axis 

This  configuration  is  used  to  obtain  the  input  axis  scale  factor  non- 
linearity. The  accelerometer  input  axis  is  oriented  nominally  parallel  to 
the  centrifuge  radius  at  a nominally  fixed  radius. 

The  predominant  errors  for  a centrifuqe  are  arm  stretch  ( 6 R)  and 
accelerometer  tilt  (a),  about  anv  axis  perpendicular  to  the  radius  or 
acceleration  vector. 


X 


With  the  accelerometer  x-axis  down,  and  the  z-axis  into  the  centrifuge 
acceleration  the  nominal  accelerations  at  a constant  centrifuge  rate  u are: 


ax  = -g 

ay  = 0 
az  = Ac 

Ac  is  used  to  denote  the  true  acceleration  and  R' 
fixed  nominal  radius  and  6R  is  the  arm  stretch. 


= R + 6R  where  R is  a 


If  the  accelerometer  is  misaligned  a small  anqle  a about  the  v-axis,  then 
the  true  sensed  accelerations  for  this  example  become: 

\ ■ -9  - Ac“ 

a = 0 


az  = Ac  ' 9a 

The  nonlinearities  now  appear  if  we  model  both  arm  stretch  and  tilt  as 
linear  functions  of  the  nominal  centrifuge  acceleration  (uj2r).  In  light  of 
known  compliance  effects,  this  is  a reasonable  thing  to  do.  This  allows  us 
to  write  5R  = D'  .^R  and  rescale  D*  = DR  so  6R  = D<d2r2.  Then  Ac  = w2(R+6R)  = 


o2R(l+w2RD) 


OA2. 


(D  is  in  units  of  g's  per  g2.)  Also, 


2 


let  a 


= iq  + CAc  (Ac  will  account  for  radius  shift  while  tilting) 

= .Q  + CAc  + CDAc2 
(C  is  in  units  of  radians  per  a).  The  accelerations  now  become: 

ax  = "9  ' a0Ac  " (C  + a0D,Ac2  ‘ 2CDAc3  ' «V  {1a) 

ay  = 0 (lb) 

a2  = -gu0  + (1  - gC)Ac  + D(1  - gC)Ac2  (lc) 

Examining  the  acceleration  on  the  input  axis  (az),  we  see  that  a term 

(D(l-gC))  proportional  to  the  square  of  the  nominal  centrifuge  acceleration 
has  been  introduced  which  is  independent  of  the  accelerometer  model.  If  an 
accelerometer  model  containing  input  axis  g-squared  terms  is  fit  to  a nominal 
centrifuge  acceleration,  this  new  term  D(l-gC)  due  primarily  to  arm  stretch 
will  bias  the  accelerometer  model  g-squared  coefficient  estimate.  The  direct 
solutign  would  appear  to  be  the  measurement  of  6R  and  a during  testing  so 
that  A^  = ,2(r  + 6R)  would  be  used  instead  of  Ac  = wR.  This  solution  is  seen 

to  be  less  than  desirable  if  one  is  attempting  to  estimate  input  axis  g- 
squared  terms  to  less  than  +.1  part  per  million  per  a.  The  required  radius 
measurement  error  is  then  -.1  part  per  million  per  g or  10  micro-inches  per  g 
for  a 100  inch  centrifuge. 

2.2  Centrifuge  Accelerations  Perpendicular  to  Accelerometer  Input  Axis 

# 

This  configuration  is  used  to  determine  the  cross-axis  scale  factor  non- 
linearity. The  accelerometer  input  axis  is  oriented  nominally  parallel  to 
the  local  gravity  vector  at  a nominally  fixed  radius. 


With  the  accelerometer  x-axis  into  the  centrifuge  acceleration  and  the 
z-axis  up,  the  nominal  accelerations  at  a constant  centrifuge  rate  u are: 
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Again,  rotating  a small  angle  a about  the  y-axis,  and  substituting  for  6R 
and  a as  before: 

ax  ■ flc  • 0* 


“Z  " 9 * Ac“ 

and 

ax  « - ga0  + (1  - gC)Ac  + D( 1 - gC)Ac2 


az  = g + a0Ac  + (C  + aQD)Ac2  + 2CDAc3  + CD2Ac4 

For  this  case,  the  introduced  g-squared  coefficient  on  the  z-axis  is 
C + agD.  Again,  to  remove  this  effect  on  the  instrument  model  g-squared 

coefficient  directly  would  require  measuring  a or  C to  fine  levels.  If  the 
instrument  coefficient  is  desired  to  +.1  part  per  million  per  g,  then  C must 
be  known  to  .1  micro-radian  per  g or  0.02  arc-sec  per  g. 

Assuming  that  both  arm  stretch  and  instrument  tilt  are  truly  linear,  the 
accuracy  requirements  to  calibrate  g-squared  terms  to  +.1  part  per  million 
per  g for  a 20  g centrifuge  test  on  a 100  inch  centrifuge  are  -200  micro- 
inches of  arm  stretch  and  0.4  arc-sec  of  instrument  tilt.  These  can  be 
improved  somewhat  by  fitting  techniques  using  multiple  g levels,  but  still 
represent  the  order  of  magnitude  of  measurement  capability.  If  the  safe 
criteria  of  an  order  of  magnitude  of  test  bed  accuracy  more  than  instrument 
accuracy  is  desired  the  situation  becomes  completely  intractable  at  today's 
measurement  state-of-the-art. 

2.3  Sinusoidal  Accelerations  (Vibration  Testing)  Along  Accelerometer  Input 
Axis 


(2a) 

(2b) 

(2c) 


This  configuration  is  used  to  recover  the  input  axis  nonlinearity  and  is 
commonly  set  up  with  a up,  so  it  is  parallel  to  both  qravity  and  the  shaker 
vibration  axis.  z 


Z 


\ 
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Nominally,  the  accelerations  are: 


a = q + A si n^t 
z 3 v 

U) 

where  Avsinu.t  is  the  commanded  vibration  acceleration  at  frequency  ^7 

Introducing  a small  tilt  a about  the  y-axis  as  was  done  in  centrifuge 
testing,  gives: 


ay  = - a(g  + AySin^t) 

(3a) 

a = 0 

(3b) 

y 

az  = g + A^inut 

(3c) 

This  introduces  no  extraneous  g-squared  terms  and,  indeed,  this 
configuration  is  essentially  free  of  geometric  rectification  errors. 

2 . 4 Sinusoidal  Accelerations  (Vibration  Testing)  Perpendicular  to 
Accelerometer  Input  Axis 

This  configuration  is  used  to  recover  the  cross-axis  nonlinearity  and  is 
set  up  with  az  up,  parallel  to  gravity  and  ax  along  the  shaker  vibration  axis. 


Nominally,  the  accelerations  are: 


a = A sinwt 
x v 


ay  ■ 0 
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Introducing  the  small  tilt  <<  about  the  y-axis  as  before  gives: 

a = A sirwit  - «q 
x v 

ay  = o 

a^  = g + aAySinwt 

At  this  point,  we  will  make  a a linear  function  of  the  g level 
(A  sinuit),  but  to  generalize  we  will  further  allow  the  compliance  to  be  a 
function  of  and  introduce  a phase  angle  #(  w)  also  dependent  on  id.  With 
tnese  general i zations , 

x - Uq  + C(ui)Avsin(wt  + $(o)))  or 

x = c«q  + C ( u)  cos  c(w)Avs  incut  + C(;u)sinct>(cu)Avcos<ut 

Substituting  this  into  the  sensed  accelerations  gives: 

ax  = -i0g  + ( [1  -qC( -*)) cos 4>( u>) i ntat  - gC(cu)sini>(cu)cos;ut!Av  (4a) 

ay  - 0 (4b) 

2 2 

a2  = g + agSinutA^  + C(cu)[cos<j>(<u)sin  tut  + sino(u))coScutsincutJAv  (4c) 

Since  most  testinq  is  done  by  observing  the  average  output,  we  can  take 
the  time  average  acceleration  to  determine  the  magnitude  of  the  new  g-squared 
term. 


a 


x 


' ft0g 


(5a) 


ay  = 0 (50) 

1 2 

az  = g + f C(<u)cos$(tu)Av  (5c) 


The  bar  here  and  elsewhere  is  used  to  denote  the  average  as  time 
approaches  infinity. 

Since  the  factor  of  -jr  in  the  g-squared  term  will  be  introduced  by 
averaging  any  instrument  g-squared  effects  too,  it  will  be  accounted  for  in 
the  fitting  process  to  recover  the  instrument  g-squared  coefficient.  This 
means  the  extraneous  g-squared  term  introduced  by  accelerometer  tilt  is 
(;(u>)cos$(cu) . This  has  the  same  units  as  in  centrifuge  testing  (radians  per 
g)  and  the  same  strict  measurement  requirements  (.02  arc-sec  per  g),  if  it  is 
to  be  removed  by  direct  measurement. 

2.5  Orthogonal  Sinusoidal  Accelerations  Along  and  Perpendicular  to  Acceler- 
ometer Input  Axis  (Tumble  Testing) 

This  testing  cannot  separate  input-axis  nonlinearities  from  cross-axis 
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Sixties.  but  is  used  to  obtain  a composite  value.  The  orientation 
■ ■*.1!.Such  ™at  station  occurs  about  a horizontal  y-axis  with  the  x-axis 
initial ly  parallel  with  gravity. 


ax  = gcose 

ay  = 0 

az  = gsine 


where  e is  the  angle  of  rotation  about  y. 


If  0 now  becomes  the  indicated  angle  and  a small  misalignment  with  a one 
speed  (once  per  revolution)  component  (vg  + Ysin(e+6))  is  introduced,  the 

accelerations  become: 

ax  = gcos[e  + Yg  + ysin(e  + 6)] 

ay  * 0 

az  = gsin[e  + yq  + Ysin(e  +6)) 

expanding  with  Yg  and  Y small,  we  get 

p 

ax  = gcose  - gv gSine-  gy[cosAsin  0 + sinficososine] 

ay  ■ 0 

2 

az  = gsine  + gYgCOse  + gY[cos6sinecoso  + sinficos  e] 

Further  expanding  this  into  terms  of  sine,  cose,  sin2o,  and  cos2e  (since 

most  analysis  would  be  done  by  Fourier  or  other  harmonic  techniques); 


ax  = - (?YC0S6)g  + gcoso  - gYgSino  + (^  gycos6 )cos 


2e 


a = 0 

y 


(^.gYsin6)sin2e 
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(6a) 

(6b) 


az  = (j'vsinfijg  + gsine  + gy^cose  + (^gycos6)sin2e 
+ (jgysin6)cos2e 

Since  instrument  q-squared  effects  will  produce  a term  proportional  to 
l/2gcos2e,  the  er  meous  "g-squared"  term  introduced  by  a one  speed  error  in 
the  tumble-test  taule  resolver  is  ysinfi.  For  the  +.1  part  per  million  per  g 
accuracy  in  the  instrument  coefficient,  the  table  angle  resolver  or  position 
measurement  device  must  constrain  ysin6  to  less  than  .1  micro  radian  or 
.02  arc-sec. 

As  a final  note  on  this  section,  it  should  be  observed  that  in  Equations 
(la),  (2c),  (6a),  and  (6c),  nonlinearities  were  introduced  which  might  not  be 
present  in  the  accelerometer  model,  and  indeed  could  be  raised  to  higher 
order  nonlinearities  by  the  model.  This,  in  general,  means  the  fitting 
process  to  recover  instrument  coefficients  must  be  modified  to  account  for 
the  "new"  nonlinearities. 


3.  THE  DUAL  INSTRUMENT  MEASUREMENT  EQUATIONS 

This  derivation  is  done  using  an  accelerometer  model  similar  to  that  of 
Pendulous  Integrating  Gyro  Accelerometer  (PIGA)  type  instruments,  but  can  be 
done  for  any  type  of  instrument.  There  is  a primary  requirement  that  the 
model  "adequately"  describes  the  instrument  during  testing.  This  implies 
that  the  dual  instrument  technique  is  not  a good  tool  for  establishing  an 
instrument  model,  but  should  be  used  to  establish  coefficients  in  a known 
instrument  model . 


Let  the  instrument  outputs  be  denoted  by  0^  and  CL.  The  instrument 
models  to  be  used  for  this  paper  are: 

°!  = (,/GFl*azl  + Kllazl  + K21axl  + K31  ayl  + 31 

C>2  = (l/SF^Ia^  + K-|2^z2  + ^22ax2  + ^32ay2^  + ^2  (7b) 

The  K terms  are  those  which  are  to  be  recovered. 

Knowing  that  test  bed  errors  contaminate  primarily  through  the  linear 
acceleration  term  and  seeking  to  eliminate  the  errors,  we  will  form  two 
measurements,  Mi  and  Mo,  using  the  nominal  scale  factors  (SF, ',  SF?')  and  the 
nominal  biases  (B^1  and  B^1)  in  the  following  manner: 

When  instruments  1 and  2 are  parallel 


M]  = SF1'(01  - B-j ' ) 


and  when  1 and  2 are  antiparallel 


* 


1 


- SF2 * (02  - B2') 
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-■w  **'"*'*: 


M2  = SF1'(01  - B] ')  + SF2'(02  - B2') 

This  procedure  eliminates  the  nominal  input  acceleration  and  its  associ- 
ated nonlinearities,  but  retains  the  difference  (Mi)  and  sum  (Mo)  of  the 
squared  terms. 

Letting  S F ' = SF  + <5SF,  B'  = B + 6B,  and  (1  + -^-)  =6,  we  substitute  the 
instrument  model  into  M^  and  M2  and  get 


azlh  " az2S2  + ^ K1 1 B1  azf  ~ K12S2az2^ 

+ (K216laxf  " K22S2ax2}  + K31Blayl  " K32B2ay2* 
<5B  i 6B? 

‘ 81SF^  + b23f^ 

azlel  +az2e2+  <Vlazl  +K12e2az2} 


(8a) 


+ (K2i0iaxi  + K2262ax2)  + (K31elayl  + K32|32ay2) 


6B1 

5isf: 


&Br 

!2SK 


(8b) 


Equations  (8a)  and  (8b)  are  true  in  the  most  general  sense  for  the  instru- 
ment model  used.  Now  by  considering  the  special  case  where  both  accelero- 
meters are  mounted  in  a common,  perfectly  rigid  mount  with  a small  single 
axis  misalignment  between  their  input  axes,  the  desired  dual  instrument 
equations  can  be  obtained. 


When  instruments  1 and  2 input  axes  are  nominally  parallel,  but  with  a 
small  misalignment  a about  the  y axis  and  a linear  relationship  between  a , , 
az2  and  axl , a ^ Us  occurs  on  a centrifuge  if  the  instruments  are  not  2 

at  the  same  radius)  we  can  write: 


ax2  = Alxaxl  ’ alAlzazl  (9a) 

ay2  = ayl  W 

az2  = a1Alxaxl  + Vzl  (9c> 
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(10a) 


%2  ■ 

* C.  L. 

Alxaxl  ' 

2alAlxAlzaxlazl  + alAlzazl 

si  ■ 

a ? 
yi 

•i  ■ 

2a  2 2 
a-,A-|  d -1 

1 lx  xl 

+ 2alAlxAlzaxlazl  + Alzazl 

Using  the  same  constraints  as  above  when  the  input  axes 
anti-parallel,  we  obtain: 

ax2  = 

' A2xaxl  + “2A2zazl 

ay2  = 

ayi 

az2  = 

' a2A2xaxl  " A2zazl 

■J 

= A2xaxl 

- 2a2A2xA2zaxlazl  + a2A2zazl 

ay2 

•J 

a2A2xax?  + 2ci2A2xA2zaxlazl  +A2zazf 

(10b) 

(10c) 


When  these  are  substituted  into  (8a)  and  (8b),  we  get 

M1  = azl^Bl  ‘ A1zS2^  ' B2alAlxaxl^  + 2AlzazfK12  " K22^ 
+ azi[Kn6l  " AlzB2(K12  + a?K22^ 


xl  L 21  1 lx  2^  22  T uri2,J 
2 6B,  6Bp 

+ ayl^K31Bl  ' K3232^  " SlSFj'  + B2SF^ 

M2  = azl^Bl  " a2zb2^  " B2a2A2xaxl^  ’ 2A2zaz/K12  ' K22^ 


+ aJCK^B,  + ^2zS2(K12  + a2K22)] 

+ axl^K21Bl  + A2xB2^K22  + a2K12^ 

2 6B,  6B? 

+ ayl^K31Bl  ‘ K32B2^  ' BlSRj‘  " B2SF^ 
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These  are  the  dual  instrument  model  measurements  obtained  with  the 
specified  model  in  (7a),  (7b),  and  the  constraint  that  both  instruments  have 
a common,  rigid  mount.  In  the  ideal  case  of  perfect  knowledge  of  the  instru- 
ment scale  factor  and  bias  (e  = 1 , 6B  = 0)  and  no  misalignments  (a  = 1,  a - 0), 
the  equations  reduce  to: 


M1  = azl(Kll 

" K12^  + ax^K21  " K22^  + ay^K31  ' K32^ 

(14a) 

M2  = az?( K1 1 

+ K12^  + ax^K21  + K22^  + ay?(  K31  + K32^ 

(14b) 

If  these  are  rewritten 

as 

M1 

2 2 2 
= a ,C  , + a ;C  , + a ,C  , 
zl  zl  xl  xl  yl  yl 

M2 

a + a + a 

azl  z2  axl  x2  ' ay  ry2 

It  is  obvious  that  if  the  C's  are  obtained  by  some  estimation  procedure  when 
the  a's  are  known  then  the  K's  can  be  solved  for  as  follows:  . 


K 


K 


K 
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L 1 

2 

LL. 

9 

K12 

21 

Cxl  + 
2 

Cx2 

9 

K22 

C , + 
= 

hi 

X 

31 

2 

9 

j2 

C 


zl 


C 


xl 


4.  G- SQUARED  COEFFICIENT  ESTIMATE  ERRORS  FROM  APPLICATION  OF  THE  DUAL 
INSTRUMENT  MEASUREMENT  EQUATIONS 

As  was  shown  in  the  last  part  of  Section  3,  the  g-squared  model  coeffi- 
cients can  be  recovered  with  no  contamination  from  the  linear  acceleration 
term  in  the  ideal  case.  This  section  will  apply  state-of-the-art  numerical 
constraints  to  the  test  bed  errors  and  accelerometer  model  coefficient 
magnitudes  to  determine  the  potential  deterministic  errors  in  real  life 
coefficient  recovery  situations  using  the  dual  measurement  equations. 

4.1  Centrifuge  Accelerations  Along  Accelerometer  Input  Axis 

Let  us  constrain  the  instrument  measurement  equations  in  the  following 
manner.  Since  the  nominal  centrifuge  frame  accelerations  are 


a = -q 
x 

ay  = 0 
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1 and 


a 


z 


2 

(A) 


R 


only  az  can  vary  significantly  from  point  to  point,  so 

if  instrument  2 is  mounted  a distance  d greater  radius 
then  a^  = oj2r  and  a^  = u)2(R+d). 


‘lx  ' '•  a2x  ■ 
than  instrument  1, 


Letting  ^ = e,  a^  = w2R(l+e)  and  Alz  = (1+e^,  &2z  = ( 1 -*-c2) . For  any 

reasonable  mount  construction  and  alignment,  d<.l  inch.  This  means  for  a 
100  inch  centrifuge  e<_. 001.  Furthermore,  parallelism  of  mounting  surfaces 
can  be  maintained  to  <20  arc-seconds,  so  all  a's  can  be  considered  to  be 
-4 

<.10  radians.  Experience  with  PIGA  type  instruments  has  shown  that  short 

rC  r _ C 

term  scale  factor  stability  is  such  that  ^ < 10  is  a reasonable  assump- 

.DC  ^ ' 

tion  as  is  < 10  g's.  PIGA  type  instruments  have  typically  small  g- 
squared  terms,  so  we  will  constrain  these  K's  to  be  <_  10  parts  per  million/g. 


Test  bed  errors  can  be  constrained  from  experience  on  the  Central 
Inertial  Guidance  Test  Facility  (CIGTF)  100  inch  and  260  inch  centrifuges  to: 

-5 

C (centrifuge  mount  compliance  tilt)  <.3x10  rad/g 

D (radius  arm  linear  g loading  stretch)  <.10  parts  per  million/g 

Finally,  the  centrifuge  g level  (A  ) is  constrained  to  20  g's  maximum. 

Since  very  fine  resolution  or  strongly  filtered  data  is  difficult  to 
obtain  during  dynamic  testing,  all  terms  in  the  measurement  equation  that 
are  smaller  than  .lug  will  be  dropped. 

With  the  above  constraints  Equations  (13a)  and  (13b)  become  simplified 
to: 


M1  = azl(Sl  " B2  " el>  " Vxl 
+ azl[Kll  ' K12(1  + 2el)] 

+ ax2[K2i  - K22] 

, 6B,  6B? 

+ ayl^K31  " K32^  " 5^*  SFj  (15a) 

M2  = azl^6l  ' e2  " e2^  " a2axl 

+ azltKn  + *12^  + 2e2^ 

+ axf [K2i  + K22] 
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(15b) 


o &B,  6 B„ 

+ ayl[K31  + K32J  ' SF^  * 

Now,  substituting  equations  (la),  (lb),  and  (lc)  for  axl , ayl,  and  azl 
into  (15a)  and  (15b)  and  still  keeping  the  earlier  constraints,  we  get: 

? 6B,  6B« 

M1  = [ga0el  + 9^!  + 9 (K21  - K22^  * S?Y  + SF^] 

(5SF,  6SF? 

+ - Ei(1  "gC)  + vo^c 

+ [Kn  - K12(l+2£])  - DE]  + Ca,  - 2gC(Kn  - Kgl  - K]2  + K22)  ]A^ 

+ [2D(Kn  - K12)]A^  (16a) 

? cSE  6B? 

M2  = ^9otOe2  ga2  + 9 ^K21  + K22^  ' ' SF^ 

6SF.  6SF« 

+ ^TF^  ‘ "SF^  " e2^  'gC)  + a2a0^Ac 

+ [Kj  j + 2 ( 1 +2e_2 ) - De^  + Ca^  - 2gC(K-|-j  - + K^2  ~ K22)]A^ 

+ [2D(Kn  + K12)]A^ 


Solving  for  and  K-|2  (which  is  what  this  centrifuge  test  is  designed 
for)  from  the  A^  coefficients  as  in  Section  3 using  a ~ to  indicate  an 
estimated  quantity: 


*n  = Kn+  K12(e2-ei)  - D(^j^)  + C(-^y^)  - 2gC(KirK21)  (17a) 

*12  = K12(1+c1+e2)  + ‘ C(“T“^  ‘ 29C(K12  ■ K22)  (17b) 

From  the  previous  constraints,  the  largest  error  contribution  comes  from 
the  different  radius  locations  of  the  accelerometers  in  the  mount  coupled  with 
the  radius  stretch  coefficient.  This  term  is  within  +.01  part  per  million/g. 

It  should  be  noted  that  e was  assumed  constant.  If  e were  a linear 
function  of  g level  (if  the  instrument  input  axes  were  both  in  the  vertical 
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plane,  then  the  g induced  a would  also  cause  c to  change),  then  by  substi- 
tuting this  g dependent  c into  (16a)  and  (16b)  one  can  see  that  this  would 

p 

cause  the  g coefficient  of  c to  propagate  into  the  Ac  coefficient.  This 

could  easily  be  on  the  order  of  and  dual  instrument  testing  will  not 

reduce  this  error.  For  this  reason  the  test  geometry  is  critical  for  dual 
instrument  input-axis  g-squared  coefficient  recovery. 

4.2  Centrifuge  Accelerations  Perpendicular  to  Accelerometer  Input  Axis 

The  nominal  centrifuge  frame  accelerations  for  this  configuration  are: 


a 


y 


0 


az  = 9 

Here  only  a can  vary  significantly  from  point  to  point,  so  £,  =1, 

X I z 

&2Z  ~ 1 and  A-|x  = (1  + e-|),  = (1  + e^).  If  we  continue  to  use  the  re- 

maining constraints  in  4.1,  equations  (13a)  and  (13b)  can  be  simplified  to 


+ aJ[Kn  - k)2] 

* axltK21  - K22<'  + 

o 6B,  6B~ 

+ ayl[K31  " K32]  " SF^  + SFj 

M2  = azl ^ 1 1 ‘ ‘V  ‘ + c2^  axl 

+ a^[Kn  + K12] 

* **^21  * K22<'  * 2c2» 

P 6B,  5Bp 

+ ayl  ^K31  + K32^  ’ STj"  ’ SFj 


(18a) 


(18b) 


Now,  substituting  (2a),  (2b),  and  (2c)  for  ayl , ayl , and  azl  into  (18a) 
and  (18b)  still  keeping  constraints: 


. — ••  |,«jW  J,W« 


14 


6SF,  5SF,  ? 6B,  6B» 

= [g(_srj' ' "5T^  + 9 {Kn  ' Ki2}  “ sfj" + 5f^ 

- D^O  + e-| ) 3AC 

SSF,  <5SF7  ? 

+ [K21-K22(l+2Gl)  - Da]  + C(-^-  - -jjr)  - 2gC(K21+K12-K11-K22)]A(; 

+ [2D(K21  - K22)]A|  (19a) 

6SF,  6SF-  , 6B.  6B, 

M2  = + 9 (K11  + k12}  ■ 

- [«2(1  + e2)]Ac 

&SF.  6SF?  ? 

+ [K2^+K22(1+2e2)  - Da2  + C(— g-p- - 2gC(K2^-K^2~K^ i+K22) ]Ac 

+ [2D(K21  + K22)]A^  (19b) 

Solving  for  K2-j  and  K22  as  in  Section  4.1,  we  get 

a,+a~  6SF.  6SF„ 

K21  " K21  + K22(e2'el}  ' + C(-SF7"  IT1  + (20a) 

1^2  = K22(l  + Gl  + £2)  + ) + 2gC(K12  - K?2)  (20b) 

Again,  given  the  earlier  constraints,  the  largest  error  contribution  comes 
from  the  different  radius  locations  of  the  accelerometer.  The  next  most 
significant  error  source  is  the  instrument  misalignment  in  the  mount  coupled 
to  radius  stretch.  These  errors  are  within  +.01  part  per  million/g  and  +.001 
part  per  million/g  respectively.  Any  g dependency  of  e does  not  feed  directly 

into  the  A^  coefficient  as  it  did  in  Section  4.1.  The  g coefficient  of  e 
c 

-4 

would  be  reduced  by  a factor  a»10  and  would  be  of  the  same  magnitude  as 
the  other  errors. 

4.3  Sinusoidal  Accelerations  (Vibration  Testing)  Along  Accelerometer  Input 
Axis 


Since  it  was  shown  in  Section  2.3  that  no  geometric  rectification 
occurred  for  this  configuration,  dual  instrument  testing  does  not  signifi- 
cantly enhance  coefficient  recovery  for  this  type  of  test. 


f 
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4.4  Sinusoidal  Accelerations  (Vibration  Testing)  Perpendicular  to 
Accelerometer  Input  Axis 


This  configuration  allows  some  simplification  of  Equations  (13a)  and 
(13b)  since  all  a's  = 1,  and  only  a mount  compliance  C affects  the  accelera- 
tions. Another  simplification  to  be  made  is  to  make  the  measurements  as  time 
averages  since  this  is  a coinnon  procedure  in  vibration  testing.  The  time 
averages  of  (13a)  and  (13b)  with  a = 1 and  previous  constraints  are: 


R1  = azl^6l  ‘ 62^  " e2al^axl  + 2axlazl^K12  " K22^ 
+ aJ[Kn  - K12] 

+ axi tK21  " K22^ 

— *-  6B, 

+ ayltK31  - k32^  SFTj-  + SFj 


(21a) 


^2  = azl(6l  ” 62^  ' e2a2^axl  - 2axl azl ^ K1 2 " K22^ 

+ + k12] 

* ^K21  + V 

— -k  6B-.  6B~ 

+ «yl[K31  + K32]  ' ^ (21b) 

2 2 2 

Taking  the  time  averages  of  axl , a a^,  ax-|az].  axl , ayl , and  azl  from 
Equations  (4a),  (4b),  and  (4c),  we  obtain: 

- *09 
0 

1 p 

g + ^C(iij)coS(t)((i))Av 


axlazl 


gogCg  + ^c(u)cosiji(u))]A 


2 

v 


2 2 . 

g »o  + 


$ 


gC(uj)cos^(a))  + g^C( oj)  ]A 


2 

v 
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0 


7 

7T 


g2  + [-j  + gC(ui)cos4.(u))]A^  + C2(w)[|jCOS24>(w)  + j]A^ 


Substituting  these  into  Equations  (21a)  and  (21b)  gives 
6SF,  6SF„  „ 6B,  6B, 


Ujri  OJTrt  ^ UOl  VUj 

H1  = [g(“S^  ‘ SrJ  + g (K11  " K12}  ‘ 5F^  + 

, 6SF-.  6SF?  n 

+ 2^-^21  ”^22+^tl)) C0S  (~5P ^p- )-2gC(u)cos4i(u)  (K2i+K-|2_K^  -j  -^22  ^ 

+ C(<*>)^[(-gC0S^4>(u>)  + j)(Kii  - K-|2^v  (22a) 

6SF,  6SF,  ? 6B,  6B? 

M2  = Cg(TF^  ' “5F^  + g (K11  + K12}  • 5F^  " 5FJ] 


6SF, 


6SF. 


+ 2^^21+^22+^'^  cos  <j>(  oj)  (-^p )-2gC(w)cos<)i((D)  (<21-  K12'K11+K22^Av 


+ C(w)2[|cos2({>(w)  + ^)(<n  + Ki2^Av 


(22b) 


Solving  for  K21  and  1^  from  the  A^  coefficients: 

6SF,  6SF? 

<21  = <21  + C(o))cosi|>(ol)) (— — — jrp  ) - 2gC(w)cos<t>(io)(<2i  - <11)  (23a) 


<22  = ^2?  ” 2gC ( co)cos 4>( co) ( <22  ” ^i  g) 


(23b) 


With  the  dual  instrument  technique  a large  frequency  dependent  error  is 
greatly  reduced.  This  alleviates  the  difficulty  of  dynamically  monitoring 
small  angles  at  high  frequencies. 

For  C(w)  <.  3x10"A  rad,  all  errors  are  less  than  .01  part  per  million/g. 
4.5  Orthogonal  Sinusoidal  Accelerations  Along  and  Perpendicular  to  Accelero- 


meter~Tnput  Axis  (Tumble  Testing) 


For  this  type  of  test  the  maximum  input  is  lg.  For  this  reason,  the 

cut-off  level  for  contributing  terms  will  be  lowered  to  .001 pg.  To  simplify 

the  geometry,  we  will  consider  accelerometer  1 to  be  mounted  at  the  center 

of  rotation  of  the  test  table,  and  accelerometer  2 mounted  a distance  d from 

the  center  as  shown. 
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t. — 


0 


1 


a 

A 

e 


Under  these  conditions,  to  account  for  the  gravity  gradient, 

X2  = (g  ~ d(-^J-)cose)  cose,  a^  = (g  - d(^-)cose)sine,  so  we  can  consider 

lx  = &2X  = A-|z  = = 1 - ^(^")cose  and  by  our  earlier  convention 


ose. 


Let  us  also  constrain  the  errors  for  the  test  table  yq>  y so  that 

-4  - -5 

Yq  <.  10  radians  and  y <.  10  radians. 

We  can  now  substitute  Equations  (6a),  (6b),  and  (6c)  into  Equations  (13a) 
and  ( 1 3b ) keeping  only  terms  greater  than  .001 ug.  This  procedure  gives  us 


n"  A An  6Bi 

*-2^Kll  + K21  " K12  “ K22^  + 2^  ' SF^  + Sfy 
6SF-  6SF 

+ ' ~SF^  + Y01°‘l )9sin  ' 

6SF^  6SF2 

+ [y01("SF^‘  TT^  • alB2]gcose 


+ f-2v01  ( K11  " K12  ’ K21  + K22  ~ 2ot-^K ]2  ~ K22 ) 3^^s i 
+ [-Kn  + K12  + K21  - K22  + ^(^)]35cos20 

g 


(24a) 


18 


Solving 


2 j j &B-.  6B» 

^rKll  + K21  + K12  + K22^  + 2^  ‘ SF^  “ SF^ 

6SF,  6SF„ 

+ [(3T"  " “5F^  + Y02a2^sine 
6SF,  6SF2 

+ ^02^  - "SF^  ' “2B2]9COS9 

2 

+ [2Y02(Kn  + K12  + K21  + K22)  + 2a2(K12  - <22)]§  sin2e 

2 

+ [-K-ji  - K-j2  + <2i  + <22  + ^(^-)]^cos20  (24b) 

2 

for  the  combined  <‘s  from  the  |~cos2e  coefficients,  we  obtain: 
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' K1  K21 


V11 


9 


22 


12 


<22  - <12 


(25a) 


(25b) 


The  primary  error  is  due  to  the  gravity  gradient  (jjjJ-).  Since  the 


gradient  is  = . lug/ft  and  d would  be  < .5  ft,  the  total  error  introduced  into 
<2i  - ^ii  would  be  *.05  part  per  million/g.  This  is  a deterministic  type  of 

error  since  d is  easily  measured  and  is  generally  well  known,  so  it  can 

be  removed  by  direct  computations.  Instrument  swapping  in  the  mount  so  that 

<2i  - <n  becomes  <22  - <12  on  another  test  will  allow  both  instruments  to  be 

calibrated  without  knowledge  of  d or 


5.  GENERAL  COMMENTS  ON  THE  USE  OF  MULTIPLE  ACCELEROMETER  TESTING 

The  results  of  the  previous  section  were  based  on  many  assumptions  about 
the  instrument  model,  the  test  bed  errors,  and  the  test  mechanization.  For 
this  reason  use  this  paper  as  a guide  to  the  method  of  analyzing  errors  in  a 
dual  accelerometer  test,  not  as  an  exposition  of  the  error  sources. 

Dual  instrument  testing  offers  the  oossibility  of  greatly  enhancing 
instrument  g-squared  coefficient  recovery  not  only  through  the  reduction  of 
test  bed  errors,  but  also  through  enhanced  "signal"  visibility  and  additional 
data  error  detection  capability. 


In  the  dynamic  test  modes  where  up  to  20  g's  are  applied,  the  subtractive 
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measurement  process  employed  reduces  the  total  signal  to  usually  less  than 
.001  g.  This  makes  the  g-squared  instrument  effects  a much  more  significant 
part  of  the  signal  and  often  improves  the  numerical  computational  accuracy  of 
most  coefficient  estimation  schemes. 

Errors  caused  by  instrument,  test  bed,  and  data  collection  hardware 
failure  or  degradation  can  usually  be  easily  isolated  if  more  tnan  one  instru- 
ment is  being  tested.  For  expensive  tests,  such  as  the  centrifuge  tests,  the 
capability  to  detect  errors  and  restart  the  tests  before  much  time  and  money 
have  been  spent  is  enough  justification  alone  for  dual  instrument  testing. 

At  this  point  a reiteration  of  the  limitations  on  the  various  tests  is  in 
order. 

5.1  Model  Limitations 


The  dual  instrument  measurement  equations  (13a)  and  (13b)  were  derived 
for  a specific  instrument  model  assuming  incomplete  knowledge  of  the  instru- 
ment scale  factors  and  biases.  The  instrument  model  must  be  well  known.  If 
this  is  the  case,  a similar  derivation  can  be  made  for  any  specific  instru- 
ment where  g-squared  terms  can  be  recovered  from  test  data. 

It  was  also  assumed  that  the  instruments  were  misaligned  in  the  mount 
about  a single  axis.  This  is  not  generally  true  and  should  be  accounted  for 
in  specific  cases.  Usually  the  test  geometry  can  be  arranged  so  that  mis- 
alignments about  the  other  two  axes  are  not  critical. 

5.2  Centrifuge  Test  Limitations 

Input  axis  testing  is  most  affected  by  radius  differences  in  the  instru- 
ments and  centrifuge  radius  stretch.  This  is  true  despite  the  specific 
constraints  employed  in  this  paper.  Dual  instrument  testing  shifts  the 
problem  of  measuring  stretch  to  one  of  measuring  g-dependent  mount  tilt  (if 
it  exists)  and  its  related  instrument  radius  shift.  This  may  or  may  not  be 
a significant  gain,  depending  on  the  centrifuge  instrumentation  and  geometry. 

Cross  axis  testing  is  also  affected  by  radius  differences  in  the  instru- 
ments, radius  stretch,  and,  additionally,  instrument  misalignment  in  the 
mount.  The  radius  difference  error  will  predominate  independently  of  the 
specific  test  bed  unless  extreme  care  is  taken. 

The  most  favorable  aspect  of  cross  axis  testing  is  that  g-dependent 
mount  tilts  do  not  significantly  affect  coefficient  recovery.  This  makes 
dual  instrument  cross  axis  testing  on  a centrifuge  an  important  error-free 
test  procedure. 

5.3  Vibration  Test  Limitations 

The  primary  assumption  that  might  cause  trouble  is  the  modeling  of  the 
acceleration  as  a sinusoid.  One  should  be  careful  that  the  average  and  rms 
acceleration  levels  are  well  known  before  using  them  in  the  coefficient 
estimation. 
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The  signal  enhancement  and  error  detection  capabilities  of  dual  instru- 
ment testing  recommend  it  for  both  input  and  cross  axis  vibration  testing, 
even  though  input  axis  testing  does  not  suffer  from  test  bed  errors. 

In  general,  dual  instrument  vibration  testing  is  also  an  important  error- 
free  test  procedure  which  does  not  require  dynamic  angle  monitoring. 

5.4  Tumble  Test  Limitations 

The  biggest  problem  with  this  test  is  the  limitation  of  the  inputs  to 
lg  and  the  coupling  of  g-squared  coefficients. 

-5 

The  low  level  inputs  mean  that  the  g-squared  effects  are  * 10  g's  at 
best  and  relatively  sophisticated  estimation  schemes  are  necessary  to  reduce 
measurement  noise  and  other  unmodelled  environmental  effects. 

Dual  instrument  testing  in  this  fashion  does  eliminate  the  requirement 
to  account  for  lunar  and  solar  effects  on  gravity  since  this  effect  is 

6SF,  6SF2  _c 

reduced  by  a factor  (-^ ^-)  on  the  order  of  10  . Except  for  the 

gravity  gradient  effect,  virtually  all  test  table  errors  that  could  propagate 
into  a g-squared  coefficient  (if  a valid  instrument  test  table  model  is  used) 
are  eliminated.  This  makes  dual  instrument  tumble  testing  a much  more 
tractable  low  level  input  test  if  the  coupled  g-squared  coefficient  recovery 
is  not  objectionable. 

In  summary,  centrifuge  (instrument  cross  axis),  vibration,  and  tumble 
testing  for  recovery  of  g-squared  instrument  coefficients  can  be  greatly 
enhanced  by  the  technique  of  multiple  accelerometer  testing. 
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ABSTRACT 


Recent  test  and  evaluation  of  dry,  tuned  gimbal,  two  -degree  -of-freedom 
gyroscopes  has  revealed  power  spectral  "noise"  levels  that  compare 
favorably  with  floated  gyro  standards  currently  used  in  high  accuracy 
pointing  and  attitude  stabilization  systems.  Power  spectral  density  test 
data  on  the  Teledyne  SDG-5  dry  tuned  gyroscope  are  presented  and  com- 
pared with  published  results  for  single -degree -of-freedom  floated  gyro- 
scopes. The  specific  capabilities  and  limitations  of  the  dry  tuned  gyro 
approach  for  high  accuracy  pointing  applications  are  discussed. 

Gyro  noise  in  the  strictest  sense  may  be  defined  as  that  component  of  the 
angular  rate  output  which  does  not  represent  the  measurement  of  the  true 
angular  rate  input  to  the  gyroscopic  sensor,  but  is  a spurious  output  re- 
sulting from  sensor  imperfections,  including  the  associated  control  and 
output  interface  electrical  circuitry.  The  principal  sources  of  the  noise 
for  either  floated  or  dry-tuned  gyros  may  be  categorized  as  follows: 

1.  Suspension  system  induced  torques. 

2.  Non-suspension  system  induced  torques. 

3.  Elec trical/ Magnetic  field  noise. 

The  predominant  source  of  low  frequency  angular  rate  noise  present  in 
inertial  gyros  results  from  angular  motions  or  misalignments  of  the  driven 
(spin  reference)  axis  with  respect  to  the  case  fixed  (stationary)  axes. 

These  motions  (which  ideally  do  not  exist),  although  small,  result  in  sus- 
pension system  induced  torques  acting  upon  the  rotor,  or  "noise". 

It  is  shown  that  it  is  possible  to  effect  significant  reductions  in  this  domi- 
nant source  of  noise  by  the  optimization  of  the  basic  design  parameters  of 
the  dry-tuned  gyroscope.  In  particular,  it  is  shown  that  this  noise  reduc- 
tion is  most  sensitive  to  the  ratios  of  rotor  inertias  to  gimbal  inertias,  as 
well  as  to  the  number  of  gimbals  utilized  in  the  design.  Tradeoffs  of  noise 
reduction  versus  gyro  maximum  shock/acceleration  capability  are  pre- 
sented. In  addition  further  refinements  related  to  angle  pickoff  accuracy 
considerations  are  described. 
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I.  INTRODUCTION 

During  calendar  year  1976,  Teiedyne  Systems  Company  initiated  a program 
to  accurately  determine  the  spectral  noise  characteristic  for  the  dry-tuned 
two-degrees-of-freedom  SDG-5  Gyroscope.  The  demand  for  this  data  was 
quite  sufficient  from  a number  of  potential  users  in  such  applications  as 
high  accuracy  spacecraft  stabilization  (e.  g.  DRIRU  II  and  Space  Tele- 
scope), high  energy  laser  (HEL)  pointing,  and  a number  of  other  impor- 
tant applications.  Initial  testing  was  conducted  in-house  early  in  the 
program  where  it  was  determined  that  more  sophisticated  data  acquisition 
systems  were  desirable  and,  primarily  that  higher  stability  well  instru- 
mented test  piers  would  be  required.  Teledyne  then  contacted  the  Martin- 
Marietta  Corporation,  Denver,  Colorado  and  the  Space  and  Missile 
Systems  Organization  (SAMSO),  Los  Angeles  AFS,  California  where  the 
SDG-5  was  added  to  the  list  for  test  of  candidates  competing  for  the  High 
Altitude  Attitude  Reference  System  (HAARS).  Additional  testing  was 
accomplished  at  the  Boeing  Aerospace  Company  and  at  Lockheed  Missiles 
and  Space  Company. 

Sufficient  data  was  obtained  to  show  that  the  Teledyne  SDG-5  gyroscope  is 
an  extremely  attractive  rate  sensor  for  use  in  fine  pointing  control  system 
applications  wh^re  jitter  is  required  in  the  milliarc -second  region  and 
that  operate  with  bandwidths  to  10  Hz.  The  instrument  is  particularly 
attractive  in  view  of  its  high  reliability,  low  relative  cost  to  existing 
standards  and  capability  of  operation  over  a broad  temperature  range 
without  the  use  of  temperature  control.  No  selection  of  instruments  was 
made  and  units  were  tested  on  an  ' as  available1'  basis.  Standard  labora- 
tory analog  rt  balance  loops  were  employed  and  no  gyro  heaters,  precision 
temperature  control  or  temperature  compensation  was  used  in  the  test 
so  rie  s. 


II.  GYRO  DESCRIPTION 

I lie  Teiedyne  SDG-5  is  a dry  gyro  and  features  an  elastically  supported 
rotor  with  a dynamically  tuned  suspension  system.  The  two-degree -of- 
fr  • ‘Horn  strapdown  gyro  consists  of  four  major  subassemblies:  the  case, 
or  u<-r  < oils,  pickoffs,  and  rotor  containing  its  tuned  three-gimbal  sus- 
n-ion  system.  These  subassemblies  are  shown  in  Figure  I and  a 
on.  ,f|.  cross  section  of  the  gyro  is  shown  in  Figure  2.  The  gyro  case 
rt  - set  of  ball  bearings  which  in  turn  carry  the  shaft.  Mounted 
nd  of  the  shaft  is  the  motor  hysteresis  ring  and  on  the  other  end 
• ,mr  and  suspension  system.  The  torquer  coils  and  pickoff  sub- 

. r,.  ..ttached  to  the  case.  The  end  covers,  when  soldered  in 
.d.  the  hermetic  seal  for  the  gyro. 
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MOTOR 

END  COVER 

CASE 

ROTOR 
END  COVER 


M141M 

Figure  1.  SDG-5  Strapdown  Gyro  Subassemblies 


Figure  2.  Schematic  Cross-Section  of  the  Strapdown  Gyro 

The  Teledyne  SDG-5  Gyro  has  an  angular  momentum  of  1 x 10  CGS 
units  while  operating  at  6,  000  RPM  on  standard  R-4  size  ball  bearings. 

A summary  of  physical  characteristics  is  presented  in  Table  i and 
a summary  of  key  performance  characteristics  is  shown  in  Table  2. 

Table  3 presents  a summary  of  instrument  characteristics  [4]  for  single- 
degree-of-  f rcedom  floated  gyros  and  a comparison  of  the  SDG-5  two-degree- 
of-freedom  dry  gyro. 
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Table  1.  Teledyne  SDG-5  Gyro  Characteristics 


GENERAL 

Weight 
’ Size 

Figure  of  Merit 
g -Capability 

Rate  Capability  (Steady  State) 

ROTOR 

Mass  of  Rotor 

Polar  Moment  of  Rotor 

Angular  Momentum 

SUSPENSION 

SPIN  MOTOR 
Type 

Excitation  Voltage 

(RMS  sine  wave,  3tf,  400  Hz) 

Run-Up  'rime 

Operating  Power 

PICKOFF 

Type 

Excitation  Frequency 
Excitation  Voltage 
Nominal  Scale  Factor 

TORQUER 

Type 

Nominal  Scale  Factor 
HEATER  - None  Required 


<2.3  lbs 
3''  dia  x 3"  long 
320 

150  g' s 
100  °/sec 

r 

260  GMS 

1600  GM-CM2 

6 2 

1 x 10  GM-CM  /sec 

Tuned  3 gimbal 

Hysteresis  Synchronous 

30  volts 
<30  seconds 

2 watts 

Variable  Reluctance  Transformer 
48K  Hz  sinewave 
7 VRMS 
100  V/RAD 

Voice  Coil 
160  °/Hr/ ma 
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Table  2.  Teledyne  SDG-5  Gyro  Performance  Characteristics 


Parameter 

Units 

Specification 

Value 

T ypical 
Value 
(mean) 

G - Insensitive  Bias 

Absolute  Value 

°/Hr 

0 ± 2.  0 

< 0.  50 

Stability 

Continuous  Operation 
(Random  Drift) 

°/Hr  1 (t 

.001  Max. 

0. 0006 

Shutdown  Repeatability 

o . 

/Hr  1 cr 

. 0 1 Max. 

0.  0016 

Temperature  Cycle  Stability 

°/Hr  lcr 

- 

0.  003  3 

Temperature  Sensitivity 

Ut 

0 

u 

0 

0 ± . 002 

0.  00059 

G-Sensitive  Bias 

Absolute  Value 

°/Hr/C 

0+1.0 

<1.0 

Stability 

Continuous  Operation 
(Random  Drift) 

°/Hr/C  Ur 

. 002  Max. 

0.0007 

Shutdown  and  Temperature 
Cycle  Repeatability 

°/H  r/C  Ur 

* 

0.  008 

Temperature  Sensitivity 

°/Hr/G/°F 

0 _t_  . 02 

0.  0032 

To  roue  r Scale  Factor 

Absolute  Value 

° / H r / M A 

1 50  Min. 

1 1»0 

Linea  rity 

PPM  Peak 

1 00  Max. 

25 

Asymmet  ry 

PPM  Peak 

- 

3 

Temperature  Sensitivity 

PPM  /°F 

-230  +_  20 

-229 

Axis  Alignment 

Absolute  Value 

Sec 

60  Max. 

30 

Stability 

Sec 

- 

10 

Angular  Rate  Capability 

Steady  State 

°/Sec 

100 

>100 

T ransient 

°/Sec 

400 

>500 

Anisoelasticy 

°/Hr/gZ 

0 + . 03 

. 01 

Gyro  Time  Constant 

Seconds 

100  Min. 

200 

T101556A 
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Table  3.  Summary  Comparison  of  Instrument  Characteristics 


III.  SUPPORT  ELECTRONICS 

The  SDG  Elec tronic s /Control  Unit  [6]  contains  the  necessary  analog  rebalanct 
electronics  to  cage  both  axes  of  the  SDG-5.  A photograph  of  the  19  inch  rack- 
mounted panel  is  shown  in  Figure  3.  Controls,  located  on  the  front  panel  are 
used  to  control  the  caging  process  and  provide  a convenient  means  for  select- 
ing various  torque  output  scaling  functions.  Generally,  the  unit  contains  the 
necessary  regulated  and  precision  DC  voltages,  the  gyro  48  kHz  pickoff 
excitation,  caging  electronics  and  precision  analog  scaling  electronics  for 
each  gyro  axis.  Refer  to  Figure  4 for  the  functional  block  diagram  and  to 
Figures  5 and  6 for  measured? ross  and  direct-axis  control  loop  frequency 
response  curves. 

The  previously  described  electronics  was  interfaced  with  the  data  acquisition 
system  and  the  gyro  mounted  on  the  test  pier  as  available  at  the  various 
facilities.  The  functional  organization  utilized  was  as  shown  in  Figure  7. 


Figure  3.  Teledyne  Strapdown  Gyro  Laboratory  Test  Equipment  [6] 


GYRO  MOUNTING  CUBE  i SDG  ELECTRONICS  AND  CONTROL  UNIT 
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'igure  4.  Functional  Block  Diagram  of  Teledyne  Strapdown  Gyro  Test  Mechanization 
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Figure  7.  Teiedyne  Strapdown  Gyro  Test  Setup  with 
Data  Acquisition  System 

IV.  PSD  TESTING  PERFORMED 

A total  of  5 different  SDG-5  gyros  were  used  in  the  test  program  on  an  "as 
available"  basis. 

Table  4 presents  a summary  of  the  testing  performed  by  facility.  Most 
data  was  taken  on  SN  069  as  it  was  evaluated  by  three  facilities.  Initial 
testing  was  performed  at  Boeing  using  analog  rebalance  loops  of  approx- 
imately 1 Hz  bandwidth.  This  was  subsequently  increased  to  7 Hz  and 
standardized  for  the  tests  to  follow  in  order  to  be  representative  of  require 
ments  on  anticipated  programs.  In  all  cases,  the  data  acquisition  system 
and  data  reduction  was  provided  by  the  test  facility.  Standard  methods  as 
described  in  the  references  [1],  [Z]  were  generally  employed. 


Table  4.  Summary  of  PSD  Testing  Performed 
On  Teledyne  SDG-5  Gyro 


Test  Facility 

No.  Gyro*  FeareH 

Tea  t ) e rtod 

< > y r ■ • I • -»i  Kqmpnwm  ' «■ 
t ■•king  t .oop  Bandwi'))*- 

D.itj  Acquisition  System 

Test  Pier 

lest  Repor1 

, . roip«  < ■ i . 

(Seattle,  Wash.) 

4 

(SN  * 0 i4,  >'  •'  , 

00  H,  069) 

21  July  1976  to 
20  ’uly  1 97o 

leledyne  Strapdown  iyru 
laboratory  Ti  al  Kquipmrnl  ■ 1 
'Standard  Configuration! 

Analog  Loop  Approx  1 Mr 

( <mnife roue  F F 1 An-ilyrer 
Nicolet  Scientific  C'orp 
Model  400 A 

Seismic  Had 

Raw  Data  Available- 
No  formal  report 
a ntic  ipa  ted 

M»  rt»n  - Ma  ri'-itri  Corp. 
(Denver.  Colorado) 

2 

(SN  » O.M.  0b9) 

2 August  |9  7>.  to 
29  D<  tober  1'*'* 

leledyne  Strapdown  (/vru 
I atKira.'orv  !•-»(  Equipment  • ' 
(Standard  C onfigurationl 
Analog  1 oop  Approx  7 Hr 

MMC  -A/D  Com rter  !*>) 
HR  IMF,  ( <>mpu(er 

MM(  Granite  Pier 
at  «out(i  end  of 
1 me  1 'minting 
Dimensionally 
Stable  Simulator 

Spring  1 "77  1 Sj 
• 1 roprietary  Repor1' 

Holloman  A.  F , B. 

<-  K . I F 

i Alamogordo,  N.  M.  • 

1 

(SN  069 1 

2 Sept.  197(  to 
12  October 

A • Above  '7  Hr 

! Iclloman  A 1 < onv>  rter  1 ] 

Ml  2100  ( ompuu-r 

CIG  I F TiM  Meter 
In*'  rum nted 
lest  Had  | | | 

The  Teledyne  SDC-* 
Gyro  Test,  Report 
No.  TRD 
February  1977  f8| 

Boeing  AToipjt-  ( o. 
(Seattle.  Waah.  1 

1 

ISN  00 9 ) 

IS  Oct  167*, 

A*  Above/ 7 Hr 

• rumliTom  1 F I analyrer 
Nicolet  Scientific  Corp. 
Model  400 A 

Seismic  1 ad 
and  l,ab  Floor 

Paw  Da:a  Available 
No  lormcl  report 
anticipated 

1, ore  heed  Mluilct 
and  Space  C o. 

• Sunnyvale,  < a.  i 

I 

ISN  OH) 

2 4 Dec  I97h  to 
A Feb  l“77 

A*  Above/  7 Hr 

I MS'  Ai>  and  V/F  Con- 
verter HP 2 100  or  Intellec  >1 

1-M.St  •--!  Pier* 

I.MSC  Test  report 

*'0  rm 


V.  SUMMARY  AND  COMPARISON  OF  TEST  RESULTS  BY  FACILITY 

Teledyne  provided  two  SDG-5  gyros  and  associated  test  equipment  to  the 
Holloman  AFB-CIGTF  for  evaluation  as  part  of  the  I1AARS  testing  program. 
Only  S/N  069  was  evaluated  due  to  schedule  constraints.  The  data  acquisi- 
tion system,  filtering  employed,  test  equipment  and  data  reduction  tech- 
niques are  well  described  in  [1]  and  are,  therefore,  not  discussed 
herein.  Figures  8,  9 and  10  present  typical  PSD  gyro  outputs  in  (DEG/HR)^ 
/Hz  for  the  gyro  evaluated.  These  data  provide  a high  confidence  PSD  sig- 
nature for  the  unit  evaluated  over  th"  frequency  range  .0001  Hz  to  approx- 
imately 2.  5 Hz. 


As  equipment  specifications  for  hardware  (e.g.  DRIRU  II)  sometimes  specify 
the  gyro  output  noise  limits  in  /HR  RMS  over  a specific  frequency  range, 
the  noise  characteristic  for  the  SDG-5  gyro  was  measured  in  appropriate 
units  by  the  Martin-Marietta  Corporation.  Table  5 presents  a comparison  of 
of  the  measured  SDG-5  output  in  /HR  RMS  versus  the  DRIRU  II  specification. 

Data  as  available  from  the  other  test  facilities  are  presented  in  Table  6 for 
comparison  purposes.  The  data  from  Holloman  CIG  TF  and  the  Martin- 
Marietta  Corporation  is  seen  to  correlate  reasonably  well  in  the  frequency 
band  of  .001  Hz  to  5 Hz. 
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USEABLE 

INFORMATION 

BAND 


(24  HOUR  TEST,  ' 1 

1 OCT  1976)  LOG  FREQUENCY  (Hz) 

T107185A 

Figure  8.  Power  Spectral  Density  Gyro  Output  of 
Teledyne  SDG-5  S/N  069  (Data  Courtesy  of  Holloman  AFB -C IG TF)  [8] 


(1  HOUR  TEST, 

16  SEPT  1976)  LOG  FREQUENCY  (Hz) 

T107186 


Figure  9.  Power  Spectral  Density  Gyro  Output  of 
Teledyne  SDG-5  S/N  069  (Data  Courtesy  of  Holloman  AFB -CIGTF)  [8] 
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USEABLE 

‘ INFORMATION  “ 
BAND 


(3  MINUTE  TEST, 
30  SEPT  1976) 


LOG  FREQUENCY  (Hz) 


Figure  10.  Power  Spectral  Density  Gyro  Output  of 
reledyne  SDG-5  S/N  069  (Data  Courtesy  of  Holloman  AFB-CIGTF)  [8] 


Table  5.  Comparison  of  Measured  SDG-5  Output 
In  (°/ Hr  RMS)  vs  DRIRU  II  Specification 
(Data  Courtesy  of  Ma  r tin  - Ma  rie  tta  Corp  - Denver,  Co) 


Frequency  Range 
(He  rtz) 


Performance  in  °/Hr  RMS 

Axis 

DRIRU  II 
Specification 

SDG-5  Performance 

01-1.0 


05  Max. 


01-7.  0 


5 Max. 


3 
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VI.  COMPARISON  OF  PSD  CHARACTERISTICS  OF  SDG-5  DRY  TDF 
AND  SDF  FLOATED  GYROS 

A comparison  of  the  noise  characteristics  between  the  Teledyne  SDG-5  dry 
TDF  gyro  with  data  for  floated  SDF  gyros  as  reported  in  [4]  was  made.  For 
convenience  in  making  this  comparison,  the  units  of  (arc-sec)“/Hz  were  used. 

A graphical  presentation  of  this  comparison  is  presented  in  Figure  11.  The 
reader  is  cautioned  that  the  sample  size  (one  or  two  units)  is  small  and  that 
the  data  presented  for  dry  TDF  gyros  is  limited  to  the  Teledyne  SDG-5.  None- 
theless, it  appears  that  the  dry-tuned  ball  bearing  gyro  performance  compares 
quite  favorably  in  the  bandwidth  of  . 01  Hz  to  approximately  5 Hz  with  currently 
used  floated  standards  used  in  low  jitter  attitude  stabilization  and  precision 
pointing  systems. 

VII.  METHODS  FOR  FURTHER  NOISE  REDUCTION  IN  DRY  TL'N'ED  GYROS 

The  dry  tuned  gyro  has  a number  of  characteristic  features  that  provide 
for  implementing  several  methods  for  noise  reduction  to  even  lower  levels 
than  determined  in  the  previously  described  testing.  These  consist  of  basic 
optimization  of  physical  design  parameters  as  briefly  outlined  in  the  follow- 
ing discussion. 

Physical  Increase  in  Angular  Momentum 

The  angular  momentum  of  the  dry  gyro  can  be  increased  lay  adding  mass  to 
the  rotor  while  maintaining  the  same  spin  speed  with  the  attendant  decrease 
in  torque  generator  scale  factor.  A factor  of  two  increase  in  angular  momentum 
is  readily  attainable  in  the  SDG-5.  The  reduction  in  scale  factor  (160°/Hr/ma 
for  SDG-5)  to  one-half  (80°/Hr/ma)  is  quite  acceptable  for  most  pointing  appli- 
cations where  maximum  rate  is  limited  to  approximately  _f50°/sec.  Teledyne 
has  produced  gyros  (the  SDG-3B)  with  2 x 10”  cgs  units  angular  momentum  in 
lieu  of  1 x 10^  cgs  units  for  fhe  SDG-5.  Figures  12  and  13  make  the  comparison 
of  key  characteristics. 
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AO-A040  012  ARMAMENT  DEVELOPMENT  «NO  TEST  CENTER  E9LIN  AFB  PLA  F/G  17/7 


PR0CEE0IN6S  OF  THE  BIENNIAL  GUIDANCE  TEST  SYMPOSIUM  <BTh>  HELO  — ETC(U) 
MAY  77 

UNCLASSIFIED  A0TC-TR-77-3-V0L-1  NL 


SDG  3B 


SDG-5  ROTOR  AND  SDG-3B  ROTOR 
(FOR  COMPARISON) 


Figure  12.  Photograph  of  SDG-3B  Gyroscope 


APPLICATIONS 

Shipboard  Inertial  Navigation 

Spacecraft  Guidance  and  Control,  Fine  Pointing 
Requirements  for  very  Low  Drift  Rates,  Low  Noise 
and  with  Moderate  Rate  Inputs 

SPECIFICATIONS 

SDG-3B 

SDG-5 

Size 

3.  25"  dia  x 3"  long 

(for  comparison) 
3.  0"  dia  x 3"  long 

Weight 

2.  9 lbs 

2.  3 Lbs 

Random  drift  (lo) 
(Spec) 

<. 0005°/hr 

<.  00 l°/hr 

Repeatability  (day  to  day) 
lo  - (Spec) 

<. 005°/hr 

A 

o 

0 

Angular  momentum  (H) 

2x10  CGS  units 

1 x 10  CGS  units 

Spin  speed 

6000  RPM 

6000  RPM 

Figure  13.  SDG  313  Gyro  Characteristics 
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Increase  In  iivro  Figure -of-Merit  (F  ) 

m 


It  one  considers  a figure  of  merit  for  the  elastically  supported  gyro  as  defined 
by  |°|  as  follows 

n 

C + £ A 

K '—1 

m n 

£ (A  -t  n - c ) 

“ n n n 

who  ro : 

C principal  moment  of  inertia  of  the  rotor  about  the 
Z or  spin  axis 

A , R , C = principal  moments  of  inertia  of  the  nth  gimbal  about 

n n n the  X , Y , Z axes  respectively 

n n n 

n = number  of  gimbals 

it  can  be  shown  that  the  Fm  is  approximately  inversely  proportional  to  the 
number  of  gimbals  employed.  This  F^  for  the  standard  SDCi-5  three- 
gimbal  gyro  is  320  and  can  be  increased  to  approximately  1000  by  reduc- 
ing the  number  of  gimbals  from  3 to  1.  There  is  an  attendant  reduction 
in  environmental  "g-capability  by  approximately  3 and  some  potential 
increase  in  2N  angular  sensitivity.  'Ieledyne  has  produced  a small  quantity 
of  1 -gimbal  units  that  have  demonstrated  extremely  low  random  drift 
characteristics.  No  attempt  to  measure  PSD  for  the  1-gimbal  configura- 
tion has  been  made  to  date.  This  area  is  recommended  for  future  investi- 
gation and  evaluation  for  applications  with  relatively  low  environments 
requirements. 

Mechanization  of  Gimbal  Angle  Pickoffs 

The  dry  gyro  lends  itself  to  incorporation  of  an  additional  instrument 
angle  pickoff  which  measures  the  angular  motion  of  the  gimbal  with  respect 
to  the  case.  This  mechanization  has  been  shown  by  [3]  to  provide  a signal 
which  may  be  used  to  directly  compensate  for  ’ noise".  As  a natural  con- 
sequence, a highly  accurate  rotor  angular  nulling  signal,  independent  of 
the  usual  pickoff  mechanical  instability  or  creep  is  automatically  provided. 

To  the  extent  that  the  undesired  shaft-to-case  motion  is  inducing  the  gyro 
output  noise,  the  power  spectral  density  of  this  noise  may  be  reduced  by 
compensation  by  a factor  which  is  determined  essentially  by  the  total 
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mechanization  scale  factor  error.  If  this  error  is  assumed  to  be  on  the 
order  of  1.  5%,  as  is  readily  achieveable,  then  a reduction  of  the  basic 
gyro  output  noise  spectral  noise  by  a factor  of  0.015  could  be  realized. 
Teledyne  is  currently  developing  under  contract  from  the  USAF-AFAL/ 

FD1.  an  instrument  called  the  Spin  Coupled  Accelerometer  Gyro  (SCAG) 
which  is  equipped  with  both  rotor-to-case  and  gimbal -to -case  angle  pickoffs. 
The  instrument  has  the  necessary  output  information  to  effect  the  angular 
rate  noise  compensation  as  discussed  by  [ 3]. 

This  same  gimbal  angle  pickoff  concept  has  been  considered  for  incorpor- 
ation in  the  SDG-5  and  appears  attractive. 

VIII.  SUMMARY  AND  CONCLUSIONS 

The  following  conclusions  are  made  based  on  the  foregoing  data  and 
discussions: 

1.  The  SDG-5  gyro  output  noise  power  spectral  density  character- 
istics have  been  determined  to  a high  confidence  level  in  the 
frequency  band  of  .001  Hz  to  5 Hz  by  the  testing  accomplished 
to  date. 

2.  The  SDG-5  is  an  excellent  candidate  gyro  for  fine  pointing 
applications  where  low  noise  performance  below  1 Hz  are 
specified  in  millia rc -second s and  that  operate  with  control 
system  bandwidths  in  the  region  of  1 Hz. 

3.  The  SDG-5  PSD  performance  compares  quite  favorable  with 
currently  used  SDF  floated  gyros  below  1 Hz  and  from  1 Hz 
to  10  Hz  the  SDG-5  performance  compares  midrange  with 
other  state-of-the-art  precision  gyroscopes. 

4.  A number  of  attractive  methods  for  effecting  a further  decrease 

in  the  SDG-5  noise  characteristics  are  readily  available  and 
should  be  pursued.  • 
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SUMMARY 

This  paper  presents  the  results  of  a stellar  update  demonstration 
conducted  in  April  1976  by  the  Honeywell  Avionics  Division  in 
St.  Petersburg,  Florida.  The  purpose  of  the  test  was  to  prove 
the  technical  feasibility  of  attitude  update  and  gyro  drift  cali- 
bration of  an  inertial  measurement  unit  for  use  in  Interim  Upper 
Stage  and  ELV  booster  applications.  Use  of  stellar  update  in 
these  applications  improves  mission  accuracy,  allows  use  of  mod- 
erate performance  gyros,  and  makes  attitude  performance  indepen- 
dent of  mission  duration. 

The  test  was  conducted  with  an  H-478  IMU  and  IUS  prototype  star 
scanner.  During  an  update,  information  is  gathered  by  maneuver- 
ing about  the  boost  vehicle  ro1!  axis  (laboratory  rate  table 
axis)  to  cause  a star  to  transit  the  photosensitive  slits  of  a 
strapdown  star  scanner.  This  star  transit  information  from  two 
stars  is  processed  in  a Kalman  filter  to  update  IMU  attitude  and 
calibrate  IMU  gyro  drifts. 

The  paper  first  presents  the  analytic  studies  used  to  establish 
a test  setup  representative  of  the  mission.  In  particular,  the 
star  field  (separation,  magnitude,  and  color) , maneuvering  pro- 
file, degree  and  type  of  update  algorithm,  and  the  accuracies  to 
be  demonstrated,  were  assessed.  The  baseline  test  setup,  a de- 
scription of  the  hardware,  and  the  stellar  update  technique  are 
then  explained.  Lastly,  the  test  results  are  presented  and 
evaluated.  The  tests  demonstrated  attitude  update  accuracies 
of  less  than  150  arc-seconds  and  a four-fold  reduction  of  gyro 
bias  drifts. 


DEMONSTRATION  REQUIREMENTS 
Accuracies 

The  Space  Shuttle  will  transport  an  "upper  stage"  (IUS  or  TUG) 
to  low  Earth  orbits.  From  there  the  "upper  stage"  will  carry 
payloads  to  higher  altitude  orbits  such  as  the  equatorial  geo- 
synchronous orbit  shown  in  Figure  1.  This  mission  includes  a 
4.5-hour  wait  in  low  Earth  orbit  before  deployment  from  the 
shuttle,  and  a 5.25-hour  coast  to  synchronous  altitude  after  the 
transfer  burn.  This  long  mission  duration  implies  stringent  gyro 
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• PERFORM  UPDATE  OF  ATTITUDE  AND  GYRO  DRIFT 
PRIOR  TO  EACH  MAIN  BURN 
FIGURE  1.  REFERENCE  TRAJECTORY 
(FOR  EARTH  ORBIT  TO  SYNCHRONOUS  ORBIT) 


drift  performance  for  a pure  inertial  mechanization  of  the  navi- 
gation system.  A viable  alternative  employs  a star  scanner  to 
update  the  inertial  attitude  before  each  major  burn.  Demonstra- 
tion of  the  technical  feasibility  of  this  application  of  stellar 
update  is  the  reason  for  the  test  reported  in  this  paper. 

The  tolerances  for  attitude  update  and  gyro  drift  are  derived 
from  analysis  of  the  requirements  for  both  the  synchronous  in- 
jection mission  and  the  12-hour  highly  eliptical  mission.  The 
highly  eliptical  mission  requires  the  orbital  inclination  errors 
to  be  <0.06  degree  (216  arc-seconds).  The  synchronous  injection 
mission  is  driven  by  the  velocity  errors  resulting  from  attitude 
error  during  the  last  major  burn.  Table  1 shows  an  error  budget 
for  the  synchronous  injection  mission.  It  shows  the  attitude 
tolerance  is  less  severe  than  for  the  12-hour  eliptical  mission. 
For  this  reason,  and  to  allow  for  additional  attitude  error  build- 
up from  the  time  of  update  until  the  actual  burn,  the  tolerances 
in  Table  2 were  established  for  the  stellar  update  demonstration. 

Note  that  gyro  bias  drifts  of  0.6  deg/hr  and  mass  unbalance  drifts 
of  3 deg/hr/g  are  acceptable  if  stellar  update  is  used.  In  con- 
trast, a 10-hour  pure  inertial  mission  would  require  an  equivalent 
gyro  bias  drift  of  0.007  3-sigma  to  match  the  performance  of  the 
stellar  updated  system. 
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TABLE  1.  SYNCHRONOUS  INJECTION 
STELLAR  UPDATE  ERROR  BUDGET 


Error  Sources 

Velocity  Errors 

Type 

Value 

3o 

Down 

Range 

Cross 

Range 

Radial 

Inertial  Attitude  Error 
at  Final  Burn 

285  sec 

6.7  fps 

8.3  fps 

16.0  fps 

Gyro  Drift 

0.6  deg/hr 

<1.0 

<1.0 

<1.0 

All  other  errors  including 
upper  bound  initial  conditions 
and  3 deg/hr/g  gyro  mass 
unbalance  drift 

— 

13.4 

8.2 

37.6 

Total  RSS  Error 

15.0 

11.7 

40.9 

Requirement 

16.0 

12.0 

75.0 

TABLE  2.  DEMONSTRATION  REQUIREMENTS  FOR  STELLAR  UPDATE 


Allowable 

Demonstration 

Error  Source 

Mission  Tolerance 

Requirement 

Attitude 

216  sec-el i pt i cal 
285  sec-synchronous 

150  sec* 

Gyro  Drift 

<0.6  deg/hr 

<0.6  deg/hr* 

* Also  compatible  with  conventional  expendable  launch  vehicles. 


Update  Timeline 


The  length  of  time  allowed  for  stellar  attitude  update  and  drift 
calibration  is  found  by  examining  the  shortest  interval  available 
in  any  mission.  The  shortest  interval  occurs  when  the  upper  stage 
must  be  deployed  as  soon  as  possible  after  reaching  low  Earth 
orbit,  but  before  the  first  orbital  node  (that  is,  the  first 
transfer  burn  possibility) . This  time  interval  is  at  least  20 
minutes  long;  however,  other  vehicle  activity  may  further  con- 
strain the  available  time.  For  this  reason,  a 4-minute  attitude 
update  profile  and  an  additional  11-minute  gyro  drift  calibration 
profile  were  used. 

During  an  update,  information  is  gathered  by  maneuvering  the  ve- 
hicle roll  axis  to  cause  a star  to  transit  photosensitive  slits 
of  a strapdown  star  scanner.  The  geometry  of  the  star  scanner 
field  of  view  (FOV)  with  respect  to  the  vehicle  is  shown  in  Figure 
2.  The  FOV  contains  six  slits,  mechanized  in  redundant  crows  feet 
patterns  as  shown  in  Figure  3.  The  vehicle  rotates  to  cause  a 
star  to  transit  each  of  the  three  slits.  Two  transits,  separated 
in  time,  appear  at  the  output  of  one  channel  of  electronics  while 
one  output  pulse  is  generated  by  the  redundant  channel.  Any  two 
transits  are  sufficient  for  update.  The  IMU  inertial  reference 
frame  is  noted  at  each  transit  time  for  use  in  calculating  cor- 
rections with  respect  to  the  stellar  inertial  frame  as  observed 
by  the  star  sensor.  Additional  transits  on  a second  star  sepa- 
rated from  the  first  star  by  about  90  degrees  are  used  for  a 
three-axis  update. 

The  flight  ^nd#te  procedure  is  illustrated  in  Figure  4.  It  begins 
by  orienting  the  vehicle  roll  axis  normal  to  the  plane  containing 
the  two  target  stars.  A sequence  of  transits  is  then  obtained 
from  two  stars  by  maneuvers  about  the  vehicle  roll  axis.  After 
the  update  sequence  is  complete,  the  vehicle  is  maneuvered  to  the 
burn  attitude.  The  laboratory  demonstration  was  done  by  simula- 
ting the  vehicle  roll  maneuvers  for  the  update  through  the  use  of 
a single  axis  precision  air  bearing  table. 

Star  Selection 


To  ensure  the  proper  star  magnitudes  and  angular  separations  were 
used  in  the  test,  a star  selection  study  was  performed  using  the 
Smithsonian  Astrophysical  Observatory  (SAO)  Star  Catalog.  The 
locations  and  silicon  magnitude  of  the  1812  brightest  stars  were 
analyzed  for  availability,  interferences  from  other  celestial 
bodies,  and  angular  separation  using  typical  low  equatorial  and 
polar  orbits.  The  results  of  that  study  led  to  the  selection  of 
the  seven-star  catalog  shown  in  Table  3.  Use  of  these  seven  stars 
assures  that; 

1.  Two  stars  are  available  for  any  mission  orbit. 
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FIGURE  4.  STELLAR  UPDATE  MANEUVER  PROFILE 
TABLE  3.  THE  SEVEN  NAVIGATION  STARS 


Orbital 
Position  at 
Start  of  Update 

Star  Pair 
(Magnitude) 

Angular 

Separation 

(degrees) 

0-30  deg 

Marhab  (1.48  msi) 
Achemar  (0.69  msi) 

88.73 

30  - 60  deg 

Marhab  (1.48  msi) 
Rigel  (0.35  msi) 

83.79 

60  - 100  deg 

Rigel  (0.35  msi) 
Kohab  (1.44  msi) 

69.15 

100  - 150  deg 

Suhail  (1.44  msi) 
Arcturus  (-0.33  msi) 

85.92 

150  - 260  deg 

Arcturus  (-0.33  msi) 
Atria  (1.29  msi) 

87.61 

260  - 360  deg 

Marhab  (1.48  msi) 
Achemar  (0.69  msi) 

88.73 

2.  No  selected  star  is  within  30  degrees  of  the  sun,  moon,  or 
planets . 

3.  All  are  brighter  than  +1.5  silicon  magnitude. 

4.  There  are  no  conflicting  stars  +2.5  magnitude  or  brighter 
within  6 degrees  of  the  target  star. 

It  should  be  noted  that  tests  of  a star  scanner  similar  to  that 
used  in  the  demonstration  showed  no  performance  degradation  after 
direct  pointing  at  the  sun  for  one  hour. 

The  star  selection  study  showed  that  one  star  pair  was  21  degrees 
from  the  ideal  separation  of  90  degrees.  Since  star  simulator 
piers  were  not  available  at  that  separation,  a 108-degree  angle 
(18  degrees  greater  than  90)  was  used  for  the  separation  of  the 
two  target  stars. 

Update  Algorithm  Development 

The  real  time  algorithms  mechanized  during  the  test  resulted  from 
analyses  of  several  update  techniques  and  subsequent  refinement 
of  the  selected  algorithm.  The  first  step  was  to  decide  between 
a two  or  three  star  update,  a six  or  nine  state  Kalman  filter, 
and  whether  or  not  a deterministic  technique  could  be  used.  The 
results  of  these  analyses  are  given  in  Table  4.  The  mechanized 
algorithm  used  the  profile  shown  in  Figure  4 and  sighting  tech- 
nique of  Figure  3.  A six  state  fixed  gain  Kalman  filter  contain- 
ing three  attitude  and  three  drift  states  was  used. 


TABLE  4.  PROCESSING  TECHNIQUE  ANALYSIS 


Trade 


Two  or  three  star  update. 


Results 

Two  star  update  errors  as 
good  as  three  star  update 
use  two  star. 


Six  state  filter  (3  attitude 
and  3 drift)  or  nine  state 
filter  (include  gyro  scale 
factor) . 

Kalman  filter  or  determi- 
nistic (least  squares) . 


Low  sensitivity  to  scale 
factor  - use  six  state. 


Kalman  filter  gives  slightly 
better  performance  and  re- 
quires less  software  when 
redundancy  factors  are 
considered . 
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Using  the  profile  of  Figure  4,  it  was  verified  that  15  star  tran- 
sits give  complete  observability  of  the  six  attitude  and  rate 
error  states.  Further,  complete  observability  is  preserved  if  the 
2nd,  5th,  8th,  11th  and  14th  transits  are  deleted,  corresponding 
to  a failure  in  one  scanner  electronic  channel. 

In  Figure  4 the  dwelling  or  "wait  300  seconds"  on  a star  allows 
attitude  buildup  due  to  gyro  drift,  and  thus  better  observability 
of  drift  states.  The  purpose  of  slewing  from  star  to  star  S2 
is  to  induce  cross  coupling  between  the  pitch  and  yaw  axes  (see 
Figure  2) . The  pitch  error  is  not  directly  observable  by  measure- 
ments on  star  Sj_,  as  this  is  the  optics  line  of  sight.  Rotation 
and  subsequent  measurements  at  star  S2  produces  the  coupling  and 
complete  observability. 

Laboratory  Setup 

A photograph  of  the  laboratory  equipment  used  to  demonstrate  IUS 
stellar  update  is  shown  in  Figure  5.  A schematic  view  of  the 
geometry  of  the  setup  is  shown  in  Figure  6.  The  H-478  IMU  and 
star  scanner  shown  are  mounted  in  a precision  gimbal  on  top  of 
an  air  bearing  table.  The  precision  gimbal  is  used  in  calibra- 
ting the  star  scanner  and  remains  fixed  during  update  testing. 

The  star  sources  were  set  at  a maximum  of  +1.0  silicon  magnitude, 
type  GO. 

They  are  108  degrees  apart.  Star  1 is  3.4  degrees  below  level, 
and  Star  2 is  0.8  degree  above  level.  The  geometry  allows  all 
six  slits  to  be  used  in  the  test.  Note  that  while  the  rate  table 
motion  was  single  axis,  all  three  gyro  axes  were  evaluated  as  the 
result  of  misalignment  with  the  table  spin  axis  (=&3 . 4 degrees) 
and  need  to  accurately  measure  Earth's  rate  as  a function  of 
table  position. 

The  strapdown  algorithm  is  a second  order  direction  cosine  type. 
The  dot  product  computation,  which  is  key  to  the  update  process, 
is  explained  in  the  appendix.  It  is  important  to  note  that  each 
star  transit  is  processed  separately.  The  strapdown  algorithm 
and  Kalman  filter  fully  account  for  changes  in  attitude  or  rates 
between  star  transits. 

The  actual  star  transit  pulse  arrives  at  the  computer  a few 
tenths  of  a second  after  the  star  physically  crosses  the  center 
of  the  slit.  Determination  of  this  delay  for  various  rates  is 
part  of  the  star  scanner  calibration  process.  Knowing  this  time 
delay  and  the  body  rates  at  the  time  of  transit  (rate  derivation 
block  in  Figure  7) , the  dot  product  attitude  error  can  be  accu- 
rately calculated.  Note  again  that  the  time  or  rates  between 
star  transits  are  not  directly  used  in  the  update  processing 
algorithm. 
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1 Star  Scanner  5 Star  Simulators  5 inch  beam,  5 arc  second 

col'imation  error,  select  filters  for  color  and 

2 I MU  — H478  brightness 

6 Gimbal  Control  Electronics 

3 Precision  Air  Bearing  Rate  Table  with  . 

1 2 inch  inductosy  n readout  7 T,me  base  (0- 1 sec)  and  sensor  comPuter 

interface  electronics 


Gimbal  set  used  in  Star  Scanner 
calibration 

FIGURE  5, 


8 Lab  computer  for  real  time  data  processing 

9 Rate  Table  control  system 
TFST  FACILITY 
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STAR  roll 


STAR  1 AND  STAR  2 SEPARATED  BY  106° 

STAR  1 IS  3.4  DEGREES  BELOW  LEVEL  FOR  TRANSITS  ON  SLITS  4,  5,  AND  6 
STAR  2 IS  0.8  DEGREES  ABOVE  LEVEL  FOR  TRANSITS  ON  SLITS  1,  2.  AND  3 


FIGURE  6.  STELLAR  UPDATE  LABORATORY  GEOMETRY 


HARDWARE  SOFTWARE 


FIGURE  7.  STELLAR  UPDATE  PROCESSING  BLOCK  DIAGRAM 


Test  Results 


A series  of  13  stellar  update  tests  were  conducted  for  a range  of 
initial  attitude  and  gyro  drift  conditions.  The  results,  shown 
in  Table  5 and  summarized  in  Table  6,  met  required  tolerances  in 
all  trials.  The  errors  in  Table  5 are  the  differences  between 
the  vehicle  body  axes,  determined  by  the  stellar  updated  IMU,  and 
the  rate  table  readouts.  All  error  sources,  such  as  strapdown 
algorithm  processing,  alignments,  gyro  drift,  and  star  scanner 
bias  and  noise,  are  included.  As  such,  they  represent  total  in- 
flight error. 

The  gyro  and  star  scanner  measurements  are  transferred  to  a lab- 
oratory computer  for  real  time  processing  at  a rate  of  10  times/ 
second.  The  digital  output  from  the  gyros  was  scaled  at  15  arc- 
seconds/pulse  . 

Calibration  of  the  star  sensor  demonstrated  a random  error  of 
less  than  15  arc-seconds  RMS  on  each  of  the  six  slits  for  scan 
rates  of  0.1  to  0.3  degree  per  second.  The  star  scanner  field  of 
view  was  +4  degrees. 

The  algorithm  for  processing  the  gyro  and  star  scanner  data  is 
outlined  in  Figure  7.  Except  for  the  sensor  data  collection,  the 
algorithm  was  coded  in  FORTRAN  and  run  in  a DDP-516  using  the 
floating  point  hardware  option.  Note  that  computational  require- 
ments have  been  minimized  by  using  an  off-line  calculation  of  the 
Kalman  gain.  This  off-line  calculation  of  gain  is  done  for  the 
nominal  star  scan  profile. 

Initial  attitude  conditions  of  +2  degrees  were  derived  from  antic- 
ipated structural  transfer  from  the  Shuttle  IMU  prior  to  deploy- 
ment. Anticipated  maximum  1 degree/hour  gyro  initial  conditions 
were  increased  to  2 degrees/hour  in  pitch  to  fully  exercise  this 
axis.  The  star  scanner  optical  axis  is  nominally  aligned  along 
the  body  pitch  axis  during  this  test  series  which  makes  it  the 
most  difficult  axis  to  update. 

The  update  software  uses  a precalculated  fixed  gain  Kalman  filter 
established  for  anticipated  initial  errors  and  maneuver  rates. 

The  variety  of  initial  conditions  proves  the  capability  of  the 
software  to  perform  under  flight  conditions.  In  addition,  tests 
11  and  12  were  jonducted  at  scan  and  slew  rates  of  0.2  degree/ 
second  and  0.8  degree/second  to  test  off  nominal  rate  conditions. 

A trace  of  test  No.  12  is  shown  in  Figure  8.  This  is  a test  with 
two  degree  initial  attitude  errors  and  approximately  one  degree/ 
hour  drift  rates.  In  this  test,  the  rate  profile  was  changed 
from  the  nominal  (0.3  degree/hour  scan  and  1 degree/second  slew) 
profile  to  a slower  profile  (0.2  degree/hour  scan  and  0.8  degree/ 
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FIGURE  8.  SAMPLE  TEST  RESULT  (NO.  12) 
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hour  slew)  to  show  the  low  sensitivity  of  the  fixed  gain  filter 
to  variations  in  maneuver  profile.  Note  the  excellent  final 
attitude  and  good  drift  rate  performance. 


TEST  RESULTS  EVALUATION 

Convergence  from  Initial  Attitude  Error 

The  first  algorithm  evaluated  produced  rather  poor  gyro  drift 
estimates  as  the  six-state  Kalman  filter  erroneously  interpreted 
the  two  degree  initial  attitude  errors  as  being  the  result  of 
gyro  drift.  The  difficulty  was  partially  overcome  by  suppressing 
the  gyro  drift  estimates  for  the  first  six  transits.  In  addition 
the  effects  of  using  first  order  approximations  for  trigonometric 
functions  was  overcome  by  use  of  a "computational  recycling"  of 
the  first  six  transits.  This  recycling  required  the  storage  of 
five  transition  matrices. 

The  traces  in  Figure  8 show  that  the  attitude  errors  are  effec- 
tively killed  after  six  transits  using  this  technique.  After 
dual  processing  of  the  first  six  transits,  the  six-state  esti- 
mator was  enabled  and  good  performance  was  achieved  for  both 
attitude  and  drift  rates. 

Fixed  Gain  Kalman  Filter 


The  objective  of  using  a fixed  gain  Kalman  filter  was  to  reduce 
the  in-flight  software  significantly  from  that  required  by  on- 
board calculation  of  gains.  The  small  star  catalog  and  low  per- 
formance sensitivity  to  variations  in  gain  values  with  rates 
make  this  possible.  It  became  obvious,  however,  that  redundancy 
management  of  tlvj  scanner  eliminated  any  software  advantage  in 
the  fixed  gain  approach.  For  proper  redundancy  management  a 
different  set  of  gains  would  have  to  be  stored  for  all  combina- 
tions of  missing  star  transits  in  the  16-star  transit  profile. 

An  on-board  Kalman  filter  is  therefore  recommended  for  opera- 
tional use. 


CONCLUSIONS 


The  demonstration  realistically  showed  the  technical  feasibility 
of  stellar  update  in  upper  stage  boosters.  Technical  goals  were 
met  in  all  tests.  Observation  of  the  test  results  indicate  that 
mission  performance  would  be  adequate  without  the  gyro  calibra- 
tion portion  of  the  update,  and  that  accuracy  could  be  improved 
by  the  use  of  a better  gyro,  repeated  star  scans,  or  lor^er  up- 
date timelines. 
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During  the  first  190  seconds  used  to  scan  stars  1 and  2 and  kill 
attitude,  the  IMU  gyros  are,  in  fact,  drifting.  This  drift, 
ignored  by  the  mechanization,  does  decrease  the  accuracy  of  the 
attitude  update  after  the  first  six  transits.  If  a better  gyro 
drift  were  present,  the  attitude  accuracy  would  increase  as  shown 
by  test  2 in  Table  5 where  lower  drift  values  were  present 
initially . 

Repeated  star  scans  would  also  increase  accuracy.  This  was  veri- 
fied in  test  bed  by  results  within  measurement  accuracies  when 
using  good  initial  attitude  and  drifts  such  as  would  be  present 
after  a completed  profile.  The  results  are  not  shown  as  they 
only  illustrate  that  a good  system  remains  good. 

The  last  technique  to  improve  accuracy  is  to  use  longer  update 
timelines.  This  can  be  done  in  two  ways.  The  first  is  to  recog- 
nize that  updates  could  be  done  every  hour  or  so  during  the  coast 
to  synchronous  altitude.  The  Kalman  filter  could  easily  discern 
the  greatly  increased  propagation  of  gyro  drift  into  attitude. 
Drift  calibrations  of  less  than  0.005  degree/hour  could  be  done 
with  one  hour  wait  periods.  The  second  alternative  is  simply  to 
increase  the  wait  periods  in  the  present  profile  to  give  drift 
propagation  greater  weight.  While  these  improvements  are  inter- 
esting, they  would  not  effect  the  overall  upper  stage  accuracy 
shown  in  Table  1 unless  other  error  sources  were  also  reduced. 

The  demonstrated  accuracies  are  already  sufficient  to  satisfy 
known  requirements. 

From  an  operational  viewpoint,  stellar  update  makes  the  IMU 
attitude  performance  independent  of  mission  duration.  This 
allows  long,  multiple  payload  deployment  missions  with  several 
phasing  orbits  and  the  successful  completion  of  missions  in  which 
reconfiguration  of  the  system  due  to  a failure  has  extended 
mission  times  well  beyond  the  capability  of  pure  inertial  guid- 
ance systems. 


APPENDIX 


A full  explanation  of  the  Kalman  filter  processing  has  been  given 
in  references  2,  3 and  4.  It  is  summarized  in  Table  7.  This 
filter  is  the  result  of  SAMSO-sponsored  programs  on  the  Space 
Precision  Attitude  Reference  System  (SPARS)  and  the  Defense  Mete- 
orological Satellite  Program  (DMSP) . The  intent  here  is  to  give 
the  reader  an  intuitive  understanding  of  the  process. 

A functional  view  of  the  star  scanner  used  in  this  demonstration 
is  shown  in  Figure  9.  A transit  pulse  is  produced  when  the  image 
of  a star  moves  across  a detecting  slit.  The  basic  sensor  mea- 
surement is  the  time  when  the  star  transit  occurs.  This  transit 
time  provides  measurement  of  vehicle  attitude  independent  of  IMU 
data . 

The  measured  transit  time  is  a scalar  function  of  the  vehicle 
attitude.  The  dot  product  between  the  normal  vector  that  defines 
the  plane  containing  the  detecting  slit,  N,  and  the  LOS  vector  to 
star  image  S,  is  the  attitude  error  measure. 

y = N • S (1) 

Geometrically,  the  dot  product  is  the  angular  miss  distance  be- 
tween the  vector  S and  the  plane  of  N,  as  depicted  in  Figure  9. 

At  the  time  of  star  transit  tt,  the  ideal  geometrical  condition 
requires: 

y = N • S = 0 (2) 

At  this  time  the  on-board  algorithm  evaluates  the  dot  product 
corresponding  to  the  target  star  and  slit  transited  using  the 
equation 

y = <NB)T  Tbi 


where 

3 

(H  ) = body  frame  coordinates  of  N 

(S1)  = inertial-frame  coordinates  of  the  LOS  to  star,  S 

T0I|  = body  attitude  matrix  at  time  of  transit,  TBI  is  the 
ltfc  I to  B transformation  matrix 


(S1) 


(3) 
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FIGURE  9.  DOT  PRODUCT  GEOMETRY 


FIGURE  10.  STELLAR  UPDATE  PROCESSING 


The  basic  measurement,  y,  is  shown  schematically  in  Figure  10. 
From  the  first  star  transit  measurement  and  the  geometry,  the 
error  can  be  resolved  into  yaw  and  roll  components.  This  reduces 
the  net  error  normal  to  slit  1 to  the  accuracy  of  the  measurement 
However,  there  is  no  information  as  to  the  error  along  the  slit. 
Thus,  the  remaining  uncertainty  is  illustrated  by  a long  narrow 
ellipse  along  the  slit. 

At  the  second  star  transit,  the  measurement  y is  almost  solely 
due  to  roll  error.  We  can  see  this  on  Figure  10.  The  Kalman 
filter  knows  this  sensitivity  through  the  covariance  propagation 
and  geometry  matrix.  It  therefore  applies  most  of  the  error  to 
correcting  roll.  The  effect  is  to  reduce  net  error  to  the 
smaller  area  shown  under  slit  2 in  Figure  10. 

At  the  third  star  transit,  the  Kalman  filter  applies  most  of  the 
correction  to  yaw,  as  it  remembers  it  has  killed  the  roll  error 
at  transit  2.  The  effect  is  to  further  reduce  the  error  elipse 
as  shown  under  slit  3 in  Figure  10. 

The  process  just  described  can  also  be  seen  in  Figure  8.  The 
roll  and  yaw  errors  are  small  after  the  transits  on  star  one. 

The  pitch  error  remains  large  and  would  be  out  of  the  paper  if 
illustrated  in  Figure  10. 

To  eliminate  pitch  error,  the  vehicle  must  be  rotated.  This 
transfers  pitch  error  into  the  yaw  axis  where  it  can  be  observed 
through  scanner  measurements.  The  transfer  of  pitch  error  to  yaw 
can  be  seen  in  Figure  8 during  the  maneuver  from  star  1 to  star  2 
Continued  measurements  and  processing  serve  to  further  reduce  the 
attitude  errors,  and  through  covariance  matrix  coupling,  the  gyro 
drift  errors. 

It  is  hoped  that  this  brief  explanation  will  give  the  reader  an 
intuitive  feeling  of  the  update  processing  employed  in  this 
demonstration.  More  depth  is  provided  by  the  previously  cited 
references . 
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Abst  rac t 


The  cannon  launched  guided  projectile  is 
launched  t rrnn  a ISSim  howitzer  and  in  its  terminal 
phase  is  guided  by  tracking  reflected  energy  from  a 
target  illuminated  by  a remote  laser  designator. 
Efforts  to  validate  the  cannon  launched  guided  pro- 
jectile guidance  and  control  system  included  tests 
of  projectile  aerodynamics , aircraft  captive  flights 
and  air  drop  tests  to  exercise  seeker  acquisition 
character isr ics , g-hardened  survivability  and  soft 
recovery  tests,  laboratory  emulated  flights  by  means 
of  hardware- in- the- loop  simulations,  and  full-up  gun 
launched  flights.  The  predictions  of  the  hardware- 
in-  the-  loop  simulation  .and  other  US  Army  Missile 
Research  and  Development  Command  generated  data  are 
compared  to  the  results  of  the  flight  test  program. 

1.  Introduction 

The  Army's  Cannon  Launched  Guided  Projectile 
(CLGP)  is  a relatively  new  concept  in  accurate 
munitions  delivery.  The  CLGP,  currently  in  engi- 
neering development,  is  designed  around  a shell 
which  is  fired  from  an  M109A1  ISSmm  howitzer  at 
targets  within  the  range  of  U to  16  km.  The  CLGP 
guidance  and  control  (G&C)  scheme  mechanizes  a pro- 
portional navigation  and  guidance  law  using  a laser 
detector  mounted  on  a free  gyro  in  the  nose  of  the 
projectile.  A rear  section  houses  the  control 
actuation  system  and  stabilizing  tins.  Figure  1 
shows  its  primary  features. 


rOMNAHD  COWTROl  Fl* 


Figure  1.  Features  of  Advanced  Development 
Phase  CLGP,  Martin  Marietta 
Design 

As  part  of  an  advanced  development  (AD)  pro- 
gram, an  evaluation  effort  was  initiated  at  the  US 
Array  Missile  Research  and  Development  Command 
(MIRADCOM)  and  directed  toward  identification  of 
potential  problem  areas  within  the  mechanizat ion  of 
this  concept  to  delineate  approaches  to  their  solu- 
tion. The  effort  was  Initially  implemented  by 
development  of  a full  alx-degree-of- freedom  digital 
simulation  to  focus  on  the  effects  upon  performance 
of  variations  in  autopilot  design  during  the  evolu- 
tion of  the  projectile's  configuration.^  Further 
simulation  work  was  related  to  the  choice  of  a G&C 
system  and  autopilot  mechanization.  As  test  results 
from  initial  design  components  became  available, 


they  were  factored  into  the  s ix-degree-ot - t r« cdom 
simulation  to  enhance  the  overall  model  and  to 

determine  the  impact  on  system  per  1 ormance . * ' < un- 

tinuing  efforts  to  further  validate  the  GW  system 
were  directed  to  a time*  tram**  immediately  after  all 
design  freezes  were  made  and  prior  to  initial  flight 
tests  of  the  weapon.  A real-time  hybrid  computer 
simulation  with  hardware- in- the- loop  (HWIL)  was  the 
method  chosen  to  accomplish  this  important 

mi  lestone . ^ 

To  place  the  CLGP  AD  program  into  perspective 
and  for  completeness,  the  testing  which  has  been 
designed  and  accomplished  to  verity  the  CLGP  will 
be  described.  Thus , Section  11  will  briefly  sum- 
marize the  overall  test  program.  The  remainder  of 
the  paper  will  be  oriented  to  emphasize  the  main 
objectives,  i.e.,  to  sunvnarize  the  various  test 
methods,  and  to  compare  the  results  of  these  testing 
methods  with  the  predictions  of  s ix-degree- of  - 
freedom  simulations,  results  of  aircraft  drop  tests, 
and  actual  cannon  firings. 

11.  CLGP  AD  Program  Summary 

The  purpose  of  the  AD  program  was  to  prove  that 
the  CLGP  could  be  used  to  increase  the  effectiveness 
of  standard  artillery  against  point  targets.  The 
problems  in  providing  this  proof  wen  many  and 
severe.  The  CLGP  system  ./l  th  its  precise  and  sensi- 
tive e lectroopt leal  components  had  to  be  designed  to 
withstand  the  same  high-g  firing  environment  as  a 
standard  artillery  round.  The  system,  with  no 
information  provided  to  the  round  other  than  that 
sensed  by  the  seeker,  had  to  acquire  and  guide 
itself  to  a designated  target  with  extreme  accuracy. 
Moreover,  the  system  had  to  be  compatible  with  the 
practical  world  of  artillery.  It  could  not  be  simply 
a delicate  laboratory  device.  Ultimately,  the  sys- 
tem must  be  producible  in  large  quantities  at 
reasonable  prices. 

AD  was  a two-phase  program  in  which  a period 
of  18  months  was  allotted  to  component /subsys tem 
development  and  19  months  to  prototype  projectile 
demonstration.  Phase  I was  concerned  primarily 
with  development  and  implementation  of  the  design, 
inspection,  and  test  methods  needed  to  harden  pre- 
viously proven  guidance,  control,  and  telemetry 
components  and  subsystems  to  9000  g and  all-up  pro- 
jectiles to  7200  g.  Phase  11  was  dedicated  to 
proving  the  CLGP  concept  through  flight  test  eval- 
uations. The. emphasis  on  performance  and  hardening, 
combined  with  the  extensive  test  program,  had  to 
produce  a practical  projectile  that  would  meet  or 
exceed  all  AD  performance  requirements. 

For  these  reasons,  the  Army  initiated  the  CLGP 
AD  program  In  February  1972  with  the  award  of  two 
contracts,  one  to  Martin  Marietta  and  one  to  Texas 
Instruments.  The  two-contractor  concept  was  chosen 
to  provide  a competitive  atmosphere  between  the 
contractors  within  the  realm  ol  the  dl fferlng  design 
philosophies  each  was  advocating.  The  resulting 
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effort  by  both  culminated  in  the  award  of  an  engi- 
neering development  phase  contract  to  Martin 
Marietta  in  July  1975.  For  this  reason,  the 
remainder  of  this  paper  will  highlight  the  AD  phase 
activities  as  they  related  to  the  Martin  Marietta 
approach.  As  will  be  seen  in  the  sequel,  both 

(4) 

failures  and  successes  will  ho  presented. 

111.  AD  Phase  1 Component  Development 

The  design  and  development  objectives  of  the 
Phase  I AD  program  (Figure  21  were  to  relate  cannon 
launch  environments  to  tangible  design  and  labora- 
tory test  criteria,  and  to  prevent  the  recurrence 
of  problems  and  failures.  The  objectives  were  met 
through  a series  of  developmental  iterations 
involving  design,  laboratory  test,  and  canister  and 
projectile  firings.  Stressing  these  objectives. 
Phase  1 evolution  of  the  CHIP  AD  design  progressed 
through  a sequence  of  component  and  subsystem 
development  and  testing.  This  enabled  application 
of  proven  guidance,  control,  telemetry,  and  aero- 
dynamic technology  to  a fully-hardened,  laser- 
guided  projectile  early  enough  to  impact  design  of 
the  first  Phase  II  CLT.P  round. 

Component  Canister  Tests 

A canister  test  program  to  evaluate  the  capa- 
bility of  selected  CLf.P  components  to  survive  the 
cannon  launch  environment  was  initiated  early  in 
AD.  Seven  canisters  were  fired  from  cannons 
located  at  Barbados  and  MIRADCOM.  The  tests  con- 
sisted o»  firing  water- f lotat ion  and  parachute- 
recovery  canisters  from  155  im  and  8- in.  cannons  at 
accelerations  up  to  12,500  g;  recovering  the  con- 
tents; and  performing  post-firing  inspections, 
performance  tests,  and  detailed  analyses.  Although 
two  of  the  water- t lotation  canisters  were  lost,  the 
remaining  payloads  uncovered  structural  problems  on 
hybrids,  integrated  circuits,  relays,  detectors, 
roll  gyro,  and  wire  routing  and  splicing  techniques. 
Components  were  redesigned  and  techniques  were 
changed  as  required.  Retesting  verified  the  integ- 
rity of  the  fixes.  These  early  component  hardening 
tests  preceded  the  subsystem  level  of  development. 


Subsystem  Canister  Tests 

An  extensive  canister  test  program  tor  rugged- 
ized  suDsys terns  was  conducted  I rom  February  1973 
through  February  1974.  Three  rugged i zed  guidance, 
control,  and  telemetry  subsystems  were  f »Sricated 
for  8- in.  canister  tiring  (8,000  to  12,000  g)  at 
MIRAD(0M  and  returned  tor  test  and  analysis. 

Figure  3 shows  a typical  mission  profile  oi  the 
MIRADCOM  launch.  The  data  fr<*m  these  firings 
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Figure  3.  Typical  Mission  Profile  for  the  MIRADCOM 
Soft  Recovery  System  Canister  Tests 
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Figure  2.  Objectives  ol  Phase  I AD  Program 


resulted  in  a number  of  design  changes  which 
Included  Improved  hybrid  fabrication  techniques, 
wire  bonding  and  routing  changes,  gyro  spring 
starter  shinning.  Improved  detector  assembly  to 
primary  lens  bonding,  and  control  actuator  flange 
design  strengthening.  The  canister  data  also 
increased  the  in-plant  component  screening  level 
on  the  centrifuge,  and  Introduced  a pull  test  on 
the  hybrid  ball  bonds  during  fabrication. 

Wind  Tunnel  Tests 

The  lnltlel  aerodynamic  evaluation  of  CLGP 
which  began  in  May  1972,  was  conducted  in  the  LTV 
high  speed  wind  tunnel  and  in  the  Arnold  Engineer- 
ing Development  Center  (AEDC)  propulsion  wind 
tunnel.  Test  conditions  extended  over  a Mach  range 
of  1.4,  an  angle-of-attack  range  of  28°,  and  a free 
stream  Reynolds  number  of  3.9  million/ft.  The  data 
accumulated  midway  through  these  tests  resulted  in 
a modification  to  the  seeker  dome  (strakes)  and  the 
control  fins.  The  final  AEDC  test  emphasized  that 
the  aerodynamic  stability  and  control  of  the  modi- 
fied conf lguratlon  was  satisfactory  over  the  desir- 
ed dynamic  range. 

Obturator  Decoupling  Tests  (Slug  Tests) 

Obturstor  decoupling  tests  vcie  conducted  at 
Ballistic  Research  Laboratories  (BRL) , Aberdeen, 
Maryland  in  November  and  December  1972.  Ten  test 
slugs,  weighing  approximately  150  lb  each  and  simu- 
lating the  ruggedlzed  CLGP  roll  Inertia,  were  test 
fired  from  a 155  ran  tube.  The  tests  were  to  verify 
the  obturator  design  and  evaluate  several  candidate 
materials  and  slug  finishes  which  would  withstand 
the  CLGP  operational  temperature  environment.  After 
the  third  test,  the  retaining  ring  was  redesigned 
and  its  material  changed  from  1020  untreated  steel 
of  60,000  to  90,000  pal  ultimate  strength  to  heat- 
treated  steel.  After  the  fourth  firing,  the  XM119 
change  weight  for  maximum  pressure  was  Increased 
by  adding  more  M6  propellant.  The  net  effect  of 
these  changes  and  test  analyses  caused  the  elimi- 
nation of  nylon  as  an  obturator  material  and  Teflon 
as  a slug  finish.  The  remaining  tests  demonstrated 
that  a polypropylene  obturator  material  riding  on 
a properly  lubricated  bare  steel  surface  would 
produce  acceptable  muzzle  exit  roll  rates.  This 
was  the  breakthrough  required  to  begin  ballistic 
evaluation  of  the  CLGP  design  in  the  cannon  environ- 
ment . 

Dummy  Rounds 

Two  of  the  first  CLGP  duniny  rounds  with  tall 
fins,  obturator,  and  dome  were  fired  at  BRL  in  late 
December  1972.  The  first  round  was  fired  at  maxi- 
mum charge;  Fastax  camera  data  showed  no  aerodynamic 
instability.  With  stability  asaured,  the  second 
round  was  fired  at  maximum  charge  down  the  transonic 
spark  tunnel  which  provided  detailed  instrumented 
coverage  of  the  first  700  ft  of  travel.  Post-firing 
analysis  of  the  flow  characteristics,  supersonic 
blowby,  aerodynamic  drag,  stability,  structural 
integrity,  and  fin  monitoring  gave  confidence  that 
the  CLGP  ballistic  characteristics  were  acceptable 
for  flight. 


Aerodynamic  Rounds  (Ballistic  and  Structural) 

Two  aerodynamic  CLGP  rounds  with  dome,  pop- out 
fins,  obturator,  and  designed  mass  and  balance  pro- 
perties were  fired  from  the  M109A1  at  White  Sands 
In  December  1972.  These  tests  verified  minimum  and 
maximum  ballistic  range  capability  of  the  CLGP 
design;  no  major  problems  were  sncountered.  The 
obturator  caste  off  the  second  round  at  muzzle  exit 
as  anticipated.  Post-flight  data  analysis  verified 
thAi  projectile  motion  for  both  rounds  was  smooth 
and  stable;  dispersions  were  very  low. 

Captive  Flight 

Helicopter  captive  flight  tests  were  success- 
fully flown  with  CLGP  Initial  Design  (ID-1)  at 
M1RADC0H  in  February  1973.  ID- 1 was  the  first  all- 
up  operational  round.  The  purpose  of  the  tests  was 
to  verify  acquisition  and  tracking  of  a laser- 
designated  tank  target.  A total  of  seven  range 
closures  and  ten  acquisition  passes  were  made  with 
various  laser  output  energies.  Acquisition  was 
accomplished  on  all  of  the  passes. 

Air  Drop  Tests 

The  CLGP  program  required  that  two  projectiles, 
ID-1  and  ID- 2,  be  air  dropped  from  an  aircraft  to 
demonstrate  guidance  capability  during  Phase  I.  An 
F- 100F  aircraft  was  provided  by  the  US  Air  Force, 
Kirtiand  Air  Force  Base,  Albuquerque,  New  Mexico  to 
perform  the  drop  mission.  An  aircraft  safety  certi- 
fication program,  involving  ground  and  airborne 
ejection  of  five  dummy  CLGP,  was  performed  from  July 
through  December  1972,  prior  to  the  dummy  air  drop 
program.  The  ID-1  mission  required  target  acquisi- 
tion before  the  projectile  was  ejected  from  the  air- 
craft and  then  guidance  to  a ground-designated  tank 
target  following  separation.  The  ID-2  mission 
required  acquisition  after  release  from  the  air- 
craft. The  two  missions  are  displayed  in  Figure  4. 


Figure  4.  CUSP  Air  Drop  Trajectories  lor  Guidance 
System  Validation 

Both  projectiles  were  air  dropped  In  May  1973; 
neither  was  successful.  The  ID- l failure  was  attri- 
buted to  false  target  acquisition  prior  to  separa- 
tion which  resulted  In  the  seeker  gyro  hitting  the 
gimbal  stops  after  ejection,  causing  the  projectile 
to  tumble.  ID-2  separated  safely  and  flew  balllsti- 
cally  for  the  perscribed  14  sec.  However  a series 
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of  faults  Including  shorted  battery  insulation  were 
uncovered.  These  were  subsequently  corrected 
though  they  Impacted  fuzing  procedures  to  a limited 
extent . 

Ph.W  1 Projectile 

Martin  Marietta  chose  to  fire  their  third  CLGP 
programed  initially  tor  air  drop  tests.  It  did 
not  impact  within  the  desired  CFP  due  to  sequencer 
problems  and  poor  roll  control.  However,  it  did 
show  by  means  of  telemetry,  post  flight  recovery, 
and  analysis  of  the  round  that  the  launch  shock  was 
survivable  and  major  portions  of  the  G 6C  unit  were 
operable . 

In  summary,  Phase  I proved  that  the  components 
for  the  G64'  system  could  be  fabricated  to  meet  the 
harsh  environment  of  a hlgh-g  gun  launch.  Table  1 
susmtarizes  the  problems  and  actions  which  were 
successful  in  correcting  them. 


Table  1.  Suonary  of  Phase  I AD 


Element 

Problem 

Action 

Hybrids 

Bond  and  substrate  failures 

Pull  all  bond  and  support  substrates 

Ac  tuator 

Structure  (flange)  failure  at  9000  g 

Redesigned  for  12,500  g 

Harness 

Broken  wires  in  aerodynamic  flight 
tests 

Eliminated  heat  shrinkable  tubing 
and  supported  wire  bundle  every  6 in. 

ARC 

Bond  Joint  released 

Positive  mechanical  reinforcement 
incorporated 

Roll  stability 

Lost  roll  control 

Simulated  failure  after  thorough 
review  of  aerodynamic  data  and  modi- 
fied autopilot  with  fix  to  control 
roll  loop  gain 

Aft  retainer  ring 

Ring  jumped  thread 

Increased  strength 

Seeker  gyro 

Squib  wire  shorted  against  gotcha 
teeth 

Increased  squib  wire  to  gotcha  teeth 
c learance 

Battery 

11  V supply  shorted  to  - 30  V buss 

Added  fusible  resistor  between  11  V 
supply  and  - 30  V battery  initiator 
squib 

Obturator 

Inadequate  roll  decoupling 

4 

Changed  material  to  polypropylene 

performance  envelope  and  evaluate  user  reaction  and 
adaptability  to  guided  projectile  technology.  The 
main  thrust  of  performance  demonstration  testing 
was  to  assess  the  ability  of  the  laser  guided  pro* 
jectlle  to  acquire  and  guide  Itself  to  a designated 
target  with  extreme  accuracy  using  standard  han- 
dling, loading,  targeting,  and  gunlaying  procedures 
for  ungulded  ordnance.  The  only  special  procedures 
were  limited  guidance  and  control  and  telemetry  con- 
fidence checks  based  on  the  White  Sands  Missile 
Range  Acceptance  Test  Plan  to  assure  round  opera- 
bility prior  to  delivery  to  the  gun  crew  for  cannon 
launch. 

Before  shipment,  each  test  round  had  to  com- 
plete successfully  the  sequence  of  conf idence  tests . 
The  MIRADCOM  HWIL  guidance  simulation  provided  a 
firm  data  base  for  performance  verification  and 
anomaly  and  failure  investigations.  This  simulation 
included  flight  dynamics,  trajectory  characteristics, 


IV.  AD  Phase  II  Prototype  Demonstration 

The  Army  cited  three  primary  objectives  for 
the  AD  test  phase: 

a)  To  demonstrate  CLGP  feasibility  under 
quasl-operat lonal  conditions. 

b)  To  obtain  accuracy  and  other  qualitative 
and  quantitative  data  which  would  assist  in  select- 
ing an  engineering  development  contractor. 

c)  To  identify  components  and/or  subsystems 
requiring  improvement  in  the  engineering  develop- 
ment program. 

These  test  objectives  were  expanded  into  a 
comprehensive  operational  suitability  and  perform- 
ance demonstration  plan.  The  main  thrust  of  opera- 
tional suitability  testing  was  to  sample  the 


and  terminal  accuracy  predictions  for  each  launch. 
Figure  5 shows  an  overview  of  the  HWIL  simulation 
characteristics.  The  close  correlation  of  simula- 
tion predicted  Impact  accuracy  and  flight  test 
results  are  shown  in  Table  2. 

Ten  Martin  Marietta  CLGP  were  tested  at  White 
Sands  Missile  Range  during  the  competitive  Phase  II 
fly-off  program,  which  began  on  28  March  1974  and 
was  successfully  completed  on  3 April  197S.  Six  of 
the  ten  CLCP  rounds  fired  not  only  survived  the 
severe  cannon  launch  environment,  but  achieved 
direct  hits  on  tanks  operating  over  a full  array  of 
target  scenarios.  The  target  locations  were  as 
close  as  4 km,  demonstrating  short  range  capability, 
and  as  far  as  lb  km,  exercising  the  aerodynamic  and 
component  performance  envelope  of  the  AD  CLGP  design. 
The  virtual  immunity  of  armor  to  indirect  artillery 
fire  ended  when  CLGP  accurately  hit  tanks  moving  at 
10  and  20  mph.  All  operational  objectives  required 
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Figure  5.  Block  Diagram  of  Che  Simulation 
Facility  and  Information  Flow 


Table  2.  Comparison  between  HWIL  simulation 
prediction  and  flight  test 


CLGP 

No. 

Simulation 

Runs 

HWIL 

Prediction* 

(ft) 

Flight  Test 
Results 

4 

167 

2.85 

Direct  hit 

5 

130 

4.90 

Direct  hit 

7 

155 

6.25 

Direct  hit 

8 

106 

4.60 

Direct  hit 

9 

28 

3.00 

Direct  hit 

10 

366 

5.70 

Direct  hit 

Total  simulation  runs  (CLGP  1 through  10):  1165. 
*Mean  miss  distance:  8.75  ft. 

*Standard  deviation  of  miss  distance:  7.15  ft. 

*Note:  Values  are  normalised  by  CEP. 


by  the  Army's  proposed  test  program  were  satisfied 
at  least  once  during  the  six  successful  firings. 
Table  3 summarizes  the  results. 

V.  Operational  Proof  of  Principle  Flights 

Two  outstanding  successes  were  achieved  with 
the  CLGP  using  laser  designation  data  provided  by  a 
remotely  piloted  vehicle  (RPV)  and  an  airborne 
target  acquisition  and  fire  control  system  (AT AFCS) . 
The  basic  objectives  of  the  demonstrations  were: 

a)  To  prove  that  friendly  peraonnel  need  not 
be  exposed  to  hostile  fire  during  a target 
engagement • 

b)  To  prove  RPV  and  hellborne  laaer  designa- 
tors can  illuminate  targets  sufficiently  for  engage- 
ment by  CLGP. 

c)  To  prove  that  CLGP  is  compatible  with  the 
two  remote  designators  and  can  achieve  accuracy 
comparable  to  that  derived  from  ground  designators 
at  night  as  well  as  by  day. 


On  3 October  1975,  an  Aeronutronic-Ford  Prairie 
IIA  miniature  RPV  made  a series  of  preliminary 
passes  at  a stationary  tank  target  positioned  at 
White  Sands  Missile  Range  8 km  from  an  Army  self- 
propelled  M109A/1  howitzer.  After  a series  of  check 
runs,  the  Prairie  acquired  the  tank  through  its  TV 
camera  and  data  linked  the  image  to  the  ground  sta- 
tion operator.  The  operator  designated  the  target 
with  a laser  spot  while  the  CLGP  was  on  its  downward 
terminal  glide.  The  CLGP  scored  a direct  hit  on  top 
of  the  tank  turret. 

The  ATAFCS  is  a complete,  self-contained  system 
capable  of  tracking  and  designating  tank-size  tar- 
gets under  both  day  and  night  conditions.  The  sys- 
tem is  configured  in  a turret  arrangement  for  mount- 
ing on  the  nose  of  the  AH- IG  (Cobra)  helicopter. 

The  design  is  also  adaptable  to  a pod  arrangement 
for  carriage  on  the  outboard  stores  rack.  ATAFCS 
contains  a laser,  laser  rangefinder,  optical  system, 
sightline  stabilization  unit,  TV  camera,  forward 
looking  Infrared  (FLIR)  system,  autotracker,  laser 
spot  detector,  and  the  associated  controls , displays , 
and  electronics  for  system  operation. 

On  26  February  1976,  at  2203  MST,  CLGP  was 
launched  against  a tank  moving  perpendicular  to  the 
projectile  flight  path  at  a range  exceeding  7000  m. 
The  ATAFCS  system  was  In  a hover  mode  at  a range  of 
3000  m from  the  target  and  to  the  left  of  the  CLGP 
flight  path.  ATAFCS  used  its  on-board  FLIR  to 
acquire  and  "autotrack"  the  target  as  it  moved  away 
from  ATAFCS  while  a laser  boresighted  with  the 
FLIR-provlded  designation.  Approximately  30  sec 
after  launch,  CLGP  achieved  a direct  hit  on  the 
tank  and  ultimately  lodged  in  the  tank's  engine 
compartment  under  the  rear  of  the  turret.  The  tank 
was  disabled  by  the  impact  and  subsequently  stopped 
and  caught  fire. 

VI.  Technology  Achievement  Summary 

TTie  primary  thrust  of  the  AD  CLGP  design  work 
was  to  apply  scientific  and  technical  ingenuity  to 
overcome  volume,  weight,  and  envi  ronment  cons  tra  lnts  . 
As  a result,  significant  advances  were  made  in 
materials  research,  hybrid  technology,  high- 
acceleration  components  and  structures,  and  gun 
barrel  dynamics.  To  make  the  CLGP  AD  design  suc- 
cessful, design  solutions  had  to  be  found  for  many 
challenging  problems.  Techniques  had  to  be  devel- 
oped to  allow  gyros,  hybrids,  and  wire  bundles  to 
survive  the  high-acceleration  firing  environment. 

An  obturator  had  to  be  designed  to  prevent  blowby 
while  successfully  decoupling  the  projectile  from 
the  high  roll  rate  imparted  by  the  rifling  of  the 
gun.  A method  had  to  be  devised  to  keep  the  fins 
retracted  until  the  projectile  left  the  gun  and  then 
to  deploy  them  rapidly  and  positively  to  ensure 
aerodynamic  stability.  The  validity  of  the  design 
solutions  shown  in  Table  4 were  proven  by  Phase  I 
canister  test  firings  and  verified  by  the  Phase  II 
flights. 

VI 1.  Conclusions 

In  sunnary,  the  CLGP  AD  program  met  all  required 
objectives.  The  program  demonstrated  that: 

a)  CLGP  can  engage  targets  equally  well  under 
nighttime  or  daylight  conditions. 


Table  3. 


Summary  of  Phase  II  flight  teats 


Acceleration 

Level 

<g) 

Target 

Range 

(km) 

Target 

Speed 

(mph) 

Direction  of 
Target  Motion 
Relating  to 
Line  of  Sight 

Designator 

Range 

(km) 

Target 

Types 

Ballistic 

Almpolnt 

Offset 

(m) 

Round 

1500 

3000 

7100 

4 

8 

12 

lb 

0 

10 

20 

Across 

Towards 

1.5 

3.2 

Panel 

Tank 

0 

250 

2000 

MGP- 1 * 

• 

• 

• 

• 

t 

• 

MGP-2* 

• 

• 

• 

• 

• 

• 

MG?-  3* 

• 

t 

• 

• 

• 

MCP-4 

t 

• 

t 

• 

• 

• 

MGP- 5 

• 

• 

• 

• 

• 

• 

MCP-6* 

• 

• 

• 

• 

• 

• 

MGP- 7 

• 

• 

• 

• 

• 

t 

MCP-8 

• 

• 

• 

• 

• 

t 

MGP-  9 

• 

• 

• 

• 

• 

• 

• 

MGP- 10 

• 

• 

• 

• 

• 

• 

♦Note:  These  systems  d.J  not  achieve  planned  objectives. 


Table  4.  Technology  achievements 


Problem 

Achievement 

Gyro  survival  in  gun  firing 
environownt 

Designed  and  tested  a gotcha  that  cradles  the  gyro  during  the  f i r ing 
acceleration  transient,  and  later  retracts  and  latches  in  milli- 
seconds allowing  the  gyro  freedom  to  spin  up  and  operate.  Load 
transfer  bearings  were  also  added  to  aid  gyro  survival 

Roll  decoupling 

Designed  and  tested  an  obturator  which  yielded  a projectile  muzzle 
exit  roll  rate  less  than  20  rps 

Pin  deployment 

Designed  and  proved  a technique  for  successful  fin  dep loyment  a 1 ter 
exit  fin  muzzle  brake  without  scoring  the  gun  barrel 

Hybrid  substrates 

Developed  processes  to  fabricate  and  screen  candidates  for  cannon 
environment 

Detector  seal 

Developed  technique  to  seal  detector  to  base  hermetically  to  pro- 
vide long  storage  life 

Wire  survival  of  gun  fire 
environment 

Developed  techniques  to  route  and  bundle  wires  to  survive  high 
acceleration  firing  environment 

Klgh-strength  structural 
design 

Developed  analytical  models  and  fabrication  processes  that 
resulted  in  cannon  firing  reliability  beyond  expectation 

Deliberate  fin- Induced  roll 
during  ballistic  flight 

Alleviates  (in  fabrication  and  tolerance  problems  and  reduces 
ballistic  dispersions 

b)  A helicopter  designation  system  such  as 
ATAFCS  or  an  RPV  can  acquire  and  track  moving  tar- 
gets sufficiently  for  accurate  engagement  by  CLGP. 

c)  The  CLGP  was  a reliable  and  accurate  con- 
cept as  evidenced  by  a success  record  in  which  eight 
of  the  last  nine  rounds  achieved  direct  hits  on  tar- 
gets under  a broad  spectrum  of  conditions. 


As  stated  on  more  than  one  occasion,  the  CLGP  may 
be  the  most  significant  weapon  to  enter  the  mili- 
tary arsenal  in  the  past  two  hundred  years. 
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ABSTRACT 


A technique  to  be  used  to  detect  the  presence  of 
inertial  guidance  system  instrument  instabilities, 
from  fl.'ght  test  data,  is  described  in  this  paper. 
The  technique  is  applied  to  the  processing  of 
Minuteman  III  telemetry  and  radar  data  resulting 
from  the  FLY-2  flight  test  program.  Included  in 
this  paper  are  an  introduction  to  the  coefficient 
shift  detection  methodology,  an  assessment  of 
projected  detection  algorithm  performance,  and 
an  overview  of  the  post  flight  analysis  soft- 
ware being  developed  using  a detailed  system  level 
simulation  of  the  Minuteman  III  guidance  system, 
the  Western  Test  Range  radars,  and  the  FLY-2 
measurement  generation  process. 


INTRODUCTION 


The  question  as  to  whether  there  are  shifts  and/or 
ramps  in  certain  Minuteman  III  guidance  system  instrument 
error  coefficients,  during  missile  powered  flight,  has  been 
of  concern  for  a number  of  years.  The  instabilities,  that 
may  be  caused  by  thermal  effects,  vehicle  vibration,  staging 
transients,  etc.,  have  heretofore  not  been  identifiable 
during  post-flight  data  analysis.  The  Western  Test  Range 
(WTR)  radars  may  not  provide  measurement  data  of  sufficient 
quality  to  support  the  recovery  of  time-varying  guidance 
coefficients.  However,  the  FLY-2  flight  tests,  associated 
with  the  Minuteman  III  Guidance  Improvement  Program,  may 
develop  data  of  sufficient  quality  that  the  instrument  sta- 
bility question  can  be  answered. 

* 

Unique  about  the  FLY-2  concept,  Fig.  1,  is  that 
the  test  missiles  (a  total  of  six  flights  are  currently 
planned)  carry  two  Inertial  Measurement  Units  (IMU's). 

The  primary  IMU  is  the  weapon  systems  NS-20  used  to  generate 
the  navigation  data  from  which  vehicle  guidance  commands  are 
developed.  (Ref.  1 provides  good  background  information 
about  the  Minuteman  III  weapon  system  arrd  its  navigation 
system,  the  NS-20).  In  addition  to  the  primary  IMU,  a second 
navigation  system  (also  an  NS-20)  is  contained  in  a special 
section  (wafer)  of  the  missile  inserted  between  the  primary 
weapon  system  and  the  reentry  vehicles.  The  wafer  also  con- 
tains power  supplies  and  a telemetry  system  to  support  the 
secondary  IMU. 

The  azimuthal  alignment  of  the  platforms  with  res- 
pect to  the  target  are  different  for  the  two  IMU's,  their 
orientation  selected  for  "optimal"  guidance  coefficient 
recovery.  On  the  test  flights  integrated  specific  force 
measurements  (velocity  data)  will  be  collected  from  each 
of  the  IMU's,  time  tagged^,  and  transmitted,  via  the  tele- 
metry unit,  to  the  ground  for  post  flight  analysis.  Radar 
measurement  data  covering  the  uprange , midrange,  and  ter- 
minal phases  of  the  test  flights  will  also  be  available 
for  processing  post  flight.  The  velocity  data  will  be 
differenced  post  flight  and  the  accuracy  of  these  difference 
measurements  will  be  approximately  0.01  fps. 


*The  first  FLY-2  flight  occured  on  12  November  1976. 

■*-Time  tagging  of  the  velocity  data  is  required  to  minimize 
the  impact  of  quantization  on  measurement  accuracy. 


Figure  1 The  FLY-2  Concept 


The  recovery  of  potential  time-varying  guidance  co- 
efficients, from  the  velocity  difference  and  radar  data,  re- 
quires special  analysis  techniques  not  currently  being  em- 
ployed in  the  post-flight  processing  of  test  data.  TASC  has 
developed  such  a technique  based  on  Generalized  Likelihood 
Ratio  (GLR)  test  procedures.  This  approach  extends  the  con- 
ventional GLR  test  procedure  (Ref.  2)  to  allow  for  jump  and/ 
or  ramp  detection  and  identification  in  linear  systems. 
Reference  3 develops  the  new  GLR  test  in  a rigorous  manner. 


The  following  sections  of  this  paper  describe  the 
coefficient  shift  detection  methodology  developed  by  TASC 
for  application  to  the  Minuteman  III  flight  test  problem, 
the  results  of  a number  of  simulation  studies  directed 
towards  assessing  both  detection  and  identification  perfor- 
mance of  the  GLR  test  procedures  in  the  FLY-2  environment, 
and  the  structure  of  the  Post  Flight  Analyzer  being  generated 
by  TASC  to  perform  post  flight  evaluation  studies  using  FLY- 
2 data.  A brief  discussion  of  the  Minuteman  III  error  model 
used  in  these  studies  is  also  presented  herein. 
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COEFFICIENT  SHIFT  DETECTION  METHODOLOGY 


The  GLR  test  procedure  selected  for  the  detection 
and  identification  of  time-varying  guidance  coefficients 
is  a direct  extension  of  techniques  currently  used  in  post- 
flight regression  analysis.  The  dual  NS-20  telemetry  data 
and  radar  range  data  are  used,  post  flight,  as  inputs  to 
a filter  (in  this  case  a Kalman  filter)  as  shown  in  Fig.  2. 
Outputs  from  the  filter  include  estimates  of  the  platform 
alignment  errors  and  guidance  system  instrument  error 
coefficients.  The  filter  also  generates  an  estimate  of  the 
measurement  sequence  using  the  platform  alignment  error 
and  instrument  error  coefficient  estimates.  It  is  well 
known  (Ref.  4)  that  the  sequence  of  measurement  residuals 
(i.e.,  the  difference  between  the  measured  quantities  and 
the  filter's  estimate  of  them)  will  be  a zero  mean  white 
noise  sequence  if  the  filter  models  the  process  correctly. 
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Figure  2 Functional  Block  Diagram  of  the 
GLR  Test  Procedure 


The  current  NS-20  error  model  assumes  that  the 
principal  instrument  errors  are  biases,  over  the  period  of 
powered  flight.  Thus,  if  certain  coefficients  display  sudden 
shifts  or  ramping  characteristics  the  model  is  incorrect 
and  the  measurement  residuals  will  not  be  of  zero  mean. 

It  is  important  to  note  that  the  NS-20  error  model,  in  the 
absence  of  guidance  instrument  coefficient  shifts,  is  assumed 
to  model  the  error  dynamics  to  such  a degree  that  the  filter 
residual  sequence  would  be  both  zero  mean  and  white. 

The  function  of  the  GLR  test  algorithm  is  two-fold. 
The  first  function  is  to  determine  whether  a shift  in  one 
of  the  coefficients  has  taken  place.  This  is  referred  to  in 
the  sequel  as  the  detection  process.  Detection  is  performed 
by  forming  a weighted  sum  of  the  last  M*  measurement  residuals 


♦The  quantity  M is  referred  to  as  the  GLR  detection  window 
length. 
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and  using  this  quantity  as  a test  statistic  in  a binary 
hypothesis  test.  If  the  test  statistic  is  greater  than  a 
specified  threshold,  e,  a shift  is  detected  and  if  it  is 
smaller  than  e no  shift  is  assumed  to  be  present. 

The  second  function  is  the  identification  process. 
The  formulation  of  the  GLR  test  described  in  Ref.  3 results 
in  an  algorithm  that  generates  an  estimate  of  which  state 
shifted,  the  time  of  the  shift,  and  the  shift  magnitude. 
Under  the  assumption  of  no  a priori  knowledge  about  the 
jump  characteristics  the  GLR  estimate  is  "optimal".  It 
is  the  capability  to  estimate  the  jump  characteristics  that 
makes  the  GLR  test  more  attractive  than  other  residual 
based  detection  processes  that  do  not  provide  the  identi- 
fication function  (Ref.  5). 

The  critical  parameters  upon  which  the  GLR  test 
design  is  based  are  the  Probability  of  False  Alarm  (Pf) 
and  the  Probability  of  Detection  (Pf)*  The  Probability  of 
False  Alarm  is  defined  as  the  probability  that  a shift 
will  be  detected  when  no  shift  has  in  fact  occurred.  It  is 
shown  in  Ref.  3 that  the  higher  the  value  of  e selected  the 
lower  the  Probability  of  False  Alarm.  However,  that  is  not 
the  only  trade-off. 

The  Probability  of  Detection,  defined  as  the  pro- 
bability that  a jump,  if  present,  will  be  detected,  is  a 
function  of  both  c and  the  window  length  M as  well  as  the 
magnitude  of  the  jump  itself  (Ref.  3).  As  may  be  seen  by 
reference  to  Fig.  3,  the  longer  the  detection  window  the 
higher  the  Probability  of  Detection  for  a given  false  alarm 
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Figure  3 General  Relationship  Between  P^  and 
Pp  as  a Function  of  M and  c 
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rate.  However,  the  length  of  the  window  is  limited  by  the 
missile  flight  time,  computation  capabilities  of  the  post- 
flight software,  and  the  fact  that  additional  jumps  may 
exist  during  the  flight.  The  design  values  of  e and  M for 
typical  Minuteman  III  FLY-2i,f  1 ights  and  their  associated 
Pp’s  and  Pd  ’ s are  discussed  ill  the  performance  assessment 
portion  of  this  paper. 
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GUIDANCE  SYSTEM  SIMULATION 
V 

Evaluation  of  the  GLR  test  methodology,  the  results 
of  which  are  presented  in  the  following  section,  is  based  on 
a 114-state  model  describing  the  velocity  error  growth  in  the 
dual  NS-20's  and  WTR  radar  range  measurement  errors.  The 
error  states  contained  in  the  model  are  summarized  in  Table  1. 

As  shown,  the  system  errors  include  position,  velocity,  and 
alignment  errors  for  the  Primary  NS-20  IMU.  . System  errors 
for  the  MEW  NS-20  are  not  directly  modeled.  For  convenience 
di f f erent ial , Primary  minus  MEW,  system  position,  velocity, 
and  alignment  errors  are  modeled.  This  approach  is  analyti- 
cally attractive  since  the  key  measurement  variable,  velocity 
difference , appears  directly  as  an  error  state. 

Returning  to  Table  1,  it  is  seen  that  the  system 
errors  also  include  initial  alignment  errors.  These  errors 
are  required  to  account  for  that  portion  of  the  accelerometer 
bias  error  which  becomes  correlated  with  platform  tilt  during 
the  periodic  rebiasing  of  the  accelerometers. 

The  classical  error  sources  included  in  the  baseline 
NS-20  error  model  are  also  listed  in  Table  1.  These  consist 
of  accelerometer,  gyro,  and  Q-matrix*  calibration  errors  for 
both  NS-20  IMU’s.  The  accelerometer  errors  include  uncorrel- 
ated bias,  and  second  order  input  axis  nonlinearities.  The 
gyro  errors  include  bias,  mass  unbalance,  anisoelastic  effects, 
spin  axis  compliance,  and  fourth-order  acceleration  dependent 
drifts.  The  WTR  radar  error  states  include  bias,  scale  factor, 
and  random  errors  in  addition  to  site  survey  errors  and  measure- 
ment noise. 

In  order  to  evaluate  the  GLR  test  methodology  a 
detailed  simulation  program,  consisting  of  three  segments, 
was  developed,  see  Figure  4.  The  first  segment,  is  a standard 


♦The  Q-matrix  in  Minuteman  III  notation  is  a matrix  that  re- 
lates accelerometer  (PIGA)  input  axes  to  platform  axes.  PIGA 
scale  factors  are  also  included  in  the  Q-matrix. 
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error  covariance  program  that  outputs  the  Kalman  filter  state 
transition  and  optimal  gain  matrices  (Ref.  4).  The  second 
segment  computes  the  GLR  test  gain  and  information  matrices 
(Ref.  3).  The  third  segment  is  a monte  carlo  simulation  pro- 
gram. This  segment,  using  initial  condition  and  measure- 
ment noise  values  (selected  from  a pseudo  random  number 
generator),  simulates  the  propagation  of  the  errors  through 
the  system  model.  The  simulation  program  has  the  capability 
of  introducing  jump  and/or  ramp  discontinuties  into  the 
system  states  at  selected  times  during  the  FLY-2  mission. 
Measurements  are  processed  in  accordance  with  the  GLR  algor- 
ithm to  determine  if  these  known  jumps  can  be  detected  and 
identified . 


GLR  PERFORMANCE  ASSESSMENT 

The  projected  performance  of  the  GLR  algorithm  pre- 
sented in  this  paper  is  obtained  by  covariance  analysis.  In 
the  development  of  the  algorithm  an  information  matrix  (in- 
verse error  covariance  matrix)  is  calculated  for  the  GLR  jump 
estimate  at  each  time.  Given  this  matrix  together  with  the 
true  jump  time,  state,  and  magnitude  the  probability  of  de- 
tection, PD,  for  a specified  false  alarm  rate,  Pp,  is  determined 
from  statistical  tables  (Ref.  3).  In  the  following  evaluation 
PF  is  chosen  to  be  0.05  and,  for  each  time  and  state  the  min- 
imum jump  magnitude  that  will  yeild  a specified  probability  of 
detection,  say  0.50  is  calculated.  This  gives  a convenient 
way  to  display  jump  detectability  and  to  assess  algorithm 
performance . 


Initial  calculations  were  made  to  determine  the  op- 
timum window  length,  M,  for  the  GLR  test  procedure.  Figures 
5 and  6 show  the  variation  in  detectability  with  window 
length  for  shifts  in  two  error  coefficients  at  selected  times 
The  graphs  indicate  that  a window  of  length  20  (100  sec)  is 
sufficient  for  most  of  the  FLY-2  analysis,  and  the  remaining 
results  are  based  on  that  choice.  For  some  jump  occurances 
to  be  detectable,  however,  longer  windows  (up  to  length  40) 
will  be  required.  In  general,  shifts  in  gyro  bias  drift  are 
more  detectable  prior  to  burnout  (185  sec)  and  accelerometer 
bias  coefficient  shifts  thereafter. 


Figure  5 Accelerometer  Bias  Jump  Required  for  Po=0.50 
vs  Window  Length 

The  detectability  of  shifts  in  selected  guidance 
coefficients  as  a function  of  time  is  presented  in  Figs.  7, 

8,  and  9.  Only  one  plot  is  shown  for  accelerometer  bias 
since  the  other  coefficients  give  results  within  10%  of 
those  shewn.  Two  gyro  bias  drifts  are  plotted  with  the 
and  Bi  axes  for  the  Number  1 gyro  displaying  almost  identical 
characteristics.  The  results  demonstrate  that  prior  to  burn- 
out accelerometer  jumps  must  be  relatively  large  to  be  de- 
tected, especially  in  the  first  100  sec  of  the  flight.  Jumps 
in  the  Number  1 gyro  coefficients  are  reasonably  detectable 
over  the  entire  flight  history,  with  best  detection  occuring 
prior  to  burnout.  The  single  axis  for  the  Number  2 gyro  has 
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very  poor  observability.  Jumps  in  this  coefficient  must  be 
sizeable  for  detectability  over  most  of  the  flight,  with  an 
exception  occuring  very  early  or  late  in  the  trajectory.* 

The  qualitative  performance  described  above  is  easily 
interpreted  in  terms  of  the  system  geometry  and  dynamics.  The 
large  forces  present  during  powered  flight  cause  the  g and 
g2  dependent  errors  to  dominate  and  suppress  accelerometer 
bias  errors  prior  to  burnout.  Since  gyro  bias  drift  enters 
the  velocity  error  as  the  crossproduct  of  the  small  angle 
platform-to-computer  misalignment  vector  with  specific  force 

it  is  most  observable  in  a high  acceleration  environment. 
An  exception  occurs  with  the  A2  gyro  coefficient  since  this 
axis  (oriented  at  30  deg  to  the  horizontal)  is  nearly  para- 
llel to  the  specific  force  vector  for  the  major  part  of  the 
trajectory . 


Figure  10  Probability  of  Detection  vs  Relative  Jump 
Magnitude  for  Two  False  Alarm  Rates 


♦Although  the  jump  magnitudes  quoted  are  for  a 0.50  detection 
probability,  the  appropriate  values  for  other  choices  of 
Pj)  are  easily  obtained  from  Fig.  10.  For  example  twice 
the  0.50  value  yields  better  than  0.90  detectability. 
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The  sensitivity  of  detection  performance  to  the 
measurement  noise  level  is  evaluated  in  Figs.  11  and  12. 

In  these  plots  the  velocity  measurement  error  is  reduced  by 
1//10  from  its  previous  value  of  0.01  fps  rms . Overall 
detectability  is  improved  by  a factor  of  about  2. 
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Figure  11  Accelerometer  Bias  Jump  Magnitude  Required 

for  Pd=0.50  vs  With  Reduced  Measurement  Noise 

The  preceding  performance  projections  all  assume 
that  the  GLR  test  algorithm  searches  for  a jump  in  the  correct 
shift  coefficient.  In  practice  searches  will  be  made  in  all 
guidance  coefficients  of  interest.  The  problem  of  ambiguity, 
or  incorrect  jump  identification,  occurs  when  the  GLR  algorithm 
attempts  to  estimate  a shift  in  a state  which  is  not  the 
actual  jump  state.  The  extent  of  this  problem  is  assessed 
by  considering  the  correlations  in  the  jump  estimate  error 
covariance  matrix  (or  alternatively  its  inverse,  the  informa- 
tion matrix).  A measure  of  the  degree  of  correlation  is 
obtained  from  the  determinants  of  various  diagonal  submat- 
rices of  the  information  matrix  corresponding  to  selected 
subsets  of  states.  In  what  follows  these  determinants  are 
normalized  so  that  a value  of  one  denotes  statistical  in- 
dependence (zero  correlations)  and  a value  of  zero  denotes 
inter-dependence  of  one  or  more  jump  state  estimates. 
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Figure  12  Gyro  Bias  Jump  Magnitude  Required  for  PD«0.50 
With  Reduced  Measurement  Noise 


Figs.  13  through  16  summarize  tne  ambiguity  problem 
for  the  FLY-2  flight  scenario.  There  are  three  gyro  bias  drifts 
and  three  accelerometer  bias  errors  for  each  NS-20  system  for 
a total  of  12  states  to  be  tested  by  the  GLR  technique.  The 
first  plot  demonstrates  the  difficulty  associated  with  trying 
to  effectively  separate  the  two  systems.  A bias  coefficient 
shift  in  ‘.he  primary  IMU  cannot  be  distinguished  from  the 
same  shift  in  the  secondary  IMU.  Since  only  velocity  differ- 
ences are  being  used  this  is  not  surprising.  Refined  analysis 
may  be  possible  with  independent  telemetery  data  on  thermal 
transients,  etc. 

By  restricting  the  search  to  a single  IMU  the  system 
ambiguity  is  bypassed  and  the  remaining  ambiguity  can  be 
evalua'ed.  It  is  seen  that  the  combined  six  accelerometer 
and  gyro  bias  states  are  separable  during  powered  flight 
but  not  thereafter.  The  last  two  plots  show  the  inter- 
accelerometer and  mter-gvro  ambiguities  in  isolation.  The 
accelerometers  are  separable  except  in  the  vicinity  of  burn- 
out, while  the  gyro  axes  are  almost  uncorrelated  at  300  sec 
and  reasonably  separable  everywhere  except  during  the  last 
60  sec.  Additional  results,  not  shown,  indicate  that  the 
ambiguity  becomes  rapidly  worse  for  smaller  window  lengths. 

On  the  other  hand,  the  identification  problem  is  relatively 
insensitive  to  measurement  noise  levels. 
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POST  FLIGHT  ANALYZER  STRUCTURE 


The  four  basic  steps  in  post-flight  data  analysis 
for  the  detection  and  identification  of  parameter  jumps  are: 
data  preprocessing,  residual  calculation,  jump  detection,  and 
the  decision  process.  This  structure  permits  a computationally 
efficient  and  orderly  manner  for  processing  the  data.  In 
the  preprocessing  step,  the  combination  and  compression  of 
data  involves  substantial  computations,  yet  does  not  need  to 
be  repeated  as  bad  data  points  are  edited  out  . The  residual 
calculations  are  repeated  each  time  data  points  are  removed, 
or  whenever  the  model  is  changed.  Several  different  tests 
are  then  applied  to  the  residuals  in  order  to  detect  and 
identify  parameter  jumps.  Finally,  based  upon  the  results 
of  specific  tests,  a review  of  functional  data,  and  engineering 
judgement,  a decision  will  be  reached  about  the  time,  magnitude, 
and  nature  of  parameter  jumps  during  the  flight.  The  flow  of 
data  is  shown  in  Fig.  17  and  explained  in  greater  detail  in 
the  remainder  of  this  section. 

A number  of  important  steps  must  be  taken  to  prepare 
the  raw  recorded  data  so  that  it  can  be  efficiently  and 
accurately  analyzed  using  the  advanced  analysis  tools  des- 
cribed herein.  The  data  from  two  NS-20s  and  several 
radars  must  be  sorted,  time  synchronized,  compensated  for 
deterministic  errors,  put  in  comparable  coordinate  frames  and 
combined  such  that  all  relevant  data  at  the  high  raw  data  rate 
is  reduced  to  a more  appropriate  rate  for  the  analysis  tools. 

The  flow  of  data  during  preprocessing  is  shown  in  Fig.  18 
and  individually  described  below.  Preprocessing  of  the  data  is 
expected  to  be  performed  a limited  number  of  times  for  each 
mission  since  editing  of  most  bad  data  points  can  be  accom- 
plished at  the  output  of  this  phase  without  significantly 
affecting  other  values. 

The  PIGA  Prefilter  must  accurately  calculate  the 
specific  force  sensed  by  the  primary  NS-20  and  the  indicated- 
velocity  difference  between  NS-20s  at  a pseudo-major  cycle 
rate  (appropriate  for  other  computations)  based  upon  tele- 
metered minor-cycle  data.  Three  basic  steps  are  required 
to  achieve  those  objectives.  First,  the  data  from  each  NS-20 
is  compensated  for  two  types  of  deterministic  errors,  those 
due  to  known  calibration  parameters  and  those  due  to  PIGA 
input  axis  coning.  Then  the  compensated  data  is  passed 
through  a digital  low-pass  filter  to  remove  the  random  errors 
due  to  quantization  and  timing  uncertainties’,  and  to  estimate 
the  sensed  specific  force.  Finally,  the  data  from  the  two 
NS-20s  is  compensated  for  relative  motion  and  telemetry 
timing  differences  and  then  differenced. 
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Figure  18  Data  Flow  for  Preprocessing  Step 

The  Radar  Synchronizer  performs  the  strictly  clerical 
function  of  merging  data.  Range  measurement  data  from  the  ten 
or  so  tracking  radars  must  be  extracted  from  the  raw  data  tapes, 
put  in  common  units  (feet)  ana  time  synchronized.  The  result 
is  a single  sequential  file  containing  all  available  radar 
data . 

The  Trajectory  Integrator  accurately  calculates  the 
position  and  velocity  of  the  missile  based  upon  the  best 
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available  model  for  gravity  and  the  specific  force  sensed 
by  the  primary  NS-20.  To  allow  refinements  of  the  trajec- 
tory (as  bad  data  is  removed  and  errors  are  estimated)  with- 
out repeating  the  long  integration  required  by  this  program 
the  total  gravity  gradient  matrix  is  also  calculated.  The 
velocity  differences  between  NS-20’s  are  not  used  in  this 
program,  and  are  passed  along  unchanged. 

The  Radar  Prefilter  calculates  the  difference  be- 
tween the  measured  radar  ranges  and  the  value  expected  based 
upon  the  NS-20  indicated  position.  The  large  uncertainty 
in  each  measurement  is  then  reduced  by  averaging  all  range 
differences  (from  each  radar)  over  the  entire  pseudo  major 
cycle  interval.  The  geometry  of  each  measurement  is  also 
calculated  so  that  the  filter  can  properly  weight  the. one- 
dimensional range  difference  measurements  in  the  estimation 
of  three-dimensional  position.  As  with  the  Trajectory 
Integrator,  the  NS-20  velocity  differences  are  not  used,  and 
are  passed  forward  unchanged  since  they,  along  with  the  range 
differences  make  up  the  measurements  for  the  residual  calcu- 
lat ions . 

The  residual  calculations  take  the  sequence  of 
range  difference  (radar)  and  velocity  difference  (between 
NS-20s)  measurements  and  calculate  the  best  estimate  of 
NS-20  and  radar  errors  based  upon  an  a priori  error  model. 

The  residual  difference  between  the  measurements  and  estimates 
are  the  basis  for  tests  described  in  succeeding  paragraphs. 

The  basic  flow  of  data  is  shown  in  Fig.  19.  These  computa- 
tions are  divided  into  two  separate  programs  for  computa- 
tional efficiency  since  they  will  be  repeated  several  times 
as  bad  data  is  removed  and  as  different  error  models  are 
tried.  The  Gain  Calculation  process  is  based  on  the  straight- 
forwaid,  although  lengthy,  calculation  of  Kalman  gains  using 
the  nominal  trajectory,  the  system  error  model,  and  the 
measurement  sequence. 

The  Residual  Calculation  uses  the  gains  to  interpret 
the  measurements  from  the  data  preprocessor.  During  pre- 
liminary data  editing  the  relatively  simple  residual  calcu- 
lations can  be  made  many  times  using  the  same  set  of  gains 
without  significant  loss  of  accuracy.  The  more  lengthy  gain 
calculations  can  then  be  repeated  only  after  most  of  the  bad 
data  is  removed  or  whenever  the  error  model  is  changed. 


*The  WGS-72  gravity  model  in  combination  with  the  DMAAC  Launch 
Region  Gravity  Model  (LRGM)  for  Vandenberg  AFB  is  used. 


19 


1 


Figure  19  Data  Flow  for  Residual  Calculation 


The  primary  jump  detection  will  be  performed  using 
the  Generalized  Likelihood  Ratio  (GLR)  test  on  the  filter 
residuals.  However,  there  are  a number  of  other  tests  and 
procedures  which  will  be  used  to  support  the  GLR  test.  They 
include  a variety  of  statistical  tests  on  the  residuals 
(e.g.,  mean,  variance)  and  both  fixed-point  and  fixed-interval 
smoothers.  The  basic  flow  of  information  is  shown  in  Fig. 

17  and  described  below. 

The  GLR  Test  routines  use  the  gain  matrices  to 
determine  whether  the  filter  residuals  are  consistent  with 
the  model.  In  the  event  of  an  inconsistency,  the  time  and 
identity  of  a parameter(s)  which  changed  (jumped)  is  es- 
timated. These  jump  estimates  can  then  be  used  to  change 
the  model  and  the  residual  calculations  can  be  repeated. 

Two  forms  of  Smoother  may  be  used.  The  fixed- 
point  smoother  allows  the  computationally  efficient  estima- 
tion of  a limited  number  of  smoothed  states  at  selected  times. 
This  is  particularly  attractive  if  only  certain  candidates 
are  being  considered.  Fixed-interval  smoothing  allows  the 


smoothed  estimation  of  all  parameters  but  requires  more 
computations.  Both  have  a place  however  in  the  search  for 
unmodelled  parameter  changes. 

Various  Residual  Tests  can  be  performed  on  both  the 
filter  and  smoother  residuals.  If  models  are  all  correct,  the 
residuals  will  be  zero  mean,  uncorrelated  and  have  the 
variance  predicted  by  the  model.  Thus  the  simple  mean  and 
variance  calculations  provide  a measure  of  whether  the  model 
is  valid.  An  autocorrelation  or  power  spectral  density  on 
the  residuals  can  provide  some  clues  as  to  the  nature  of 
modelling  errors. 


CONCLUSIONS 

TASC  is  under  contract  to  process  Minuteman  III 
telementry  and  radar  data  for  the  FLY-2  flight  tests.  The 
purpose  of  the  processing  effort  is  to  detect  and  identify 
the  presence  of  potential  instabilities  in  specific  NS-20 
guidance  instrument  coefficients.  The  detection  and  identi- 
fication process  will  be  accomplished  using  the  Generalized 
Likelihood  Ratio  (GLR)  test  developed  by  TASC.  This  paper 
describes  preliminary  results  of  a study  directed  towards 
assessing  the  performance  of  the  GLR  test  in  the  FLY-2  en- 
vironment. The  major  findings  of  the  study  are: 

• Shifts  of  sufficient  magnitude  in  both 

accelerometer  biases  and  gyro  bias  drifts 
will  be  detectable  using  the  GLR  test 
procedure . 


4 Detection  of  shifts  in  the  gyro  bias  drift 
coefficients  is  best  obtained  during 
missile  powered  flight  whereas  shifts  in 
accelerometer  biases  are  most  readily  de- 
tected during  free-fall. 

• Identification  of  which  particular  in- 
strument coefficient  shifted  will  be  limited 
by  both  instrument  coefficient  observability 
and  primary/MEW  system  ambiguities.  Thus, 
the  interpretation  of  additional  telemetry 
data  (e.g.,  gyro  wheel  speeds,  thermal  en- 
vironment information,  etc.)  will  be  nec- 
essary to  identify  specific  instrument  co- 
efficient shifts. 


The  paper  also  presents  an  overview  of  the  post  flight  soft- 
ware required  to  process  the  FLY-2  data.  As  was  demonstrated, 
the  GLR  test  methodology  is  a direct  extension  of  current 
flight  test  data  processing  techniques. 
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ABSTRACT 


This  paper  describes  an  advanced  software  mechanization  that  pro- 
vides continuous  calibration  and  alignment  of  a ballistic  inertial  naviga- 
tion system  without  the  use  of  external  reference  aids.  The  mechanization 
was  developed  by  the  Autonetics  Division  of  Rockwell  International  for  use 
with  the  Advanced  Inertial  Reference  Sphere  (AIRS),  designed  and  built  by 
the  Charles  Stark  Draper  Laboratory.  The  mechanized  inertial  system  was 
successfully  tested  in  the  recent  Missilebome  Performance  Monitoring 
System  (MPMS)  Program,  completed  in  July  of  1976. 

A self-contained  operational  mechanization  for  a ballistic  inertial 
navigation  system  must  provide  an  update  of  inertial  instrument  calibra- 
tion parameters  to  maintain  weapon  delivery  accuracy.  Typically,  the  cal- 
ibration update  has  been  performed  in  an  off-line  condition  that  penalizes 
the  alert  status  of  the  missile  system.  The  amount  of  time  off-line  and 
the  frequency  of  the  off-line  update  has  been  dictated  by  the  stability 
characteristics  of  the  inertial  instruments. 

The  continuous  calibration  and  alignment  mechanization  described 
herein  achieves  constant  surveillance  and  correction  of  critical  IMU  error 
parameters,  including  platform  alignment.  This  is  accomplished  by  con- 
tinuously rotating  the  inertial  platform  about  vertical  and  level  axes 
while  processing  accelerometer  data  with  a Kalman  filter.  The  Kalman 
filter  is  mechanized  in  an  on-line  system  computer  to  optimize  the  error 
estimation  and  dynamic  control  of  the  inertial  platform.  This  is  in 
accordance  with  a priori  statistics  of  parameter  instabilities  of  the  in- 
struments. The  strategic  alert  status  time  is  maximized  since  the  missile 
system  can  be  launched  at  any  time. 

The  paper  briefly  describes  the  evolution  of  the  mechanization  con- 
cept from  its  conception  in  the  SABRE  IMU  test  program  (a  predecessor  of 
the  AIRS  IMU) , through  its  application  in  the  NOMS/AIRS  Program,  to  its 
current  implementation  for  the  Autonetics  Advanced  Inertial  Platform  (ASP) 
gimbaled  IMU.  The  latter  platform  also  uses  the  same  Third  Generation 
Inertial  Instruments  (TGI I)  that  were  developed  for  the  AIRS  IMU. 

A brief  snapshot  of  the  "First  Generation"  mechanization  software 
for  the  SABRE  IMU  Program  is  presented.  SABRE  experience  revealed  the 
necessity  of  new  approaches  and  methodology  for  calibration  and  alignment 
of  a SABRE  or  AIRS-type  IMU.  The  successful  development,  implementation  and 
testing  of  this  mechanization  provided  a proven  baseline  for  the  Second 
Generation  mechanization  which  was  tailored  for  the  MFMS/AIRS  IMU 
application. 


* 

The  bulk  of  the  presentation  is  devoted  to  describing  the  tech- 
niques and  rationale  for  the  Second  Generation  Software  mechanization. 

In  this  mechanization,  a number  of  novel  and  innovative  techniques  were 
developed  and  used  to  enhance  performance  and  aid  in  the  developmental 
testing  and  performance  evaluation  process.  A qualitative  comparison 
of  accuracy  fran  error  analysis  predictions  and  test  results  obtained  on 
the  MPMS/AIRS  system  is  made.  The  resulting  software  mechanization  and 
its  successful  test  results  now  provide  a proven  baseline  for  Third 
Generation  Software  currently  being  developed  for  the  Autonetics  ASP 
system. 

The  Third  Generation  Software  has  special  features  tailored 
to  the  TGII , and  thus,  has  application  to  both  the  ASP  and  AIRS  IMlJ(s). 

A snapshot  description  of  this  mechanization  and  its  features  is 
presented. 
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An  advanced  software  mechanization  that  provides  continuous  self-contained 
calibration  and  alignment  of  a ballistic  inertial  navigation  system  is  herein 
described.  The  mechanization  was  developed  by  the  Autonetics  Division  of 
Rockwell  International  for  use  with  the  Advanced  Inertial  Reference  Sphere 
(AIRS),  designed  and  built  by  the  Charles  Stark  Draper  Laboratory.  The  mech- 
anized AIRS  inertial  platform  was  successfully  flight  tested  in  the  recent 
Missileborne  Performance  Monitoring  System  (MPMS)  Program,  completed  in  July 
of  1976. 

System  Readiness  Time  is  Maximized 

A self-contained  operational  mechanization  for  a ballistic  inertia]  naviga- 
tion system  must  provide  an  update  of  inertial  instrument  calibration  para- 
meters to  maintain  weapon  delivery  accuracy.  Typically,  the  calibration  up- 
date has  been  performed  in  an  off-line  condition  that  penalizes  the  alert 
status  of  the  missile  system.  The  amount  of  time  off-line  and  the  frequency 
of  the  off-line  update  has  been  dictated  by  the  stability  characteristics  of 
the  inertial  instruments. 

The  continuous  calibration  and  alignment  mechanization  described  herein 
achieves  constant  surveillance  and  correction  of  critical  TMU  error  para- 
meters, including  platform  alignment.  This  is  accomplished  by  continuously 
rotating  the  inertial  platform  about  vertical  and  level  axes  while  processing 
accelerometer  data  with  a Kalman  filter.  The  Kalman  filter  is  mechanized  in 
an  on-line  system  computer  to  optimize  the  error  estimation  and  dynamic  con- 
trol of  the  inertial  platform.  This  is  in  accordance  with  a priori  statistics 
of  parameter  instabilities  of  the  instruments.  The  strategic  alert  status 
time  is  maximized  since  the  missile  system  can  be  launched  at  any  time. 

The  Mcc hanization  Concept  Evolved 

The  evolution  of  the  mechanization  concept  is  briefly  described  from  its  con- 
ception in  the  SABRE  IMU  test  program  (a  predecessor  of  the  AIRS  IMLJ) , through 
its  application  in  the  MPMS/AIRS  Program,  to  its  current  implementation  for 
the  Autonetics  Advanced  Stabilized  Platform  (ASP)  gimballed  IMU.  The  latter 
platform  also  uses  the  same  Third  Generation  Inertial  Instruments  (TGI I ) that 
were  developed  for  the  AIRS  INflJ. 
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A brief  snapshot  of  the  "First  Generation"  software  mechanization  for  the 
SABRE  IMU  Program  is  presented.  SABRE  experience  revealed  the  necessity  of 
new  approaches  and  methodology  for  calibration  and  alignment  of  a SABRE  or 
AIRS-type  IMU.  The  successful  development,  implementation  and  testing  of 
tins  mechanization  provided  a proven  baseline  for  the  Second  Generation  mech- 
anization which  was  tailored  for  the  MPMS/AIRS  IMU  application. 

The  bulk  of  the  presentation  is  devoted  to  describing  the  techniques  and 
rationale  of  the  Second  Generation  Software  mechanization.  In  this  mechani- 
zation, a number  of  novel  and  innovative  techniques  were  developed  and  used 
to  enhance  performance  and  aid  in  the  developmental  testing  and  performance 
evaluation  process.  A qualitative  comparison  of  accuracy  from  error  analysis 
predictions  and  test  results  obtained  on  the  MPMS/AIRS  system  is  made.  The 
resulting  software  mechanization  and  its  successful  test  results  now  provide 
a proven  baseline  for  Third  Generation  Software  currently  being  developed  for 
the  Autonetics  ASP  system. 

The  Third  Generation  Software  has  special  features  tailored  to  the  TGI  I,  and 
thus,  has  application  to  both  the  ASP  and  AIRS  IMU(s).  The  data  from  the 
MPMS  Program  provided  a basis  for  refining  the  detailed  TGI  I error  models 
used  for  calibration  and  alignment  purposes.  These  refinements  account  for 
errors  such  as  those  produced  by  motions  of  the  gyro  floats,  which  are  very 
small  but  significant  for  attaining  ultra-precise  accuracy.  They  also  ac- 
count for  trending  and  other  long-term  dynamic  behavior  of  certain  critical 
instrument  parameters.  For  completeness,  a brief  overview  of  this  mechaniza- 
tion and  its  features  is  also  presented. 

Tin:  MECHANIZATION  IS  TAILORED  TO  OPERATIONAL  REQUIREMENTS 

The  complete  version  of  the  inertial  system  mechanization  was  developed  from 
design  rationale  evolving  from  Autonetics'  involvement  in  the  previously  men- 
tioned programs.  It  is  called  the  "Advanced  Inertial  Meehan izat ion"  (AINU . 

It  has  been  tailored  to  operational  requirements  leading  toward  an  operation- 
al application. 

The  Third -Generation  AIM  is  Described 

The  AIM  is  an  integrated  inertial  system  mechanization  that  provides  not  only 
self-contained  calibration  and  alignment,  but  also  both  cruise  and  ballistic 
navigation  modes.  It  provides  for  determination  of  the  inertial  instrument 
calibration  parameters,  including  instrument  axes  misalignments,  and  platform 
axes  orientation  relative  to  a locally  level  (or  launch-point)  earth-refer- 
enced geographic  frame.  Velocity  and  position  of  the  navigation  vehicle  are 
determined  with  respect  to  a geographic  north,  west,  and  vertical  earth-refer 
enccd  frame. 

The  multitude  of  calibration  parameters  are,  with  few  exceptions,  determined 
in  a completely  automatic,  self-contained  way.  The  orientation  of  platform 
axes  relative  to  earth  axes  is  also  determined  without  the  use  of  direct  ex- 
ternal reference  aids.  Only  the  indirect  influence  of  earth's  gravity  and 
spin  rate  vectors  is  utilized  in  the  calibration  and  alignment  process.  Navi 
gation  is  accompl ished  in  the  ordinary  manner  of  integrating  sensed  accelera- 
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tion,  corrected  for  gravity  and  Coriolis  effects,  to  extrapolate  from  a known 
set  of  initial  conditions  -velocity,  position,  etc.  However,  the  navigation 
portion  of  the  mechanization  and  the  computational  algorithms  used  for  its 
implementation  are  unusual  with  regard  to  the  methods  used  for  providing  pre- 
cision accuracy  while  retaining  simplicity  and  commonality  with  other  portions 
of  the  mechanization.  Integration  of  the  velocity,  relative  to  earth,  is  per- 
formed in  the  platform  frame  using  a novel  recursive  mechanization,  giving  a 
compact  real-time  solution  equivalent  to  a high-order  integral  series. 

There  are  four  basic  system- performance  operating  modes  provided  by  appropri- 
ate initialization  and  linkage  of  the  basic  functional  building  blocks  com- 
prising the  mechanization.  A rapid  align  mode  is  provided  for  IMIJ  start-up 
to  quickly  locate  the  local  gravity  and  earth's  spin  vectors  in  the  platform 
frame.  This  coarse  alignment  precedes  a rapid  cal/align  mode  designed  to  pro- 
vide system  calibration  and  nominal  alignment  in  a reasonable  time  following 
start-up.  After  the  initial  calibration  and  alignment  is  accomplished,  a con- 
tinuous optimum  cal/align  mode  is  entered,  where  platform  level-axes  rates  are 
greatly  reduced  and  precision  calibration  and  alignment  arc  achieved  and  main- 
tained. A navigation  mode  provides  for  both  aided  and  unaided  inertial  navi- 
gation. 

The  AIM  has  Special  Features 

The  AIM  utilizes  a modular  concept  based  upon  functional  building  blocks. 

Many  of  the  functional  modules  are  common  to  each  of  the  operational  modes 
mentioned  above.  Thus,  the  integrated  mechanization  approach  eliminates  dup- 
lication of  computer  program  coding  and  checkout,  the  use  of  tape  fills  for 
overlay  programs,  and  the  associated  initialization  and  mode  transition  prob- 
lems. Another  feature  of  the  modular  concept  is  the  ease  and  efficiency  with 
which  future  changes  and  improvements  can  be  made  to  the  conputer  implementa- 
tion of  the  mechanization.  Impact  of  coding  change  and  checkout  is  localized 
to  the  particular  modules  or  functions  being  modified. 

AIM  differs  from  many  of  the  IMU  mechanizations  of  the  past  in  its  design  to 
provide  both  calibration  and  alignment  in  a completely  self-contained  way, 
not  requiring  the  use  of  externally  applied  reference  aids.  Its  navigation 
modules  also  differ  in  many  respects  from  past  mechanizations  in  the  methods 
of  providing  precision  accuracy  and  the  selection  of  coordinate  frames  for 
minimizing  dynamic  behavior  of  data  in  effecting  solution  of  the  differential 
equations  for  navigation. 

The  interrelationship  among  functional  modules  providing  the  cal/align  and  the 
navigation  operating  modes  is  shown  in  Figure  1 and  Figure  2,  respectively. 

An  ASP  Version  of  AIM  is  being  Implemented 

Since  the  TGI I are  used  in  both  the  ASP  and  the  Advanced  Inertial  Reference 
Sphere  (AIRS),  the  AIM  is  applicable  to  both  IMU(s).  The  particular  implement- 
ation of  AIM  for  the  ASP  IMU  program  is  being  coded  in  the  Interdata  8/32  com- 
puter. This  computer  program  has  been  given  the  name  "ACES,"  an  acronym  for 
"ASP  Calibration  and  Evaluation  Software." 


gure  1.  Optimum  Continuous  Cal/Align 
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I'he  calibration  and  alignment  portions  under  development  for  the  ASP  arc  being 
augmented  with  modular  functions  which  provide  special  test  capability  involv- 
ing auxiliary  reference  aids.  The  auxiliary  references  are  used  with  ASP  for 
hardware  development  purposes.  These  special  test  modules  integrate  very 
naturally  with  the  AIM  functional  modules  which  are  shared  in  providing  the 
special  test  capability. 

For  the  ASP  IMU  application,  the  navigation  portion  of  the  mechanization  is 
omitted  for  the  present  time;  although  its  modules  can  be  readily  added  at  a 
later  time,  if  desired.  The  ASP  version  of  ATM;  namely,  the  ACES  software 
program,  consists  of  the  AIM  calibration  and  alignment  mechanization  augmented 
with  special  filters  and  control  loops  for  utilizing  the  auxiliary  reference 
test  aids.  These  test  aids  consist  of  two  double-axes  level  detectors,  two 
double-axes  external  autocollimators,  and  gimbal  bit-edge  holding  capability 
using  internally  derived  error  signals.  The  utilization  of  these  aids  is 
accomplished  using  ordinary  classical  methods  of  measurement  and  control, 
implemented  in  the  system  computer  using  sample-data  techniques. 

The  software  mechanization  for  ASP  contains  the  error  model  refinements  which 
were  added  to  the  AIM  mechanization  as  a result  of  information  gained  from 
testing  the  AIRS  IMU(s)  in  the  MPMS  program.  These  refinements  include  models 
for  accoimodating  gyro  float  motions  and  parameter  trends,  as  well  as  for  on- 
line calibration  of  SFIR  nonl incar i ties.  Since  the  ASP  is  equipped  to  provide 
optical  readout  of  platform  azimuth,  a software  module  has  been  added  to  per- 
form automatic  acquisition  and  readout  for  direct  azimuth  verification  during 
platform  rotation  about  the  vertical. 

SABRE  PROGRAMS  PRODUCED  FIRST -GENERATION  AIM  SOFTWARE 

The  dcvcloument  of  a continuous  alignment  mechanization,  known  by  the  acronym 
SCAT  marked  the  beginning  of  extensive  studies  and  design  efforts  to  develop 
system  mechanization  software  for  the  floated  platform,  SABRE/AIRS-type  IMU. 
SCAT  was  the  result  of  an  intensive  effort  at  Autonctics  to  develop  a viable 
alignment  mechanization  concept  for  the  SABRE  IMU.  Comprehensive  in-house 
studies  began  when  it  became  evident  that  the  originally  planned  gyro  wheel  - 
speed  modulation  technique  for  platform  alignment  would  not  be  adequate. 

Ceriti miqns  Alignment  is  Required 

Hie  continuous  alignment  concept  evolved  from  previous  studies  of  discrcte- 
multiple-position  gyrocompass  alignment  based  upon  conventional  closed-loop, 
fixed-gain  methods.  These  studies  lead  directly  to  the  continuous  alignment 
mechanization  using  time-varying  gains.  The  continuous  alignment  mechaniza- 
tion provides  estimation  and  control  of  platfonn  alignment  and  certain  gyro 
errors  while  the  platform  is  rotated  about  a vertical  axis,  relative  to  earth. 

Even  though  the  equations  can  be  mechanized  in  an  earth-space  frame,  with 
fixed  eigen-value,  closed-loop  dynamics,  an  impractical  result  is  obtained. 
With  fixed  dynamics,  a conflict  between  suitable  transient  response  and  steady- 
state  noise  attenuation  exists.  An  absurdly  long  settling  time  to  steady-state 
condition  typically  prevails.  It  was  quickly  established  that  the  Kalman  fil- 
tering technique  provides  a good  solution  to  the  time-varying  gain  requirement. 
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;ind  is  essential  to  a useful  continuous  alignment  mechanization. 

l^tcr  studies  confirmed  the  necessity  of  the  continuous  alignment  technique 
for  the  SABRE/AIRS-type  I MU  design.  The  SCAT  mechanization  resulted.  It  con- 
sisted of  a 12-state  error  model,  using  a Kalman  filter  formulation,  which 
estimated  and  corrected  level-axes  gyro  scale  factor  and  axis  misalignment 
errors,  and  three  gyro  bias  drift  rates,  in  addition  to  the  platform  attitude 
alignment  errors.  The  mechanization  was  successfully  implemented  and  tested 
on  the  SABRE  IMU  S/N-S  in  1969. 

CACC  Mechanization  Establishes  AIM  Concept 

It  was  also  confirmed  in  the  mechanization  studies  that  addition  of  suitable 
rotations  of  the  platform  about  level  axes  allows  the  remainder  of  the  IMU 
calibration  parameters,  observable  in  a one-g  field,  to  be  measured.  This  re- 
sult provided  the  basis  for  a continuous  alignment  continuous  calibration 
mechanization  (CACC),  developed  in  the  Missilebome  Performance  Instrumenta- 
tion Mechanization  Study  (MISPIMS)  program.  This  mechanization  paved  the  way 
for  the  MPM5  program  mentioned  earlier. 

The  CACC  mechanization  modeled  nine  of  the  PIGA  errors,  thirty-six  gyro  er- 
rors, and  platform  azimuth  error  in  two  Kalman  filter  formulations.  The  37- 
state  gyro  and  azimuth  alignment  filter  used  level -axes  platform  drift  rates 
p for  observables.  This  permitted  the  two  platform  leveling -error  states  to  be 

estimated  and  corrected  independently,  from  PIGA  data,  using  conventional 
techniques.  A prefilter  processed  10-msec  data  from  the  PIGA(s) , providing 
least-squares  curve-fits,  which  measured  PIGA-scnsed  platform  acceleration 
(tilt)  and  acceleration  rate  (tilt  rate).  These  data  provided  the  error  ob- 
servations for  the  leveling  loops  and  the  gyro  estimation  filter,  respectively. 
The  error  in  measured  gravity  magnitude,  as  determined  by  the  total  output 
from  the  three  PIGA  prefilters,  was  used  for  PIGA  calibration.  This  Autonctics 
innovation  results  in  an  accelerometer  calibration  that  is  virtually  insensi- 
tive to  platform  attitude  errors  arising  from  such  sources  as  inadequacies  in 
the  gyro  error  models,  lateral  vibration  or  shaking  of  the  IMU,  etc. 

i Additional  features  of  the  CACC  mechanization  included  dynamic  acceleration 

compensation,  where  estimated  components  of  platform  acceleration  were  contin- 
uously computed  and  subtracted  from  those  sensed  by  the  PIGA(s).  This  formed 
acceleration  error  measurements  that  could  be  accurately  modeled  in  the  esti- 
mation filters,  while  the  platform  was  tumbling  about  level  axes.  The  esti- 
mated platform  attitude  data  was  provided  by  a direction-cosine  algorithm  which 
was  updated  by  the  platform  alignment -error  estimation  and  control  process. 

t A gyro  scale  factor  and  axes  alignment  calibration  technique  called  reference 

torquing  was  also  utilized  in  the  CACC  mechanization.  Although  originally 
conceived  and  implemented  by  Autonetics  in  an  unrelated  IMU  program  in  about 
1962,  the  reference  torquing  application  for  the  floated  platform  IMU  was 
first  established  on  the  SABRE  system.  The  SCAT  mechanization  was  used.  In 
the  CACC  mechanization,  reference  torquing  greatly  improved  the  quality  of 
gyro  calibration  by  improving  the  separability  of  errors  and  by  reducing  the 
sensitivity  to  measurement  noise. 

t 
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Also,  a self-contained  fault  detection  capability  was  provided  in  the  CACC 
mechanization.  It  used  the  tilt-rate  outputs  of  the  PTGA  data  prefilter, 
rhis  measurement  is  very  sensitive  to  anomalous  system  operation.  And  it 
rapidly  exhibits  a distinction  between  such  errors  as  spurious  PIGA  data 
noise,  or  transmission  error,  and  anomalous  error  due  to  shifting  of  a gyro 
bias  rate^  In  the  first  case,  the  filter  gains  were  zeroed  to  eliminate  the 
wild-data"  point.  In  the  latter  case,  they  were  enhanced  to  properly  re-bias 
the  offending  gyro. 

The  CALC  mec Ivin i z a t i on  was  implemented  in  an  IBM- 1800  computer  system  to  pro- 
vide on-line  calibration  and  alignment  of  the  SABRE  S/N-5  IMU.  The  mechani- 
zation was  successfully  tested  in  the  SABRE  laboratory  at  Autonetics,  near  the 
conclusion  of  the  MISPIMS  program.  Thus,  a sound  baseline  mechanization  de- 
sign was  established  for  the  MPMS/ATRS  version  of  AIM  which  was  soon  to  fol- 
low. 


SECOND- GENERATION  AIM  PERFORMED  IN  MPMS/ATRS  MISSION 

The  Advanced  Inertial  Mechanization  concept,  which  evolved  from  the  CACC 
mechanization,  was  applied  in  developing  operational  ground  software  for  the 
MPMS/AIRS  flight  test  mission.  This  effort  produced  the  second -gene rat ion 
version  of  the  AIM  concept.  Most  of  the  features  of  the  CACC  mechanization 
that  enhanced  self-contained  calibration  and  alignment  performance  on  the 
SABRE  IMU  were  retained  in  the  MPMS/AIRS  application.  However,  some  changes 
in  the  mechanization  were  made  to  accommodate  the  MPMS  system  performance 
specifications  and  certain  design  characteristics  peculiar  to  the  MPMS/AIRS 

Irade-off  studies  were  performed  in  selected  areas,  to  aid  in  determining  the 
appropriate  changes,  where  alternate  methods  existed  and  the  best  choices  were 
not  obvious.  The  final  result  was  a mechanization  that  satisfied  the  MPMS 
mission  requirements  in  an  effective  way,  yielding  results  which  were  for  the 
most  part  in  reasonably  good  agreement  with  performance  predictions.  One  ex- 
ception to  predicted  performance  was  a deterministic  bias  error  which  re- 
sulted from  an  unexpected  error  source  arising  from  gyro  float  motion.  The 
bias  error,  revealed  in  flight,  was  unobservable  on  the  ground,  during  the 
cal/align  process.  Changes  have  been  made  in  the  third-generation  version  of 
AIM  that  will  allow  observation  of  the  error  during  system  calibration,  with 
the  subsequent  result  of  estimating  and  compensating  to  remove  its  effect. 

During  the  MPMS  program,  a considerable  amount  of  system  test  data  was  ob- 
tained. From  these  data,  a number  of  error  mechanisms,  not  catastrophic  but 
significant  in  magnitude,  have  been  identified.  This  has  made  possible  the 
further  refinement  of  the  cal/align  error  models  for  use  in  the  updated  third- 
generation  version  of  the  AIM. 

MPMS/ATRS  Mechanization  Designed  Concurrently  with  IMU  Development 

The  MPMS  operational  ground  software  program  was  developed  specifically  for 
satisfying  the  MPMS  "performance  monitoring"  mission  requirements.  The  mech- 
anization waj  programed  in  the  Honeywell  701P  flight  computer  (IDCU).  The 
computer  program  is  called  the  "Performance  Evaluation  Program"  (PEP).  The 
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MPMS  program  schedule  required  parallel  and  concurrent  hardware  and  software 
development.  This  required  the  initial  software  to  be  developed  and  verified 
by  analyses  and  simulations,  without  the  benefit  of  an  AIRS  IMU. 

The  software  mechanization  had  to  satisfy  the  requirements  for  supporting  the 
in-plant  operations,  including  IMU  integration,  design  verification  and  ac- 
ceptance testing,  and  pre-launch  operations  at  Vandenberg  AFB.  The  cal/align 
portion  of  PEP  was  required  to  provide  specified  accuracy  performance  require- 
ments, based  upon  realization  of  given  AIRS  error  models  and  inertial  instru- 
ment performance  data  statistics.  These  system  descriptions,  although  the 
best  available  at  the  time,  were  based  upon  a limited  amount  of  test  data. 

For  this  reason,  much  attention  was  given  to  mechanization  design  features  for 
minimizing  the  sensitivity  of  critical  calibration  parameters  in  a given  area 
to  error -model  deficiencies  in  another  area.  A number  of  novel  and  innovative 
features  of  the  mechanization  are  the  result. 

Mechanization  Design  Features  Tailored  to  AIRS  IMU 

A number  of  detailed  design  features  have  resulted  from  experience  with  test- 
ing the  SABRE  and  AIRS  IMU(s).  Several  of  the  features  were  retained  from  the 
SABRE  CACC  mechanization  and  were  incorporated  in  the  original  PEP  design. 
Others  were  added  later,  as  a result  of  system  characteristics  uncovered  by 
data  from  testing  the  MPMS/ AIRS  IMU.  There  are  further  design  refinements 
that  are  needed,  but  could  not  be  included  in  the  on-line  PEP  program  due  to 
program  schedule  limitations.  These  latter  features  have  been  incorporated  in 
the  third-generation  AIM  design;  and  were,  in  some  cases,  applied  post-test  or 
off-line  to  the  MPMS/AIRS  PEP  data.  Some  of  the  more  significant  features 
originally  included  are  listed  below. 

SFIR  Data  Prefilter  Provides  Measurement  Data 


A SFIR  data  prefilter  provides  observables  for  the  Kalman  filters  used  for 
SFIR  and  gyro  calibration  and  platform  alignment.  The  prefilter  groups  the 
propagations  of  all  error  states,  observed  in  the  SFIR  data,  into  three  cate- 
gories, or  composite  states,  modeled  over  a relatively  short  prefilter  period 
of  six  minutes.  These  composite  states  are  acceleration  error-rate  (drift 
rate),  acceleration  error  (platform  tilt),  and  velocity  error.  The  prefilter 
performs  least  squares  data  fits  to  the  velocity-error  data. 

The  prefilter  input  from  the  SFIR(s)  occurs  at  a rapid  100-Hz  rate,  while  the 
output  rate  to  the  cal/align  filters  is  reduced  to  one  output  each  six  minutes. 
All  of  the  system  calibration  error  states  are  modeled  by  the  cal/align  filters 
in  terms  of  the  conposite  acceleration  error  state.  In  addition  to  providing 
observables,  these  output  data  are  also  used  in  a performance-monitoring/ fault- 
detection  scheme,  and  to  properly  initialize  the  platform  velocity  at  the  time 
of  launch.  The  initial  velocity  is  otherwise  subject  to  error  from  quantiza- 
tion, vibration,  and  SFIR  readout  noise.  An  inportant  feature  of  the  prefilter 
is  its  ability  to  filter  out  what  would  otherwise  be  very  significant  compon- 
ents of  error  in  the  SFIR  data.  These  are  due  to  various  readout  errors,  the 
compensation  of  which  would  otherwise  require  a relatively  complicated  error 
model.  The  prefilter  makes  use  of  a novel  least-squares  algorithm  consisting 
of  a linear  combination  of  sequential  algebraic  sums  of  the  input  data. 
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Gravity- Residual  Technique  Insures  Precision  SFIR  Calibration 


\ 


I 

! 


; 


! 


/ 


f 


In  a self-contained  calibration  mechanization,  it  is  necessary  to  isolate  the 
accelerometer  (SFIR)  calibration,  as  much  as  possible,  from  the  gyro  calibra- 
tion and  platform  alignment  process.  This  protects  the  SFIR  calibration  from 
undue  sensitivity  to  relatively  small  gyro-related  modeling  errors;  which  are 
small  only  from  the  gyro  calibration  accuracy  point  of  view.  This  isolation 
is  required  to  satisfy  high  precision  calibration  requirements  of  the  SFIR 
triad,  for  both  ballistic  flight  accuracy,  and  for  providing  the  primary  ref- 
erence for  detecting  platform  alignment  and  gyro  calibration  errors.  The 
gravity  residual  accelerometer  calibration  technique  provides  this  isolation. 

The  gravity- residual  technique  forms  the  calibration  error  observable  from  the 
three  instrument  outputs.  The  outputs,  suitably  combined  and  compensated, 
yield  the  vertical  component  of  the  acceleration  error  vector.  First-order 
leveling  error  (misalignment  or  erroneous  knowledge  of  the  vertical  direction) 
is  only  present  in  the  level  components  of  the  acceleration  error  vector. 

Thus,  the  sensitivity  of  the  vertical  component  of  the  error  observation  to 
leveling  error  (including  all  contributions  due  to  unmodeled  platform  drifts, 
etc.)  is  a second-order  effect.  The  sensitivity  is  only  0. 5-ppin/mrad,  or  over 
2,000  times  less  sensitive  than  the  5-ppm/sec  sensitivity  which  is  incurred  by 
calibrating  PIGA  and  gyro  parameters  together,  from  the  same  level -axes  observ- 
ables. Resolving  the  error  to  vertical  produces  higher-order  coordinate  func- 
tions describing  the  error  propagations.  However,  observability  studies  have 
shown  that  all  but  one  of  the  identified  SFIR  parameter  error-states  are  ob- 
servable in  a one-g  field.  This  exception  is  independent  of  the  mechanization 
technique. 

The  gravity  residual  method  can  be  described  best,  geometrically,  as  being  the 
determination  of  the  distance  between  the  surfaces  of  a spheroidal  shell  and  a 
spherical  shell  of  unit  radius.  These  surfaces  represent  the  mappings  of  the 
measured  and  true  direction-cosines,  respectively,  of  the  vertical  unit-vector. 
With  no  calibration  error,  the  spheroid  converges  to  a unit-sphere.  With  cal- 
ibration errors,  the  surface  becomes  distorted.  Fach  error  affects  the  contour 
of  the  surface  in  a particular  region.  By  rotating  the  platform  axes,  the  "g- 
vector"  probes  the  contoured  surface,  generating  the  error  map.  The  PEP  mech- 
anization utilizes  the  gravity- residual  calibration  feature  to  insure  precision 
SFIR  calibration. 
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Gyro  Reference  Torquing  Technique  Calibrates  Gyro  Frame 

The  gyro  reference  torquing  technique  provides  precision  calibration  of  scale- 
factor  and  axis  alignment  errors.  The  gyro  reference  torquing  technique  can 
be  used  during  calibration  and/or  alignment.  It  provides  rapid  calibration  of 
the  gyro  frame  with  respect  to  an  orthogonal  acceleration  reference  frame.  It 
calibrates  independently  of  the  earth-rate  coupling  effect  normally  depended 
upon  for  an  observable  measurement  of  the  errors. 

Perturbation  torquing  rates  are  applied  to  each  of  three  orthogonal  platform 
axes,  via  gyro  torquers.  These  perturbation  rates  increase  the  signal -to -noise 
ratio  of  the  measurement  data  with  regard  to  gyro  frame  errors;  a’ld  the  modula- 
tion permits  rapid  separation  of  these  errors  from  other  errors  that  produce 


10 


i 

platform  drift  rate.  Wien  a perturbation  rate  is  applied  to  the  ith  axis,  the 
ith  axis  torquing  scale  factor  error  causes  a drift  rate  about  the  Tth  axis. 
Also,  drift  rates  occur  about  the  jth  and  kth  axes  when  ith  axis  is  torqued 
and  the  jth  and  kth  axes  are  misaligned  about  each  other. 


The  advantages  of  using  the  technique  can  be  better  appreciated  when  one  con- 
siders the  gyro  calibration  observability  problem  in  some  detail.  Briefly, 
there  are  five  classical  categories  of  platform  drift  rate  to  be  calibrated. 
There  are  three  scale- factor  errors,  six  axis  misalignments,  three  bias  drift 
rate  errors,  twenty- four  acceleration  sensitive  parameters  (nine  g- sensitive 
and  fifteen  g^-sensitive) , and  platform  azimuth  alignment  error.  Without  ref- 
erence torquing,  there  are  only  two  references,  viz.,  the  earth-rate  and  grav- 
ity vectors.  Thus,  the  platform  tumbling  rate  (mobility  rate)  must  be  such  as 
to  allow  these  vectors  to  "probe"  or  pass  along  many  directions  in  the  plat- 
form frame  so  that  distinguishing  features  for  the  various  error  propagations 
can  be  established.  Since  the  magnitude  of  the  mobility  rate  is  limited  (for 
practical  reasons),  considerable  time  is  required  in  rotating  the  platform. 
During  much  of  this  time,  errors  are  being  observed  with  very  low  signal-to- 
noise  ratio  measurements.  With  reference  torquing,  an  additional  reference 
vector  is  supplied  which  produces  observations  having  relatively  high  signal  - 
to-noise  ratios. 

I On-Line  Feedback  Control  Technique  Provides  Advantages 
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.An  important  feature  for  supporting  special  investigative  testing  is  the  MI ’MS 
PEP  mechanization's  unusual  design  for  data  acquisition,  on-line  utilization, 
and  logging.  While  the  on-line  processing  provides  real-time  calibration  and 
alignment,  the  feedback  control  is  not  used  to  constrain  the  IMJ  platform. 
Rather,  it  adapts  the  computer  mechanized  model  to  match  the  IMIJ  dynamics,  via 
parameter  estimation.  Thus,  raw  SF1R  data,  unaltered  by  on-line  control,  can 
be  recorded  for  independent  off-line  processing  and  interpretation,  should  it 
be  necessary  or  desirable  to  do  so. 

Ibis  mechanization  design  feature  was  developed  for  the  PEP  version  of  AIM  in 
anticipation  of  modeling  problems  and  other  anomalous  operation  typically  pre- 
sent in  design  phases  of  a developmental  IMU.  It  has  been  retained  in  AIM  as 
an  operational  tool,  providing  recorded  or  otherwise  stored  data  for  off-line 
self -test,  diagnostic,  and  fault  location  purposes.  Signatures,  or  symptoms, 
of  abnormal  system  operation  are  not  garbled  by  the  on-line  control. 

The  chosen  method  of  on-line  processing  is  designed  around  a precision  direc- 
tion cosine  computation  routine  that  keeps  the  computational  platform  axes  (or 
computer  axes)  precisely  updated  with  respect  to  the  earth  axes.  IXiring  align- 
ment, the  computer  axes  are  positioned  collinear  with  the  physical  platform 
axes.  The  error  parameters  determined  during  calibration  are  used  to  compute 
the  platform  drift  rate  which  is  applied  real  time  to  the  computer  axes  direc- 
tion cosine  solution.  This  process  causes  the  computational  representation  of 
the  platform  axes  (computer  axes)  to  follow  the  real  physical  platform  axes 
which  arc  being  driven  along  the  calibration  trajectory  via  gyro  torquing  rates 
from  the  trajectory  control  routine. 
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Since  the  error  compensation  is  applied  to  the  "computational  IMP'  rather  than 
the  physical  IMU,  the  raw  data  from  the  platform  accelerometers  are  unaffected. 
They  can  he  recorded  and  analyzed  off-line  with  the  results  being  completely 
independent  of  the  on-line  process. 

Also,  another  important  feature  of  the  above  arrangement  is  the  alignment  con- 
trol for  updating  level  and  azimuth  errors.  Normally,  these  corrections  are 
administered  to  the  physical  platform  via  a torquing  rate  applied  during  some 
portion  of  the  estimation  filter  computational  time  interval.  Because  of  this 
delay  in  applying  control,  it  is  necessary  to  perform  costly  extrapolation  or 
propagation  of  portions  of  the  estimated  error  state  vector.  With  the  error 
update  being  applied  to  the  computational  platform,  level  and  azimuth  errors, 
as  well  as  all  other  estimated  errors,  arc  corrected  instantly,  for  all  prac- 
tical purposes,  in  a whole-value  form.  This  would  correspond  to  applying  im- 
pulses of  error  correction  rates,  when  making  an  analogy  to  control  of  a phys- 
ical system.  Since  there  is  no  delay,  there  no  longer  is  a need  for  cumbersome 
and  costly  extrapolation  of  the  control.  Thus  a significant  s implication  and 
reduction  of  computer  requirements  result. 

Direction  Cosine  Solution  Yields  High  Precision  with  lxjw  Duty  Cycle 

The  direction  cosine  solution  required  in  providing  the  method  of  calibration 
and  alignment  feedback  control,  previously  described,  is  an  innovation.  The 
' dynamic  acceleration  compensation,  also  previously  discussed,  requires  accur- 

ate direction  cosine  data  at  a 10-msec  interval.  In  order  to  minimize  the  com- 
puter computational  load  in  providing  these  data,  difference  equation  techni- 
ques for  interpolating  over  each  6-min  computational  period  are  used.  This  re- 
sults in  a very  minimal  influence  upon  computer  duty-cycle,  but  it  requires 
that  direction  cosines  for  the  next  upcoming  time  interval  be  computed  in  ad- 
vance. Since  the  gyro  drift  rates  are  functions  of  components  of  gravity  in 
the  platform  frame  (i.e.,  direction  cosines  of  the  vertical  unit-vector),  and 
they  are  also  input  driving  functions  of  the  direction  cosine  equations,  a sys- 
tem of  nonlinear  differential  equations  results. 

The  direction  cosine  algorithm  provides  a compact  iterative  solution  of  these 
nonlinear  equations,  requiring  three  passes  for  convergence  to  accuracy  beyond 
that  required  for  the  MPMS  application.  The  algorithm  was  developed  and 
proven,  in  an  Autonetics  IMU  development  program,  for  use  on  the  precision 
FSGN  inertial  navigator  for  marine  system  application.  The  developed  computa- 
tional algorithm  was  adaptable  to  the  MPMS/AIRS  application  with  relatively 
little  change.  Both  angle  and  rate  tracking  errors  are  well  below  those  sat- 
isfying MPMS  requirements. 

Given  the  direction  cosines  at  the  beginning  of  a six-minute  period,  whole- 
values  are  computed  at  two  intermediate  points  and  at  the  end  of  the  interval. 
These  are  the  data  interpolated  via  a third-degree  polynomial  generated  with 
difference  equations.  Only  simple  additions  are  needed  for  interpolation. 

Gyro  Calibration  Error  State  Vector  Expanded 

A review  of  available  information  was  made  regarding  the  best  description  of 
an  error  model  for  the  TGG(s)  to  be  used  in  the  design  of  the  AIRS  mechaniza- 
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tion.  The  minimum  number  of  error  states  required  to  define  the  significant 
gyro  accuracy  performance  characteristics  was  the  same  as  had  previously  been 
used  in  Autonetics  studies.  In  addition  to  these  error  states,  modeled  and 
estimated  in  the  calibration  mechanization,  there  have  since  been  other  er- 
rors discovered,  such  as  trending  of  certain  gyro  parameters  and  errors  in- 
duced by  motions  of  the  gyro  floats.  Provision  has  been  made  for  modeling 
and  compensating,  in  the  new  version  of  the  AIM  mechanization,  to  account  for 
these  errors. 

In  some  of  the  on-line  MPMS/AIRS  system  test  results,  the  effects  of  these 
unmodeled  errors  was  noticeable.  However,  manual  calibration  of  trend  error 
was  possible  from  hand-plotted  data.  Provision  for  on-line  application  of 
the  corresponding  error  compensation  was  made  where  necessary  for  alignment. 

In  other  cases,  off-line  post-test  data  corrections  were  made.  A reasonably 
good  overall  agreement  between  system  test  results  and  those  predicted  from 
analyses  was  obtained,  with  the  exception  of  a few  calibration  parameters 
having  significant  sensitivity  to  the  unmodeled  errors  previously  discussed. 

MPMS/AIRS  TEST  RESULTS  CONFIRM  MECHANIZATION  DESICM 

A comparison  of  calibration  repeatability  results,  from  typical  system  test 
data,  and  parameter  estimation  repeatabil ity,  predicted  from  computer  analysis 
programs, is  presented.  The  ratio  of  the  estimated  standard  deviations  from 
the  test  data  to  the  confuted  standard  deviations  from  analyses  is  given. 

The  calibration  repeatability  data  was  obtained  from  the  MPMS/AIRS  Right  Sys- 
tem #1.  The  data  set  consists  of  pooled  data,  over  the  three  platform-mounted 
inertial  instruments,  from  four  test  calibrations  performed  during  October  and 
November  of  1976.  The  resulting  sample  is  of  size  twelve. 


A prediction  of  accuracy  performance  capability  was  obtained  from  results  of 
an  error  variance  analysis,  accomplished  by  using  the  dual-state  (filter/sys- 
tem) state-space  error  analysis  technique.  System  error  statistics  were  ob- 
tained or  inferred  from  a limited  amount  of  instalment  test  data  and  some  of 
the  IMU  design  specifications.  The  filter  error  statistics  corresponded  to 
those  modeled  in  the  on-line  flight  computer  program.  The  results  are  tabu- 
lated in  Table  I . 


In  Table  I,  the  entries  marked  with  an  asterisk  need  some  additional  explana- 
tion. The  ratios  entered  for  the  Dj  and  De  parameters  were  obtained  after  re- 
moving, ex  post  facto,  somewhat  excessive  deterministic  trends  from  their 
estimates.  Analyses  predict  a significant  sensitivity  of  gyro  axes  alignment 
errors  and  some  of  the  gyro  g- squared  sensitive  parameter  errors  to  these  in- 
puts. The  deleterious  effects  appear  to  be  seen  in  the  corresponding  entries, 
for  which  no  effort  to  effect  their  removal  was  made.  A similar  data  set  for 
Flight  System  #2  yielded  results  similar  to  those  tabulated,  except  that  SFTR 
ratios  were  slightly  larger,  and  gyro  ratios  with  the  asterisk  were  somewhat 
smaller.  This  result  corresponds  to  a generally  less  stable  SFIR  bias  and 
substantially  smaller  Dj  and  trends  on  Flight  System  # 2.  These  character- 
istics were  observed  in  test  data  throughout  the  MPMS/AIRS  program. 
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TABU:  I. 


COMPARISON  OF  CAL/ALICN  TEST  RESULTS 
WITH  PREDICTED  RESULTS  FROM  ANALYSIS 


Inertial  Instrument  Calibration 
Parameter  Estimation  E.rror 

Ratio  of  Measured  Std.  Dev. 
from  Test  Sample  to  Predicted 
Std.  Dev.  from  Analysis  Program 

ACCELEROMETERS  (SFIR) 

a/a 

Scale  Factors 

0.22 

Axes  Align 

0.013 

Bias  Acceleration 

0.29 

GYROS  (TGG) 

Scale  Factors 

0.84 

Axes  Align 

2.80  * 

Bias  Drift  Rate 

0.94 

GYRO  G- SENS  I TI VI TI ES 

Dj  (Input  Axis') 

1.20  * 

D^  (Spin  Axis) 

0.92  * 

(Output  Axis) 

0.95 

GYRO  G2- SENSITIVITIES 

DII 

2.3  * 

DSS 

2.6  * 

DIS 

0.78 

DIO 

2.6  * 

DOS 

1.1 

*See  text 
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In  proper  context,  the  results  from  system  test  data  obtained  with  the  PEP 
software  mechanization  are  in  generally  good  agreement  with  accuracy  predic- 
tions based  upon  a best  knowledge  of  system  error  statistics. 
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A SUMMARY  DESCRIPTION  OF  THE  AIM  CAL/ ALIGN  IS  PRESENTED 

The  basic  mechanization  concept  of  the  calibration  and  alignment  portion  of 
the  AIM  is  further  illustrated  with  a simplified  block  diagram  shown  in  Figure 
3.  This  diagram  provides  a visual  suimary  of  significant  features  of  the 
mechanization,  which  have  been  previously  described.  A summary  description 
and  discussion  of  the  cal/align  observability  policy  is  also  given. 

Basic  Cal/Align  Mechanization  Structure  is  Illustrated 

The  basic  structure  of  the  calibration  and  alignment  portion  of  the  AIM  mech- 
anization is  depicted  in  the  illustration  given  in  Figure  3.  The  stabilized 
inertial  platform  shown  being  influenced  by  local  gravity,  earth  rate,  and 
platform  or  gyro  dwft  rate.  The  true  components  of  sensed  acceleration  along 
platform  axes  arc  denoted  by  the  three-vector  A(t) . These  components  of  true 
acceleration  are  corrupted  by  acceleration  errors,  AA(t) , related  to  the  plat- 
form mounted  SFIR(s),  the  primary  reference  or  measuring  devices  for  the  mech- 
anization. The  SFIR  errors  have  components  both  deterministic  and  random  in 
nature.  The  deterministic  errors  obey  a known  error  model  and  the  random  er- 
rors are  approximately  characterized  statistically  from  data  obtained  in  past 
testing.  Another  corrupting  error  is  an  additive  random  acceleration  error 
6A(t)  and  random  errors  originating  on  the  velocity-level,  not  shown,  which 
are  modeled  in  the  details  of  the  actual  mechanization. 

The  total  SFIR  measurement  data  is  operated  upon  by  a prefiltcr  which  attenu- 
ates or  removes  the  high-frequency  components  of  error  or  noise  (SFIR  readout 
harmonics,  etc.)  that  cannot  be  modeled  in  a practical  manner  in  subsequent 
Kalman  filtering.  Also,  the  data  rate  is  reduced  by  the  prefiltcr  to  practi- 
cal iteration  intervals  for  Kalman  filters  used  to  estimate  the  various  cali- 
bration parameter  errors  of  the  SFIR(s),  gyros,  and  related  platform  errors. 
This  uncompensated  or  "raw  data"  from  the  SFIR(s)  is  recorded  on  magnetic  tape 
and  made  available  for  special  off-line  computer  processing,  a very  desirable 
feature  in  the  development  of  a new  IMU.  This  capability  is  provided  by  ap- 
plying the  on-line  control  to  the  computer  representation  of  the  inertial  plat- 
form system,  the  output  acceleration  of  which  is  subsequently  compared  with 
the  measured  acceleration  to  provide  an  error  signal.  This  is  shown  in  Figure 
3 where  SFIR  data  is  corrected  with  the  computer's  best  estimate  of  SFIR  cali- 
bration parameters.  The  resulting  compensated  measurements  are  next  compared 
with  the  computer's  best  estimate  of  the  true  acceleration  components,  and  the 
error  components  are  then  resolved  along  earth  axes,  both  level  and  vertically 
oriented. 

The  vertical  component  of  error  contains  only  SFIR  parameter  errors  and  meas- 
urement noise.  Thus,  upon  suitably  positioning  the  platform  through  a sequ- 
ence of  orientations,  or  a calibration  trajectory,  relative  to  the  local 
gravity  vector,  the  vertical  component  of  acceleration  error  (or  its  integral) 
is  used  to  calibrate  the  SFIR  parameters.  With  the  SFIR  errors  removed,  the 
horizontal  or  level  components  of  acceleration  error  reflect  the  difference 
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RAW  DATA  RECORDED  FOR 
OFF-LINE  PROCESSING 


igure  .1.  An  Illustration  of  the  Cal/Align  Portion  of  the 
Advanced  Inertial  Mechanization  (AIM) 


between  actual  gyro  parameter  errors  and  those  accounted  for  in  the  computer 
error  model.  Also,  the  level  components  of  error  reflect  the  misalignment  of 
the  actual  platform  axes  and  those  corresponding  to  the  computer  model  or 
computational  frame. 

Recause  the  various  gyro  errors  and  platform  alignment  errors  have  distinct 
time  propagations,  or  waveforms,  in  the  level  acceleration  measurements,  a 
Kalman  filter  modeling  the  dynamic  error  propagations  can  separate  the  errors 
and  effect  their  calibration.  Removing  the  calibration  errors  improves  the 
computer's  estimate  of  the  true  acceleration  components  and  their  dynamic 
behavior;  thus  reducing  the  error  observable  and  ultimately  converging  the 
process  to  steady- state  computer  estimates  of  the  calibration  parameters. 

The  above  discussion  concerning  the  separation  and  calibration  of  parameters 
implies  that  the  platform  is  rotated  along  a sequence  of  orientations  on  a 
trajectory  path  relative  to  earth-rate  and  gravity  vectors  such  that  the  con- 
dition of  observability  of  errors  is  achieved.  Suitable  trajectories  for  this 
purpose  have  been  identified  and  it  is  generally  true  that  a desirable  trajec- 
tory for  gyro  calibration  and  alignment  is  also  a desirable  trajectory  for 
SFIR  calibration.  This  results  from  similarities  in  the  form  of  the  gravity- 
residual  SFIR(s)  error  calibration  model  and  that  of  a single-axis,  floated 
gyro  of  the  type  used  on  the  AIRS  TMU. 

It  can  be  observed  in  Figure  3 that  the  commanded  gyro  torquing  rate  is  applied 
to  both  the  actual  platform  gyro  set  and  to  its  computer  modeled  representaticn. 
Thus,  both  the  platform  and  computer  model  rotate  together,  and  the  resulting 
error  measurement  reflects  only  the  differences  in  relative  orientation  and 
the  calibration  parameters  of  the  two.  The  platform  can  be  positioned  arbit- 
rarily so  long  as  observability  is  provided  for  the  process. 

One  Platform  Trajectory  Calibrates  All  Errors 

Near  optimum  SFIR  and  gyro  calibration  occur  on  the  same  observation  trajectory. 
The  platform- fixed  orthogonal  triad  of  reference  axes  used  in  defining  the 
trajectory  is  independent  of  instrument  mounting  orientations  and  thus  can  be 
chosen  arbitrarily.  The  only  constraints  imposed  would  be  due  to  physical 
hardware  characteristics.  For  instance,  the  SFIR  input  axes  should  not  dwell 
in  the  level  plane  where  the  low  data  rate  from  the  instrument  and  other  cor- 
rupting influences  (coning,  etc.)  make  the  data  unusable.  Also,  it  is  desir- 
able to  cause  only  one  input  axis  to  cross  the  level  plane  during  any  90-degree 
level  rotation. 

Level  Mobility  Rate  Degrades  Azimuth  Accuracy 

Gyrocompass  azimuth  alignment  accuracy  is  degraded  with  increasing  magnitude 
of  the  level  mobility  rate  required  for  calibration.  This  effect  results  from 
the  geometrical  aspect  of  rotating  a pseudo  (or  equivalent)  vertical  gyro  away 
from  the  vertical  position  and  toward  the  level  plane  where  components  of  un- 
compensated drift  rate  corrupt  the  gyrocompassing  measurement  data.  Drift  rate 
along  the  vertical  direction  is  always  less  accurately  calibrated  because  it 
can  be  observed  only  through  its  effect  on  the  derivative  of  level -axes  drift 
rate  measurements.  This  is  a relatively  low  signal -to-noise  ratio  error  ob- 
servation. 
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The  Level  Mobility  Rate  can  be  Optimized 


If  the  measurement  noise  is  large  relative  to  parameter  instabilities,  then 
the  level  nobility  rate  will  be  smaller  than  otherwise.  This  enhances  the 
ability  to  align  in  azimuth.  Measurement  noise  has  its  most  adverse  effect 
on  azimuth  error;  the  lateral  impact  error  is  highly  sensitive  to  this  error. 

If  the  measurement  noise  is  small  relative  to  parameter  instabilities,  then 
the  level  mobility  rate  will  be  larger  than  otherwise.  This  will  permit  ob- 
servations of  all  acceleration-dependent  parameters  on  a shorter  cycle-time 
basis,  providng  tighter  control  of  these  errors. 

The  Vertical  Mobility  Rate  can  be  Optimized 

The  vertical  mobility  rate  must  be  as  large  as  practical.  A practical  rate 
is  approximately  4 to  5 eru.  The  vertical  mobility  rate  should  be  applied 
continuously  at  least  until  launch  time.  As  the  vertical  mobility  rate  in- 
creases beyond  the  practical  guidelines  stated  above,  conputational  algo- 
rithms require  higher-order  accuracy  than  thit  normally  provided  in  the 
past.  In  general,  mechanization  complexity  ;u>d  computational  burden  become 
impractical  with  respect  to  the  increment  of  iiproved  performance  achieved. 
For  a given  gyro  torque  word  processing  interval,  increasing  the  vertical 
mobility  rate  causes  increased  quantization  of  data  in  resolving  earth-rate 
onto  platform  level  axes. 

When  level  and  vertical  mobility  rates  are  applied  concurrently  (cal/align), 
the  vertical  rate  should  be  larger  than  the  level  rate,  to  the  extent  possi- 
ble. Hie  to  the  previously  discussed  geometrical  effects,  azimuth  align- 
ment suffers  maximum  degradation  when  level  ind  vertical  mobility  rates  are 
equal.  As  the  vertical  rate  increases,  relative  to  the  level  rate,  azimuth 
accuracy  improves. 

Llements  of  an  Optimum  Calibration  Trajectory  have  been  Identified 

For  complete  observability  (all  error  states  independently  calibrated)  rel- 
ative rotation  of  the  stable  platform  with  respect  to  earth-fixed  axes  must 
occur,  sequentially,  in  the  level  plane,  about  each  of  three  noncol linear 
platform- fixed  axes.  A vertical  axis  rotation  applied  either  concurrently 
or  sequentially  with  the  level  rate  is  also  required.  Optimum  results  are 
obtained  with  orthogonal  plat  form- fixed  reference  axes,  for  which  maximum 
signal -to-noise  ratio  error  observations  are  obtained. 

Both  rapid  calibration  (high  level -mobility  rate)  and  optimum  continuous 
calibration  (low  level-mobility  rate)  use  the  same  platform  trajectory.  The 
high  level -rate  should  be  applied  initially  while  making  one  pass  over  the 
closed-path  trajectory.  After  the  first  pass,  all  parameters  will  be  near- 
ing steady-state  calibration  accuracy,  but  azimuth  alignment  will  be  degraded 
due  to  the  high  level -mobility  rate.  When  the  optimum  low  level-rate  is 
applied,  azimuth  error  will  decrease,  yielding  a highly  accurate  system. 
Continuing  in  this  mode  will  maintain  all  parameters  in  optimum  calibration 
relative  to  a minimum  CF.P  criterion. 

j 
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A near-optimum  trajectory  consists  of  rotating  90-dcgrees  about  each  of  the 
three  mutually  orthogonal  platform  axes.  The  axis  of  rotation  must  be  main- 
tained in  or  near  the  level  plane  to  cause  each  axis  to  assume  (+)  directions 
along  the  gravity  vector  and  pairs  of  axes  to  assume  45-dcgree  positions 
relative  to  it.  A continuous  rotation  about  the  vertical  axis  is  required. 
Gyro  reference  torquing  can  be  used  to  enhance  calibration  of  scale  factors 
and  axes  misalignments  if  desired.  A description  of  the  cal/align  trajectory 
currently  used  with  AIM  is  given  in  Figure  4. 
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lum  Continuous  Cal/Align  Trajectory  of  the 
Vector  in  the  Platform  Frame 
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The  OMEGA  2041  Program  was  the  first  major  avionics 
procurement  within  the  Air  Force  to  utilize  a Combined 
Stress  Reliability  Test  (CS/RT)  for  engineering  guali- 
fication  and  as  an  evaluation  tool  for  source  selection. 
This  paper  describes  the  OMEGA  2041  Program — its  objec- 
tives, constraints  and  many  of  the  problems  encountered. 
Further,  the  lessons  learned  by  the  people  involved  are 
discussed  in  detail.  The  paper  addresses t 

a.  The  CS/RT  concept. 

b.  Establishing  test  objectives. 

c.  Determining  whether  the  Combined  Stress 
Reliability  Test  should  be  accomplished 
by  a government  test  facility  or  by  the 
eguipment's  manufacturer. 

d.  Establishing  the  environmental  test  pro- 
file. 

e.  Test  failure  definition. 

f.  Test  scheduling. 

g.  Cost. 

This  paper  is  particularly  timely  in  that  CS/RT 
is  now  beino  considered  for  use  in  the  procurement  of 
the  standardized  Inertial  Navigation  System  (INS)  for 
the  \ir  Force  as  well  as  other  avionics  eguipments. 
Therefore,  the  lessons  learned  in  the  OMEGA  2041  Proqram 
should  be  judiciously  applied  to  future  developments. 
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INTRODUCTION! 


The  OMEGA  2041  Program  was  the  first  program  within 
the  Air  Force  to  utilize  a Combined  Stress/Reiiability 
Test  (CS/RT)  as  a replacement  for  Reliability  Test  per 
MIL— STD— 781 B and  for  portions  of  engineering  qualifica- 
tion  testing  in  accordance  with  MIL-STD-810B.  Since  this 
program  was  first  to  use  CS/RT  and  was  also  one  of  the 
first  programs  to  be  structured  around  the  Reliability 
Improvement  Warranty  (RIW)  concept,  it  has  received  a 
great  deal  of  interest  within  both  the  government  and 
industry. 

The  OMEGA  2041  Program  was  established  in  1973  to 
develop  a replacement  for  the  LORAN  A Navigation 
Receivers  which  were  used  by  most  of  the  Air  Force  and 
Navy  cargo  type  aircraft  for  overwater  navigation.  This 
need  became  very  pressing  from  a schedule  standpoint 
when  the  decision  was  made  to  decommission  the  LORAN  A 
ground  stations  beginning  in  December,  1^77.  The 
following  is  a partial  list  of  aircraft  which  were 
included  in  the  program  at  its  inception!  C-118,  C-119, 
C-123 , C-130,  C-135,  C-9  and  the  P-3.  As  the  program 
progressed,  the  list  was  reduced  to  include  only  the 
C-130  aircraft. 

In  order  to  achieve  the  stated  goal  of  developing 
a low-cost  airborne  OMEGA  Navigation  Set  (ONS)  to 
replace  the  LORAN  A receivers,  a three  (3)  phase  program 
was  established  and  was  structured  as  follows! 

A.  Data  Collection  Phase  - This  phase  of  the 
program  was  established  in  order  to  answer 
the  question!  Is  OMEGA  Navigation  a viable 
replacement  for  LORAN  A?  During  this  phase, 
the  industry  was  given  the  opportunity  to 
loan  the  Air  Force  brassboard  0NS*s  for  an 
extensive  flight  test  aboard  an  Air  Force 
NKC-135  aircraft.  Six  (6)  contractors 
ultimately  accepted  our  offer  and  partici- 
pated in  the  test.  As  a result  of  this 
test,  the  OMEGA  Navigation  concept  was 
determined  to  be  a viable  replacement  for 
Loran  A. 

B.  Preproduction  Phase  - This  period  of  time 
was  allocated  to  the  development,  fabrica- 
tion and  test  of  preprodnction  equipments. 
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The  objective  of  this  phase  was  to  develop 
and  perform  engineering  gualif ication  tests 
in  three  (3)  different  ONS  designs  which 
could  then  compete  for  a production  con- 
tract. This  task  was  scheduled  for  comple- 
tion ten  (10)  months  after  contract  award 
which  occurred  in  July,  1975.  Bendix 
Corporation,  Dynell  Electronics  and  TRACOR 
Sciences  were  selected. 

C.  Production  Phase  - A single  contractor  was 
selected  to  manufacture  ONS  eguipment  for 
the  retrofit  of  the  C-130  fleet  and  possibly 
other  applications.  The  selection  was  based 
upon  a Life  Cycle  Cost  (LCC)  Analysis  and 
the  contractors*  production  proposal.  The 
LCC  analysis  was  performed  by  government 
personnel  using  data  provided  by  each  of 
the  competing  contractors. 

This  paper  will  discuss  the  test  and  the  analysis 
which  were  accomplished  on  each  of  the  three  competing 
ONS  desians  during  the  preproduction  phase.  The  key 
issues  which  were  to  be  addressed  during  the  test 
program  included i 

A.  Assuring  that  each  delivered  item  of 
eguipment  had  a reasonable  chance  of 
performing  for  an  extended  time  period 
without  a reliability  type  failure. 

B.  Verifying  that  each  of  the  ONS  designs 
met  their  performance  requirements. 

C.  Developing  realistic  estimates  of  the 
equipment’s  reliability  through  field 
and  laboratory  testing. 

D.  Qualifying  the  equipment  for  operation 

in  all  anticipated  airborne  environments. 

E.  Evaluating  the  operational  effectiveness 
and  suitability  of  each  ONS  design. 

An  attempt  was  made  to  reduce  the  risk  to  the  govern- 
ment that  an  equipment  would  fail  shortly  after  receipt 
by  the  Air  Force  by  imposing  the  requirement  for  a Pro- 
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duct  Reliability  Verification  Test  (PRVT).  This  test  in- 
volved approximately  112  hours  of  testing  under  temperature/ 
altitude  and  sinusoidal  vibration  environments.  Further, 
the  last  45  hours  of  testing  were  required  to  be  failure 
free.  This  test  was  designed  to  reduce  the  problem  of 
infant  mortality  during  the  Air  Force  test  program  and  to 
preclude  the  delivery  of  equipment  which  had  little  chance 
of  meeting  our  reliability  goals. 

The  OMEGA  2041  Program  was  severly  limited  from  a 
schedule  standpoint  (Figures  1 and  2)  during  the  preproduc- 
tion phase.  This  schedule  constraint  forced  certain  adjust- 
ments to  be  made  to  the  normally  accepted  method  of  con- 
ducing engineering  qualification  in  accordance  with  proce- 
dures stated  in  MIL-STD-810  and  reliability  qualification 
per  MIL— STD— 781 , For  this  program,  a Combined  Stress/ 
Reliability  Test  was  chosen  as  a substitute  for  the 
Temperature/Altitude,  Humidity  and  Vibration  portions  of 
the  environmental  qualification  and  as  a means  of  esti- 
mating the  field  reliability  of  the  equipment.  The 
decision  was  based  upon  the  realization  that  MIL-STD-781B 
test  procedures  do  not  adequately  forecast  field  reliabil- 
ity and  upon  recommendations  from  the  Air  Force  Flight 
Dynamics  Laboratory  ( AFFDL ) and  Lt.  Col.  B.  Swett's  relia- 
bility test  analysis. ' 5&6)  a reliability  goal  was  stated 
in  the  specification  rather  than  a hard  requirement  for  a 
minimum  Mean  Time  Between  Failure  (MTBF).  This  approach 
was  taken  since  we  had  a competitive  environment  between 
the  three  (3)  contractors  and  was  thought  to  provide  a 
greater  incentive  to  produce  reliable  equipment  than  a 
specification  requirement  which  has  in  many  cases  been 
reduced  when  difficulty  was  encountered  in  achieving  the 
required  level  of  performance.  Further,  the  accepted 
technique  for  conducting  a reliability  test  program,  as 
stated  in  MIL-STD-781,  may  have  taken  considerably  more 
time  than  the  schedule  allowed  if  the  test  were  to  be 
accomplished  with  an  affordable  sample  size  and  to  a 
reasonable  confidence  level. 

None  of  the  contractors  who  competed  for  the  OMEGA 
2041  preproduction  effort  had  an  inplace  Combined 
Environment  Reliability  Test  (CERT)  capability  within 
the  oraanization  designated  to  perform  the  OMEGA  2041 
design  effort.  As  will  be  seen  later,  the  facilities 
required  to  accomplish  this  type  of  test  are  costly. 

In  view  of  the  cost,  the  lead  time  required  to  procure 
environmental  test  equipment  such  as  test  chambers  and 
random  vibration  shakers,  and  the  risk  to  the  proqram 
schedule  of  the  test  facilities  not  beinq  available  at 
the  required  time,  the  Air  Force  elected  to  accomplish 
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the  test  in-house  at  the  Air  Force  Flight  Dynamics  Labora 
tory  (AFFDL).  This  allowed  the  procurement  of  test  equip 
ment  prior  to  the  selection  of  the  OMEGA  preproduction 
contractors.  Further,  the  cost  of  establishing  a single 
cjovernment  CERT  facility  was  thought  to  be  less  than 
funding  three  (3)  contractor  facilities. 

In  order  to  assure  that  each  of  the  competing 
designs  met  the  performance  and  environmental  reguire- 
ments  which  could  not  be  incorporated  in  the  CS/RT,  a 
contractor  accomplished  test  was  required  to  demonstrate 
performance  under  the  remaining  qualification  test 
environments.  The  ability  of  the  ONS  to  navigate 
accurately  was  evaluated  by  a tJSAF  conducted  flight  test 
over  two  (2)  radar  test  ranges. 

The  operational  suitability  of  the  preproduction 
OMEGA  equipment  and  the  acceptability  of  the  OMEGA 
concept  were  evaluated  by  the  Military  Airlift  Command 
(MAC)  durinq  their  Initial  Operational  Test  and  Evalua- 
tion (IOT&E).  This  test  addressed  the  man  machine 
interfaces,  reliability,  maintainability,  the  OMEGA 
signal  coverage  and  involved  flights  to  Europe,  Asia, 
Africa,  Australia,  South  America,  plus  both  arctic  and 
anarctic  regions. 

The  OMEGA  2041  program  was  structured  around  the 
Reliability  Improvement  Warranty  (R1W)  concept.  This 
is  a contractual  vehicle  whereby  the  contractor's 
responsibility  continues  for,  in  this  case,  a period 
of  five  (5)  years  after  the  initial  delivery  of  pro- 
duction OMEGA  sets.  Durinq  this  time  period,  the 
contractor  is  required  to  repair,  at  no  additional 
cost  to  the  government,  any  unit  which  fails.  Also, 
the  contractor  may  be  required  to  provide  other  con- 
sideration, such  as  additional  spares  or  cash  payments 
if  the  contractual  MTBF  is  not  attained.  This  provides 
the  contractor  an  incentive  to  at  least  maintain  the 
level  of  reliability  demonstrated  during  preproduction 
and,  hopefully,  improve  upon  that  performance.  Again, 
a PRV  Test  requirement  was  invoked  to  minimize  the 
effects  of  infant  mortality  on  field  operations  and 
demonstrate  a minimum  reliability  prior  to  delivery. 


The  Analytical  Science  Corporation  was  on  contract  to 
the  proqram  office  to  collect,  catagorize  and  establish  a 
failure  data  base  which  could  be  used  for  performing 
analysis  and  reliability  predictions.  These  data  were  used 
by  the  source  selection  committee  in  predicting  field 
reliability  which  was  then  inputed  into  an  LCC  model.  The 
production  contractor  selection  was  based  upon  lowest  life 
cycle  cost. 

Having  described  the  overall  OMEGA  program,  philosophy 
and  preproduction  test  effort,  let  us  now  proceed  to  examine 
the  lessons  learned  in  conducting  the  CS/RT. 

Discussion 

The  CS/RT  Concept 

A Combined  Stress/Reliability  Test  (CS/RT)  involves 
the  exposure  of  a test  specimen  simultaneously  to  a 
combination  of  controlled  test  environments*  i.e., 
temperature,  altitude,  humidity  and  random  vibration.  The 
term  "stress"  implies  that  the  equipment  is  being  exposed 
to  test  environments  which  may  be  greater  than  the  equip- 
ment will  encounter  durinq  normal  operation,  but  which  may 
be  experienced  under  emergency  conditions*  i.e.,  loss  of 
pressurization.  Reliability,  at  least  in  our  particular 
case,  does  not  imply  the  demonstration  of  a particular 
Mean  Time  Between  Failure  ( MTBF ) to  a predetermined 
confidence  level,  but  refers  to  the  data  collection  task 
and  the  subsequent  analysis  of  the  test  data.  This 
analysis  did  result  in  a predicted  field  MTBF  for  each 
competing  equipment.  There  are  several  other  terms  which 
are  common  in  the  literature!  Combined  Environments 
Reliability  Test  (CERT)  and  Combined  Environments  Test 
(CET).  A conserted  effort  is  made  in  structuring  each  of 
these  tests  to  model  the  operational  environment  o^  the 
equipment  as  accurately  as  possible.  Some  authors  omit 
the  term  reliability  from  the  discussion  because  of  the 
possible  confusion  with  the  classical  reliability 
demonstration  per  MIL-STD-781  and  its  statistical 
inferences. 

Test  Objectives  and  Where  the  Test  Should  be  Accomplished 

As  was  previously  stated,  test  facility  availability 
and  cost  were  the  determining  factors  in’  the  OMEGA  204l*s 
proqram  decision  to  accomplish  the  test  in-house  at  the 
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Air  Force  Flight  Dynamics  Laboratory.  However,  when 
considering  the  more  generalized  case,  there  are  other 
factors  which  should  be  address.  The  most  important  of 
these  is  establishing  the  primary  test  objective. 

The  OMEGA  2041  program  had  four  (4)  distinctly 
different  objectives  for  the  CS/RT  Testi 

1.  Provide  data  for  estimating  the  field  relia- 
bility of  the  OMEGA  sets  vhich  was  to  be  used  as  an 
input  to  the  LCC  model  during  Source  Selection. 

2.  Improve  the  reliability  of  the  eguipment  by 
identifying  failure  modes  and  implementina  corrective 
action. 

3.  Establish  a MTBF  requirement  for  inclusion  in 
the  Rlw  Contract  Provisions. 

4.  Demonstrate  performance  in  the  various  engi- 
neer inn  qualification  test  environments. 

If  the  first  stated  objective  is  considered  primary 
and  the  data  is  to  be  used  in  a competitive  source 
selection,  the  most  advantageous  way  of  accomplishing 
the  test  is  to  perform  the  test  at  either  a government 
facility,  as  was  done  in  the  OMEGA  2041  program,  or  at 
a large  commercial  test  laboratory  which  can  handle  all 
the  competing  equipment  simultaneously.  This  will 
assure  that  the  test  is  administered  as  fairly  as 
possible. 

In  event  the  second  objective  is  considered  more 
important,  the  test  can  be  more  effectively  accomplished 
at  the  contractor's  facility.  This  is  desirable  since 
the  contractor  will  have  the  test  equipment  and  failure 
analysis  personnel  available  to  work  the  problems  which 
are  encountered  during  the  test  and  implement  corrective 
action.  During  the  OMEGA  2041  program,  this  objective 
was  only  partially  successful~a  number  of  failure 
indications  were  observed  at  various  points  in  the 
environmental  profile,  but  were  self-correctinq  as  the 
test  progressed  in  time.  Unfortunately,  the  equipment 
was  not  accessable  during  the  test  for  trouble  shooting. 
Since  the  contractor  did  not  have  test  facilities  which 
could  duplicate  the  test  environment  where  the  failure 
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occurred,  nor  sufficient  spare  test  specimens,  he  was 
unable  to  positively  identify  several  failure  modes  and, 
thus,  take  appropriate  corrective  action. 

In  our  particular  instance,  we  were  unable  to  estab- 
lish a firm  requirement  for  MTF)F  for  inclusion  in  the  RIW 
provisions.  This  was  impractical  since  there  were  very 
little  data  available  at  the  time  the  Request  for  Proposal 
was  beina  preoared,  and  there  was  concern  that  one  or  more 
of  the  participants  miqht  be  eliminated  from  the  competi- 
tion by  an  arbitrarily  selected  number.  Therefore,  each 
of  the  contractors  were  asked  to  propose  the  specific 
number  to  which  they  were  willinq  to  commit  themselves 
as  a part  of  their  proposal. 

Later  discussion  will  provide  rationale  for  not 
considerinq  environmental  qualification  as  the  primary 
objective  of  a CS/RT  and,  therefore,  this  has  little 
bearing  on  where  the  test  is  conducted. 

Failure  censoring 

During  the  CS/RT,  the  Air  Force  made  provision  for 
the  censoring  of  test  failures  for  reliability  assess- 
ment purposes  when  a fix  had  been  proposed  and  its 
effectiveness  demonstrated.  As  miaht  be  expected,  the 
contractors  took  a rather  liberal  interpretation  of  this 
provision,  A concerted  effort  should  be  made  by  the 
procurinq  activity  in  order  to  assure  a fair  and  equit- 
able administration  of  this  contractual  provision. 

For  example,  usinq  this  contractual  provision,  a 
very  simple  method  was  discovered  to  defeat  the  intent 
of  the  test,  A contractor  could,  for  various  reasons, 
delay  incorporation  of  ECP's  until  it  is  too  late  for 
evaluation  during  the  preproduction  CS/RT.  That  is, 
the  production  proposals  would  be  submitted  containing 
proposed  chanqes  which,  the  contractor  would  contend, 
eliminated  the  cause  of  various  failures  encountered 
during  the  test.  This  approach  requires  the  qovernment 
source  selection  evaluators  to  assess  the  probability  of 
success  or  failure  for  each  of  the  proposed  fixes 
without  the  benefit  of  test  data.  In  the  source  selec- 
tion environment,  the  contractor  is  usually  given  the 
benefit  of  any  doubt.  The  result  of  all  this  could  be 
that  the  contractor  will  be  given  credit  for  reliability 
improvements  which  may  not  be  realized  in  his  production 
equipment. 
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The  government  should  insist  that  all  changes  for 
reliability  improvement,  which  are  alledged  to  eliminate 
the  cause  of  know  failures,  be  verified  by  test  data* 

This  may  require  that  the  CS/RT  be  terminated  in  time  to 
allow  the  data  to  be  accumulated  prior  to  submission  of 
the  production  proposal.  This  data  may  or  may  not  be 
CS/RT  data.  However,  it  should  support  the  contractor's 
contention  that  the  cause  of  the  failure  has  been  corrected. 

Environmental  Profile 

The  CS/RT  environmental  profile  (Figure  3)  for  the 
OMEGA  preproduction  test  was  designed  to  encompass  the 
worst  case  of  environmental  conditions  which  have 
historically  been  demonstrated  during  the  environmental 
qualification  test.  These  consisted  of  a tropic  takeoff, 
climb  to  50,000  feet,  a landinq  in  the  desert,  a takeoff 
from  the  desert  with  turn-on  at  160°F,  landing  in  the 
arctic,  and  an  arctic  takeoff  and,  again,  landina  in  the 
desert.  These  tests  encompassed  the  maximum  limits  of 
temperature/altitude  and  humidity  which  have  historically 
been  verified  during  environmental  qualification  test,  but 
they  do  not  reflect  the  normal  usaqe  of  the  equipment  in 
an  operational  aircraft. 

The  vibration  spectrum  which  was  employed  was  a com- 
posite of  the  vibration  spectrum  which  would  be 
encountered  in  both  propeller  and  turbine  driven  aircraft 
simultaneously  (Fiqure  4).  This  particular  spectrum 
excited  the  test  specimens  with  more  energy  than  would  be 
experienced  while  operating  on  either  type  of  aircraft. 

Tne  test  facility  which  was  used  during  the  CS/RT 
was  designed  to  accommodate  six  (6)  sets  (two  (2)  from 
each  vendor)  of  OMEGA  equipment  on  a single  vibration 
table.  The  vibration  was  measured  by  six  (6)  accelero- 
meters located  at  various  places  on  the  table  in 
accordance  with  test  practices  outlined  in  Procedure  514 
of  MIL— STD— 810C.  These  outputs  were  then  averaged  together 
and  recorded.  The  random  vibration  shaker  was  then 
adjusted  so  the  output  of  the  six  (6)  accelerometers 
averaged  toqether  matched  the  vibration  requirement  stated 
in  the  specification.  This  approach  was  taken  even  though 
a slight  variation  between  the  various  equipment  locations 
was  unavoidable. 
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Early  in  the  test  program,  it  became  obvious  that 
some  of  the  ONS's  were  experiencing  a much  greater 
incidence  of  failure  and  vhat  appeared  to  be  additional 
failure  modes  which  were  not  being  experienced  on 
either  the  C-130  or  NKC-135  aircraft.  As  a result  a 
complete  vibration  survey  of  the  shaker  table  was  made. 

A significant  vibration  was  found  in  the  input  vibra- 
tion levels  to  the  various  units  under  test.  There- 
fore, the  vibration  test  levels  were  reduced  to  a point 
where  no  units  experienced  vibration  inputs  above  the 
specification  limits.  This  resulted  in  a greatly  reduced 
failure  rate  for  the  test  specimens. 

It  is  recommended  that  future  CS/RT’s  not  use  com- 
posite vibration  environments.  Rather,  the  actual 
environment  of  the  intented  aircraft  should  be  simulated 
as  closely  as  practical  if  the  field  and  CS/RT  data  are 
to  be  correlated.  Data  seemed  to  indicate  that  use  of 
gual if ication  environmental  levels  produced  failure  modes 
not  seen  in  day  to  day  usage. 

Failure  Definition  « 

Prior  to  the  start  of  tne  OMEGA  preproduction  test, 
a concerted  effort  was  made  to  describe  in  detail  what 
constituted  a failure.  However,  each  of  the  contractors, 
the  AFFDL  and  MAC  later  attempted  to  redefine  a failure. 

In  each  case,  the  contractors  reverted  to  the  original 
contract  definition  as  a result  of  Air  Force  applied 
contractual  pressure.  This  was  absolutely  necessary 
since  the  data  being  generated  was  being  used  as  an 
input  to  the  Life  Cycle  Cost  (LCC)  Model,  which  in  turn  was 
being  used  in  the  Source  Selection  process.  This  was 
reguired  if  each  of  the  offers  was  to  be  treated  fairly. 

The  contract  defined  a failure  as  the  occurance 
of  any  of  the  following  conditions i 

a.  Eguipment  not  meeting  its  specified  performance 
reguirements. 

b.  A fracture  or  permanent  deformation  of  any  LRU, 
SRU,  component  or  piece  part. 

c.  Any  fixed  part  or  assembly  coming  loose. 
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d.  Any  movable  part  coming  loose  or  sluggish  in 
operation. 

e.  Any  movable  control  being  shifted  in  setting, 
position  or  adjustment. 

f.  The  need  for  any  electrical  or  mechanical 
adjustment  in  order  to  meet  the  specified  performance 
reguirements. 

In  the  CS/RT,  the  AFFDL  prepared  test  report  separated 
the  failures  into  the  following  catagoriesi 

a.  Relevant  failure  - any  failure  that  occurred  in 
the  CS/RT  cycle  which  was  not  attributed  to  improper 
test  facility  operation.  (This  follows  the  contractual 
definition  closely.) 

b.  Significant  failure  - a relevant  failure  that 
would  probably  be  written  up  by  the  flight  crew. 

c.  Nuisance  failure  - other  relevant  failures  such 
as  the  illumination  of  a "failure"  lamp,  which  would  not 
normally  be  written  up  by  the  flight  crew. 

d.  C-130  significant  failures  were  all  significant 
failures  except  those  that  occurred  during  environmental 
stresses  not  present  in  the  C-130. 

The  IOT&E  Test  Report  considered  any  condition  which 
would  result  in  the  unit  being  removed  from  the  aircraft 
for  maintenance  as  a failure. 

While  there  is  considerable  merit  in  each  of  the 
above  definitions,  a single  definition  should  be  estab- 
lished in  the  preproduction  Request  for  Proposal  (RFP) 
and  adhered  to  throughout  all  test  programs.  In  our 
particular  case  the  rank  order  of  the  various  equipments* 
reliability  could  be  altered  depending  upon  which  failure 
definition  was  selected. 

It  was  noted  that  the  MTBF's  demonstrated  by  the 
various  equipment  correlated  quite  closely  between  the 
CS/RT  and  the  limited  fliqht  test  when  the  contractual 
failure  definition  was  employed.  However,  there  was  an 
order  of  magnitude  difference  between  the  MTBF's 


observed  during  Cs/RT  using  the  contractual  definition 
and  that  reported  in  the  IOT&E  Test  Report.  This 
difference  is  believed  to  be  attributed  to  the 
differences  in  failure  definition. 

Test  Scheduling 

The  OMEGA  CS/RT  was  timed  to  begin  approximately 
one  (1)  week  after  the  scheduled  delivery  of  the 
hardware  and  was  to  continue  on  a twenty-four  (24) 
hour  day,  seven  (7)  day  per  week  basis  until  the  con- 
tractors' production  proposals  were  submitted.  This 
very  stringent  test  schedule  was  established  in 
the  field  reliability  for  each  competing  design  within 
schedule  constraints. 

Several  problems  were  encountered  which  precluded 
the  test  from  starting  as  scheduled.  There  were 
slippages  in  the  delivery  of  test  specimens,  the  com- 
pletion of  the  chamber  modification  was  delayed, 
chamber  start-up  problems  were  encountered,  the  test 
specimens  had  incompatibilities  with  the  simulation 
and  often  times  the  test  specimens  failed  shortly  after 
installation  in  the  test  chamber.  All  of  these  diffi- 
culties resulted  in  about  a one  and  one-half  (I1?)  month 
delay  in  the  acguisition  of  meaningful  test  data.  The 
testing  was  then  continued  until  the  very  day  the 
offerors'  proposals  were  to  be  submitted  to  the  Air 
Force  for  evaluation. 

The  established  schedule  was  soon  modified  to 
eliminate  weekend  operations.  This  was  necessary  since 
the  manpower  reguirements  for  test  chamber  operation  and 
data  taking  had  been  significantly  underestimated.  In 
retrospect,  the  problems  associated  with  the  accomplish- 
ment of  the  CS/RT  were  significantly  underestimated. 

Generally,  the  first  one  and  one-half  (1*5)  months 
of  the  test  program  expired  before  the  test  chambers 
were  operating  properly,  the  infant  mortality  and  major 
repetitive  failure  modes  of  the  test  specimens  were 
corrected,  and  test  data  which  might  be  considered 
representative  of  field  operation  was  being  obtained. 
Further,  the  final  two  (2)  weeks  of  test  had  very  little 
utility  because  the  contractors'  proposal  preparation 
deadline  prevented  the  analysis  and  correction  of  any 
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failure  modes  which  were  encountered  durinq  that  time 
period.  This  essentially  left  the  OMEGA  2041  Proqram 
with  one  and  one-half  (1*?)  months  of  test  data  which 
could  be  used  in  assessinq  the  equipment’s  reliability. 

Therefore,  we  conclude  that,  when  a CS/RT  is  to 
be  used  in  the  preproduction  phase  of  a proqram,  a 
minimum  of  four  (4)  months  of  testing  and  two  (2) 
months  of  analysis  should  be  scheduled  prior  to  the 
receipt  of  production  proposals.  If  this  time  period 
is  not  available  because  of  ther  procram  constraints, 
the  elimination  of  CS/RT  should  be  considered. 

In  event  a C5/RT  were  to  be  used  as  part  of  a produc- 
tion Reliability  Improvement  Proqram  backed  up  by  a 
Reliability  Improvement  Warranty,  the  schedule  can  be 
considered  far  less  constraining  from  the  aovernment's 
point  of  view.  Here,  the  potential  for  the  contractors’ 
increased  profits  or  reduced  loss  will  provide  incentive 
for  the  contractor  to  identify  and  correct  failure  modes 
early  in  the  proqram.  The  cost  of  accomplishing  the 
test  per  unit  of  time  and  the  money  available  will 
probably  be  the  drivinq  consideration. 

Cost 


The  identifiable  costs  to  the  government  for  accom- 
plisnina  the  OMEGA  2041  CS/RT  was  $868. 2K.  This  fiqure 
does  not  include  the  cost  of  test  specimens,  contractor 
support  for  their  installation  and  repair  nor  test 
failure  reporting.  This  cost  did  include  $637. 7k  for 
the  modification  of  an  environmental  test  chamber  which 
was  located  at  the  AFFDI  . This  modification  included 
the  purchase  of  a random  vibration  generator,  the  fabri- 
cation of  the  unique  test  fixtures  and  the  refurbish- 
ment of  the  existinq  temperature/altitude/humiditv 
control  systems.  The  test  facility  was  manned  by  techni- 
cians under  a contract  to  a local  firm  for  $74. OK.  The 
OMEGA  Siqnal  Simulator  was  provided  by  the  Naval  Elec- 
tronics Laboratory  Center  for  a cost  of  $156, 5K. 

CS/RT  should  not  be  considered  a panacea  which 
will  alone  solve  the  Air  Force’s  avionics  reliability 
problems.  However,  it  can  be  a very  useful  part  of  a 
comprehensive  test  and  reliability  growth  proqram. 
Unfortunately,  there  are  certain  pitfalls  which  must  be 
avoided  in  its  application.  The  following  is  a summary 
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of  the  major  point  in  this  paper  in  their  relative  order  of 
importance. 


a.  The  environmental  test  profile  should  reflect 
as  closely  as  possible  the  day  to  day  environment  which 
the  equipment  will  experience  in  the  field.  This 
environment  should  include  a vibration  spectrum  which 
is  representative  of  a sinqle  class  of  aircraft  at  any 
one  time  rather  than  a composite  vibration  representinq 
multiple  aircraft,  Differinq  vibration  spectra  used  on 
alternatinq  cycles  is  one  method  that  should  be 
considered  if  the  application  is  multi-aircraft.  No 
attempt  should  be  made  to  include  enqineerinq  qualifi- 
cation test  limits  into  the  environmental  profile, 

fc.  Sufficient  time  must  be  allowed  in  the  proqram 
schedule  for  conductinq  and  analyzinq  the  CS/RT  data 
if  the  test  results  are  to  be  meaninqful, 

c.  The  failure  definition  which  is  to  be  used  for  the 
test  should  be  very  carefully  defined  and  fairly  adminis- 
tered if  the  test  data  is  to  be  meaninqful  for  source 
selection  purposes  or  for  LCC  estimates, 

d.  The  concept  of  failure  censor inq  must  be 
carefully  administered  to  insure  that  the  results  of 
the  CS/RT  are  not  diluted  by  paper  proposals, 

e.  The  question  of  whether  CS/RT  should  be  a 
qovernment  or  a contractor  conducted  test  should  be 
carefully  analyzed  in  the  light  of  the  primary  test 
objective. 
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ABSTRACT 


Attitude  control  system  requirements  for  recent  spacecraft  mis- 
sions have  emphasized  the  need  for  strapdown  IMU's  which  combine 
the  capability  to  provide  a precision  three-axis  attitude  ref- 
erence with  long  mission  life.  This  paper  provides  a brief 
description  and  evaluation  summary  for  two  high  performance 
strapdown  IMU's  which  utilize  single  axis  gyroscopes  operated 
with  pulse  rebalance  servo  electronics  as  the  inertial  sensors. 
The  IMU's  discussed  have  recently  completed  their  qualification 
test  programs  for  two  scientific  spacecrafts:  a six  sensi  IMU 

developed  for  the  International  Ultraviolet  Explorer;  and.  a 
modular  two  sensor  IMU  developed  for  the  High  Energy  Astronomy 
Observatory.  Both  IMU's  will  be  in  orbital  operation  within  six 
months . 


INTRODUCTION 


I . 


Both  IMU's  discussed  in  this  paper  utilize  the  64  PM  RIG  gas 
bearing  gyro  as  the  inertial  sensor.  The  gyro  is  operated  in  a 
binary  (forced-limit-cycle)  pulse  rebalance  mode  which  uses 
quantized  pulse-width-modulation  of  the  gyro  torquing  signal. 
This  technique  has  been  demonstrated  to  be  eminently  suitable 
for  applications  requiring  a high  dynamic  range,  i.e.,  a rela- 
tively high  ratio  of  maximum  torquing  rate  to  attitude  quantiza- 
tion (pulse  weight).  The  packaging  techniques  utilized  to  mini- 
mize IMU  weight  and  volume,  including  the  use  of  custom-design 
hybridized  microelectronics,  are  briefly  described. 

The  specific  IMU  performance  test  results  summarized  include 
environmental  testing  to  simulate  spacecraft  launch  vibration 
and  shock  associated  with  launch  vehicle  stage  separation  as 
well  as  thermal /vacuum  testing  to  simulate  orbital  operation. 
Detailed  performance  evaluation  is  provided  for  the  stability 
and  noise  content  of  the  attitude  reference  furnished  by  the 
IMU  for  time  periods  ranging  from  100  milliseconds  to  hours, 
scale  factor  linearity  and  stability,  repeatability  of  alignment 
through  environments,  and  sensitivity  to  external  disturbances 
such  as  magnetic  fields  and  spacecraft  bus  voltage  variations. 

Test  data  is  examined  which  demonstrates  the  ability  of  the  IMU 
to  maintain  an  attitude  reference  within  1.0  arc-second  for 
time  periods  exceeding  30  minutes,  scale  factor  linearity  of 
50  ppm,  and  scale  factor  randomness  of  several  ppm.  Also, 
briefly  described  are  the  highly  specialized  test  techniques 
utilized  to  establish  these  performance  parameters. 

II . GYRO  DESCRIPTION 

The  size  64  Permanent  Magnet  Rate  Integrating  Gyroscope  (64  PM 
RIG)  is  an  inertial  grade  single-degree-of-f reedom  sensor  con-  -r 
taining  an  advanced  ceramic  hydrodynamic  gas  bearing  wheel 
assembly  driven  by  a synchronous  motor.  The  wheel  and  motor 
stator  are  mounted  in  a hermetically-sealed  cylindrical  float 
which  is  filled  with  an  inert  gas.  The  float,  which  is  also  of 
ceramic  construction,  is  enclosed  in  a sealed  outer  case  which 
houses  a microsyn  signal  generator  and  a dual-scale  permanent- 
magnet  torquer.  The  outer  case  is  filled  with  a high-density 
high-viscosity  flotation  fluid  which,  at  the  gyro  operating  tem- 
perature, provides  the  float  with  damping  and  nearly  neutral 
buoyancy,  tending  to  isolate  it  from  extraneous  disturbances. 

A pair  of  electromagnetic  suspensions,  one  at  each  end  of  the 
gyro  and  comprised  of  an  8-pole  high-pormeabil ity  laminated 
stator  and  a tapered  cylindrical  ferrite  rotor,  compensates  for 
any  error  in  buoyancy  and  stabilizes  the  axial  and  radial  re- 
lationships between  the  gyro  float  and  case.  The  suspension  ex- 
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citation  circuitry,  which  is  basically  an  i nductance-capac i tance 
bridge,  is  operated  at  the  upper  half-power  point  on  its  reso- 
nant characteristic  to  obtain  nearly  optimum  stiffness  and  lin- 
earity. 

Internal  thermistors  immersed  in  the  flotation  fluid  are  used 
for  temperature  monitoring  and  active  control  of  the  heater 
assembly  wrapped  around  the  gyro  case.  Bellows  at  both  ends  of 
the  gyro  allow  for  thermal  expansion  of  the  flotation  fluid. 

A listing  of  basic  parameters  of  the  64  PM  RIG  is  given  in 
Table  1.  Life  data,  previous  flight  history,  and  vibration 
test  results  for  this  gyro  type  is  available  in  a paper  pub- 
lished by  Bendett,  et . al.  . 


Table  1.  64  PM  RIG  Parameters 


Cylindrical  Dimensions  (in.) 

2.5  dia.  x 4.0  long 

Weight  ( lbs . ) 

1 . 70 

Wheel  Power  (watts) 

3.6 

Angular  Momentum  ( dyne-cm-sec ) 

430K 

Torquing  Capability  at 

40  mA  (deg /sec) 

7 

III.  RATE  SENSOR  DESIGN 


— 

Ilia.  PULSE  REBALANCE  LOOP  ELECTRONICS 


When  the  64  PM  RIG  is  operated  with  pulse  rebalance  loop  elec- 
tronics, it  is  designated  a Rate  Sensor  and  a simplified  func- 
tional block  diagram  is  shown  in  Figure  1. 


The  servo  electronics  consist  essentially  of  two  processing 
sections:  analog  and  digital.  The  analog  section  is  made  up 

of  an  error  amplifier,  a phase  sensitive  demodulator,  and  an 
active  filter  stage  that  implements  signal  amplification  and 
frequency  shaping  to  provide  the  requisite  dynamic  response. 

The  digital  section  is  made  up  of  a pulse-width  modulator,  a 
quantizer,  and  a precision  current  switch.  The  function  of 
this  section  is  to  digitize  and  synchronize  the  signal  re- 
ceived from  the  analog  section  into  a bi-directional  variable- 
width  rectangular-current  waveform,  to  be  applied  to  the  gyro 
torquer.  The  modulation  mechanization  employs  two  frequencies 
derived  from  the  same  reference  clock.  The  lower  of  the  two, 
the  sawtooth  frequency,  fs,  is  the  torquing  frequency  and  de- 
termines the  period  of  the  pulse  width  applied  to  the  torquer. 
The  higher  or  quantizing  frequency,  2fq,  determines  the  number 
of  discrete  modulation  states  that  can  be  assumed  by  the  torquer 
current  waveform.  When  the  input  is  zero,  the  torquer  current 
waveform  is  characterized  by  a fifty  percent  duty  cycle;  for 
inputs  other  than  zero,  the  duty  cycle  changes  proportionally 
with  the  input  amplitude. 

In  the  Output  Logic  Section,  the  quantizing  pulse  train,  2fq, 
is  gated  with  the  same  quantized  PWM  waveform  used  in  generat- 
ing the  torquing  signal,  thereby  obtaining  data  pulses  corres- 
ponding to  positive  torquing  commands  and  negative  torquing 
commands.  These  data  pulses  are  accumulated  in  an  up/down 
counter  whose  content  is  a digital  representation  of. the  net 
angular  motion  sensed  by  the  gyro.  Bendett , et . al.,  ' provide 
a detailed  description  of  the  design  considerations  for  this 
pulse  rebalance  loop  mechanization. 

Illb.  RATE  SENSOR  MECHANICAL  PACKAGING 

Due  to  the  stringent  weight  and  volume  restrictions  of  the  two 
strapdown  IMU's  described  in  this  paper,  the  pulse  rebalance 
electronics  functionally  described  above  are  packaged  into  six 
hybrid  microcircuits.  In  addition,  three  types  of  drive  elec- 
tronics functions  (gyro  wheel  drive,  gyro  temperature  control, 
and  power  inverter  drive)  are  packaged  into  hybrid  microcir- 
cuits. All  of  these  devices  are  designed  and  fabricated  by 
Bendix . 

The  hybrid  microcircuits  consist  of  nine  (9)  distinct  types  ex- 
hibiting power  dissipations  up  to  850  mW  with  an  attendant 
power  density  as  high  as  2.2  watts/in^,  chip  populations  as 
high  as  50  elements,  and  with  a rated  operating  temperature 
range  of  -15  to  +95°C.  The  hybrid  circuits  consist  of  silicon 
active  elements  in  chip  form,  as  well  as  thin  film  chip  re- 
sistors and  ceramic  capacitors.  Both  thin  and  thick  film  tech- 
nology is  used  for  the  substrate.  Die  and  chip  bonding  is  ac- 
complished by  either  gold-silicon  eutectic,  electrically  con- 
ductive and  non-conductive  epoxies,  in  various  combinations. 


3 


Electrical  interconnections  are  performed  with  aluminum-silicon 
wire  using  ultrasonic  welding.  The  circuits  are  packaged  in 
hermetically  sealed  packages  of  16-pin  or  28-pin  sizes. 

The  six  hybrid  microcircuits  which  constitute  the  pulse  rebal- 
ance loop  electronics  are  packaged  into  a single  assembly  which 
is  mounted  to  one  end  of  the  gyro.  Mounting  this  assembly  to 
the  gyro  affords  the  advantages  of  providing  close  physical 
proximity  between  the  gyro  microsyn  signal  generator  and  the 
error  amplifier;  and,  providing  thermal  control  for  these 
performance-critical  electronics.  Figure  2 shows  the  Rate  Sen- 
sor with  its  top  cover  removed  to  allow  viewing  of  the  hybrid- 
ized pulse  rebalance  electronics  assembly. 

The  mechanical  alignment  of  the  Rate  Sensor  to  its  strapdown 
IMU  housing  is  controlled  by  two  precision  locating  pins  which 
are  accepted  by  the  sensor  mounting  flange.  The  Rate  Sensor 
mechanical  attachment  to  the  housing  is  made  at  three  thermal 
isolators  which  are  screwed  and  epoxied  into  the  housing  and 
then  drilled  and  tapped  to  accept  mounting  screws.  The  use  of 
thermal  isolators  increases  power  efficiency  by  causing  most 
of  the  gyro  heater  energy  to  heat  the  gyro  itself  rather  than 
the  housing. 


Figure  2.  64  PM  Rate  Sensor  With  Top  Cover  Removed 
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IV.  DESCRIPTION  OF  THE  HIGH  ENERGY  ASTRONOMY  OBSERVATORY/ 


The  High  Energy  Astronomy  Observatory  program,  sponsored  by 
NASA,  involves  the  launching  of  three  unmanned  scientific  ob- 
servatories into  low  earth  orbit.  The  spacecraft  payload  in- 
cludes scientific  experiments  capable  of  detecting,  locating 
and  characterizing  high  energy  X-ray,  y-ray  and  cosmic  ray 
celestial  sources.  The  Reference  Gyro  Assembly  (RGA)  forms  a 
part  of  the  spacecraft  Attitude  Control  and  Determination  Sub- 
system (ACDS).  As  shown  in  Figure  3,  the  RGA  is  composed  of 
two  separate  subassemblies  designated  as  the  Rate  Sensor  Unit 
(RSU)  and  the  Electronics  Control  Unit(ECU).  The  RSU  houses  two 
64  PM  Rate  Sensors  and  an  optical  reference  cube.  Support  and 
interface  electronics  are  provided  in  the  ECU  for  the  two 
electrically  independent  channels. 

The  coordinate  frame  of  the  RSU  is  depicted  in  Figure  4 and 
illustrates  the  sensor  input  axis  with  a 31.7  degree  inclina- 
tion with  respect  to  the  mounting  surface.  When  arranged  ap- 
propriately, a set  of  three  RGA  assemblies  (six  gyros)  provides 
a non-orthogonal  strapdown  inertial  reference  system  with  input 
axis  corresponding  to  the  regular  dodecahedron  configuration 
shown  in  Figure  4 . The  HEAO  A and  C spacecrafts  utilize  two 
RGA  Systems  for  a tetrahedron  sensor  deployment.  In  the  case 
of  HEAO  B,  the  redundancy  of  the  sensor  complement  is  increased 
for  mission  reliability  reasons  and  a set  of  three  RGA  Systems 
are  employed  as  described  above. 

Digital  information  is  provided  by  the  RGA  in  the  form  of 
a 16  bit  word  with  a quantization  of  0.1  arc-second  and  a 
bandwidth  of  15  Hz.  Analog  rate  output  is  also  provided  for 
rates  between  +2.5  degrees/sec  with  a bandwidth  of  0.4  Hz. 

The  physical  characteristics  of  the  HEAO/RGA  are  summarized  in 
Table  2. 

Table  2 


HEAO/RGA  COORDINATE  FRAME  DEFINITION 


• 2 RGA  SYSTEMS  • 3 RGA  SYSTEMS 

• 4 RATE  SENSORS  • 6 RATE  SENSORS 

Figure  4.  HEAO  Input  Axes  Orientation  Relative  to 

The  Instrument  Frame  Triad  and  the  Dodecahedron 


V.  DESCRIPTION  OF  THE  INTERNATIONAL  ULTRAVIOLET  EXPLORER/ 
INERTIAL  REFERENCE  ASSEMBLY  ( IUE/IRA) (^) 

The  International  Ultraviolet  Explorer  (IUE)  is  a cooperative 
space  research  program  between  the  U.K.  Science  Research  Council, 
the  European  Space  Agency  and  NASA.  The  spacecraft  scientific 
instrument  is  a 45  cm.  diameter  reflecting  telescope  (with  asso- 
ciated diffraction  grating  spectrographs  and  camera  system)  for 
gathering  ultraviolet  rays  from  celestial  objects.  The  objec- 
tives of  IUE  are  to  obtain  high  resolution  (O.lA)  ultraviolet 
spectra  of  stars  and  planets  brighter  than  seventh  visual  magni- 
tude for  analyses  of  their  atmospheres  in  order  to  determine 
their  characteristics  and  to  obtain  lower  resolution  (6.0A) 
spectra  for  both  stellar  and  extended  objects  as  faint  as  12th 
to  15th  magnitude  for  investigation  of  objects  such  as  quasars, 
Seyfert  galaxies,  pulsars.  X-ray  sources  and  variability  pheno- 
mena. 

To  precisely  slew  and  point  the  spacecraft  to  the  desired 
sources  requires  the  use  of  a highly  accurate  and  stable  atti- 
tude control  system.  The  IUE  Inertial  Reference  Assembly 
(IUE/IRA)  is  the  prime  guidance  sensor  for  this  attitude  con- 
trol system. 

The  IRA  consists  of  six  64  PM  Rate  Sensors  mounted  in  a base- 
plate structure  (designated  the  Sensor  Unit)  and  a separate 
electronics  assembly  containing  support  electronics  (designated 
the  Electronic  Control  Unit).  The  IUE/ IRA  is  shown  in  Figure  5. 

The  Sensor  Unit  employs  an  "open  box"  configuration  to  conserve 
weight  and  is  mounted  directly  to  the  side  of  the  telescope. 

Thus,  the  Rate  Sensors  are  directly  exposed  to  a deep  space 
environment  as  well  as  thermal  reflections  from  the  telescope. 

A severe  design  challenge  arose  from  the  need  to  minimize  heat 
flow  from  the  Sensor  Unit  to  the  telescope  while  maintaining 
the  integrity  of  the  structural  design  in  the  presence  of  the 
launch  vibration  environment.  These  design  constraints  led  to 
the  use  of  beryllium  for  the  Sensor  Unit  baseplate  structure 
and  titanium  brackets  for  mechanical  attachment  to  the  tele- 
scope . 

The  physical  characteristics  of  the  IUE/IRA  are  listed  in 
Table  3. 

The  IUE/IRA  is  configured  so  that  any  three  of  the  six  inde- 
pendent Rate  Sensor  channels  can  support  the  mission  which  has 
a life  goal  of  five  years.  The  Sensor  Unit  input  axis  defini- 
tion is  shown  in  Figure  6.  The  use  of  all  Rate  Sensor  channel 
outputs  offers  a performance  advantage  through  the  use  of  in- 
formation filtering  techniques. 


gure  5.  The  IUE/IRA  System  (With  Top  Covers  Removed) 


n'he  Rate  Sensors  have  a dual  range  capability  which  is  comma nd- 
able  through  the  spacecraft  command  link.  A +5  deg/sec  rebal- 
ance range  (with  an  attendant  attitude  quantization  of  0.3  arc- 
sec/bit)  is  used  to  support  final  despin  of  the  spacecraft 
after  orbital  insertion  and  high-rate  slew  maneuvers.  A +600 
arc-sec/sec  rebalance  range  (with  an  attendant  attitude  quan- 
tization of  0.01  arc-sec /bit)  allows  for  both  high  precision 
attitude  stabilization  and  high  accuracy  low-rate  slew  maneuvers. 


Figure  6.  IUE/IRA  Input  Axis  Configuration 
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V I . TEST  FVAI.L'AT  I ON  OF  THU  HKAO/RGA  AND  IUE/IRA 
Via.  INTRODUCTION 

Design  verification  (performed  by  system  test  evaluation  of 
these  IMU's)  represents  as  severe  a challenge  as  does  the  in- 
itial design  and  development  of  these  systems.  Assuring  that 
the  resultant  test  data  is  to  a large  measure  representative 
of  the  IMU  capability  rather  than  being  corrupted  by  external 
influences  (e.g..  base  motion)  requires  extreme  care  in  the 
design  of  test  facilities  and  techniques.  All  performance 
testing  of  these  IMU's  is  conducted  in  a temperature  and 
humidity-stabilized  facility  housing  large  stable  piers  which 
are  isolated  from  the  building  foundation.  Precise  and  stable 
turntables  for  sub  arc-second  positioning  of  the  IMU  and  rate 
tables  which  can  impart  rates  about  the  IMU  with  ppm  accuracy 
are  utilized.  IMU  output  data  is  compiled  by  a general  pur- 
pose test  computer  that  operates  under  conversat iona 1 tele- 
type command  from  the  test  conductor.  Figure  7 is  a photo 
which  illustrates  a typical  test  setup  for  the  HEAO/RGA  and 
includes  a rate  table,  a custom-design  test  station,  and  a 
test  computer. 


( 


\ 


A generalized  test  sequence  for  design  verification  of  these 
IMF's  is  shown  in  Figure  8.  The  sequence  simulates  the  vibra- 
tion and  shock  exposures  which  accompany  vehicle  launch  and 
staging  followed  by  the  thermal / vacuum  conditions  existing  in 
orbital  operation.  The  pre  and  post-environmental  functional 
test  provides  detailed  performance  evaluation  of  the  IMU  before 
and  after  its  environmental  exposures  and  thus  enables  a de- 
termination as  to  any  effect  of  these  environments  upon  per- 
formance. The  operational  functional  test  between  the  vibration 
and  thermal /vacuum  environments  is  used  to  assure  that  the  IMU 
is  fully  operat iona 1 following  the  vibration  exposure. 

Representative  data  from  the  HEAO/RGA  and  IUE/IRA  test  programs 
in  the  following  categories  of  performance  are  presented  below 

• Attitude  Reference  Stability  Characterization 

• Scale  Factor  Linearity  and  Stability 

• Sensitivity  to  External  Disturbances 

• Environmental  Verification 

• Stability  of  Alignment  through  Environments 


Figure  8.  Generalized  IMU  Test  Sequence 
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VIb. 


ATTITUDE  REFERENCE  STABILITY  CHARACTERIZATION 


In  the  HEAO  and  IUE  applications  the  gyro  drift  rate  is  period- 
ically calibrated  and  software  compensated  using  other  vehicle 
sensors.  Consequently,  it  is  the  stability  of  the  drift  rate, 
over  time  periods  between  calibration  updates  or  during  experi- 
ment-pointing intervals  which  is  of  most  interest  (rather  than 
the  absolute  magnitude  of  gyro  drift  rate).  This  section  ex- 
amines the  stability  of  the  attitude  reference,  i.e.  the  varia- 
bility of  drift  rate,  furnished  by  these  IMU's,  using  several 
data  gathering  and  reduction  techniques. 

The  simplest  representation  of  drift  rate  stability  is  a direct 
time-history  record  of  sensor  drift.  Shown  in  Figure  9 is  an 
example  of  this  data  obtained  from  one  channel  of  the  IUE/IRA 
with  a 28-minute  data  averaging  time  over  20  hours.  This  data 
is  derived  by  the  accumulation  of  sensor  output  pulses  for 
consecutive  28-minute  averaging  times,  conversion  of  the  summed 
output  pulses  to  an  average  drift  rate  over  each  28-minute 
period,  and  removal  of  the  fixed  component  of  gyro  drift  rate 
so  as  to  examine  drift  rate  variability.  Two  measures  of  the 
drift  rate  variability  are  the  slope  of  a best-fit  line  through 
this  data,  termed  the  drift  rate  ramp,  and  the  maximum  devia- 
tion of  the  28-minute  averages.  The  data  shown  in  Figure  9 
has  a drift  rate  ramp  of  1.02  x 10_6  deg/hr2  and  a maximum 
deviation  of  4.0  x 10“4  deg/hr. 


QUANTIZATION  - 0.01  ARC-SECONDS  OA  5°  FROM  VERTICAL 
RATE  RANGE  - +600  ARC-SEC/SEC  IA  5°  UP  FROM  HORIZ. 


SLOPE  - +1.02  x 10"6  DEG/HR2 
MAX  DEVIATION  - 0.0004  DEG/HR 


Figure  9.  64  PM  Rate  Sensor,  20-Hour  Drift  Rate  Run 
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The  drift  rate  ramp  criteria  described  above  is  generally 
applied  to  data  taken  over  a period  of  10  hours  or  longer  and 
is  useful  in  determining  the  frequency  with  which  orbital  cal- 
ibration updates  of  the  gyros  are  required.  Typical  celestial- 
experiment  observation  durations,  however,  are  significantly 
shorter,  e.g.  30  minutes,  and  thus  data  reduction  techniques 
which  allow  an  assessment  of  the  attitude  error  buildup  attri- 
butable to  the  IMU  for  these  experiment-pointing  durations  are 
also  utilized  and  are  described  below. 

The  technique  used  in  testing  the  IUE/IRA  to  determine  its 
attitude  error  buildup  for  a typical  experiment  duration  pro- 
ceeds as  follows:  The  IUE/IRA  is  oriented  so  as  to  minimize 

the  g-sensitive  error  term  of  the  gyros;  output  pulses  of  the 
Rate  Sensor  channels  are  recorded  at  100  millisecond  accumula- 
tion intervals  (the  IUE  spacecraft  computer  interrogation  rate) 
and  then  summed  to  form  consecutive  one  minute  data  points  for 
a total  data  record  of  45  minutes;  the  first  15  minutes  of  the 
data  record  is  used  to  establish  the  nominal  least  squares  drift 
rate  of  each  channel  which  is  then  removed  from  the  following  30 
minutes  of  data;  and,  finally  the  fixed-drift  compensated  30 
minute  interval  of  data  is  integrated  to  form  the  accumulated 
attitude  error  buildup.  An  example  of  this  data  for  one  chan- 
nel of  the  IUE/IRA  is  shown  in  Figure  10  and  shows  that  the 
attitude  reference  is  maintained  within  0.5  arc-second  over  the 
30  minute  test  period. 

QUANTIZATION  - 0.01  ARC  SEC  OA  5°  FROM  VERTICAL 

RATE  RANOE  - +600  ARC  SEC/SEC  IA  5°  UP  FROM  HORIZONTAL 


Figure  10.  64  PM  Rate  Sensor  Attitude  Error  Angle  Vs.  Time 
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The  test  described  above  enables  evaluation  of  the  attitude 
error  buildup  of  the  IUE/IRA  over  a typical  experiment  dura- 
tion. Of  equal  importance  for  experiment-pointing  performance 
evaluation  is  the  point-to-point  attitude  variation  of  the  IMU 
output  data  when  gathered  at  the  interrogation  rate  of  the 
spacecraft  computer.  This  is  designated  "attitude  jitter"  and 
is  evaluated  in  the  following  manner:  the  data  is  gathered  by 

recording  the  channel  output  at  100  millisecond  accumulations 
for  a period  of  45  minutes.  Th<?  fixed  drift  rate  characteris- 
tic is  removed  from  the  data  and  the  residual  plotted  as  atti- 
tude angle.  The  "attitude  jitter",  the  deviation  in  attitude 
between  consecutive  100  millisecond  data  accumulations,  is 
plotted  for  a typical  60  second  segment  in  Figure  11.  The 
"attitude  jitter"  is  seen  to  be  well  under  0.1  arc-seconds. 


QUANTIZATION  * 0.01  ARC  SECONDS 


OA  5°  FROM  VERTICAL 


RATE  RANGE 


+600  ARC  SEC/SEC  IA  5°  UP  FROM  HORIZONTAL 


TIME  IN  SECONDS 

Figure  11.  64  PM  Rate  Sensor,  Attitude  Jitter 


An  alternative  technique  for  determining  the  point-to-point  at- 
titude variation  of  the  IMU  output  data  when  gathered  at  the 
interrogation  rate  of  the  spacecraft  computer  is  used  in  test- 
ing the  HEAO/RGA  and  proceeds  as  follows:  The  gyro  output  axis 

is  oriented  vertical  and  input  axis  east  to  minimize  drift,  the 
Rate  Sensor  channel  output  is  recorded  for  consecutive  320 
millisecond  accumulation  periods  (HEAO  spacecraft  computer  in- 
terrogation rate)  for  a total  data  record  32  minutes  in  dura- 
tion. A straight  line  fit  to  the  data  is  made  and  "attitude 


STANDARD  DEVIATION  (PULSES/TIME) 


noise"  is  defined  as  the  standard  deviation  of  the  departure 
of  the  data  points  from  the  line.  "Short  term  attitude  noise" 
is  defined  as  the  variation  in  departure  of  any  three  success- 
ive data  points  from  the  line. 

Additional  information  is  obtained  from  the  total  data  set  by 
grouping  the  data  points  into  larger  time  increments  and  then 
recomputing  the  attitude  noise  as  defined  above.  A typical  32 
minute  HEAO/RGA  data  record  reduced  in  this  manner  is  shown  in 
Figure  12  with  integration  times  ranging  from  0.32  seconds  to 
640  seconds.  The  straight  line  drawn  through  the  data  depicts 
the  theoretical  characteristic  for  a random  variable  when 
grouped  in  N increments  of  the  original  data  points. 


NUMBER  OF  GROUPED  DATA  POINTS  (N1 


Figure  12.  64  PM  Rig  Rate  Sensor,  Attitude  Noise  Vs. 

Integration  Time 


The  techniques  described  above  for  characterizing  the  attitude 
reference  furnished  by  the  IMU  involves  test  data  reduction 
exclusively  in  the  time  domain.  Additional  useful  information 
can  be  obtained  by  utilizing  a frequency  domain  evaluation  of 
IMU  output  data,  namely  its  Power  Spectral  Density  (PSD).  The 
manner  in  which  the  PSD  is  calculated  using  consecutive  test 
data  accumulation  intervals  gathered  over  a finite  record  length 
is  described  by  Bendett,  et  al/1' 

The  PSD  is  particularly  useful  when  analyzing  an  overall  vehicle 
control  system  in  which  the  gyro  drives  a control  loop  sensitive 
to  only  a narrow  frequency  band.  In  such  cases,  the  rms  gyro 
drift  rate,  which  is  the  integral  under  the  entire  PSD  curve, 
is  not  a very  revealing  measure  of  IMU  performance. 

A HEAO/RGA  PSD  characteristic  based  on  a 20  second  duration 
data  record  and  using  20  millisecond  accumulation  periods  is 
shown  in  Figure  13.  The  rms  drift  rate  for  various  frequency 
lands  can  be  found  by  taking  the  square  root  of  corresponding 
areas  under  the  PSD  curve.  The  results  are  shown  in  Table  4. 


Figure  13.  64  PM  Rate  Sensor, Drift  Rate  Power  Spectral  Density 
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TABLE  4 


RMS  Noise  vs  Frequency  Band 
for  64  PM  Rate  Sensor 


Frequency  Band 
(Hz) 

RMS  Noise 
(Deg  per  Hour) 

0.125  to  1.25Hz 

0.19 

0.125  to  3.13Hz 

0.35 

0.125  to  6.25Hz 

0.52 

0.125  to  12.50Hz 

0.71 

Vic.  SCALE  FACTOR  LINEARITY  AND  STABILITY 

IMU  output  data  is  processed  by  the  spacecraft  computer  using  a 
scale  factor  (arc-seconds/bit)  determined  by  calibration  test 
of  each  IMU  channel.  A single  numerical  scale  factor  is  assumed, 
independent  of  the  actual  operating  point  of  the  Rate  Sensor 
within  its  rate  range.  Consequently,  it  is  critically  important 
that  IMU  scale  factor  linearity,  throughout  the  rate  rangetbe 
stringently  controlled  so  as  to  limit  spacecraft  attitude  con- 
trol system  errors  that  result  from  scale  factor  non-linearities. 
In  addition,  the  stability  of  scale  factor,  both  short  and  long 
term,  is  of  importance  in  a high  performance  attitude  control 
system.  The  performance  verification  of  these  IMU  parameters 
is  described  below. 

IMU  scale  factor  characteristics  are  determined,  on  an  individ- 
ual sensor  basis,  using  a precision  multi-faced  mounting  fixture 
to  orient  the  gyro  input  axis  along  the  rotation  vector  of  a 
high  accuracy  rate  table.  Scale  factor,  at  a given  rate,  is 
determined  by  measuring  the  Rate  Sensor  output  for  positive  and 
negative  polarities  of  that  input  rate  and  calculating  the  out- 
put/input scale  factor  gradient. 

In  evaluating  IUE/IRA  scale  factor  linearity,  the  mean  of  the 
scale  factors  measured  at  all  test  input  rates  is  calculated  and 
non-linearity  is  defined  as  the  deviation  of  the  scale  factor  at 
a given  rate  from  this  mean.  A typical  set  of  IUE/IRA  data, 
evaluated  in  this  manner,  is  shown  in  Figure  14.  As  seen  in 
this  figure,  the  maximum  non-linearity  observed,  over  the  rate 
range  of  +600  arc-seconds/sec,  is  30  ppm.  In  the  HEAO/RGA  ap- 
plication, the  Rate  Sensor  experiences  a nominal  input  rate  of 
0.2  deg/sec  during  the  celestial  scan  attitude  control  mode. 
Consequently,  scale  factor  non-linearity  is  defined  as  the  devia- 
tion in  scale  factor  at  each  test  input  rate  from  that  deter- 
mined at  0.2  deg/sec.  A typical  set  of  HEAO/ROA  scale  factor 
data  is  plotted  in  Figure  15.  As  seen  in  this  figure,  the  maxi- 
mum non-linearity  observed,  over  the  rate  range  of  +2.5  deg/sec, 
is  55  ppm. 


18 


QUANTIZATION  =0.01  ARC-SEC 
RATE  RANGE  = +600  ARC-SEC/ SEC 


OA  HORIZONTAL 
I A VERTICAL 


INPUT  RATE  IN  ARC-SEC/SEC 

Figure  14.  64  PM  RIG  Scale  Factor  Linearity, 
+600  Arc-Sec/Sec  Range 
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QUANTIZATION  0.1  ARC  SEC 
RATE  RANGE  +2.5  DEG/ SEC 
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Figure  15. 

64 

+2 

PM  Rate  Sensor  Scale  Factor  Linearity, 
.5  Deg/Sec  Range 
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Short  term  scale  factor  stability  is  evaluated  by  repeatedly 
measuring  Rate  Sensor  scale  factor  at  a given  input  rate.  An 
example  of  this  data,  for  the  HEAO/RGA,  is  shown  in  Figure  16 
and  is  based  on  repeated  measurement  of  scale  factor  at  a 0.2 
deg/sec  input  rate  over  a test  duration  of  four  hours.  The 
randomness  of  scale  factor  can  be  characterized  by  the  standard 
deviation  of  these  data  points,  which  is  seen  to  be  1.3  ppm. 

It  should  be  noted  that  the  repeatability  of  the  rate  table 
itself  is  approximately  one  ppm. 

Long  term  scale  factor  stability  is  evaluated  by  comparison  of 
the  Rate  Sensor  scale  factors  determined  in  the  pre  and  post- 
environmental  IMU  functional  tests,  performed  as  part  of  the 
overall  test  sequence  defined  in  Figure  8.  Therefore,  the 
two  measurements  of  scale  factor  are  separated  by  vibration, 
thermal /vacuum , and  electromagnetic  interference  exposures  as 
well  as  various  performance  tests.  For  the  IUE/IRA  qualifica- 
tion unit  these  two  scale  factor  tests  were  separated  by  a time 
period  of  85  days. 


Figure  16.  64  PM  Rate  Sensor  Stability,  Short  Term 
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Table  5 summarizes  a representative  sample  of  the  change  in 
measured  mean  Rate  Sensor  scale  factor  for  the  IUE/IRA  qualifi- 
cation unit.  The  measurements  were  performed  in  the  +600  arc- 
seconds/sec  low  rate  range  with  a nominal  attitude  quantiza- 
ti°D  °f  0-01  arc-seconds/bit.  The  observed  time  rate  of  change 
of  Rate  Sensor  scale  factor  is  seen  to  be  approximately  one  ppm 
per  day.  * 


Table  5 


Long  Term  Scale  Factor  Stability 


Sample 

Mean 

Change  in  Mean 

Period 

Scale  Factor 

Scale  Factor 

Sensor 

(days) 

( arc-seconds/bit ) 

( ppm) 

1 

85 

0.01011871 

36 

2 

85 

0.01003235 

88 

3 

85 

0.01010341 

32 

SENSITIVITY  TO  EXTERNAL  DISTURBANCES 

The  IMU  performance  testing  described  thus  far  in  this  paper  is 
conducted  in  the  benign  environment  of  an  inertial  guidance  test 
facility*  In  assessing  the  overall  performance  of  the  IMU,  it 
is  equally  important  to  determine  the  IMU  sensitivity  to 
external  disturbances  that  it  will  experience  in  orbital 
operation.  These  external  disturbances  include  spacecraft  bus 
voltage  variations,  magnetic  fields,  and  electromagnetic  fields; 
and,  their  influence  on  IMU  performance  is  discussed  below. 

In  some  spacecraft  applications  (IUE),  the  IMU  is  supplied  with 
a tightly  regulated  spacecraft  bus,  whereas  in  others  (HEAO), 
the  bus  voltage  supplying  the  IMU  changes  considerably  as  the 
solar  panel  sunlight  exposure  varies  cyclically.  Thus,  in  the 
HEAO  application,  the  sensitivity  of  critical  performance 
parameters  to  this  bus  voltage  variation  is  precisely  determined. 
The  sensitivity  of  the  Rate  Sensor  drift  rate  is  of  special 
interest  because  of  its  direct  influence  on  the  IMU  attitude 
reference.  The  measured  drift  rate  sensitivity  of  a typical 
HEAO/RGA  channel  to  input  power  supply  voltage  variation  is 
shown  graphically  in  Figure  17,  with  a best  fit  straight  line 
through  the  data  defining  the  average  sensitivity.  This  average 
sensitivity  is  seen  to  be  0.0014  deg/hr/volt.  This  data  is 
taken  with  the  gyro  output  axis  vertical  to  eliminate  g- 
sensitive  drift  terms. 


1 

DRIrr  OA  VI AT  QUANTIZATION  0.1  ARC  SEC 


Figure  17.  64  PM  Rate  Sensor  Drift  Rate  Voltage  Sensitivity 
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Additional  tests  to  determine  the  effects  of  voltage  variations 
on  scale  factor  and  alignment  demonstrated  the  following 
typical  sensi tivites : 

• Scale  Factor:  3 ppm/volt 

• Alignment:  1 arc-second/volt 

During  spacecraft  operation,  the  IMU  may  be  subjected  to  varying 
magnetic  fields  generated  by  other  onboard  equipment  (e.g., 
magnetic  torquers).  The  sensitivity  of  the  IMU  is  determined 
by  exposing  it  to  a magnetic  field  produced  by  a current  carry- 
ing coil.  The  IMU  is  oriented  with  the  magnetic  field  vector 
along  the  input,  output,  and  spin  axes  of  the  gyro  to  determine 
worst  case  orientation  sensitivity.  Figure  ir  depicts  worst 
case  HEAO/RGA  sensitivity  of  Rate  Sensor  drift  rate  to  a -5 
Gauss  magnetic  field  variation. 
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QUANTIZATION  - 0.1  ARC  SEC 
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MAGNETIC  FIELD  STRENGTH  (GAUSS) 


Figure  18.  64  PH  Rate  Sensor  ,Drift  Rate  Magnetic 

Field  Sensitivity 


Additional  tests  to  determine  magnetic  field  sensitivity  of 
scale  factor  and  alignment  demonstrated  the  following  typical 
parameter  variations  for  a change  of  *5  Gauss  in  magnetic  field 
strength : 


Scale  Factor: 
A1 ignment : 


20  ppm 
1 arc-second 


Cwb 
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During  spacecraft  operation,  the  IMU  may  be  subjected  to  a 
variety  of  electromagnetic  fields  generated  by  other  onboard 
equipment  (e.g.,  telemetry  transmitters).  In  addition, 
electromagnetic  fields  generated  by  the  IMU  itself  may  be  of 
concern  because  of  its  influence  on  other  equipment.  Therefore, 
these  IMU's  are  subjected  to  a series  of  electromagnetic  com- 
patibility tests.  It  is  beyond  the  scope  of  this  paper  to 
present  the  details  of  these  test  results.  Instead,  a listing 
of  categories  of  these  electromagnetic  compatibility  tests  is 
given  below: 

• Conducted  Electromagnetic  Interference 
® Radiated  Electromagnetic  Interference 

• Cable  Coupled  Electromagnetic  Interference 

• Audio  Frequency  Conducted  Susceptibility 

• Radio  Frequency  Conducted  Susceptibility 
® Transient  Conducted  Susceptibility 

a Radio  Frequency  Radiated  Susceptibility 

• Cable  Coupled  Susceptibility 

All  IMU  electromagnetic  compatibility  testing  is  performed  in  a 
totally  shielded  Bendix  test  facility.  A typical  test  setup 
(showing  a radiated  electromagnetic  interference  test  of  the 
HF.AO/RGA  ) is  seen  in  Figure  19- 
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Vie.  ENVIRONMENTAL  VERIFICATION 

In  operation,  the  strapdown  IMU  experiences  a variety  of  envi- 
ronments, associated  with  both  vehicle  launch  and  orbital  op- 
eration, which  it  is  required  to  withstand  without  performance 
degradation.  In  qualification  testing,  envi ronnental  levels 
somewhat  higher  than  those  anticipated  in  actual  usage  are 
specified  to  assure  a positive  design  margin.  To  verify  this 
capability,  the  IMU  is  subjected  to  an  extensive  series  of 
environmental  tests  as  detailed  below. 


The  need  to  maintain  precise  alignment  through  launch  environ- 
ments precludes  the  use  of  vibration  isolation  techniques  in 
high  performance  applications.  Consequently,  the  HEAO/RGA  and 
IUE/IRA  experience  substantial  vibration  levels  during  launch 
vehicle  liftoff.  The  IUE/IRA  system,  in  particular,  raised 
special  design  concerns  due  to  the  cantilevered  arrangement  of 
its  Sensor  Unit  support  brackets  and  the  resultant  amplifica- 
tion of  input  vibration  energy. 

Shown  in  Figure  20  is  the  IUE/IRA  Sensor  Unit  installed  on  a 
vibration  table  which  is  used  for  sine  and  random  vibration 
testing.  The  profiles  used  for  sine  and  random  vibration  qual- 
ification testing  are  given  below: 

SENSOR  UNIT  QUALIFICATION  - SINE  VIBRATION 
THRUST  AXIS  - X 


Freq 

(Hz) 

5 

- 10.8 

10.8 

- 15 

15 

- 21 

21 

- 35 

35 

- 60 

60 

- 200 

Levels  (g.O-pk) 


0.50"  D. A . 

3.0 

9.0 

5.0 
13.5 

2.3 


LATERAL  AXIS  - Y.  Z 


Sweep  Rate 


2 oct/min 


Freq.  (Hz) 

Levels  (g.O-pk) 

Sweep  Rate 

5-17 

6.0 

17  - 25 

3.0 

25  - 45 

6.0 

2 oct/min. 

45  - 200 

1.5 

SENSOR  UNIT  QUALIFICATION-RANDOM  VIBRATION 


Frequency  Range  (Hz) 


Overall  = 10.5  firms 
2 minutes/axis 


Figure  20.  IUE/IRA  Sensor  Unit  Undergoing  Vibration  Testing 


Figure  21.  HEAO/RGA  Pyrotechnic  Shock  Test  Setup 


Due  to  the  firing  of  pyrotechnics,  which  accompanies  stage  sep- 
aration of  the  launch  vehicle,  high-g  high-frequency  shock 
energy  is  imparted  to  the  IMU.  This  pyrotechnic  shock  is  simu- 
lated, in  HEAO/RGA  qualification  testing,  by  the  fixture  shown 
in  Figure  21.  The  shock  imparted  by  this  fixture  results  from  a 
hammer  being  dropped  along  a length  of  rod  and  impacting  a mass- 
loaded  spacecraft  equipment  bay  housing  the  IMU.  The  angle  of 
attack  of  the  rod  and  the  length  through  which  the  weight  is 
dropped  is  based  on  measurements  made  at  the  spacecraft  level 
during  actual  firing  of  separation  pyrotechnics. 


The  primary  resonances,  observed  during  sine  vibration  testing, 
occurred  at  95.  HO  and  240  Hz  for  the  three  axes  of  the  unit 
and  were  accompanied  by  an  amplification  factor  (Q)  of  approxi- 
mately 24.  During  random  vibration  testing,  the  acceleration 
level  experienced  by  the  Rate  Sensors  was  estimated  to  be  112 
g's  peak.  During  this  vibration  test  of  the  Sensor  Unit,  only 
the  gyro  heaters  were  energized  (simulating  the  IUE  launch  con- 
dition). Tests  conducted  prior  to  and  following  this  vibration 
exposure  demonstrated  no  apparent  performance  degradation  of  the 
IUE/IRA.  The  titanium  support  brackets  performed  as  designed, 
fulfilling  the  stringent  requirements  of  both  a structural  mem- 
ber and  a thermal  interface  isolator. 


During  HEAO/RGA  pyrotechnic  shock  qualification  testing,  the 
system  was  fully  operational  with  the  exclusion  of  the  gyro 
wheels  (simulating  the  HEAO  launch  condition).  The  response 
spectrum  of  the  imparted  shock  is  seen  in  Figure  22.  Detailed 
tests  confirmed  that  no  performance  degradation  occurred  as  a 
result  of  this  environmental  exposure.  For  IUE/IRA  pyrotechnic 
shock  qualification  testing,  a sine  equivalent  vibration  spec- 
trum was  utilized. 
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Figure  22.  HEA0/RC1A  Pyrotechnic  Shock  Spectrum 


In  the  HEAO  and  IUE  applications,  the  IMU  is  subjected  to  am- 
bient thermal  excursions  as  well  as  the  hard  vacuum  associated 
with  orbital  operation.  This  thermal /vacuum  environment  is 
simulated  as  part  of  IMU  qualification  testing.  The  IUE/IRA 
thermal/ vacuum  test  is  particularly  interesting  due  to  the 
manner  of  attachment  of  the  IMU  to  the  spacecraft  and  the  con- 
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sequent  test  complexity.  The  IUE/IRA  qualification  thermal/ 
vacuum  test  is  described  below. 


During  the  thermal/ vacuum  test,  both  the  IUE/IRA  Sensor  Unit 
and  the  Electronic  Control  Unit  were  tested  as  an  integral  sys- 
tem but  located  in  separate  compartments  of  the  test  chamber. 
This  was  done  to  simulate  the  different  environments  experi- 
enced by  the  two  units  in  orbital  operation.  The  Sensor  Unit 
was  mounted  to  a platen  thermally  controlled  to  -40°F  (simulat- 
ing the  spacecraft  telescope)  and  continuously  exposed  for  four 
days  to  a cyrogenic  shroud  operated  at  -200°F  (simulating  deep 
space).  The  Electronics  Control  Unit  was  contained  within  an 
enclosure  separate  from  the  shroud  and  platen  to  simulate  the 
interior  of  the  spacecraft.  The  Electronics  Control  Unit  en- 


closure was  thermally  controlled  to  the  profile  shown  in 
Figure  23.  Installation  of  the  IUE/IRA  in  the  test  chamber  is 


shown  in  Figures  24  and  25.  The  chamber  pressure  was  reduced 
to  below  1 x 10~5  Torr  and  maintained  during  the  four  day  ex- 


posure . 


Figure  24.  IUE/IRA  Thermal  Vacuum  Test  Setup 


figure  25.  IUE/IRA  Thermal  Vacuum  Instrumentation 
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Both  the  Sensor  Unit  and  Electronic  Control  Unit  were  extens- 
ively instrumented  with  thermal  probes  so  as  to  validate  such 
design  parameters  as  thermal  isolator  resistance,  surface  emis- 
sivity,  and  various  component  temperatures.  The  Rate  Sensors 
were  cycled  on/off  and  exercised  through  all  operational  modes 
during  the  four  day  test  period.  Total  system  power,  cool-down 
and  warm-up  rates,  Rate  Sensor  heater  duty  cycles,  and  heat 
transfer  to  the  mounting  structure  were  verified. 


VI f.  STABILITY  OF  IMU  ALIGNMENT  ACROSS  ENVIRONMENTAL  EXPOSURES 

The  alignment  stability  of  sensor  input  axes  with  respect  to  the 
mathematical  coordinate  reference  axes  established  in  the  space- 
craft computer  is  of  particular  concern  in  strapdown  IMU  appli- 
cations. Being  hard-mounted  to  the  vehicle,  the  strapdown  IMU 
experiences  substantial  vibration  and  shock  levels  during  ve- 
hicle launch  and  staging  as  well  as  the  thermal  excursions  and 
hard  vacuum  condition  associated  with  orbital  operation.  To 
verify  the  ability  of  these  IMU's  to  preserve  sensor  alignment 
after  exposure  to  these  environments,  the  detailed  testing  des- 
cribed below  is  performed. 

Measurement  of  sensor  input  axis  alignment  (with  respect  to  the 
coordinate  axes  of  the  mounting  structure)  is  accomplished  by 
determination  of  the  individual  rotational  alignments  of  the 
gyro  Input  Axis  (IA)  about  its  Output  Axis  (OA)  and  the  gyro 
IA  about  its  Spin  Reference  Axis  (SRA).  These  two  rotational 
alignments  are  summed  vectorially  to  determine  the  spatial  re- 
lationship of  an  individual  sensor  IA  with  respect  to  the  mount- 
ing structure.  A multi-faced  calibrated  fixture  that  allows 
IMU  positioning  such  that  the  primary  axes  of  each  gyro  can  be 
sequentially  placed  parallel  to  the  rotation  vector  of  a rate 
table  is  utilized.  Each  gyro  of  the  IMU  is  individually  ro- 
tated about  its  nominal  IA  and  SRA.  Monitoring  of  the  sensor 
output  during  this  rotation  allows  a determination  as  to  the 
actual  alignment  of  the  gyro  axis  with  respect  to  the  rotation 
vector  of  the  rate  table  and  the  mounting  structure  itself. 
Stability  of  alignment  is  determined  by  performing  these  mea- 
surements during  each  of  the  three  IMU  functional  tests  con- 
ducted as  part  of  the  overall  test  sequence  defined  in  Figure  8. 

Tabulated  in  Table  6 are  the  results  of  these  alignment  mea- 
surements for  three  HEAO/RGA  systems.  Typically,  an 
alignment  shift  of  13  arc-seconds  was  observed.  Also  of  in- 
terest is  the  short  term  repeatability  of  alignment  which  is 
determined  by  repetitive  alignment  measurements  in  a benign 
laboratory  environment.  Typically,  a short  term  alignment  re- 
peatability of  one  arc-seconds  was  observed. 
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Table  6.  Test  Sequence  Alignment  Time  History 


FUNCTIONAL  TEST  PHASE- 

MISALIGNMENT  ( ARC-MI N ) 

RATE  SENSOR 

PRE-ENVI RONMENTAL 

OPERATIONAL 

POST  ENVIRONMENTAL 

TEST  SAMPLE 

a 

6 

a 

6 

a 

e 

1 

1.7 

-0.7 

1 .4 

-0.2 

1.5 

-0.1 

2 

-0.9 

-0.3 

-0.7 

-1 .0 

-0.7 

-0.3 

3 

-0.9 

-0.3 

-0.7 

-0.4 

-0.4 

-0.8 

4 

1 . 1 

-1 . 1 

1 . 1 

-1  . 1 

0.7 

-0.6 

5 

0.5 

1 . 1 

0.5 

1.0 

0.4 

1.0 

6 

-0.7 

0.4 

-0.7 

C.  1 

-0.6 

0.2 

a * IA  ABOUT  OA 
e ' TA  ABOUT  SRA 


I I 

i 


ACKNOWLEDGEMENT 


The  HEAO/RGA  data  summarized  in  this  paper  is  based  on  con- 
tractual activity  (Contract  No.  A19141  RMA)  conducted  for 
TRW  Systems  acting  as  prime  contractor  to  the  NASA/Marshall 
Space  Flight  Center.  The  IUE/IRA  data  summarized  in  this 
paper  is  based  on  contractual  activity  (Contract  No.  NAS5- 
20081)  conducted  for  the  NASA/Goddard  Space  Flight  Center. 

Publication  of  this  paper  does  not  constitute  approval  by 
NASA  or  TRW  Systems  of  its  contents.  It  is  published  for 
the  exchange  and  stimulation  of  ideas. 


32 


i 


REFERENCES 

1.  R.  Bondett,  H.  Kleine,  S.  Weinstein  and  D.  A.  Zomick, 

"Test  Evaluation  of  a High  Performance  Pulse  Rebalance 
Gyro  for  Strapdown  IMU  Applications",  NAVIGATION:  Journal 

of  the  Institute  of  Navigation,  Volume  23,  No.  1, 

Spring  1976. 

2.  J.  Gilmore,  "A  Non-Orthogonal  Multi-Sensor  Strapdown  In- 
ertial Reference  Unit",  Instrumentation  Laboratory  Massa- 
chusetts Institute  of  Technology  Cambridge,  Massachusetts, 
A69-13211,  1968. 

3.  J.  V.  Moore,  "Precision  Pointing  of  the  International 
Ultraviolet  Explorer  (IUE)  Scientific  Instrument  Using  a 
Gyroscopic  and  Stellar  Reference",  Goddard  Space  Flight 
Center,  Greenbelt,  Maryland. 

4.  D.  Hoffman,  "HEAO  Attitude  Control  Subsystem — A Multimode/ 
Multimission  Design",  TRW  Defense  and  Space  Systems  Group 
Redondo  Beach,  California. 


33 


